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Session  1:  Boost  and  Upper  Stage  Propulsion  Chairs:  W.  Koschei,  P.  Kuentzmann 

08.00  -  08.40  ''Critical  Boost  Propulsion  Initiatives  and  Issues  for  the  First  Decade  of  the  Third  Millennium^  by  R.J.  Jensen, 
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08.40  -  09.20  "Challenges  in  Future  Liquid  Rocket  Engine  Technologies” ,  by  M.  Pons,  P.  Vuillermoz,  Centre  National 

d’Etudes  Spatial  (CNES),  Evry,  France,  D.  Preclik,  G.  Hagemann,  H.  Immich,  DaimlerChrysler  Aerospace 
(Dasa),  Ottobrunn,  Germany,  V.  Duthoit,  and  J.L.  Thomas,  SNECMA,  Vernon,  France 

09.20  -  10.00  "Next-Generation  Chemical  Propulsion  for  Spacecraft  Attitude  Control  and  Orbital  Maneuvering^  by 
P.-K.  Wu,  R.P.  Fuller,  C.R.  Stechman,  and  A.S.  Nejad,  Kaiser  Marquardt,  U.S.A. 

10.00  -  10.40  "Peroxide  Propulsion  at  the  Turn  of  the  Century  f  by  W.  Anderson,  C.  McNeal,  NASA  Marshall  Space  Flight 
Center,  D.  Crockett,  T.  Lewis,  Orbital  Sciences  Corporation,  and  K.  Butler,  Rocketdyne,  Propulsion  and 
Power,  The  Boeing  Company,  U.S.A. 

10.40  -  1 1 .00  Coffee  Break 


Session  2:  Current  Space  Transportation  Systems  Developments  Chairs:  R.  Jensen,  M.  Pons 

1 1 .00  -  1 1 .40  "Future  Developments  of  ARIANE  5”,  by  J.  Ackermann,  European  Space  Agency  (ESA),  Paris,  France 

1 1 .40  - 12.20  "Reliability  Overview  of  First-&-Second-Stage  Liquid  Propellant  Rocket  Engines  of  China  Long  March 

Launch  Vehicle  Family,  ”  by  J.  Zhang,  The  1 Research  Institute  of  China  Aerospace  Science  &  Technology 
Corporation,  China 

12.20  -  13.00  "Liquid Space  Propulsion  at  ESTEC”,  by  F.  Felici,  H.  Schoeyer  et  al.,  ESA/ESTEC,  Nordwijk,  Netherlands 
13.05-  14.05  Lunch 


Session  3:  Advanced  Propulsion  Concepts  Chairs:  X.  Hao,  J.  Ackermann 

14.05  -  14.45  "Pulse  Detonation  Rocket  Engines,  ”  by  C.  Merkle,  University  of  Tennessee,  U.S.A. 

14.45  -  15.25  "In  Flight  LOX  Collection:  System  Aspects  and  Experimental  Results  ”,  by  P.  Hendrick  et  al..  Royal  Academy, 
Brussels,  Belgium 

15.25  -  16.05  "Current  Status  of  Propellant  Injection  in  a  SCRAMJET  Engine  within  the  French/German  JAPHAR  Project”, 
by  D.  Gaffid,  P.  Novell!,  ONERA,  Chatillon,  France  U.  Brummund,  DLR  Lampoldshausen  and  G.  Weppler, 
RWTH  Aachen,  Germany 
16.05  -  16.20  Coffee  Break 


Session  4:  Combustion  Stability  Chairs:  M.  Birkan,  G.  Langel 

16.20  -  17.00  "A  Study  of  Combustion  Stability  of  Hypergolic  Bipropellant  Liquid  Rocket  Engines,  ”  by  X.  Hong  and 
Z,  Zhang,  Shanghai  Academy  of  Spaceflight  Technology,  China 
17.00  -  17.40  "Experimental  Method  of  Effectiveness  Estimation  of  Different  Damped  Measures  for  Oscillations  in  LRE 

Combustion  Chambers  and  Gas  Generators  ”,  by  D.  Lebedinsky  and  S.  Mossolov,  Keldysh  Research  Center, 
Moscow,  Russia 

17.40  -  18.20  "On  the  Nature  ofNoise-to-self-oscillation  Transition  involved  in  Liquid  Rocket  Engine  Combustion  Process”, 
by  K.  Denisov ,  V.N.  Ivanov,  V.P.  and  Pikalov,  NIICHIMMASH,  Moscow,  Russia 


J 


Tuesday,  March  14 


7.55  -  8.00 

Session  5: 
08.00-08.40 

08.40  -  09.20 
09.20-  10.00 

10.00-10.40 

10.40- 11.00 

Session  6: 
11.00-11.40 

11.40- 12.20 

12.20- 13.00 

13.05  - 14.05 

Session  7: 
14.05-14.45 

14.45-15.25 

15.25  - 16.05 

16.05-16.20 

Session  8: 

16.20- 17.00 

17.00-17.40 

17.40- 18.20 


Introductory  Remarks 

Thrust  Nozzles  Flow  and  Design  Chairs:  F.  Felici,  V.  Smirnov 

''Nozzle  Flow  Separation  and  Side  Loads,"  by  G.  Hagemann,  Dasa,  Ottobrunn,  Germany,  M.  Frey,  DLR  Lam- 
poldshausen,  Germany,  M.  Onofri,  University  of  Rome,  Rome,  Italy,  J.  Oestlund,  Volvo  Aero  Corporation, 
Trollhattan,  Sveden,  and  P.  Rejasse,  ONERA,  Chatillon,  France 

"Thrust  Nozzle  Profiling",  by  G.  Dumnov,  N.  Ponomariov,  Keldysh  Research  Center,  Russia,  and 
M.  Terhardt,  Dasa,  Ottobrunn,  Germany 

"Causes  of  Thrust  Performance  Loss  on  a  Clustered  Linear  Aerospike  Nozzle  ”,  by  T.  Tomita,  H.  Sakamoto, 

M.  Takahashi,  M.  Sasaki,  T.  Onodera,  and  H.  Tamura,  National  Aerospace  Laboratory  (NAL),  Kakuda 
Research  Center,  Japan 

"High  Accuracy  Experimental  Investigations  of  Different  Nozzle  Characteristics  on  Nozzle  Differential 
Facility",  by  G.  Dumnov  and  G.  Nikulin,  Keldysh  Research  Center,  Moscow,  Russia 
Coffee  Break 


Spray  Combustion  Chairs:  K.  Denisov,  V.  Yang 

“Numerical  Approaches  to  Spray  Combustion  ”,  by  E.  Gutheil,  and  D.  Schlotz,  Interdisziplinares  Zentrum  fur 
Wissenschaftliches  Rechnen,  Universitat  Heidelberg,  Heidelberg,  Germany,  F.X.  Demoulin  and  R.  Borghi, 
IRPHE,  Marseille,  France 

"Cryogenic  Combustion:  Effects  of  Pressure  and  LOX  Injector  Recess  ”,  by  A.  Tripathi,  M.  Juniper, 

P.  Scouflaire,  C.  Rolon,  and  S.  Candel,  EM2C-Laboratory,  Ecole  Central  Paris,  and  L.  Vingert,  ONERA, 
Palaiseau,  France 

"Theoretical  and  Practical  Issues  of  CARS  Application  to  Cryogenic  Spray  Combustion  ”,  by  V.  Smirnov, 
General  Physics  Institute,  Moscow,  Russia,  F.  Grisch,  ONERA,  Palaiseau,  France,  M.  Oschwald,  and 
W.  ClauB,  DLR,  Lampoldshausen,  Germany 
Lunch 


Combustion  Chamber  Design  Issues  Chairs:  M.  Habiballah,  J.  Wang 

"Advanced  Materials  for  Thrust  Chamber  Technologies”,  by  O.  Haidn  and  E.  Serbest,  DLR  Lampoldshausen, 
H.  Hald,  G.  Korger,  and  P.  Winkelmann,  DLR  Stuttgart,  Germany 

"Application  of  Thermomechanical  Tools  to  Cryogenic  Liquid  Rocket  Engine  Design”,  by  D.  Kuhl,  Ruhr-Uni- 
versitat,  Essen,  Germany,  J.  Riccius,  A.  Woschnak,  and  O.J.  Haidn,  DLR  Lampoldshausen,  Germany 
"Performance  Investigation  of  the  Pre-Burner  Used  in  Oxygen  Hydrogen  Rocket  Engine,  ”  by  J.  Wang, 

S.Q.  Cheng,  and  P.X.  Hu,  China  Academy  of  Launch  Vehicle  Technology,  Z.G.  Wang,  J.  Zhou,  and 
W.D.  Liu,  University  of  National  Defense  Technology,  China. 

Coffee  Break 


Progress  in  CFD  and  Health  Monitoring  G.  Dumnov,  H.  Immich 

"Heat  Flux  Management  and  Cooling  Techniques  in  Rocket  Thrust  Chambers,”  by  D.  Preclik,  D.  Haeseler, 
and  G.  Hagemann,  Dasa,  Ottobrunn,  Germany,  V.  Rubinski  and  V.  Orlow,  Chemical  Automatics  Design 
Bureau,  Voronezh,  Russia 

"Impact  of  Intentional  and  Un-Intentional  Combustion  Chamber  Porosity  on  Rocket  Engine  Characteristics  ”, 
by  J.  Gorgen,  D.  Haeseler,  and  O.  Knab,  Dasa,  Ottobrunn,  Germany,  and  D.  Wennerberg,  Tecosim,  Riissels- 
heim,  Germany 

"Engine  Health  Monitoring  with  Exhaust  Plume  Emission  Spectroscopy,”  by  F.  Zavelevich,  U.  Golovin, 

U.  Matzizkiy,  K.  Moshkin,  and  A.  Romanovskiy,  Keldysh  Research  Center,  Moscow,  Russia 


Wednesday,  March  15. 

07.55  -  08.00  Introductory  Remarks 


Session  9: 
08.00-08.40 
08.40  -  09.20 

09.20  -  10.20 

10.20-11.00 

10.40- 11.00 

Session  10: 
11.00-11.40 

11.40- 12.20 

12.25-13.25 
13.25  - 14.05 

14.05  - 14.45 
14.45 


Primary  and  Secondary  Atomization  Chairs:  W.  Anderson,  H.  Tamura 

"On  the  Physics  of  Droplet  Formation",  by  J.  Eggers,  Universitat  Essen ,  Germany 

"Injection  of  Cryogenic  Jets  into  Subcritical  and  Supercritical  Environments,  ”  by  B.  Chehroudi,  ERC  Inc., 

R.K.  Cohn,  and  D.G.  Talley,  Air  Force  Research  Laboratory,  U.S.A. 

"Hot-Fire  Studies  of  LOX  Primary  Atomization  from  Rocket  Engine  Coaxial  Injectors  ”,  by  Y.P.  Boniface, 

A.B.  Reeb,  R.D.  Woodward,  S.  Pal,  W.  Mayer,  and  R.J.  Santoro,  Pennsylvania  State  University,  State 
College,  U.S.A. 

"On  a  New  Model  for  Secondary  Breakup  Model  and  its  Application  ",  by  I.  GOkalp,  B.  Vielle,  S.  Derhay, 

R.  Cousty,  C.  Chauveau,  and  I.  Fedioun,  LCSR-CNRS  Orleans,  France,  D.  Saucerau,  and  S.  Zurbach, 
SNECMA,  Vernon,  France 
Coffee  Break 


Injector  Design  Issues  Chairs:  O.  Haidn,  D.  Lebedisky 

"Impinging  Injector  Atomization  Research  and  Application  f  by  M.  Zhang  and  A.  Li,  The  1 1*  Research 
Institute  of  China  Aerospace  Science  &  Technology  Corporation,  China. 

“The  Effects  of LOX  Post  Biasing  on  SSME  Injector  Wall  Compatibility, "  by  P.A.  Strakey,  D.G.  Talley,  Air 
Force- Research  Laboratory,  L.R.  Tseng  and  K.I.  Miner,  Rocketdyne  Propulsion  and  Power,  The  Boeing 
Company,  U.S.A. 

Lunch 

"Effects  of  Oxidizer  Swirling  on  Combustion  Characteristics  of  Coaxial  Injectors  ",  by  H.  Tamura,  NAL, 

T.  Inamura,  Hirosaki  University,  S.  Yuasu,  Tokio  Metropolitan  Institute  of  Technology,  H.  Sakamoto,  NAL, 
and  K.  Miyata,  Hirosaki  University,  Japan 

“A  Global  Optimization  Methodology  for  G02/GH2  Single  Element  Injector  Design”,  by  P.K.  Tucker,  NASA 
Marshall  Space  Flight  Center,  W.  Shyy  and  R.  Vaidyanatha,  University  of  Florida,  U.S.A. 

Closing  Remarks 
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Three  Examples  of  Boost  Technology 
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Proven  HyCAD  Code  has  Become  More 

Versatile 
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Flame  Stabilization  Issues 

Pre-Mixed  Fuel/Air  Combustion 
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Ozawa  Stability  Parameter 


Multi-Stream  HYCAD  Model  Features 

HYpersonic  Combustor  Analysis  and  Design  Code 
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Flame  Holder  and 
Flame  Propagation  Processes 

_ Multi-Stream  HYCAD  Modeling _ 
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Recirculation  Zone  Blowout  Limit 

Data  Compared  with  HYCAD  Blowout  Limits 


RZ  Flame  Blow-Out  Limit 

Minimum  Step  Height  for  Direct  Fuel  Injection 
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Implications  of  Code  Upgrades 
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RS-76  Boost  Engine 

A  Propulsion  System  for  Low  Cost  Access  to  Space 


LOX/RP-1 

Oxidizer-rich  preburner  cycie 

Deep  throttling 

Low  cost/high  reliability 


Technical  Challenges  and  Development 
Approach  for  LOX/RP-1  ORPB 
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Single  Element  Test  Facility 
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Stability  Model  Shows  Stability  Characteristics 
Can  Be  Modified  by  Chamber  Length 

Variation 
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Optimized  Swirl  Element  Shows  Excellent 
Flame  Holding  Characteristics 
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RS-76  LOX/RP-1  ORPB  Status 
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Full  Flow  Staged  Combustion  Approach 
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FFSC  Turbine  Drive  Flowpaths  are  Departure 
from  Traditional  Conngurations 
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Full-Flow  Provides  SigniHcant  Advantages 
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Ox-Rich  Preburner  Technology 

Demonstrated 
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Main  Injector  Design  Considerations 
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Main  Injector  Design  Considerations  (Cont) 
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FFSC  Test  Hardware  Layout 
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Testing  Conducted  at  Rocketdyne  APTF 
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Main  Chamber  Thermal  Data,  Test  28 
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FFSC  Technology  Effort  Status 
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Introduction 

A  resurgence  of  interest  in  peroxide  propulsion  has  occurred  in  the  last  years  of  the  20'’’ 
Century.  This  interest  is  driven  by  the  need  for  lower  cost  propulsion  systems  and  the 
need  for  storable  reusable  propulsion  systems  to  meet  future  space  transportation  system 
architectures.  NASA  and  the  Air  Force  are  jointly  developing  two  propulsion  systems  for 
flight  demonstration  early  in  the  21"  Century.  One  system  will  be  a  development  of 
Boeing’s  AR2-3  engine,  which  was  successfully  fielded  in  the  1960s.  The  other  is  a  new 
pressure-fed  design  by  Orbital  Sciences  Corporation  for  expendable  mission 
requirements.  Concurrently  NASA  and  industry  are  pursuing  the  key  peroxide 
technologies  needed  to  design,  fabricate,  and  test  advanced  peroxide  engines  to  meet  the 
mission  needs  beyond  2005.  This  paper  will  present  a  description  of  the  AR2-3,  report 
the  status  of  its  current  test  program,  and  describe  its  intended  flight  demonstration.  This 
paper  will  then  describe  the  Orbital  lOK  engine,  the  status  of  its  test  program,  and 
describe  its  planned  flight  demonstration.  Finally  the  paper  will  present  a  plan,  or 
technology  roadmap,  for  the  development  of  an  advanced  peroxide  engine  for  the  21" 
Century. 

AR2-3  Engine 

The  AR2-3  rocket  engine  was  developed  by  Rocketdyne  in  the  1950’s,  one  of  a  family  of 
aircraft  rocket  (AR)  engines.  The  first  AR  engine  was  the  AR-1,  which  operated  at  a 
fixed  thrust  of  5750  pounds.  The  engine  was  flight  proven  on  the  FJ-4  aircraft.  The  AR2 
series  of  engines  consist  of  the  AR-2,  AR2-1,  AR2-2  and  the  AR2-3.  The  AR  engine 
series  are  shown  in  Figure  1 .  All  of  the  AR2  series  engines  provided  a  mainstage  thrust 
of  6600  pounds  and  were  variable  down  to  3300  pounds  of  thrust.  The  engines  use  90% 
hydrogen  peroxide  and  kerosene.  These  engines  have  been  used  on  the  FJ-4,  F-86  and 
NF104A  aircraft.  The  AR  series  rocket  engines  are  integral,  compact,  liquid  propellant, 
pump-fed  engines  designed  to  provide  aircraft  thrust  augmentation. 


Figure  1.  AR-1,  AR-2.  AR2-1,  AR2-2,  AR2-3  Rocket  Engines. 

The  AR2-3  rocket  engine  supplies  hydrogen  peroxide  and  kerosene  propellants  to  the 
thrust  chamber  by  oxidizer  and  fuel  centrifugal  pumps,  directly  driven  by  a  single 
turbine.  Pumps  and  turbine  are  mounted  on  the  same  shaft.  Oxidizer  flows  from  the 
pump  outlet  through  the  pressure-actuated  oxidizer  valve,  through  the  thrust  chamber 
cooling  jacket,  and  into  the  main  thrust  chamber,  through  the  silver-plated  catalytic 
screen  pack,  where  it  is  decomposed  into  super-heated  steam  and  oxygen.  Fuel  flows 
from  the  pump  outlet  through  the  chamber-pressure-actuated  fuel  valve,  into  the 
concentric  annular-ring  type  fuel  injector,  and  is  injected  into  the  hot,  oxygen-rich  gases, 
where  it  combusts  and  is  exhausted  through  the  12: 1  area  ratio  nozzle.  Auto-ignition  of 
the  fuel  eliminates  the  necessity  for  an  ignition  system.  A  small  oxidizer  flow,  of  about 
3%  from  the  oxidizer  pump  discharge,  is  delivered  and  metered  through  the  thrust  control 
valve  into  a  catalytic  gas  generator,  where  it  is  decomposed  into  super-heated  steam  and 
oxygen  to  drive  the  turbine.  An  engine  flow  schematic  is  shown  in  Figure  2.  Under 
emergency  situations,  the  engine  may  be  operated  as  a  mono-propellant  engine  using  the 
oxidizer.  The  engine  operates  at  a  moderate  chamber  pressure  and  provided  6600  pounds 
thrust  at  vacuum  and  246  sec  specific  impulse.  Additional  performance  parameters  are 
shown  in  Figure  3. 


TURB IHE 


Figure  2.  AR2-3  Engine  Operating  Schematic. 


Figure  3. 


Propellants 

90%H202/JP 

Thrust,  vac  (Ibf) 

6600 

Isp,  vac  (sec) 

246 

Chamber  pressure 

560 

(psia) 

Mixture  ratio 

6.5 

Area  ratio 

12:1 

Length  (in) 

32 

Engine  diameter  (in) 

20 

Weight  (Ibm) 

225 

Gimbal  angle 

0 

(degrees) 

No.  or  restarts 

multiple 

Engine  life 

>150  minutes 

AR2-3  Engine  Perfonnance. 


During  the  development  testing,  preliminary  flight  rating  testing  and  qualification  testing 
of  the  AR  engine  series,  over  2200  tests  have  been  conducted  totaling  more  than  45  hours 
of  engine  operation.  An  AR  engine  has  been  operated  continuously  for  up  to  15  minutes. 
Up  to  4  hours  of  operation  have  been  accumulated  on  one  engine.  In  addition  to  the  long 
duration  tests,  many  start-stop  tests  were  performed  to  demonstrate  the  restart  capability 
of  the  engine.  Figure  4  shows  an  AR2-3  engine  being  hot  fire  tested  in  Rocketdyne’s 
Santa  Susana  Test  Facility. 


The  FJ-4  aircraft  made  103  flights  with  a  total  of  3.5  hours  of  AR2-3  engine  operation.  It 
had  a  maximum  altitude  of  68,000  ft  with  up  to  6  starts  per  flight.  The  F-86  aircraft  made 
3 1  flights  with  a  total  of  1 .4  hours  of  AR2-3  engine  operation  up  to  an  altitude  of  72,000 
ft.  The  NF-104A  aircraft  made  302  flights  with  a  total  of  8.6  hours  of  AR2-3  engine 
operation  with  a  maximum  altitude  of  over  120,000  ft.  This  aircraft  was  used  as  an 
astronaut  trainer,  allowing  the  trainee  to  experience  a  few  seconds  of  weightlessness  and 
permitting  this  aircraft  to  operate  in  the  fringes  of  space.  An  NF-104F  aircraft  is  shown 
in  Figure  5,  with  the  AR2-3  rocket  engine  firing  over  Edwards  Air  Force  Base. 


Figure  4.  AR2-3  Engine  Hot  Fire  Testing.  Figure  5.  NF-104A  Aircraft  With  AR2-3 

Firing 


AR2-3  Test  Results 

AR2-3  engine  assets  were  obtained  for  a  hydrogen  peroxide  propulsion  demonstration. 
The  AR2-3  engine  drawings  and  specifications  were  pulled  from  the  Rocketdyne  vault  to 
guide  the  refurbishment  effort.  The  engine  components  were  disassembled  and  inspected 
for  wear  and  damage.  A  few  had  never  been  hot  fired.  The  individual  parts  were  cleaned 
and  reassembled  into  the  components.  The  combustion  chamber  was  flow  tested  with 
water.  The  turbopump  was  balanced  and  reassembled.  The  valves  were  actuated  to 
determine  the  operating  characteristics.  The  relay  box  was  gutted  and  rewired.  The  fuel 
injector  was  brought  into  spec  and  was  water  flow  tested. 

The  catalyst  packs  for  the  main  chamber  and  the  gas  generator  were  disassembled.  New 
screens  were  obtained  and  silver  plated.  The  main  chamber  screens  were  packed  into  the 
main  catalyst  pack  housing  ready  for  engine  assembly.  Screens  for  two  gas  generator 
catalyst  packs  were  packed,  one  for  the  engine  and  one  for  gas  generator  component 
testing  at  the  Rocketdyne  Santa  Susanna  Test  Facility  (SSFL).  The  gas  generator  testing 
took  place  over  a  period  of  5  days.  Twenty  four  tests  were  conducted  with  3,192  seconds 
of  operation  and  using  230  gallons  of  85%  hydrogen  pero.xide.  All  of  the  tests  were 
successful  and  exhibited  very  stable  operation  over  a  range  of  operating  conditions. 


The  newly  refurbished  components  were  assembled  into  an  AR2-3  engine. 
Instrumentation  was  installed  on  many  of  the  components  in  preparation  for  hot  fire 
testing.  The  engine  was  leak  tested  and  functionally  tested  before  being  boxed  up  and 
shipped  to  NASA-SSC  for  engine  hot  fire  testing. 

Engine  tests  were  conducted  between  September  and  October  of  1999  at  NASA-SSC’s  E- 
3  facility  under  a  Space  Act  Agreement  with  NASA-MSFC.  The  objectives  of  the  testing 
included  demonstration  of  both  monopropellant  and  bipropellant  startup,  shutdown,  and 
main  stage  performance.  The  first  few  tests  were  planned  to  be  monopropellant  operation 
only.  Because  the  off  design  performance  of  the  turbopump  was  unknown,  a  fuel  bypass 
system  was  developed  so  that  the  pump  performance  could  be  fully  understood  prior  to 
the  addition  of  fuel  into  the  main  chamber.  Fuel  would  enter  the  engine  fuel  pump  and 
then  be  bypassed  to  a  catch  tank  at  the  facility.  This  would  allow  for  a  more  accurate 
attempt  of  judging  the  mixture  ratio  of  the  first  bipropellant  test  and  it  would  also  allow 
the  pump  seals  to  break  in  properly.  Photos  of  the  engine  installed  in  the  test  stand  are 
shown  in  Figure  6. 


Figure  6.  AR2-3  Engine  Installed  in  E-3  Test  Stand  (2  views)^ 


The  objectives  of  the  first  few  tests  were  to  demonstrate  the  start  and  cutoff  transient 
performance.  The  goal  was  to  open  the  main  oxidizer  valve  and  generate  main  chamber 
pressure.  The  objectives  of  the  later  tests  were  to  demonstrate  steady  state  performance 
and  to  break-in  the  catalyst  pack  for  consistent  performance.  After  the  first  couple  of 
tests,  it  was  determined  that  residual  water  in  the  propellant  system  left  over  from  water 
blowdown  testing,  lowered  the  hydrogen  peroxide  concentration  to  approximately  72%. 
This  caused  lower  performance  than  expected  and  a  slower  engine  start  transient. 


in  many  of  the  tests  the  engine  exhaust  was  a  cloudy  vapor  of  steam  and  appeared  to 
..  ontain  a  lot  of  liquid,  especially  at  startup.  In  some  of  the  tests  the  exhaust  would  clear 
ip  and  be  almost  undetectable,  as  super  heated  steam.  Cloudy  exhaust  indicated  poor 
ivdrogcn  peroxide  decomposition,  with  low  main  catalyst  pack  performance.  High 
Lirbine  exhaust  temperatures  indicated  that  the  gas  generator,  on  the  other  hand, 
oerfonned  very  well  with  high  efficiency.  A  comparison  of  the  engine  exhaust  plumes 
‘rom  tests  5,  6,  8,  and  10  can  be  seen  m  Figure  7.  Tests  5  and  8  had  clear  plumes 
-riowing  good  hydrogen  peroxide  decomposition  and  tests  6  and  10  had  cloudy  plumes 
showing  poor  decomposition. 


Figure  7.  Engine  Exhaust  Plumes  During  Tests  5,  6,  8  and  10. 

\  difference  was  also  noted  in  the  transient  and  main  stage  performance  between  similar 
•.ests  performed  on  different  days.  A  faster  startup  and  higher  performance  was  often 
noted  during  the  second  test  of  the  day  versus  the  first  test  of  the  day.  This  was  attributed 
'.o  the  difference  in  main  catalyst  pack  temperature  at  startup,  demonstrating  that  a  warm 
catalyst  pack  has  a  faster  startup  transient.  An  example  of  this  was  the  engine 
performance  increase  noted  between  tests  6,  7,  and  8.  It  was  attributed  to  the  increase  in 
temperature  of  the  catalyst  pack  components  with  each  successive  test  on  the  same  day. 
The  skin  temperatures  of  chamber  jacket  head  were  steadily  increasing  prior  to  each  test 
(Figure  8)  which  in  ali  probability  caused  the  engine  performance  increase  because  less 
energy  was  required  to  cause  catalysis  and  thermal  decomposition. 


Temperature  (F) 


Figure  8.  Skin  Temperatures  of  the  Head  End  of  the  Chamber  Jacket  for  Tests  6,  7  and 

8. 

From  September  30,  1999  to  October  29,  1999,  a  total  of  10  monopropellant  tests  were 
completed  on  the  refurbished  engine  for  an  accumulated  test  time  of  92.4  seconds. 

84.3%  concentration  hydrogen  peroxide  from  Solvay  Interox  was  used  with  JP-8  as  the 
fuel  for  the  first  8  tests.  89.2%  concentration  hydrogen  peroxide  from  Degussa  was  used 
with  JP-8  as  the  fuel  for  the  last  2  tests,  which  should  have  increased  the  engine 
performance.  Though  a  performance  increase  was  seen,  it  was  not  as  great  as  expected 
for  the  higher  concentration  peroxide.  During  the  last  test  (test  10),  the  engine  exhaust 
was  dense,  opaque  atomized  hydrogen  peroxide  and  after  shutoff  liquid  was  seen 
dripping  out  of  the  nozzle. 

Typical  transient  and  steady  state  performance  of  the  oxidizer  system  can  be  seen  in  the 
data  from  test  5  (Figure  9).  The  pressures  and  flowrate  go  up  smoothly  and  level  off  at 
steady  state.  As  comparison,  the  data  from  test  10  starts  much  the  same  way  but  takes  an 
early  dip  and  levels  off  at  a  lower  pressure  and  flowrate,  indicating  there  is  a  problem 
(Figure  10).  This  lower  performance  coincides  with  the  previously  noted  cloudy  engine 
exhaust  plumes. 


Pressure  (psig)  Pressure  (psig) 


Figure  9.  Oxidizer  System  Data  Vs.  Time  During  Test  5. 
Figure  10.  Oxidizer  System  Data  Vis.  Time  During  Test  10. 


The  C-star  efficiencies  of  the  main  catalyst  pack  varied  from  test  to  test  causing  the  main 
chamber  pressure  to  be  below  what  is  required  for  proper  engine  bootstrap  operation. 
Figure  1 1  shows  the  C-star  from  test  to  test  as  a  function  of  time  on  the  engine.  The  plot 


includes  test  2  and  tests  4  through  10.  Tests  1  and  3  were  excluded  from  the  chart 
because  the  chamber  pressure  did  not  reach  a  steady  state  value  prior  to  the  test  cutoff.  A 
definite  improvement  can  be  seen  on  tests  that  were  completed  on  the  same  day  with  the 
exception  of  tests  9  and  10.  If  a  straight  line  were  to  be  placed  across  the  peaks  of  tests  2, 
5,  8,  and  10,  a  general  trendline  of  decreasing  C-star  can  be  seen,  which  indicates  a 
steady  degradation  of  the  main  catalyst  pack  activity  and  performance.  Post  test 
inspections  did  not  indicate  any  abnormal  operation  with  the  remainder  of  the  engine 
components. 


0  10  20  30  40  50  60 

Accumulated  Main  Catalyst  Pack  Test  Time  (sec) 


Figure  1 1.  C*  Efficiency  Vj.  Engine  Hot  Fire  Time. 

Figure  12  summarizes  the  test  data.  A  row  of  the  data  has  been  included  which  indicates 
the  plume  condition  of  the  engine  exhaust.  Initial  theories  on  the  performance  issues 
included  coring,  quenching  at  startup,  inactivation  by  poisoning,  and  possible  plating  and 
activation  process  problems.  Because  of  this,  a  decision  was  made  to  remove  the  engine 
from  the  test  stand  and  inspect  the  main  catalyst  pack  and  gas  generator  catalyst  pack. 
The  investigations  ultimately  found  that  the  catalyst  bed  was  coring,  flowing  raw 
undecomposed  hydrogen  peroxide  through  the  center  of  the  catalyst  pack  due  to 
insufficient  silver  along  the  screen  surface.  Only  the  outer  annulus  of  screen  was 
active  enough  to  decompose  the  propellant. 
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Figure  12.  Summary  Data  of  Engine  Hot  Fire  Testing. 


The  X-37  Mission 

NASA  and  Boeing  have  agreed  to  work  together  to  build  and  fly  a  single  X-37  reusable 
vehicle  in  orbit.  The  X-37  is  one  of  several  NASA  Pathfinder  vehicles  planned  to 
demonstrate  reduced  launch  costs  with  advanced  technology.  The  X-37  will  be  the  first 
X-vehicle  to  demonstrate  this  technology  in  orbital  flights. 

The  X-37  vehicle  is  27.5  feet  long  -  about  half  the  length  of  the  Shuttle  payload  bay  -  and 
weighs  about  6  tons.  Its  wingspan  is  about  15  feet,  and  it  contains  an  experiment  bay  7 
feet  long  and  4  feet  in  diameter  that  can  accommodate  a  500  lb  package  of  experiments 
and  equipment.  It  is  designed  to  be  modular  to  allow  for  rapid  insertion  of  technologies 
and  experiments.  On-orbit  propulsion  will  be  provided  by  the  AR2-3  engine  using  90% 
hydrogen  peroxide  and  JP-8.  Hydrogen  peroxide  was  selected  over  liquid  oxygen 
because  it  is  dense,  storable,  capable  of  tolerating  months  in  orbit,  and  meets  safety 
restrictions  for  being  part  of  the  payload  in  the  Space  Shuttle. 

The  missions  will  start  with  the  X-37  vehicle  traveling  up  into  low  earth  orbit  in  the 
payload  bay  of  the  Space  Shuttle  sometime  in  late  2002.  The  different  phases  of  the 
missions  are  shown  in  the  series  of  images  in  Figure  13.  The  phases  shown  are:  inside 
the  payload  bay  of  the  Space  Shuttle,  being  lifted  out  of  the  Shuttle  with  the  remote  arm, 
deployed  from  the  Shuttle,  some  distance  away  from  the  Shuttle  prior  to  main  engine 
start,  maneuvering  around  an  orbiting  object  (2"'’  flight),  reentry  into  the  earth’s 
atmosphere,  gliding  to  the  landing  site,  and  landing  on  a  runway.  The  first  mission  will 
last  a  few  days  before  reentering  and  landing  on  earth.  The  X-37  vehicle  will  also  be 
demonstrating  operability  in  terms  of  vehicle  turnaround.  By  using  a  hydrogen  peroxide 
engine,  the  propulsion  system  turnaround  is  fairly  quick.  The  second  mission  could  last 
several  weeks  in  orbit,  demonstrating  maneuvering  around  an  orbiting  object  and 
evaluating  long-duration  mission  systems  and  operations,  before  reentering  and  landing 
again  on  earth. 


The  USFE  10k  Engine 


The  engine  consists  of  pneumatically-actuated  ball  valves,  propellant  feed-lines,  the 
oxidizer  dome  with  a  mount  for  gimbal  attachments,  a  catalyst  bed  to  convert  the  HTP 
into  oxygen  and  superheated  steam,  a  fuel  injector,  and  an  ablative  chamber  and  nozzle. 
Low  material  and  design  costs  coupled  with  robust  margins  were  the  guiding  philosophy 
toward  selecting  a  design. 

The  engine  design  and  operating  parameters  are  provided  in  Table  1..  The  engine 
develops  10,000  Ibf  of  thrust  at  vacuum  conditions  with  a  40:1  expansion  ratio  nozzle. 
Chamber  pressure  was  chosen  to  be  500  psia,  which  spans  the  operating  regimes  of 
pressure-fed  and  pump-fed  systems.  Based  on  a  component-level-demonstrated  C* 
efficiency  of  0.97  and  an  estimated  nozzle  efficiency  of  0.98,  the  delivered  vacuum 
specific  impulse  is  290  s  at  a  mixture  ratio  of  6.0. 


Value  ' 

Propellants 

90%  HTP/JP-8 

Vacuum  Thrust,  Ibf 

10,000 

Chamber  Pressure,  psia 

500 

Mixture  Ratio 

5.75 

Nozzle  Expansion  Ratio 

40  (five  for  ground  tests) 

Chamber  Contraction  Ratio 

7.1 

Delivered  Specific  Impulse,  s 

290 

Flowrate,  Ib/s 

34.5 

Burn  Time,  s 

200 

Engine  Envelope 

60  in.  long,  40  in.  diameter 

Table  1.  Design  and  Operating  Parameters  of  USFE  Engine 

The  catalyst,  injector,  and  ablative  chamber  designs  are  based  on  the  results  from  two  sets 
of  subscale  tests  which  used  a  50  Ibf  monopropellant  thruster  for  catalyst  bed  screening 
and  a  subscale  bipropellant  thrust  chamber  for  injector  development  tests.'’  ^  The 
subscale  configuration  captured  key  design  features  of  the  fullscale  catalyst  bed,  the 
injector  and  the  chamber. 

Historical  designs  were  used  to  size  the  thmst  chamber  (TCA,  shown  in  Fig.  14).^  To 
ensure  autoignition  of  the  fuel,  a  contraction  ratio  of  about  seven  was  chosen.  The 
resulting  chamber  inner  diameter  was  ten  inches.  Maintaining  this  inner  diameter  in  the 
catalyst  bed  led  to  a  bed  mass  flux,  or  G,  the  loading  parameter,  of  about  0.4  lb/s-in^ 
which  is  also  within  the  historical  operating  range  of  silver  screen-based  catalyst  beds. 


Fig.  14.  USFE  Thrust  Chamber  Assembly.  TCA  consists  of  oxidizer  dome,  catalyst  bed 
assembly,  fuel  injector,  and  ablative  chamber/nozzle.  The  chamber  produces  10,000  Ibf 
of  thrust  in  space  at  a  chamber  pressure  of  500  psia  with  an  expansion  ratio  of  40. 

USFE  10k  Engine  Test  Results 

The  full-scale  tests  consisted  of  five  distinct  test  series: 

•  monopropellant  tests  to  verify  test  operations  and  the  performance  of  the  catalyst  bed 

•  start-up  characterization  tests  to  demonstrate  reliable  starting  characteristics 

•  short  duration  tests  in  a  copper  heat-sink  chamber  to  verify  injector  performance  and 
to  obtain  chamber  wall  heat  flux  and  high  frequency  combustion  stability  data 

•  longer  duration  tests  (~  30  s)  with  an  ablative  chamber  to  measure  the  erosion 
characteristics  of  the  injector/chamber  combination 

•  a  long  duration  test  (140  s)  that  simulates  the  total  bum  time  of  the  actual  mission  to 
determine  life. 

Tests  to  date  have  used  both  85%  and  90%  concentration  (by  weight)  hydrogen  peroxide. 
Prior  to  mid-1999,  only  85%  peroxide  was  available  in  bulk  quantities  for  test.  When 
90%  peroxide  became  available  in  mid-1999,  it  was  used  exclusively.  Most  of  the 
discussion  and  data  shown  below  is  based  on  the  tests  using  85%  peroxide.  Data  from 
the  90%  peroxide  tests  are  being  reduced  and  analyzed  at  the  present  time;  preliminary 
analysis  has  indicated  that  the  results  are  as  would  be  expected  based  on  the  85% 
peroxide  results. 

Over  100  tests  have  been  conducted,  with  the  general  objectives  being  to  demonstrate  the 
performance  and  life  of  the  thrust  chamber  assembly,  including  catalyst  bed,  injector,  and 
ablative  chamber,  and  to  demonstrate  safe  operations  with  hydrogen  peroxide. 
Component  development  success  criteria  were:  95%  conversion  efficiency  in  the  catalyst 
bed  (as  determined  from  monopropellant  C*  measurements);  greater  than  95% 
bipropellant  C*  efficiency;  and  throat  erosion  rates  less  than  0.001  in/s.  All  these  criteria 
were  exceeded  in  the  full  scale  tests.  All  operations  were  conducted  safely.  Some  of  the 
test  highlights  are: 


•  conducted  over  125  tests 

•  accumulated  nearly  30  minutes  of  test  time 

•  accumulated  over  300  seconds  of  bipropellant  operation  using  ablative  chambers, 
including  one  long-duration  test  of  140  s 

•  accumulated  over  700  seconds  of  run  time  on  a  single  cat  bed  without  performance 
degradation 

•  demonstrated  throat  recession  rates  of  less  than  0.001  in/s 

•  demonstrated  C*  efficiencies  greater  than  0.97  at  nominal  operating  condition 

•  tested  twelve  different  test  article  configurations 

•  tested  both  85%  and  90%  peroxide  from  two  different  manufacturers 

•  demonstrated  multiple  restarts 

•  demonstrated  throttling  to  10%  in  monopropellant  mode  and  to  20%  in  bipropellant 
mode 

•  maintained  perfect  safety  record 

The  demonstration  test  TCA  was  designed  in  a  bolted-together  arrangement  to  allow  for 
rapid  component  replacement.  The  TCA  consisted  of  four  distinct  subcomponents:  a 
workhorse  oxidizer  dome  with  a  side  inlet  which  served  as  a  test  facility  interface;  a 
catalyst  bed  assembly,  including  a  structural  housing  and  a  slip-in  catalyst  bed  to  allow 
different  cat  bed  designs  to  be  tested;  a  fuel  manifold  (another  test  facility  interface)  and 
injector;  and  the  chamber/nozzle. 

Two  basic  chamber/nozzle  configurations  were  tested  -  a  copper  heat  sink  chamber  and 
an  ablative  chamber.  The  heat  sink  chamber  was  well-instrumented  for  making  pressure 
and  temperature  measurements.  Static  pressure  measurements  were  made  in  four  axial 
locations  -  between  the  cat  bed  exit  and  the  injector,  downstream  of  the  injector  face,  at 
the  entrance  to  the  converging  part  of  the  chamber,  and  in  the  chamber  throat.  A  water- 
cooled  high-speed  pressure  transducer  was  placed  one  inch  downstream  of  the  injector 
face.  Linear  array  thermocouples  were  inserted  into  the  chamber  to  measure  heat  flux  at 
four  different  locations.  The  heat  flux  measurements  in  conjunction  with  the  NAT*  and 
CMA’  codes  were  used  to  determine  the  near  wall  gas  temperature.  The  near  wall  gas 
temperature  was  used  to  determine  the  operating  O/F  that  would  result  in  an  acceptable 
amount  of  throat  erosion  in  the  ablative  chamber. 

The  catalyst  beds  tested  were  essentially  of  the  silver  screen  type.  Both  pure  silver  and 
silver-plated  nickel  screen  catalysts  were  tested.  Both  uncoated  and  coated  screens  were 
tested.  The  best  configuration  tested  was  made  of  pure  silver  screens  with  a  samarium 
nitrate  coating.  The  bed  length  was  two  inches.  The  nominal  bed  loading  was  0.4  Ib/s- 
in^,  and  values  up  to  0.7  were  tested  with  85%  peroxide.  At  this  high  value  of  G,  high 
decomposition  temperatures  were  measured,  but  the  exhaust  plume  observed  by  remote 
cameras  was  not  transparent  like  it  was  for  the  nominal  case. 

Catalyst  bed  performance  was  determined  by  comparing  pressure  and  temperature 
measurements  with  pressures  and  decomposition  gas  temperatures  predicted  by  a 
chemical  equilibrium  code.  Pressure  and  temperature  were  measured  at  a  location 


between  the  cat  bed  exit  and  the  injector  entrance.  Whenever  the  exhaust  plume  was 
clear,  the  measurements  indicated  essentially  100%  decomposition. 
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Fig.  15.  C*  efficiency  as  function  of  0/F  in  heat  sink  (Cu) 
and  ablative  (abl)  chambers.  Injector  #  1  is  “steam  port” 


Two  types  of  injectors 
were  tested  -  a  “steam 
port”  design,  similar  to 
that  used  in  the  Gamma 
engines,  and  the  other  a 
ring-type  injector.  A 
third  type  of  steam  port 
injector  has  been 
fabricated  and  tested, 
with  the  data  reduction 
ongoing  at  the  present 
time.  The  ring  injector 
used  O/F  biasing  to 
provide  a  fuel-rich  gas 
around  the  chamber 
periphery,  and  near 
stoichiometric  conditions 
in  the  core.  This  injector 
has  been  tested  with  both 


85%  and  90%  peroxide.  Injector  performance  was  determined  from  chamber  pressure 
measurements  and  comparison  with  theoretical  C*  values.  The  pressure  loss  across  the 
injector  was  also  measured.  Both  injectors  achieved  C*  efficiencies  greater  than  95%  at 
their  nominal  operating  conditions  (Fig.  15).  A  higher  operating  O/F  was  possible  with 
the  ring  injector  because  the  fuel-rich  periphery  provided  for  minimal  throat  erosion. 


The  ablative  chamber/nozzle  consists  of  a  silica  phenolic  liner  and  an  epoxy-glass 
phenolic  overwrap.  For  sea- level  tests,  the  40:1  nozzle  is  cut  at  a  5:1  ratio,  providing  a 
nearly  ideal  expansion  to  atmospheric  conditions.  The  ablative  chamber  was 
instrumented  with  thermocouples  and  strain  gages. 


The  throat  erosion  was  measured  after  each  test  with  calipers.  The  rate  of  erosion  was 
determined  to  be  a  function  of  operating  O/F  and  the  injector  that  was  used  in  the  test. 
The  gas  temperature  and  chamber  pressure  are  the  primary  parameters  that  determine  the 
erosion  rate  of  the  silica  phenolic.  Silica  is  non-reactive  with  the  combustion  gas,  thus 
there  is  no  thermochemical  erosion  in  this  engine  configuration.  Mechanical  (silica  melt 
flow)  erosion  is  the  primary  mechanism  driving  the  material  loss  in  the  throat  of  the 
nozzle. 


The  heat  sink  chamber 
provides  an  average  heat 
transfer  rate  in  the  throat 
that  can  be  used  to  infer 
the  effective  gas 
temperature.  The 
effective  near  wall  gas 
temperature  provided  by , 
each  injector  was 
determined  from  the 
thermocouple 
measurements  over  a 
range  of  0/F  conditions 
as  shown  in  Fig.  16. 
These  results  were  then 
used  to  determine  the 
viable  operating 
conditions  for  ablation 
testing  with  the  composite  nozzle.  The  agreement  between  the  measured  and  predicted 
erosion  rates  were  excellent.  After  the  long  duration  (140  s)  test,  the  chamber  was  cut 
into  sections.  A  comparison  of  the  measured  and  predicted  char  depth  in  the  throat  also 
indicated  excellent  agreement  with  less  than  5%  error.  The  low  near  wall  gas 
temperatures  indicated  in  Fig.  6,  along  with  the  low  throat  erosion  rate  (<  0.001  in/s), 
prove  the  efficacy  of  the  0/F  biasing  method  to  achieve  minimal  erosion  while 
maintaining  minimal  performance  loss. 

The  USFE  Mission 

The  purpose  of  the  Upper  Stage  Flight  Experiment  (USFE)  is  to  demonstrate  key 
technologies  necessary  to  the  operation  of  an  inherently  simple  propulsion  system  with  an 
innovative,  state-of-the-art  structure.  Two  key  low-cost  vehicle  elements  will  be 
demonstrated  -  a  10,000  Ibf  thrust  pressure-fed  engine  and  an  integrated  composite  tank 
structure.  These  technologies  will  be  demonstrated  through  numerous  development  tests 
culminating  in  an  actual  flight. 
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Fig.  16.  Effective  (near  wall)  gas  temperature  as  function 
of  0/F  for  each  injector.  Equilibrium  bulk  gas  temperature 
is  shown  for  comparison.  Injector  #  1  is  “steam  port” 
de.sign  and  iniector  #2  i.s  rin?  de.sien. 


The  Upper  Stage  Flight  Experiment  will  fly  as  the  third  stage  aboard  an  Orbital 
Suborbital  Program  (OSP)  suborbital  launch  vehicle.  Figure  17  shows  an  overview  of  the 
USFE  mission.  The  USFE/OSP  mission  will  fly  out  of  the  Alaska  Spaceport  on  Kodiak 
Island  in  November  2001. 


Fig.  17.  The  Upper  Stage  Flight  Experiment. 


Integration  of  the  USFE  and  the  OSP  nosecone  takes  place  at  Orbital’s  facility  in 
Arizona.  The  OSP  vehicle  avionics  are  located  in  the  nosecone.  After  integration  and 
test,  including  mission  simulation  testing,  the  USFE/nosecone  assembly  is  shipped  to  the 
Alaska  Spaceport  for  integration  with  the  first  and  second  stage  of  the  OSP  launch 
vehicle.  After  vehicle  integration,  checkout,  and  final  mission  simulation  testing,  USFE 
is  loaded  with  propellants  for  launch.  The  propellant  loading  sequence  consists  of 
loading  helium,  nitrogen  (for  the  attitude  control  system),  JP-8,  and  hydrogen  peroxide. 
Final  checks  are  done  and  the  count  down  to  launch  proceeds. 

After  stage  1  and  2  burn,  USFE  is  separated  from  the  2"“’  stage  by  an  ordnance  separation 
event  in  the  interstage.  The  vehicle  is  exo-atmospheric  prior  to  stage  2  burn  out. 
Immediately  after  Stage  2/USFE  separation,  USFE  goes  through  its  engine  startup 
sequence.  After  engine  start,  USFE  will  bum  for  80  seconds,  shutdown,  coast  for  15 
seconds,  then  restart  and  bum  for  120  seconds.  After  shutdown  USFE  and  the  OSP 
nosecone  reenter  the  atmosphere  marking  the  end  of  the  mission. 
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An  Advanced  Peroxide/RP  Engine 

NASA’s  interest  in  peroxide  propulsion  is  fostered  by  the  need  to  achieve  order  of 
magnitude  reductions  in  transportation  costs  to  space.  Two  stage  to  orbit  (TSTO)  systems 
will  need  more  operable,  lower  cost,  reusable  upper-stage  propulsion  systems  than  those 
presently  available  in  the  commercial  marketplace.  Even  single  stage  to  orbit  (SSTO) 
systems  will  need  orbital  transfer  stages  with  the  same  operating,  cost,  and  performance 
characteristics  as  their  TSTO  competitors.  An  early  decision  by  the  designers  of  these 
advanced  upper  stages  to  utilize  storable,  non-cryogenic,  environmental  safe  propellant 
systems,  like  peroxide/RP,  can  have  significant  impacts  on  operations  costs  for  years  to 
come.  Storable  propellants  will  enable  off-line  stage  fueling,  and  storage  of  fueled  stages 
to  respond  to  short  turn-around  mission  requirements.  Non-cryogenic,  non-toxic  stages 
will  allow  off-line  installation  of  payloads  and  eliminate  the  need  for  cryogenic/toxic 
safety  procedures  and  special  equipment.  Environmentally  safe  stages  will  allow 
elimination  of  dangerous  and  potentially  harmful  propellant  combinations,  and  their 
attendant  costs,  on  which  today’s  space  transportation  systems  are  dependent.  But  before 
tomorrow’s  advanced  stage  designers  can  begin  their  design  they  must  have  an  engine 
system  around  which  to  design  their  airframe  and  its  many  subsystems.  What  might  that 

ideal  peroxide/RP  engine  look 


Figure  18:  Reoresentative  Engine  Power  Balance 


like? 

An  ideal  storable  upper  stage 
engine  for  the  21*'  Century 
would  have  the  following 
characteristics; 

1)  It  would  utilize  98% 
peroxide  as  the  oxidizer,  and 
JP8  as  the  fuel.  98%  peroxide 
because  no  advanced  stage 
designer  will  be  willing  to 
carry  any  amount  of  water  to 
orbit  or  the  staging  altitude. 
Peroxide/RP  systems  are  only 
competitive  with  other 
traditional  propellant  systems 
on  a  density  Igp  basis  when 
the  water  is  minimized  in  the 
peroxide.  It  would  utilize  JP8 
because  it  is  the  most  readily 
available  RP  fuel  and  the 
lowest  cost  of  the  RP 
propellants. 

2)  It  would  include  a 
turbopuihp.  The  use  of  a 
turbopump  allows  higher 
engine  pressures,  higher  Igp^ 
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lower  stage  structural  weights,  and  more  flexibility  in  stage  design.  The  turbopump 
would  be  a  minimal  parts  count,  low  cost,  decomposed  peroxide  gas  generator  driven 
design.  The  turbopump  would  be  robust,  but  have  a  recurring  price  below  $100,000. 
The  turbopump  would  feature  composite  and  ceramic  materials,  eliminating  all 
metallic  parts  and  their  associated  weights. 

3)  It  would  feature  a  liquid/liquid  injector  system.  Decomposition  of  large  amounts  of 
peroxide  by  catalyst  prior  to  JP8  injection  is  an  unnecessary  process  step  when 
thermal  decomposition  can  be  accomplished  with  proper  injector  and  chamber  design. 

4)  It  would  utilize  an  expansion  deflection  nozzle.  Packaging  the  engine  within  the  stage 
structure  in  order  to  maximize  the  available  booster  or  advanced  stage  volume  for 
payload  will  eliminate  the  use  of  today's  large  bell  nozzles. 

5)  It  will  feature  an  integrated  fluid/gas  control  module.  Today’s  snake  nest  of  discrete 
valves  for  each  function,  connecting  plumbing,  controllers  and  wiring  represent  as 
cost  inefficient  a  design  as  can  be  generated. 

6)  It  will  be  reusable,  with  a  useful  life  exceeding  100  missions  between  out-of-airframe 
maintenance  actions.  It  will  be  designed  for  ease  of  maintenance  while  installed  in  the 
airframe. 

The  Peroxide  Pathway 

Developing  this  advanced  peroxide  engine  will  take  years  of  careful  development, 
sometimes  stretching  new  technologies,  and  sometimes  concentrating  on  integrating 
them.  NASA  has  begun  this  development  process  under  the  auspices  of  the  Advanced 
Space  Transportation  Program  at  the  Marshall  Space  Flight  Center.  A  technology 
roadmap  (Figure  1)  has  been  developed  to  guide  this  development.  The  development 
steps  are  as  follows: 

Step  1:  Secure  a  reliable  source  of  bulk  quantities  of  high  concentration  peroxide. 
NASA,  the  Air  Force,  and  industry  will  invest  more  than  $50million  in  the 
development  of  peroxide  technology  in  the  next  decade  in  order  to  realize  the 
potential  of  peroxide  propulsion.  That  level  of  investment  will  be  constantly  at  risk  if 
the  supply  of  98%  peroxide  remains  the  product  of  a  single  specialty  supplier.  One  of 
the  proposals  selected  by  NASA  in  response  to  the  NASA  Research  Announcement 
(NRA)  8-21  Cycle  2  in  1999  was  a  proposal  by  Orbital  Sciences  to  design,  fabricate, 
and  demonstrate  a  portable  peroxide  enrichment  skid.  A  portable  enrichment  skid  was 
selected  because  of  the  probable  need  of  high  concentration  peroxide  at  multiple 
locations,  including  the  Stennis  Space  Center  in  Mississippi,  the  Kennedy  Space 
Center  in  Florida,  the  Kodiak  Launch  Center  in  Alaska,  and  at  several  industry 
facililities  in  California.  Enriching  peroxide  means  reducing  the  water  content  of  the 
base  product.  In  this  case  the  enrichment  skid  is  being  designed  to  enrich 
commercially  available  90%  concentration  material,  available  from  Degussa  Huls, 
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Figure  19-Peroxicie  Propulsion  Technology  Development  Roadmap 


FMC,  and  X-L  Space  Systems,  to  a  989^f  concentration  material  at  a  rate  of  1000 
pounds  per  day.  The  chosen  enrichment  process  is  crystal!  fractilization.  The  skid 
design  and  process  controls  are  being  engineered  by  Orbital’s  design  partner  Degussa 
Huls.  The  on-site  enrichment  process  allows  tighter  control  of  product  quality.  It  also 
allow-'s  concentrated  product  to  be  produced  only  as  needed  rather  than  stockpiled, 
thereby  ensuring  a  safer  operation.  The  enrichment  skid  also  allows  shipment  of  the 
less  reactive  90%  concentration  product,  and  avoids  exposure  of  the  general  public  to 
the  shipment  of  98%  material.  The  enrichment  skid  will  be  completed  in  2000. 


Figure  20:  Monolvthir  Catalvst  Red 


Step  2:  Develop  catalyst  systems 
compatible  with  98%  peroxide.  Catalyst 
systems  are  the  key  component  in  the 
integrated  use  of  peroxide  on  future 
advanced  upper  stages.  Catalyst  will  be 
used  to  generate  gas  to  power  the 
turbopump  on  the  engine  and  to  drive  turbo 
generators  for  electrical  power,  to  provide 
an  ignition  gas  for  thermal  decomposition 
of  peroxide  in  the  engine,  to  decompose 
98%  peroxide  for  mono  and  bi-propellant 
attitude  control  thrusters,  to  generate  warm 
gas  heat  for  some  systems,  and  to  generate 
pressurization  gas  for  tanks.  A  robust,  long 
life,  insensitive  catalyst  is  the  key  to  almost 
every  liquid  and  gas  system  onboard  future 
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advanced  upper  stages.  Preliminary  work  on  98%  peroxide  catalyst  was  done  in  the 
50s  and  60s,  but  none  of  it  resulted  in  definitive  fielded  systems.  Aerojet,  Boeing 
Rocketdyne,  TRW,  TRW  partner  General  Kinetics,  and  TRW  partner  Purdue 
University  were  all  selected  by  NASA  in  response  to  NRA8-21  cycle  2  to  work  on 
advanced  catalyst  for  decomposition  of  98%  peroxide.  In  addition,  Pratt  &Whitney  is 
perfonning  research  on  98%  concentration  catalyst  systems  on  internal  company 
funds.  Competition  is  responsible  for  more  technical  iimovation  in  industry  than  any 
other  factor  and  this  competition  in  the  development  of  an  advanced  catalyst  all  but 
ensures  success.  All  of  the  companies  offer  a  different  solution.  And  the  costs  to 
explore  these  potential  solutions  are  moderate.  The  catalyst  development  work  is 
planned  for  completion  in  2000. 

Step  3;  Develop  98%  compatible  turbopumps.  The  next  development  step  must  be  an 
advanced,  low  parts  count,  low  recurring  price,  98%  peroxide  compatible, 
turbopump.  This  is  the  longest  lead 
time  component  in  the  rocket  engine 
and  must  be  started  as  early  as 
possible.  Once  developed  it  can  be 
used  to  support  pure  rocket  system 
development,  as  well  as  peroxide/RP 
Rocket  Based  Combined  Cycle 
(RBCC)  demonstrations  and 
peroxide/hybrid  development.  Boeing 
Rocketdyne  has  teamed  with  NASA- 
MSFC  to  design,  fabricate,  and 
demonstrate  a  state-of-the-art  low 
cost,  low  parts  count,  98%  peroxide 
compatible,  gas  generator  driven 
turbopump.  Boeing  recently 

successhally  designed,  fabricated,  and  Figure  21  :  Peroxide  Turbopump 
tested  a  60K  pound  thrust  Lox/RP 

turbopump  for  the  Low  Cost  Boost  Technology  project  with  a  projected  recurring 
cost  approaching  $100,000.  And  Boeing  designed,  produced,  and  fielded  a  man  rated 
turbopump  in  the  AR2-3  several  decades  ago.  With  this  success  base  to  draw  on, 
Rocketdyne  will  still  be  challenged  to  produce  a  modem  pump  with  recurring  costs 
approaching  $50,000  to  support  second  generation  X-37  and  USFE  mission  plans. 

But  it  will  still  not  be  the  non-metallic,  light-weight,  low  parts  count  pump  that  is 
needed  in  the  21“  Century.  That  will  take  an  additional  design  and  development 
cycle.  The  first  peroxide  pump  iteration  is  expected  to  enter  tests  in  2002. 

Step  4:  Develop  lightweight  non-metallic  reusable  liquid/liquid  injectors  and 
combustion  chambers.  Elimination  of  the  large  catalyst  packs  will  contribute 
significantly  to  lower  engine  weight  and  reduced  engine  maintenance.  Liquid/liquid 
injection  will  eliminate  energy  losses  occurring  in  the  pre-chamber  decomposition  of 
the  peroxide.  And  use  of  advanced  non-metallic  materials  will  substantially  lower  the 
weight  of  the  engine.  NASA  expects  to  begin  this  development  activity  in  FY2001. 
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Step  5:  Develop  a  lightweight  non-metallic  reusable  expansion  deflection  nozzle. 
Axial  length  to  cross-sectional  diameter  ratios  in  excess  of  1:3  will  be  necessary  to 
meet  future  engine  packaging  requirements.  Bell  nozzles  can  not  hang  out  the  back  of 
re-entering  upper  stage  flight  vehicles  the  way  SSMEs  do  on  the  Shuttle. 

Step  6:  Develop  a  light-weight,  non-metallic,  fluid/gas  control  module.  NASA  and 
industry  took  a  step  in  this  direction  by  designing,  fabricating,  and  flight  testing  a 
composite  hydrogen  control  valve  on  the  NASA/McDonnell  Douglas  DC-XA 
program  in  1996.  But  more  than  fabrication  of  individual  valves  must  be  done. 
Consolidation  of  fluid  and  gas  control  functions,  elimination  of  brackets  and  tubing, 
and  relocation  of  components  for  ease  of  maintenance  and  test  must  dominate  new 
designs. 

Because  safety  is  of  paramount  importance  in  dealing  with  such  an  energetic  oxidizer, 
FMC  Corporation  was  selected  to  perform  hazardous  materials  testing  of  98% 
concentration  peroxide.  Almost  all  of  the  data  pertaining  to  safe  handling  and  storage  of 
98%  peroxide  is  three  or  more  decades  old.  More  current  data  will  be  required  to  satisfy 
today  safety  analyses  and  review  boards.  FMC,  as  a  past  American  supplier  of  high 
concentration  peroxide,  is  eminently  qualified  to  perform  these  tests  and  establish  the 
required  safety  data.  This  work  is  expected  to  be  completed  in  2000. 

Conclusion 

Five  years  ago  peroxide/RP  propulsion  figured  in  no-one’s  plans.  Now  at  the  turn  of  the 
century  peroxide/RP  propulsion  is  returning  to  flight  status  aboard  joint  Air  Force/NASA 
research  vehicles  demonstrating  it’s  capability  to  meet  both  expendable  and  reusable 
mission  needs.  And  development  of  new  peroxide/RP  engines  has  begun  to  take 
advantage  of  the  new  materials  and  design  processes  available  today  to  reach  new 
performance  levels.  A  successful  development  program  will  lead  to  long  term 
commercial  application  of  this  technology  to  2V'  century  space  transportation  systems. 
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RELIABILITY  OVERVIEW  OF  FIRST-«&-SECOND-STAGE  ENGINES 
OF  CHINA  LONG  MARCH  LAUNCH  VEHICLE 

Jinrong  Zhang 

The  11th  Research  Institute  of  China  Aerospace  Science  &  Technology  Corporation 

Xi’an,  China,  710100 

Abstract 

Based  on  a  general  analysis  of  the  reliability  of  rocket  engines,  the  paper  mainly  overview  the  reliability  of  the  first- 
&-second-stage  liquid  rocket  propellant  engines  of  China  Long  March  launch  vehicle  (Here  after  called  “LMRE”).  It 
displays  the  features  of  the  LMRE  and  further  illustrates  the  keys  to  the  breakthrough  of  utilizing  reliability  technology, 
and  contents  concerning  reliability  assurance,  reliability  test  and  reliability  evaluation.  The  paper  aims  to  show  the 
inevitability  of  100%  success  ratio. 

1.  Introduction 

With  the  continuous  development  of  aerospace  technology,  in  all  countries  in  the  world,  design  capacity  and 
production  quality  of  launch  vehicle  makes  unceasing  progress,  and  its  reliability  has  greatly  raised.  From  the  fifties  of 
the  20th  century  up  to  now,  aerospace  cause  in  the  world  makes  brilliant  achievements,  but  various  failure  and  accident 
is  often  seen.  For  aerospace  technology,  reliability  is  still  a  question  not  to  be  ignored.  Liquid  propellant  rocket  engine 
is  the  chief  dynamical  device  of  launch  vehicle.  The  reliability  of  engines  plays  a  keyrole  in  the  flight  of  launch  vehicle, 
especially  for  the  manned  space  flight.  All  the  countries  in  the  world,  laying  emphasis  on  it,  have  defined  reliability 
target  as  the  major  technology  target  and  quantified  it.  Thus,  improving  the  reliability  of  launch  vehicle  has  always 
been  the  goal  for  the  space  research  in  all  countries.  The  LMRE  carried  out  all  60  flights  of  the  Long  March  launch 
vehicle  with  excellent  performance  and  100%  success  ratio.  To  ensure  its  high  reliability,  we  employed  all  reliability 
design  technology,  such  as  redundancy  design,  fault-tolerant  design,  fault  mode  and  effect  analysis  (FMEA),  fault  tree 
analysis  (FTA),  and  solved  the  problems  like:  high-frequency  combustion  instability  of  combustion  chamber,  low- 
frequency  combustion  instability  of  gas  generator,  intermediate -frequency  flow-rate-model  vibration,  environment 
protection  and  others.  Through  breaking  many  technological  problems,  we  ensured  the  quality  of  the  LMRE. 

2.  A  Summary  to  the  Reliability  of  Rocket  Engines 

The  reliability  of  rocket  engines  means  the  ability  of  engines  to  fulfill  required  function  under  required  conditions  and 
within  required  time  limits.  It  involves  structure  reliability  and  performance  reliability.  In  order  to  reach  the  reliability 
target,  a  full  consideration  must  be  given  to  the  reliability  of  the  whole  process,  from  engine  design,  manufacture,  test, 
storage  and  transportation  to  maintenance. 

A  high  reliability  of  engines  suggests  low  ineffective  rate  and  fewer  faults,  whereas  a  low  reliability  indicates  high 
ineffective  rate  and  more  faults,  which  may  lead  to  the  delay  of  scheduled  task  and  failure  in  vehicle  launching,  and  a 
tremendous  loss.  Therefore,  no  country  can  be  exempted  from  the  task  of  improving  the  reliability  of  engines. 

The  reliability  of  engines  can  be  described  with  the  help  of  inherent  reliability  and  service  reliability.  Inherent 
reliability  is  determined  by  design  and  manufacture;  service  reliability  refers  to  practical  use,  which  is  different  from 
inherent  reliability,  and  is  related  to  the  conditions  of  storage  and  transportation  and  maintenance,  which  applies  to  the 
formula  (1): 

=k-Rj  . DID 

Where 

Ru  —  the  service  reliability  of  engines; 

Ri  —  the  inherent  reliability  of  engines; 

k  —  coefficient. 

Once  the  engine  is  designed  and  manufactured,  its  inherent  reliability  is  fixed,  and  its  operation  and  maintenance 
are  to  keep  its  inherent  reliability;  since  coefficient  is  determined  by  operational  conditions  and  maintenance  level. 
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what  really  matters  is  still  engine’s  inherent  reliability.  Therefore,  the  key  to  the  reliability  engineering  should  be  its 
design. 

According  to  incomplete  statistics  on  failures  of  launch  vehicles,  most  failures  happened  in  propulsion  system. 
Such  as,  the  second-stage-engine  of  Proton-K  vehicle  took  place  2  times  failure  in  4  flights  only  in  1999,  because  there 
were  swarf  and  ore  particle  in  the  engine.  SL-1 6  vehicle  exploded  because  there  were  foreign  bodies  in  fuel  pipe  of  Pfl- 
120  engine  in  August,  30,  1991.  The  VikingD  engine  appeai*ed  unstable  combustion  in  L02  flight  of  Arianel  in  May, 
23,1980  and  led  launch  failure.  Because  a  cloth  stopped  pipeline  for  cooling,  the  water  valve  of  viking4  engine  was 
stopped,  led  thrust  not  enough  and  launch  failure  of  Ariane4  in  February,  22,1990.  Because  of  failure  of  HM-7  engine, 
it  led  L5  flight  of  Arianel  failed  in  September,  10,1982,  and  led  V15  flight  of  Ariane3  and  VI 8  flight  of  Ariane3  failed 
in  May,  30,1986,  and  in  September,  13,1985,  Because  of  failure  of  the  MN-3  engine,  it  led  the  H-1  vehicle  failed  in 
March,  12,1986.  But  F-1  engine  kept  100%  success  ratio  in  all  13  flights  of  SatumV  launch  vehicle,  and  the  LMRE 
keeps  100%  success  record  in  all  60  flights  of  Long  March  launch  vehicle. 

To  ensure  a  high  inherent  reliability,  every  country  has  done  a  lot,  especially  valued  the  choice  of  design  project  and 
the  reliability  verification. 

The  design  of  F-1  engine  solves  the  problem  of  combustion  instability  in  engines  with  great  thrust.  The  first  F-1 
engine  design  program  involved  44  tests,  20  of  which  appeared  the  phenomenon  of  combustion  instability,  peak 
equaling  to  or  exceeding  average  pressure.  These  vibrations  caused  severe  erosion  and  ablation  of  injector,  indicating  a 
radial  and  tangential  pressure  fluctuation.  To  overcome  the  combustion  instability,  design  centered  on  improving 
injector  and  baffle,  and  the  improved  F-1  engine  successfully  went  through  a  great  deal  of  combustion  instability  rating 
test. 

To  ensure  high  reliability  of  the  LMRE,  the  research  from  very  beginning  focuses  on  its  reliability.  It  can  be 
illustrated  as  following: 

Inheritance^;  The  theory  is  applied  to  the  whole  procedure  of  the  LMRE  manufacture.  We  inherit  successful 
experiences,  and  improve  only  the  necessary;  try  our  best  to  draw  on  the  experience  of  established  and  advanced 
technology  home  &  abroad.  Only  after  we  do  strict  test  which  involve  vibration  test  and  engine  test  for  the  integrity  can 
we  finally  decide  their  design,  insisting  on  the  principle  of  advanced  technology  adapting  to  the  reality  level,  which 
should  be  fully  practical  in  production. 

Research  Based  on  the  Theory  of  Reliability^:  We  stick  to  “quality  first”  and  “reliability  first”.  After  summing  up 
some  common  faults  during  hot-firing  test,  and  during  production,  we  carry  out  FMEA  and  make  further 
improvements.  Based  on  design-test-improving  design-test  again  steps,  we  successfully  guarantee  that  engine’s 
reliability  increased  step  and  step  up  to  the  require  value. 

Hard  and  Strict  Hot-firing  Test^;  Hot-firing  test  points  at  not  only  the  reliability  of  the  engine,  but  also  its 
technique.  The  LMRE  is  tested  with  load,  which  involved  enhancing  thrust,  increasing  propellant  mixture  ratio, 
delaying  test  time,  increasing  pump  inlet  pressure  and  swinging,  so  as  to  expose  its  weak  points  thoroughly.  Then 
improvement  is  carried  out  pointing  to  these  weak  points  to  ensure  its  reliability. 

Stress  on  Reliability  Evaluation^;  The  best  way  to  check  engine’s  reliability  is  to  test,  and  evaluate  according  to 
test  result.  We  use  normal  distribution  (two-sided  allowable  limit)  method  to  assess  the  performance  reliability,  and  use 
Weibull  method  to  assess  the  structure  reliability. 

3  A  Brief  Introduction  to  the  LMRE 

First-stage  engine  consists  of  four  units,  and  second-stage  engine  involves  main  engine  and  vernier  engine,  which 
consists  of  four  engine  units. 

3.1  Design  Feature  of  the  LMRE 

3.1.1  Simply  but  Reliable  System  Plan^ 

Stall  and  cutoff  valve  use  electroexplosive  actuated  valve,  which  is  simple  in  structure,  and  need  no  gas.  This 
enables  a  take-off  without  gas  and  thus  guarantees  its  high  reliability. 

Flow  rate  control  elements  utilize  calibration  orifice  and  cavitating  venturi.  There  are  all  together  20  cavitating 
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venturi  in  first-ffe-second-stage  engines,  which  requires  fewer  components  than  a  regulator  and  has  simple  structure  but 
high  accuracy. 

The  engine  uses  solid  start  cartridge,  which  enables  a  quick  and  stationaiy  start.  The  prevalve  is  placed  in  front  of  the 
pump,  and  other  valves  are  always  open,  thus,  at  the  time  when  propellant  is  injecting  or  stops  injecting,  the  propellant 
cannot  enter  the  systems  of  the  engine,  which  prevents  each  assemblage  from  being  soaked  or  corroded.  When  the 
engines  starts,  it  can  certainly  work  well,  provided  the  prevalve  is  open  as  usual. 

The  engine  uses  two-stage  cut-off.  First,  shuts  off  gas  generator  oxidizer  feed  line;  then,  shuts  off  two  main  lines.  By 
this  way  there  come  less  hydraulic  pressure.  Faster  deceleration  time,  less  cutoff  impulse  and  easier  separation. 

As  different  systems,  the  second-stage  main  and  vernier  engine  is  designed  individually.  Though  they  share  same 
group  of  prevalve,  each  uses  its  own  main  valve.  Main  engine  and  vernier  engine  can  work  together,  or  work 
individually,  in  particular,  vernier  engine  utilizes  turbopump-fed  system,  which  is  useful  for  long  time  gliding  and 
meets  the  requirements  of  rocket  attitude  control. 

The  LMRE  chooses  simple  design  scheme,  which  well  guarantees  its  high  reliability. 

3.1.2  Engine  Swing 

First-stage  engine  adopts  the  plan  of  swing  in  front  of  pump.  Each  engine  swings  in  an  angle  of  10  degree  along  the 
tangential  direction  to  provide  the  conti'ol  moment  for  rocket  flying.  The  advantages  of  such  a  plan  lie  in  the  following 
points:  by  combining  the  turbopump  equipment  with  the  thrust  chamber,  it  fully  uses  the  horizontal  space  of  the  rocket 
and  reduces  the  length  of  the  rocket;  each  engine  is  comparatively  independent  of  the  others,  so  it  is  convenient  for 
developing,  checking,  and  accepting  individually;  swing  and  thrust  transmission  are  achieved  by  installing  a  gimbal 
mount  assembly  with  dry-film  lubricant  in  the  front  of  the  thrust  chamber,  such  installation  is  simple  in  structure  and 
reliable  in  working;  the  fixing  of  a  inner  casing  flexible  hose  assembly  in  front  of  the  pump  avoid  the  problems  in 
developing  the  high  pressure  hose  assembly  at  the  back  of  the  pump. 

Second-stage  main  engine  doesn’t  swing  but  four  units  of  vernier  engine  swing.  In  adopting  such  a  plan  of  only 
swinging  thrust  chamber,  which  can  be  connected  with  the  rocker  frame  assembly  through  bearing  and  sleeves  and 
make  up  a  swing  engine  unit.  This  engine  unit  can  swing  in  an  angle  of  60  degree  along  the  tangential  direction  of 
rocket.  The  dynamic  sealing  device  between  the  swing  axle  and  sleeve  is  make  by  rubber  sealing  washer  and  F4  anti¬ 
extrusion  circle.  Such  a  swing  pattern  has  a  small  moment  of  inertia  and  is  suitable  for  multi-chamber  rocket  engine. 

3.1.3  Thrust  Chamber  Plan 

Horizontal  orifice  injector  is  adopted  in  the  thrust  chamber,  which  body  uses  the  small  contract  ratio  corrugated  plate 
with  regenerative  cooling  baffle  device. 

3.1.4  Turbopump  Plan 

First-stage  and  second-stage  main  engine  use  co-axial  vertical  turbopump.  Oxidant  pump  is  in  the  upper  place,  fuel 
pump  in  the  middle,  and  turbine  in  the  lower  place.  Such  an  arrangement  saves  much  space  in  horizontal  direction  and 
leaves  much  space  for  engine’s  swing.  Because  of  high  oxidant  saturation  vapor  pressure,  oxidant  pump  is  placed  on 
the  top  so  that  it  can  reduce  the  loss  of  the  inlet  pressure. 

Turbopump  of  the  vernier  engine  adopts  the  plan  that  turbine  is  among  and  double  face-riding  seal. 

3.1.5  Valve 

Electroexplosive  actuated  valves  and  check  valves  are  used  here.  They  are  simple  in  structure  and  need  no  gas  source. 
Without  canying  any  gas,  they  are  reliable  in  working. 

3.1.6  Self-Pressurize  System 

Evaporator  and  cooler  self-pressurize  system  are  installed  in  order  to  maintain  a  normal  working  of  the  propellant 
feed  system,  to  keep  the  inlet  pressure  of  the  pump,  to  avoid  cavitation  in  pump.  N2O4  evaporator  loads  the  oxidant 
tank’s  pressure  through  some  N2O4,  which  heated  by  turbine  waste  gas.  Through  cooling  the  some  turbine  gas  by  flow 
rate  to  the  baffle.  Gas  cooler  loads  pressure  for  the  fuel  tank.  Self  pressurize  system  is  carefully  designed  and  tends  to 
be  more  reasonable  both  in  the  aspect  of  stmcture  sharing  with  the  other  systems  and  in  residual-heat  utilization. 

3.2  Mafor  Parameters  for  the  LMRE 

The  propellant  is  N2O4/UDMH,  which  transmitted  by  turbopump-fed  system,  gas  generator  cycle.  The  following  are 
the  major  parameters. 
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Table  1  Major  Parameters  for  the  LMRE 


No. 

Parameters 

First-stage  Engine 

Second-stage  Engine 

Remarks 

Main  Engine 

Vernier  Engine 

1 

thrust(  kN) 

740.4x4 

742.04 

47.1 

vacuum  thrust  in  second 

stage 

2 

specific  impulse(m/s) 

2550 

2922.4 

2834 

vacuum  specific 

impulse  in  second  stage 

3 

mixture  ratio 

2.12 

2.181 

1.57 

4 

total  flow  rate(kg/s) 

290.4x4 

254.95 

16.69 

5 

combustion  chamber 
pressure(MPa) 

7.70 

6.74 

3.29 

4.  Reliability  Design 

4.1  Reliability  Design  Principles^ 

a.  After  satisfying  the  design  requirement,  performance  reliability  should  be  subordinated  to  structure  reliability. 
Meanwhile  the  more  simple  the  design  is,  the  better. 

b.  Reliability  block  diagram  and  mathematical  model  should  be  adapted  to  reliability  distribution  and  prediction. 

c.  Fault  mode,  effect  and  casualty  analysis  should  be  made  in  the  development  of  each  period  in  order  to  find  out 
the  weak  points  and  take  necessary  measures  to  improve  them.  On  the  basis  of  the  analysis  key  projects  should  be 
determined. 

d.  Redundancy  technique  should  be  adopted  in  designing  key  component.  Fault-tolerant  plan  should  also  be 
adopted  in  designing  for  the  convenient  of  manufacturing  and  installing. 

e.  Under  the  condition  of  satisfying  the  requirements,  design  should  be  simplified.  Good  experiences  in  previous 
design  should  be  canned  on  in  the  improvement  of  rocket  engine’s  design.  Re-designed  components  should  adopt 
the  successful  technique. 

f.  New  technique  and  material  should  be  fully  proved  and  tested  before  designing.  Plan  demonstration,  design,  and 
test  of  the  re-designed  components  should  be  strictly  controlled  in  order  to  succeed  once. 

g.  Enough  design  allowance  should  be  given, 

4.2  Reliability  Block  Diagram 

Because  each  components  of  the  engine  has  its  own  function  and  structure.  And  the  reliability  of  the  rocket  engine  is 
the  product  of  the  reliability  of  each  component.  Failure  of  each  one  will  result  in  the  failure  of  the  rocket  engine.  The 
following  block  diagram  is  the  series  system  of  each  component. 


Fig.l.  Reliability  block  diagram  of  the  LMRE 
Reliability  of  the  rocket  engine  can  be  indicated  in  the  following  formula: 
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“  n 

i=l 

Where 

Re  —  engine’s  reliability; 

Ri  —  the  reliability  of  component  i; 

n  —  the  number  of  components. 

Figure  1  and  formula  2  indicate  that  component  reliability  is  the  basis  of  the  whole  engine’s  reliability.  In  the  early 
period  of  engine’s  development,  each  component  must  have  its  own  share  of  reliability  according  to  the  requirement  of 
the  engine’s  reliability.  Each  component  must  have  an  acceptable  designing  plan  and  be  fully  tested  before  engine  test 
for  the  integrity,  in  order  to  meet  the  reliability  requirement. 

4,3  Application  of  the  Reliability  Design  Engineering 

Reliability  design  is  a  design  means  to  meet  the  proposed  requirement  of  the  reliability.  It  consists  of  reliability  design 
analysis  and  reliability  engineering  design^ 

Reliability  design  analysis  mainly  refers  to  reliability  probability  analysis.  It  includes  reliability  prediction  and 
distribution.  Its  emphasis  lies  in  the  three-F  analysis.  Reliability  engineering  design  is  a  practical  design  plan  and 
technical  measures  to  guarantee  a  high  reliability  for  the  product.  In  designing  the  product  reliability  must  be  fully 
considered. 

4.3.1  Reliability  Design  Analysis 

1)  Fault  Mode,  Effect  and  Casualty  Analysis  (FMECA) 

FMECA  is  a  lower-to-upper  way  to  identify  all  the  possible  failure  modes.  In  identifying  single-point  failure,  it 
analyzes  each  effect  of  fault  modes  made  to  the  working  condition  of  the  engine.  All  the  fault  modes  are  put  in  order 
according  to  their  seriousness  and  probability  of  occun*ence  to  find  out  the  weak  points  in  design.  Preventing  and 
improving  measures  are  taken  to  eliminate  or  reduce  the  possibility  of  failure  occurrence  so  as  to  guarantee  the 
reliability  of  each  product.  The  following  listed  key  items  are  the  results  of  the  FMECA. 

After  analysis  and  break  through  in  hot-firing  test,  the  LMRE  have  the  following  major  failure  models:  turbopump 
failure,  propellant  feed  line  failure,  valve  failure,  thrust  chamber  structural  damage,  jointing  loosing,  etc.  Among  them, 
turbopump  failure  is  the  most  disastrous  one.  It  has  the  following  failure  forms:  turbine  explosion,  face-riding  seal  of 
turbopump  ineffective,  turbine  vane  break,  turbine  shroud  falling  off,  bearing  damage,  pump  cavitating,  pump  inducer 
break,  etc.  Fire  leaking,  liquid  leaking,  foreign  matter  plugging,  structural  fatigue  break,  rotating  parts  seizing-up, 
ablative,  component  ineffectiveness,  component  parts  misapplication,  supporting  parts  loosing,  turbine  wheel  crack, 
etc.,  all  occurred  in  the  LMRE  former  or  later,  no  matter  how  serious  the  effect  they  have  brought  to  the  engine,  each 
aroused  engineers’  great  attention.  Measures  have  been  taken  to  improve  it  so  as  to  eliminate  the  possibility  of  failure 
re-occurrence. 

In  viewing  the  occurrence  of  engine  failure,  it  needs  a  certain  period  of  time  for  the  possible  failure  source  to 
develop  into  an  occurred  failure.  This  period  of  time  is  called  failure  occurrence  time.  If  failure  occurrence  time  is  less 
than  0.05s,  it  is  called  sudden  failure,  others  are  called  gradual  failure.  Sudden  failures  are  catastrophic  failures  because 
they  occur  very  quickly  and  are  hard  to  detect.  So  such  failures  must  be  eliminated.  Gradual  failures  can  be  detected 
and  controlled  by  measuring  the  pressure,  rotating  speed,  and  mechanical  vibration. 

According  to  the  result  of  the  FMECA,  importance  degree  and  features  of  a  component  determine  the  key  items  of 
the  LMRE.  These  items  are  installation  sealing  structure,  electroexplosive  cartridge,  and  turbine  wheel. 

In  manufacturing,  testing,  and  accepting,  these  items  must  be  controlled  strictly. 

2)  Fault  Tree  Analysis  (FT A) 

FTA  is  a  method  by  using  square  diagram  to  analyze  the  lower  class  failures.  It  uses  logic  order  to  locate  the  direct 
cause  for  the  failure.  It  is  a  kind  of  upper-to-lower  level  analysis  method.  FTA  in  the  LMRE  aims  at  the  failures  related 
to  safe.  As  for  rocket  engine,  failures,  which  effect  security  of  an  engine,  are  mainly  the  following:  engine  explosion, 
performance  parameter  severely  dropping,  and  no  thrust.  These  failure  modes  are  regarded  as  the  top  incident.  The 
bottom  incident  can  be  found  according  to  the  failure  occurrence  mechanism.  Then  a  fault  tree  of  an  engine  is  drawn. 


5 


According  to  this  fault  tree,  qualitative  and  quantitative  analysis  for  and  engine’s  security  can  be  made. 

4.3.2  Reliability  Engineering  Design 
4.3.2.1  Redundancy  Design 

Redundancy  design  is  to  achieve  reliability  by  way  of  surplus  resources,  which  is  an  important  aspect  in  reliability 
design. 

The  key  to  the  design  is  the  selecting  of  redundant  quantity.  Reliability  of  parallel  redundancy  parts  is: 

Rn  =l-n(l-Ri) . DBD 

i=l 


where 

Rn —  the  reliability  of  redundancy  system; 

Ri —  the  reliability  parts  i; 

n  —  the  number  of  parts. 

Suppose  reliability  of  each  part  is  the  same,  with  each  to  0.8.  When  double  redundancy  (n==2)  is  used,  reliability  R2 
should  be  0.96.  While  R3  and  R4  will  field  to  0.992  and  0.9984  respectively  if  three  redundancies  and  four-redundancy 
are  applied.  And  the  reliability  gain  will  appear  respectively  by; 

R2/Ri=120%  R3/R2=103%  R4/R3=100.6% 

It  is  deal*  that  the  overall  reliability  increases  as  the  redundancy  quantity  goes  up,  while  the  reliability  gain  decreases 
as  the  quantity  becomes  more. 

Taking  all  these  into  consideration,  we  know  that  the  quantity  increase  will  cause  complexity  of  the  system  and 
paitly  counteract  the  superiority  of  multi-redundancy.  In  overcoming  this,  the  double  redundancy  will  be  used  to 
increase  the  system’s  reliability. 

By  way  of  this  design  philosophy  for  higher  reliability  in  key  components  and  key  parts  of  engines,  parallel 
redundancy  design  is  conducted.  That  is,  double  lock  plan  is  used  for  the  lock  mechanism  of  prevalve,  double  face¬ 
riding  seal  are  used  in  turbopump. 

1^  Double-lock  Mechanism  of  Prevalve ^ ' 

The  prevalve  is  a  constantly  closed,  butterfly-type  electroexplosive  valve.  When  directed  order  for  starting, 
electroexplosive  cartridge  will  explode  to  open  the  valve  plate,  and  position-locking  mechanism  will  lock  diaphragm  at 
the  set  position.  In  testing,  failures  occur  position-locking  mechanism  to  make  valve  plate  deviate  its  set  position, 
which  increases  pressure  loss  of  valve  and  causes  cavitating  in  pump  and  decrease  engines  performance.  In  improving 
the  locking  reliability,  one  more  locking  system  is  added  to  the  former  to  form  a  new  double-lock  system,  with  each 
working  independently.  According  to  formula  (3),  if  reliability  Rl  of  single-lock  is  0.9,  the  double-lock  reliability  R2 
will  be  0.99,  thus  greatly  improving  the  reliability. 

2)  Double  Face-riding  Seal  of  Turbopump^ 

Oxidant  and  fuel  pump  of  second-stage  vernier  engine  is  separately  located  in  both  sides  of  turbine.  Turbine  working 
fluid  is  fuel-rich  gas.  If  oxidant  leaks  into  the  turbine,  explosion  will  occur.  At  the  earlier  stage,  face-riding  seal  of 
oxidant  pump  was  completed  by  one  line  of  spring.  Failure  in  sealing  occurred  due  to  the  components,  assembling  error 
and  occasional  cause.  To  ensure  safety,  sealing  by  spring-typed  and  bellows  face-riding  seals  are  conducted,  with  non- 
circulable  Fluorenone  filled  between  the  two  seals.  The  first  sealing  control  oxidant  and  the  second  seals  gas. 
According  to  formula  (3),  if  reliability  of  each  face -riding  seal  is  0.99,  the  reliability  of  double  face-riding  seal  should 
yield  to  0.9999,  which  improves  much  more  than  single  seal. 

4.3.2.2  Fault-tolerant  Design 

In  assembling  an  engine,  many  components  are  needed  in  the  connections.  Measures  have  been  taken  in  the  design  to 
improve  assembling  reliability  —  different  sizes  and  types  of  connections  for  inlet  and  outlet  to  meet  the  flow-direction 
requirement  which  cavitating  venturi,  calibration  orifice,  check  valve  demand.  Therefore  an  end  is  put  to  the  wrong 
assembling. 

4.3.2.3  Protection  Design  for  Environment 
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In  manufacturing,  storing,  transporting  and  operating,  engines  may  encounter  high  or  low  temperatures  and  wet 
conditions,  with  temperature  ranging  from  -40D  to  +50D  and  maximum  relative  humidity  (RH)  98%.  To  ensure  the 
engine  to  meet  requirements  in  different  conditions,  measures  have  been  taken  in  design  to  avoid  decreases  in 
reliability  on  account  of  adverse  circumstances. 

1)  Protection  Design  for  Low-temp 

Design  requirement  for  low- temp  are  put  forward  to  all  components  and  parts,  which  are  considered  low-temp 
performance  when  designed. 

The  low-temp  circumstance  may  not  be  appropriate  for  powder  in  the  solid  start  cartiidge.  Therefore,  powder 
proportion  must  be  selected  suitable  for  low  temperatures.  Non-metal  materials  must  undergo  low-temp  experiments 
for  their  properties. 

2)  Water  &  Moisture  Proofing  Design^^ 

The  engine  cable  is  the  key  part  in  water  &  moisture  proofing  design.  The  cable  is  composed  of  master  plug,  wire 
beam  and  branch  plug.  The  weak  parts  of  water-resistant  measure  are:  connection  between  master  plug  of  engine  cable 
and  controlling  cable  of  rocket;  between  wire  beam  and  master  plug;  between  wire  beam  and  branch  plug;  between 
branch  plug  and  electroexplosive  cartridg.  Different  measures  have  been  taken  for  different  parts.  Resin  sealing  washer 
is  designed  for  cable  master  plug,  with  its  tailor  part  filled  with  rubber.  The  root  of  branch  plug  is  wrapped  and  covered 
with  nitro-glue  soluting.  For  the  welding  point  of  cable  wire  beam  and  branch  plug,  the  point  is  designed  inside  tailor 
cover  and  filled  with  seal  rubber.  For  the  connection  of  branch  plug  and  electi*oexplosive  cartiidge,  seal  spacer  is 
applied  to. 

3)  Vibration-Protecting  Design^ 

It  is  important  in  design  for  the  components  and  installing  conduit  to  stand  strong  vibration  of  engines.  Therefore  one 
aspect  is  set  stricter  demand  of  vibration  environment,  another  is  demand  all  installing  conduit  avoiding  main  frequency 
of  the  engine.  The  following  introduces  vibration-resistance  and  vibration-  attenuation  designs  for  installing  conduit. 

The  major  measures  taken  for  vibration-resistance  of  the  installing  conduit  is  to  operate  overall  position  welding  of  it. 
For  the  requirement  of  sealing  and  fatigue-resistance  of  high-temp  (to  850 □)  gas  conduit  and  normal-temp  conduit, 
automatic  impulse  argon  arch  welding  is  applied  to  the  installing  conduit.  Because  of  adding  no  filling,  weld  bead  is 
smooth  and  there  isn’t  lumped  mass;  because  of  heating  discontinuously,  grain  crystal  of  weld  bead  are  in  small 
particles  and  there  is  no  crystal-boundary  corrosion,  therefore  perfoimance  of  fatigue-resistance  has  been  greatly 
improved.  In  selecting  shapes  of  conduit,  stationaiy  requirement  is  demanded  for  decreasing  rigidity  to  eliminate  stress 
by  being  out  of  shape,  while  dynamic  requirement  is  demanded  its  natural  vibration  frequency  avoiding  main  frequency 
of  the  engine  and  not  occurring  harmonic  oscillation. 

4.4  Reliability  Design  Engineering  for  Problem-shooting 

The  LMRE  have  developed  3  series  (LM-2,  LM-3,  and  LM-4),  9  models  in  the  past  30  years.  It  has  good  heritage  and 
better  improvement.  New  techniques  have  been  applied  to  perfect  the  design  and  manufacturing,  and  to  increase 
reliability  of  the  engine.  It  is  keynote  to  solve  unstable  combustion. 

The  combustion  instability  may  be  due  to  spraying,  breaking  of  liquid-drop,  fogging,  turbulent  mixture  and  other 
chemical  reactions.  There  is  high-frequency  combustion  instability  like  acoustic  oscillation,  coupled  and  low  frequency 
combustion  instability,  among  which  high  frequency  combustion  instability  is  the  most  destmctive  one. 

It  is  clear  to  note  combustion  instability  in  the  chamber  pressure,  with  oscillation  frequency  ranging  from  below 
lOOHz  to  thousands,  pressure  oscillation  ranging  from  10%  to  1000%  of  chamber  steady-state  pressure.  And  it  is  also 
apparent  to  see  the  change  in  mechanical  vibration  with  high-energy  order. 

The  unstable  combustion  can  cause  serious  vibration,  decrease  the  performance,  creating  uncontrollable  impulse  and 
even  the  destruction  of  thrust  chamber  and  injector.  Under  any  of  the  conditions,  the  engine  will  not  work  properly.  The 
problem  must  be  solved  to  ensure  reliable  work  of  the  engine. 

If  damping  progress  is  strong  enough  to  cause  to  exhaust  energy  faster  than  is  provided,  the  oscillation  will  fall  weak. 
Therefore  the  adding  of  damping  and  decease  the  coupling  with  exciting  force  can  prevent  the  unstable  combustion. 

4.4.1  To  Solve  Transverse  High-frequency  Combustion  Instabilitv"^ 

One  of  the  most  important  subjects  in  manufacturing  liquid  propellant  rocket  engines  is  to  do  away  with  high 
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frequency  unstable  combustion  in  the  combustion  chamber.  It  is  most  destructive  and  difficult  to  control 

Destroy  modality  of  high-frequency  unstable  combustion  is  follow: 
a.  Bum-down  around  the  injector  and  interior  wall  of  chamber, 
b.  Destruction  of  engine  components,  including  tear-away  of  weld  bead,  breakout  of  line  and  loosening  of 
connections. 

The  combustion  system  affects  stability  with  high  frequency  in  two  aspects.  One  is  the  magniaide  of  energy 
supporting  oscillation  under  the  given  dismrbance  of  pressure;  the  other  is  relationship  between  the  time  of  energy 
supporting  supply  oscillation  and  the  period  of  the  disturbance. 

Both  aspects  are  associated  with  the  design  of  injector  and  baffle.  Therefore  an  excellent  injector,  a  good  baffle 
suitable  to  the  injector  type  is  of  great  importance.  Great  care  has  been  taken  to  the  LMRE  in  solving  unstable 
combustion,  taking  the  design  of  injector  and  hub-type  baffle  into  great  consideration. 

The  schematic  diagram  of  the  structure  of  the  combustion  chamber  head  is  shown  in  fig.2. 


1— injector  2— baffle  3— top  cover  assembly 
Fig.2.  Schematic  Diagram  of  Structure  of  the  Combustion  Chamber  Head 

1)  Design  of  Injector 

The  design  quality  and  machining  precision  of  an  injector  have  a  great  influence  on  the  stability,  efficiency  of 
combustion  in  the  combustion  chamber  and  the  lifetime  of  the  chamber.  For  this  reason,  particular  regard  is  paid  to 
design  and  production  of  an  injector  in  the  course  of  development  of  a  combustion  chamber.  The  discussion  in  this 
paper  will  center  on  its  design. 

A  good  injector  shall  meet  the  following  requirements: 
a .  Comparatively  good  combustion  stability, 
b  .  Comparatively  properties  in  combustion, 
c  .  Good  starting,  cutoff  and  cooling  properties, 
d .  Good  technique. 

Among  these  things,  to  ensure  the  combustion  stability  is  one  of  the  fundamental  but  most  important  requirements. 
To  meet  this,  principles  of  designing  injector  of  the  LMRE  are  set  as  follows: 

a  .  To  Adopt  an  Adequate  Radial  Flow  Rate  Intensity  Distribution 
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The  distribution  of  flow  rate  intensity  from  an  injector  has  a  heavy  effect  on  the  transverse  high-frequency  stability.  It 
is  contrary  to  the  distribution  of  pressure  amplitude  of  possible  high-frequency  instability  combustion  mode,  namely, 
the  minimum  flow  rate  intensity  is  distributed  close  to  the  antinode,  whereas  the  maximum  one  near  the  wave  node.  In 
order  to  restrain  the  radial  and  tangential  combustion  instability,  a  rather  fast-rise  double-humped  wave  distribution  of 
flow  rate  intensity  in  radial  is  adopted  and  a  projecting  flow  rate  intensity  distribution  in  the  central  ai*ea  and  the  middle 
of  the  fan  section  in  the  injector  surface.  The  projecting  flow  rate  intensity  is  1.2  to  1.9  times  the  mean  flow  rate 
intensity. 

b.  To  Adopt  Liquid-phase  Zoning 

In  order  to  improve  combustion  stability,  such  a  particular  nozzle  as  to  divide  the  injector  into  some  subzones  is 
adopted  in  design  of  an  injector.  Adopting  a  particular  nozzle,  which  differs  from  basic  one  aim  to  form  non-uniformity 
of  flow  rate  intensity,  resulting  out  of  accord  of  burning  surfaces. 

Based  on  these  principles,  the  injector  elements  and  their  configuration,  the  distribution  of  flow  rate  intensity,  the 
distribution  of  excess  oxidizer  coefficient  a  and  the  sizes  of  subzones  of  the  head  are  all  meticulously  designed.  The 
following  is  a  brief  description  of  the  distribution  of  flow  rate  intensity  in  chamber  of  the  LMRE: 

The  flow  rate  intensity  is  highest  and  the  energy  releasing  is  most  concentrated  at  the  radial  position  of  a  radius  of 
1 45.3mm  in  the  fan  section  of  the  baffle,  which  is  simply  close  to  the  pressure  node. 

The  flow  rate  intensity  is  considerably  high  in  the  area  around  the  center  of  the  circumferential  baffle.  This  area  is 
just  the  pressure  node,  which  conforms  to  the  design  principles. 

There  are  small  holes  for  cooling  fuel  in  either  the  baffle  or  around  the  chamber  wall,  causing  an  area  of  low  excess 
oxidizer  coefficient.  Such  a  design,  on  one  hand,  meets  the  requirement  for  cooling  and,  on  the  other  hand,  keeps  the 
energy  releasing  rate  under  control  at  the  position  of  pressure  amplitude,  meeting  the  requirement  of  combustion 
stability. 

From  eleven  schemes  is  selected  an  optimum  one  for  injector  which  is  a  layout  in  the  form  of  two-direct  orifice  like- 
impinging  element  with  concentric  circles.  Such  a  layout  makes  up  a  concentric  circle  flame  surface,  which  brings  a 
powerful  restraint  on  the  transverse  pressure  oscillation. 

Hosts  of  hot-firing  tests  and  flights  prove  that  high-frequency  combustion  instability  has  never  happened  to  any 
LMRE. 

2)  Setting  Baffle 

The  baffle  is  a  damping  device,  which  is  installed  on  the  injector.  It  achieves  the  aim  at  restraint  on  the  low-order 
transverse  high  frequency  oscillation  by  varying  the  acoustic  performance  of  the  chamber,  limiting  the  oscillatory  Flow 
State  and  restraining  the  oscillation. 

Much  attention  has  been  paid  to  the  combustion  instability  even  since  the  very  beginning  of  development  of  the 
LMRE.  In  the  original  scheme  was  adopted  a  hub-type  baffle  which  involves  a  circumferential  baffle  and  six  radial 
baffle  with  a  height  of  100mm,  hence  simply  the  name  of  6x1-100  baffle,  which  is  connected  to  an  injector  by  welding. 
Introduction  of  the  baffle  has  the  process  of  atomization,  mixing  and  initial  burning  of  the  propellant  completed 
separately  in  a  number  of  parts,  thus  changing  the  characteristics  of  the  acoustic  oscillation  of  the  gas  in  the  main 
combustion  space  of  a  combustion  chamber  and  strengthening  the  damping  effect  on  the  acoustic  oscillation.  The 
baffle’s  functions  ai*e  generalized  as  follows: 

a.  It  can  greatly  raise  the  natural  frequency  of  a  combustion  chamber,  sharpen  its  ability  against  transverse 
combustion  oscillation  and  reinforce  its  inherent  stability. 

b.  It  can  obviously  strengthen  the  dissipation  function  of  the  chamber.  The  change  of  its  height  and  number  directly 
affects  the  whole  process  of  fragmentation,  atomization,  mixing  and  burning  of  propellant  so  that  the  pressure  wave’s 
dissipation  at  the  density  medium  interfacing  consequently  changes.  This  effect  is  comprehensively  expressed  by  a 
change  in  mean  sound  velocity  of  the  gas,  and  in  the  end  embodied  by  a  change  in  oscillation  frequency  and  amplitude. 

The  following  is  a  brief  analysis  of  how  the  baffle  raises  the  oscillation  frequency: 

The  acoustic  oscillation  modal  frequency  in  a  combustion  chamber  is: 
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Where 

f  —  acoustic  oscillation  modal  frequency  in  the  chamber,  Hz; 

LcDrc  —  reduced  length  and  radius  of  the  chamber  respectively,  m; 
c  —  sound  velocity  of  the  gas,  m/s; 

a„,  „  —  coefficient  of  tangential-radial  combination  mode  of  vibration; 


q  —  order  of  longitudinal  vibration  mode. 

a.  Natural  Oscillation  Frequency  in  Combustion  Chamber  without  the  Baffle 

Each  order  oscillation  frequency  in  the  chamber  without  a  baffle  is  found  in  Table2  listed  below  in  accordance  with 
equation  (4): 


Table2  Each  Order  Oscillation  Frequency(Hz)  in  Combustion  Chamber  without  Baffle 


Order  number 

Tangential 

Radial 

Longitudinal 

1 

1729 

3598 

1130 

2 

2868 

6588 

2260 

3 

3945 

9553 

3390 

4 

4993 

12511 

4520 

b.  Natural  Oscillation  Frequency  in  Combustion  Chamber  with  the  Baffle. 

The  mode  of  oscillation  in  the  fan  section  of  6x1-100  baffle  fitted  onto  the  combustion  chamber,  corresponds 
theoretically  to  the  mode  of  combination  of  third  order  tangential  oscillation  with  fourth  order  radial  oscillation  in  the 
chamber  without  baffle,  and  the  natural  oscillation  frequency  is  : 


f 


c 

2  r. 


(5) 


Where 

c=1180m/s,  1477, «  =5.6624  rc=0.2m. 

The  frequency  in  the  fan  section  outside  the  circumferential  baffle  is  16704Hz. 

In  the  same  way,  the  natural  oscillation  frequency  in  the  central  area(diameter  DS0.178m)  inside  the  circumferential 
baffle  can  also  be  found(see  Table  3). 


Table  3  Oscillation  Frequency  (Hz)  in  Areas  in  Combustion  Chamber  with  Baffle 


Order 

number 

Central  area  inside  circumferential  baffle 

Fan  section 

Tangential 

Radial 

Longitudinal 

Combination  type 

(third-ordered  tangential  with  fourth-ordered  radial) 

1 

4117 

8567 

1130 

16704 

2  1 

1 

6829 

11920 

2260 

16704 

The  energy  which  maintains  the  oscillation  is  determined  by  the  oscillation  frequency  and  the  minimum  initial 
amplitude,  i.e., 

E=A^f . (6) 

Where 

E  —  oscillation  energy; 


10 


f  —  oscillation  frequency; 

A  —  minimum  initial  amplitude. 

In  order  to  keep  on  an  oscillation,  there  must  be  minimum  initial  amplitude,  which  relates  nothing  to  the  frequency. 
So  the  minimum  energy  used  to  maintain  the  oscillation  is  of  a  direct  proportion  to  the  oscillation  frequency.  TTiat  is, 
the  amount  of  the  frequency  straightly  relates  to  the  generating  strength  of  combustion  instability.  After  equipped  with 
6x1-100  baffle  in  the  combustion  chamber,  the  lowest-stage -frequency  increases  suddenly,  the  least  energy  to  keep  on  a 
oscillation  is  great  then  to  decrease  the  possibility  of  transverse  oscillation. 

4.4.2  Overcome  the  Coupling  Intermediate  Frequency  Flow-rate-model  Vibration^ 

In  the  design  of  the  combustion,  the  transverse  vibration  is  primarily  considered,  for  it  can  be  a  great  danger. 
Although  adopting  a  reasonable  flow  rate  intensity  distribution  and  a  regenerative  cooling  baffle  can  effectively  restrain 
the  transverse  (including  the  radial  and  tangential)  vibration,  it  has  no  effect  on  restraining  the  longitudinal  vibration. 

In  the  research  and  production  of  the  LMRE,  the  pressure  pulsation  of  the  propellant  feed  line  system  and  the 
pressure  oscillation  of  the  thrust  chamber  once  coupled,  which  is  presented  by  a  leading  mode  of  vibration  of  800- 
lOOOHz  in  the  hot-firing  test.  The  transient  parameter  of  the  different  mechanical  vibration,  of  the  pressure  pulsation  in 
the  line  and  of  dynamic  strain  in  the  combustion  chamber  cylindrical  section,  as  well  as  the  column  dynamic  strain, 
etc.,  all  show  this  vibration  frequency.  The  pressure  pulsation  in  the  combustion  chamber  is  strengthened  together  with 
the  fluid  pressure  pulsation  of  liquid  in  the  line,  stimulating  strong  oscillation  combustion,  bringing  an  effect  on  the 
combustion  chamber  and  the  whole  engine’s  work.  After  a  careful  research  on  the  hot-firing  test,  in  case  of  a  coupling 
vibration,  the  features  would  be: 

a.  Each  part,  assembly  or  subassembly  will  be  damaged  to  a  different  degree. 

b.  If  the  vibration  becomes  more  violent,  it  will  lead  to  the  failure  of  the  hot-firing  test  and  produces  effect  on  the 
reliability  of  the  engine. 

c.  The  oscillograph  used  to  measure  vibration  presents  a  clear  sine  wave.  Its  frequency  tends  to  be  single.  The 
frequency  splitting  acceleration  is  fairly  near  to  the  comprehensive  acceleration. 

d.  Performance  is  reduced  and  specific  impulse  lowers  greatly. 

e.  The  pressure  oscillation  in  the  combustion  chamber  is  usually  20%  of  the  steady  pressure. 

f.  The  flame  is  of  group  of  red  color  with  mrbid  light.  Sometime  it  throws  out  from  out-let  of  the  nozzle,  and  the 
shock  wave  is  not  clear,  sometimes  long,  sometimes  short,  very  unstable. 

g.  The  sound  tends  to  be  screaming.  There  is  “buzzing”  and  “humming”  sound  in  it. 

When  these  phenomena  last  for  a  rather  long  time,  some  weak  parts  of  the  engine  structure  will  be  partially  fatigue 
failure,  then  the  fire  will  be  leaking  and  the  engine  will  lose  its  ability. 

It  is  analyzed  that  the  800-1000Hz  prominent  vibration  frequency  in  the  hot-firing  test  is  mainly  due  to  the  coupling 
with  the  first-order  vibration  frequency  in  the  combustion  chamber.  First-order  vibration  frequency  in  the  combustion 
chamber  is  about  850-^1  OOOHz  after  calculation  and  acoustic  experiment.  Since  the  main  vibration  resource  of  the 
engine  is  the  combustion  chamber,  and  its  first-order  longitudinal  vibration  frequency  is  the  leading  frequency  of  the 
engine.  This  leading  frequency’s  strong  expression  covers  the  natural  vibration  frequency  of  the  other  assembly.  Hence, 
the  first-order  longitudinal  pressure  pulsation  in  the  combustion  chamber  plays  an  important  role  in  the  vibration  of  the 
engine. 

The  feature  of  the  first-order  longitudinal  vibration  in  the  combustion  chamber  is  a  pressure  peak  existed  on  the 
surface  of  the  injector.  If  there  is  only  a  simple  first-order  longitudinal  vibration  appeared,  the  vibration  would  be 
gradually  decreased  because  of  the  existence  of  a  damping.  It  is  analyzed  that  the  premise  to  continual  vibration  energy 
is  that  there  should  be  a  standing  wave  in  the  oxidizer  main  line,  which  can  be  proved  both  in  theory  and  by 
experiment.  In  theory,  it  can  be  deduced  by  setting  up  a  standing  wave  equation.  If  there  is  a  pressure  pulsation  coming 
from  the  combustion  chamber,  and  there  is  a  perfect  line  length  and  reflecting  surface,  the  standing  wave  can  be 
produced.  Actually,  there  is  an  800'-1000Hz  standing  wave  mode  pressure  pulsation  in  the  oxidizer  main  line,  which 
can  be  proved  by  the  water  acoustic  experiment. 
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Because  of  the  both-sided  effectiveness  of  the  two  dynamic  characteristics  of  the  propellant  feed  system  and  the 
combustion  chamber,  this  coupling  vibration,  in  the  end,  shows  a  great  change  of  flow  rate.  The  vibration  frequency  is 
the  first-order  longitudinal  intermediate  frequency,  the  energy  used  to  go  on  this  vibration  is  the  great  pulsation  of  the 
flow  rate,  so  this  is  called  an  intermediate  frequency  flow-rate-model  vibration. 

To  improve  reliability  of  the  engine,  the  intermediate  frequency  flow-rate-model  vibration  must  be  overcome.  So  it 
needs  to  take  a  measurement  of  vibration-resistance  and  vibration-attenuation.  According  to  the  generation  mechanism 
and  development  mechanism  of  the  intermediate  frequency  flow-rate-model  vibration,  measures  should  be  adopted  in 
the  combustion  chamber  and  in  the  propellant  feed  system. 
a>  The  Scheme  of  Improving  the  Injector 

In  the  design,  except  the  combustion  efficiency,  protection  with  baffle  and  the  anti-high  frequency  combustion 
instability  is  considered,  it  is  emphatically  considered  to  restrain  intermediate  frequency  flow-rate-model  vibration,  and 
the  injector  of  the  “K”  scheme  is  selected  from  many  schemes.  In  detail,  it  is  to  lower  the  injector  pressure  loss  and 
adjust  its  pressure  loss  ratio,  to  use  an  outstanding  cone-shaped  flow  rate  intensity  distribution  and  have  big  flow  rate 
intensity  in  both  sides  of  the  baffle,  to  reduce  the  jet  stream’s  knocking  angle  rightly.  Just  because  of  the  above 
measure,  when  the  geometi'ic  size  is  certain,  the  acoustic  oscillation  frequency  will  change  with  the  changing  of  the 
gases  parameter,  it  will  lower  50-'100Hz  on  the  basis  of  the  former  one.  This  will  miss  the  responding  frequency  of  the 
oxidizer  main  line. 

b.  To  Take  a  Vibration-damping  Measure  in  Propellant  Feed  System 

Add  a  calibration  orifice  for  the  fixed  throttle  pressure  in  the  oxidizer  main  line.  After  that,  the  vibration-damping 
will  become  a  reality.  However,  with  different  position  of  the  calibration  orifice,  there  will  be  different  damping 
affection.  When  the  calibration  orifice  is  placed  in  the  pressure  wave  node  (that  is,  flow  rate  wave  loop),  it  will  have  the 
best  effect.  Furthermore,  the  bigger  the  throttle  pressure,  the  more  outstanding  effect  it  has.  Since  the  distance  away 
from  it  reduces  the  amplitude  of  the  flow  rate  forced  vibration  caused  by  the  combustion  chamber,  to  set  the  calibration 
orifice  in  the  flow  rate  wave  loop  nearest  to  the  chamber  will  have  the  best  result.  At  present,  the  throttle  pressure  of  the 
calibration  orifice  is  0.686MPa. 

The  above  two  measures  are  called  “OK”  scheme  in  the  LMRE. 

4.4.3  To  Solve  the  Low  Frequency  Combustion  Instability  of  Gas  Generator^ 

The  excess  oxidizer  coefficienta  of  the  first-stage  and  second-stage  main  engine’s  gas  generator  in  the  LMRE  is 
0.067.  One  part  of  the  released  energy  by  combustion  under  a  low  coefficient  is  to  maintain  the  normal  combustion,  the 
other  part  is  for  the  evaporation,  the  vaporization  of  un-combustioned  fuel  and  the  mixture  with  gas.  Therefore,  the  time 
is  comparatively  long  which  fuel  stay  at  gas  generator,  it  is  easy  to  cause  low-frequency  vibration  and  low-frequency 
combustion  instability.  For  this  reason,  it  should  take  the  following  measurements  in  the  gas  generator. 

a.  Use  a  high  excess  oxidizer  coefficient  adistribution  in  the  central  area  of  tlie  gas  generator  head,  then  a  high 
temperature  strong  flame  is  produced  in  this  area. 

b.  Select  a  fitful  gas  generator  capacity  to  shorten  the  delay  of  the  combustion  product. 

c.  Increase  the  injector’s  pressure  loss,  improve  the  quality  of  the  mixed  and  atomization,  increase  the  ability  of 
resisting  pressure  pulsation  in  the  generator  and  effectively  avoid  the  low  frequency  combustion  instability. 

4.5  The  Measures  of  Improving  Performance  Reliability^^ 

The  reliability  of  an  engine  includes  two  aspects— structure  reliability  and  performance  reliability.  We  have  mainly 
introduced  the  measures  of  improving  the  sUiacture  reliability  above.  In  fact,  the  engine’s  performance  precision  which 
decides  the  rocket  whether  could  finish  the  duty  exactly  is  the  key  index.  During  the  research  of  the  LMRE,  we  always 
pay  attention  to  the  improvement  of  performance  precision. 
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On  the  design,  we  used  calibration  orifice  and  cavitating  venturi  as  flow  rate  regulation  unit,  the  second-stage  engine 
was  equipped  with  full  cavitating  venturi  design.  Because  of  its  work  character,  its  pressure  fluctuation  of  downstream 
could  not  influence  the  upstream,  therefore,  the  engine’s  flow  rate  could  control  exactly  on  condition  that  pressure 
behind  pump  is  stable  and  the  thrust  chamber  pressure  fluctuation  could  not  influence  flow  rate  change  of  propellant 
feed  system. 

The  flow  rate  control  precision  of  calibration  orifice  is  about  3^5%,  the  flow  rate  precision  of  cavitating  venturi  is 
about  2-3%. 

On  the  test,  some  main  assembling  unit  connected  with  the  perfoimance  of  engine  such  as  thrust  chamber, 
turbopump,  gas  generator,  calibration  orifice,  cavitating  venturi  and  cooler  have  been  test  by  hydraulic  test,  so  that  we 
can  get  precision  flow  resistance  data  of  all  assembling  units.  Then,  according  to  the  flow  resistance  data,  we  can  adjust 
the  working  parameter  of  engine,  such  as  speed,  combustion  chamber  pressure  etc.  Furthermore,  in  order  to  keep  the 
stability  of  the  test  system,  we  should  check  the  test  system,  and  in  order  to  ensure  data  correct,  standard  cavitating 
venturi  is  prepared  for  its  hydraulic  test  to  check  the  test  system. 

5  Measures  for  Reliability  Assurance 

The  reliability  of  the  components  is  the  basic  guai‘antee  of  the  reliability  of  the  engine,  so  the  design  scheme  for  the 
components  should  first  be  carefully  drawn  up  and  then  be  fully  tested  and  verified.  The  design  scheme  is  guaranteed 
by  the  means  of  production.  The  production  quality  provides  a  key  basis  for  the  reliability  guarantee  of  the  engine. 

In  order  to  ensure  high  reliability  of  the  LMRE,  a  series  of  effective  measures  for  production  and  management  have 
been  employed  after  years  of  exploration  and  have  played  an  important  role  in  guaranteeing  the  inherent  reliability. 

The  major  measures  are  as  follows^: 

a.  Strictly  control  the  working  accuracy  of  all  the  units. 

b.  Perfect  the  technology  standards,  and  advance  the  working  accuracy  of  small  hole  of  the  injector. 

c.  Employ  advanced  technological  methods  to  guarantee  the  design  conditions. 

d.  Strictly  control  welding  status,  optimize  welding  parameters,  advance  and  stabilize  welding  qualities. 

e.  The  nozzle  extension  of  the  second  stage  main  engine  is  a  channeling  and  brazing  structure,  with  its  structure 
being  compact,  its  mould  being  double  circular  arc,  and  its  cooling  channel  being  of  small  flow  resistance.  The  method 
of  power  spinning  is  employed  to  make  semifinished  product  of  channeling  section  in  interwall  of  tail  nozzle  of  thrust 
chamber  of  the  second-stage  main  engine,  improve  the  production  quality  and  solve  its  problem  of  butt-joint 
misplacement  and  non-synchronize  of  welding  contract  with  ahead  section. 

f.  Improve  the  molding  technique  and  the  casting  quality  on  the  basis  of  the  casting  techniques  available. 

g.  Improve  the  quality  of  the  forge  pieces  and  stabilize  the  performance  of  the  machinery. 

h.  Strictly  conti*ol  the  alteration  of  the  design  conditions  and  technological  conditions.  All  the  altered  parts  should 
undergo  evaluation  and  can  only  then  be  carried  on. 

6  Reliability  Test  and  Evaluation 

6.1  Reliability  Test 

Since  the  research  of  first-stage  engine  of  Long  March  launch  vehicle  has  been  hot-firing  test  98  times  and  add  up 
to  24992.3  seconds,  second-stage  main  engine  has  been  hot-firing  test  100  times  and  add  up  to  23473.42  seconds, 
second-stage  vernier  engine  has  been  test  77  times  and  add  up  to  51279.77  seconds.  After  a  lot  of  test,  all  kinds  of 
faults  of  engines  are  found.  In  order  to  keep  high  reliability,  it  is  necessary  for  fault-parts  to  be  improved  design,  based 
on  design-test-improving  design-test  steps. 

The  reliability  tests  consists  of  the  reliability  test  of  the  assembling  unit  and  the  reliability  test  of  the  engine,  mainly 
including  the  turbopump  linkage  test,  the  reliability  test  of  the  ignition  of  the  electroexplosive  cartridge,  the  vibration 
test  of  each  component,  the  combustion  stability  rating  test  of  the  combustion  chamber,  the  engine  reliability  test  for 
the  integrity,  the  performance  hot-firing  test  of  the  engine,  engine  test  under  simulated  high/  low  ambient  temperature 
condition,  etc.  The  following  discussions  are  focused  on  the  reliability  hot-firing  test  for  the  integrity. 
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The  aim  of  the  reliability  hot-firing  test  is  as  follows:  expose  the  defects  of  the  engine  in  its  design,  technology,  and 
raw  material,  etc.,  through  improving  design  and  manner  and  then  improve  it  to  eliminate  defects  or  faults,  thus 
gradually  increasing  the  reliability  of  the  engine. 

In  order  to  fully  expose  the  defects  of  the  engine,  the  LMRE  is  put  to  a  reliability  hot-firing  test,  which  employs  the 
method  of  altering  the  operating  parameter  and  prolonging  its  working  time,  with  choosing  the  thrust  and  the  mixture 
ratio  as  its  working  parameters.  The  condition  of  the  reliability  hot-firing  test  is  shown  in  figure  below. 
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Fig.3.  The  conditions  of  tlie  reliability  hot  firing  test 
AO  refers  rated  condition; 

A1  ,A2,A3,A4  refer  border  condition; 

B1  ,B2,B3,B4  refer  reliability  demonstration  condition. 


In  figure  3: 

Ao  represents  the  rated  condition  of  the  engine,  determined  by  the  nominal  thrust  Fq  and  the  nominal  mixture  ratio  Kq. 

AF,AK  are  the  allowable  thrust  deviation  and  mixture  ratio  deviation  respectively  both  of  which  as  well  as  the  rated 
condition  determine  the  four  work  mode  points  B1B2B3B4.  With  these  four  points  as  the  vertexes,  a  square  is  thus 
formed.  Obviously,  under  any  condition  determined  by  the  thrust  and  the  mixture  ratio  indicated  by  any  point  within 
the  square,  the  engine  should  operate  with  reliability.  The  reliability  of  the  engine  refers  to  the  reliability  of  any  point 
within  this  square. 

In  order  to  expose  better  the  weak  links  of  the  engine,  the  Square  A1A2A3A4  that  is  much  larger  than  the  Square 
B]B2B3B4  is  taken  into  account  in  the  hot-firing  test  of  the  LMRE.  If  the  engine  can  operate  with  reliability  within  the 
Square  A1A2A3A4,  it  is  certain  that  the  engine  will  operate  with  higher  reliability  within  the  Square  B1B2B3B4.  The 
vertexes  of  the  Square  A1A2A3A4  are  generally  determined  by  -H  10-15%  of  the  nominal  number.  The  hot-firing  test 
time  is  3-4  times  the  nominal  working  time,  and  can  also  be  determined  by  the  capacity  of  test-bed. 

The  engine’s  reliability  will  not  increase  through  the  reliability  test  itself.  The  test  is  carried  out  mainly  to  expose  the 
weak  links  and  faults,  then  analyze  the  cause  of  the  faults  exposed  in  the  test  and  put  forwai'd  some  measures  to  make 
improvements,  and  then  verify  it  through  tests.  Thus  it  is  a  process  of  “test — improvement — ^retest — ^re-improvement”. 
The  verification  of  the  measures  for  improvements  will  prove  an  increase  in  the  reliability  of  the  engine,  Furthermore, 
the  reliability  test  is  also  carried  out  to  provide  information  and  basis  for  the  reliability  estimation. 

6.2  Reliability  Evaluation 

To  evaluate  the  reliability,  such  method  is  employed:  a  method  for  the  evaluation  is  determined  according  to  the  sub¬ 
samples  of  the  reliability  available  and  then  is  employed  to  calculate  the  reliability  of  the  engine.  The  normal 
distribution  method  is  adopted  to  evaluate  the  performance  reliability  of  the  LMRE  and  the  Weibull  distribution 
method  to  evaluate  the  structure  reliability. 

6.2.1  Performance  Reliability  Evaluation  ^ 

Performance  reliability  refers  to  the  probability  of  parameters  of  the  engine,  such  as  thrust,  specific  impulse,  and 
mixture  ratio  etc.,  within  the  designated  allowance  belt.  Obviously,  performance  reliability  is  connected  with  the  size  of 
the  allowance  belt,  that  is,  the  broader  the  allowance  belt,  the  higher  the  calculated  performance  reliability  will  be. 

The  normal  distribution  method  is  adopted  to  evaluate  the  performance  reliability  of  the  LMRE. 
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The  probability  of  performance  parameter  within  the  interval  [//“/(7<;if<//  +  /cr]  is  named  the  performance 
reliability  R,  namely, 

p[//-“/a  <;ir<  //  +  /a]-R . 

Where 

jj —  the  expected  value  of  the  parameter; 
a —  the  standard  deviation  of  the  parameter; 

I  —  be  traced  from  the  normal  distribution  table  and  R. 

Under  the  few  times  of  hot-firing  test,  both  |Jandaare  unknown  numbers,  so  the  following  formula  is  used  to  evaluate 
the  interval  [//-/cr,//  +  /<7] 

pfc-jt5<//±/cr<jc  +  A^s]=l-a . DSD 

Where 


1  -  Of  —  degree  of  confidence; 


—  —  ^ 

X  —  average  value,  x  =  /  n\ 

7  =  1 


'vanance, 


/=1 


Probability  of  the  parameter  x  within  the  interval  is  named  the  reliability  R  of  the  degree  of 


confidence  \-a. 


6.2.2  Structure  Reliability  Evaluation^ 

Structure  relaibility  evaluation  consists  of  two  units  as  the  assembling  units  and  the  engine.  The  reliability  test  for 
some  assembling  units  is  carried  out  with  the  engine,  while  some  assemblies  as  the  electroexplosive  cartridge  and  the 
prevalve  estimating  individually. 

Prevalve  reliability  is  determined  by  whether  butterfly  plate  can  be  opened  correctly  and  captured  reliability.  Clearly, 
it  has  nothing  to  do  with  the  length  of  engine’s  working  time.  So,  the  prevalve  can  test  and  evaluate  its  reliability 
independmently  apart  from  the  engine. 

The  structure  reliability  evaluation  for  the  engine  is  based  on  the  Weibull  distribution  method.  It  is  hard  for  the  engine 
to  test  the  failure  point  because  of  the  limited  time  of  test-bed.  So,  hot-firing  test  is  usually  taken  the  timing  truncation 
method.  According  to  this,  Weibull-Bayes  method  is  used  to  evaluate  the  reliability. 

The  following  is  accounting  formula  for  the  reliability  probability. 


i?^(/o)  =  exp 


toZl{2r-^2) 

IT 


□9D 


where 

m  —  shape  parameter  in  Weibull  distribution,  m~3,  according  to  the  year’s  tested  statistic  analysis; 
to  —  normal  working  time  of  the  engine; 

T=±ir\ 

i-i 

n  —  times  of  the  hot-firing  test  or  flying  time; 

ti  —  actual  hot-firing  time  or  flying  time  of  the  engine,  i=l,2,...,n; 

xl[2r-¥l)  —  underside  number  of  distribution  when  freedom  degree  is  2r+2,  read  from  standard; 

y  —  degree  of  confidence; 
r  —  failure  times. 
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7  Conclusion 

It  is  the  basis  to  guarantee  the  reliability  of  the  LMRE,  along  with  thirty  years  development,  whose  design, 
production  and  test  have  been  becoming  riper  gradually.  Thus,  the  engine’s  inherent  reliability  level  makes  steady 
progress  through  continuously  adopting  the  reliability  engineering.  In  the  respect  concerned  with  maintenance  for  the 
engine,  which  has  few  items  for  surveying  and  testing  after  delivering.  There  mainly  has  the  installation  of  priming 
system,  the  electronic  system  test,  which  improve  the  maintenance  reliability,  and  ensure  the  engine’s  inherent 
reliability.  Since  having  been  employed  many  measures  for  ensuring  the  reliability,  the  engine  hot  firing  test  has 
basically  already  eliminated  failures,  then  the  success  ratio  is  up  to  100%  in  all  Long  March  vehicle  flight  missions. 

In  spite  of  above  success,  at  the  present  time,  the  main  aim  of  the  LMRE  is  still  to  guarantee  its  reliability,  and  then 
perfects  its  engine’s  design,  production  and  test. 
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Micro  Propulsion  Cold  Gas  Thrusters 
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Propulsive  Jet/  External  Flow 
Interaction  Studies 


Basic  studies 

Base  pressure/  jet  eiitraiiiinent 
Steady  and  unsteady  effect 


1.  Validation  exp.  Using  simplified  models 
TU  Delft  /ONERA/FFA  (cold)  for 
underexpanded  (blockage  region)  and 
overexpanded  flow  (aspiration  region): 
effects. 


2.  Infiuence  of  hot  plumes. 

TNO  experiments  ( future) 

Flight  data  (Russian  lessons  learned) 


Generic  Studies 


EXTV;  Exp.  FFA,  S4  facility 
Comp:  ESTEC,  EPFL,  DLR 


Issues:  Twin  plume  interaction  on 
base  +  body  flap  +  external  flow 
+  flight  extrapolation 


ARIANE  5  :  Base  flow  /  jet 
interaction  numerical 
/experimental  activities 

Exp.  NLR/FFA/ONERA 
Numerical  analysis  :  ONERA, 
AML,  ESTEC , 

ARIANE  5  :  Buffeting  correlation 
activities 

Exp.:  FFA,ONERA 
Numerical  analyses: 

ESTEC, ONERA,FFA, AML 
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EXHAUST  Pn»E  FLOW  INTERACTION 


TRP/GSTP  Activities  on  nozzle 
Technologies 


I  TRP  (DASA,  SNECMA,  UNIROME,  TU  Uclft, 

TU  Dresden) 


7  Experimental  &  Numerical  Analysis  of 
Flowfield 

Optimization  /  effect  of  Plug  Siiape/cut  off 
Influence  of  external  flow 
Influence  of  side  fences  (3d  effects) 

Trust  vector  control 

Engineering  Performance  Model  for  flight 
conflgnration 


♦  t 


II GSTP  (VAC,  FFA) 


High  quality  axlsymmetric  validation  data  for 
CFD  on  similar  plug  configuration 

Investigation  of  unsteady  flow  phenomena/ 
side  loads  for  e.g. 

•  -  Extendible  bell  nozzle 

* 

-  Dual  bell  nozzle 


Experimental  &  Numerical  Prediction  + 
Performance  model  construction  and  validation 
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Ill  TRP  (DAS A, ...) 


Performance  Analysis  +  Modeling  for 
Expansion/  Deflection  nozzle 
Concept 

Concept/System  trade-off: 

-  Performance 

-  System  engineering  Issnes;  mass,  length, 
engine 


Basic  Investigation  of  nsefnlness  of  alternative 
concepts 


Nozzle  Separation/Cooling  Activities 


Nnmerical/Experimental  ( on  groiiiul ) 

Start  up/shut  down  shock  patterns 

Influence  of  chemistry 
Frozen  flows 
No  equilibrium  flow 

Influence  of  film  cooling 

Influence  of  3D  effects 

Influence  of  surface  roughness 

Post  combustion 


Interaction  with  external  flow  ( numerically 
in  flight ) 
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Rajendran  Mohanraj* 

Houshang  Ebrahimi** 

Charles  L.  Merkle*** 
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Abstract 

Pulsed  detonation  engines  give  promise  of  improved  efficiency  and  reduced  pumping 
requirements  for  space  transportation.  The  overall  operation  of  a  pulsed  detonation  engine  is 
discussed  and  multi-cycle  performance  estimates  are  presented  using  a  quasi  one  dimensional 
model  with  a  single  progress  variable  equation  to  represent  chemical  reaction.  The  one¬ 
dimensional  results  are  verified  against  a  multi-dimensional  model.  The  emphasis  is  on 
application  to  rockets  burning  hydrogen  and  oxygen  at  stoichiometric  conditions.  The  effects 
of  adding  a  variable  area  nozzle  are  shown  to  improve  performance  at  altitude  conditions  but 
to  penalize  performance  at  low  altitudes.  The  improvement  in  specific  impulse  at  altitude 
increases  with  area  expansion  ratio  in  much  the  same  manner  as  for  a  conventional  rocket 
engine.  Increasing  the  length  of  the  nozzle  while  keeping  the  overall  engine  length  fixed 
decreases  the  specific  impulse  indicating  that  the  detailed  shape  of  the  nozzle  may  be  of 
importance.  Variation^  in  the  fraction  of  the  tube  that  is  filled  with  propellant  cause  minor 
variations  in  the  specific  impulse  suggesting  that  detailed  changes  in  the  unsteady  wave 
dynamics  can  have  a  measurable  effect  on  performance.  Detailed  physics  are  exemplified  in 
jc-t  diagram.  -  . 

Introduction  and  Background 

Pulsed  Detonation  Engines  (PDE’s)  have  received  a  considerable  amount  of  attention  in  the 
past  several  years  as  potential  advanced  propulsion  engines  for  air  and  space  travel’"^. 
PDE's  differ  from  conventional  propulsion  engines  in  two  basic  ways.  First,  as  their  name 
implies,  they  produce  thrust  in  an  intermittent  or  'pulsed'  manner  as  contrasted  with  the 
continuous  thrust  produced  by  most  conventional  propulsive  systems.  Second,  they  use  a 
detonation  instead  of  the  more  familiar  deflagration  process  to  convert  the  chemical  energy 
of  the  propellants  to  thermal  energy.  Potential  implementations  of  PDE’s  encompass  both 
air-breathing  and  non-air-breathing  applications.  The  air-breathing  versions  collect  air  from 
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the  surrounding  atmosphere  to  serve  as  the  oxidizer,  while  the  non-air-breathing  versions 
cany  their  oxidizer  on  board.  In  the  latter  case,  the  device  is  sometimes  referred  to  as  a 
Pulsed  Detonation  Rocket  Engine  (PDRE)  although  both  air-breathing  and  non-air-breathing 
devices  are  included  in  the  generic  category,  pulsed  detonation  engine.  Although  PDE’s 
have  been  considered  for  a  variety  of  applications,  their  ultimate  use  will  depend  upon  their 
weight,  cost  and  propulsive  performance  as  compared  with  competing  conventional  systems. 

In  its  simplest  form,  a  pulsed  detonation  engine  is  composed  of  a  long  tube  (the  detonation 
tube)  that  is  closed  at  one  end  and  open  at  the  other.  The  propellants  are  fed  into  the  tube 
through  valves  placed  at  or  near  the  closed  end,  or  perhaps  through  a  series  of  valves 
distributed  along  the  length  of  the  tube.  The  propulsive  cycle  starts  by  filling  the  tube  with 
fuel  and  oxidizer  in  such  a  manner  as  to  provide  a  uniformly  mixed,  detonable  mixture 
throughout  the  length  of  the  tube.  When  the  tube  is  filled,  the  mixture  is  detonated  by  a  spark 
or  other  device  at  some  appropriate  location  in  the  tube.  The  detonation  can  be  initiated  at 
the  closed  end,  the  open  end,  or  somewhere  in  between.  Practical  implications  appear  to 
favor  initiation  firom  the  closed  end,  although  intermediate  locations  including  open-end 
initiation  provide  similar  thermodynamic  performance.  After  the  detonation  wave  has 
propagated  the  entire  length  of  the  tube,  the  hot  gases  are  exhausted  through  the  open  end  to 
provide  thrust  during  a  blow-down  phase.  Following  the  blow-down,  the  valves  are  again 
opened  to  fill  the  tube  and  the  process  repeats. 

Detonations  differ  substantially  from  the  more  commonly  observed  deflagration  process. 
They  provide  a  large  pressure  rise  as  the  reactants  are  burned  and  they  propagate  at 
supersonic  speeds  (few  kilometers  per  second).  The  pressure  rise  afforded  by  a  detonation 
represents  one  of  the  attributes  that  make  a  pulsed  detonation  device  attractive  for  propulsive 
applications.  The  pressure  rise  firom  the  combustion  should  allow  a  reduction  in  the  pumping 
requirements  for  a  given  engine  pressure  level.  The  high  speed  of  the  detonation  process 
implies  that  the  combustion  takes  place  so  rapidly  that  it  is  essentially  a  constant  volume 
process.  The  constant  volume  process  represents  a  potentially  more  efficient  thermodynamic 
cycle  than  a  constant-pressure  deflagration  process  and  provides  a  potential  increase  in 
performance.  In  addition,  the  relative  simplicity  of  the  engine  offers  promise  of  potential 
lower  costs  and  lighter  weights. 

The  concept  of  using  pulsed  detonation  devices  for  propulsive  purposes  has  been  around 
since  the  sixties,  but  improved  understanding  of  the  physics  of  detonation  initiation  has 
recently  led  to  a  resurgence  of  interest  in  the  concept.  Initial  studies  of  the  PDE  concept 
conducted  during  the  60's  and  70's  consistently  resulted  in  experimental  measurements  for 
which  the  predicted  pressure  rise  fell  far  below  anal)dical  estimates.  As  a  result,  interest  in 
the  concept  waned  and  development  efforts  ceased.  Recent  findings  have  suggested  that  the 
apparent  reason  for  the  poor  pressure  rise  in  these  earlier  experiments  was  that  most  failed  to 
produce  detonations  and  so  could  not  achieve  the  advantages  that  come  fi’om  the  detonation 
process.  Improved  understanding  of  the  initiation  process  and  improved  diagnostics  to  verify 
that  detonations  are  achieved  have  recently  allowed  detonations  to  be  produced  in  a  reliable 
and  repeatable  manner^.  This  success  has  once  more  attracted  interest  in  PDFs  as  a  potential 
propulsion  device. 

Reviews  of  previous  works  on  PDE's  in  the  literature  can  be  obtained  from  Eidelman  et  al} 
and  Bratkovich  and  Bussing^.  Kailasanath  et  al?  present  a  review  of  computational  studies 
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of  PDFs.  A  recent  study  by  Cambier  and  Tegner'^  focuses  on  optimization  of  PDE 
performance  by  analyzing  the  effects  of  different  cycling  parameters,  fueling  strategies  and 
nozzle  geometry.  The  present  paper  is  aimed  at  addressing  PDE  operational  characteristics 
from  a  global  perspective  to  identify  the  significant  trends  that  can  be  expected  in  a 
propulsive  environment.  The  paper  presents  parametric  studies  of  a  variety  of  effects 
including  ambient  pressure,  nozzle  geometries  and  non-ideal  effects  such  as  performance 
penalties  associated  Avith  purge  mass  injection. 


Model  Formulation 

The  literature  on  PDE’s  contains  projected  performance  levels  that  differ  by  nearly  a  factor 
of  two  in  specific  impulse.  This  has  created  a  substantial  amount  of  uncertainty  in  the  tme 
attributes  of  such  a  system.  Reliable  mission  studies  are  needed  to  identify  those  arenas 
where  this  new  propulsive  system  can  contribute  but,  before  they  can  be  useful,  these  mission 
studies  require  both  higher  fidelity  performance  estimates  as  well  as  parametric  predictions 
of  the  effects  of  altitude  and  Mach  number  on  performance.  The  focus  of  the  work  described 
in  the  present  paper  is  addressed  toward  these  issues. 

Because  the  emphasis  in  the  present  study  is  on  obtaining  parametric  performance  estimates, 
it  is  important  that  the  resulting  model  provide  rapid  turnaround  time.  Accordingly,  the  focus 
is  on  capturing  the  dominant  physical  effects  with  simple,  global  models.  The  primary 
characterizing  feature  of  PDE’s  is  the  dominant  unsteady,  wavelike  nature  of  its  operation. 
To  simulate  these  unsteady  effects,  the  parametric  studies  are  based  upon  the  unsteady 
equations.  Two  levels  of  modeling  are  used.  In  the  first,  the  quasi-one-dimensional  equations 
are  solved  along  with  simplified  chemistry  to  provide  qualitative  design  estimates  of  the 
performance  characteristics^.  The  global  character  of  the  chemistry  is  incorporated  by  means 
of  single-step  reaction,  and  constant  mecific  heat.  In  the  second,  a  two-dimensional  unsteady 
analysis  with  full  kinetics  is  used  .  This  allows  selected  observations  from  the  one¬ 
dimensional  results  to  be  calibrated.  Finally,  we  have  used  a  one-dimensional  steady 
analysis  of  conventional  rocket  engines  with  the  same  heat  release  and  specific  heats  as  in  the 
PDE  calculations  to  give  back-to-back  comparisons  between  the  PDE  predictions  and 
conventional  engines.  Overall,  comparisons  between  the  present  single-step  formulation  and 
the  full-chemistry  computations  indicate  the  trends  predicted  by  the  two  different 
formulations  are  essentially  identical  and  that  it  takes  relatively  little  effort  to  select  heat 
release  rates  and  specific  heat  ratios  that  also  provide  realistic  levels  of  performance. 


PDE  Operation 

It  is  convenient  to  divide  the  processes  occurring  in  a  single  cycle  of  a  pulsed  detonation 
engine  into  three  phases:  (a)  the  fill  time  during  which  the  chamber  is  filled  with  reactants; 
(b)  the  detonation  travel  time  during  which  the  detonation  is  initiated  and  traverses  through 
the  chamber  consuming  the  reactants;  and  (c)  the  blowdown  time  during  which  the  bulk  of 
the  combustion  products  are  expelled  by  a  system  of  compression  and  rarefraction  waves. 
After  the  blowdown  process,  the  fill  process  starts  again  and  the  cyclic  operation  continues. 
Included  in  the  cycle  are  additional  effects  such  as  finite  valve  response  rates  and  purge  gases 
as  discussed  below.  Note  that  these  three  phases  are  not  mutually  exclusive  since  the 
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blowdown  process  occurs  continually  throughout  the  cycle  and  is  not  limited  to  only  the 
blowdown  phase. 

Periodic  operation  requires  that  all  of  these  processes  be  properly  sequenced  by  some  control 
mechanism.  For  the  results  in  the  present  paper  we  have  controlled  the  global  sequencing  by 
specifying  the  valve  opening  time.  For  finite  response  valves,  this  specified  time 
corresponds  to  the  time  at  which  the  signal  is  given  to  open  the  valve.  The  valve  thus  opens 
in  a  precisely  periodic  manner.  The  timings  for  the  remaining  processes  in  the  cycle  (such  as 
valve  closing  or  detonation  initiation)  are  then  determined  from  the  solution  and  so  vary 
slightly  from  cycle  to  cycle. 

Two  valve  closing  procedures  have  been  used.  In  the  one,  a  chemical  ‘sensor’  is  placed  at  a 
particular  location  in  the  tube  that  senses  the  arrival  of  the  reactant-product  interface  and 
gives  a  signal  to  close  the  valve.  In  the  second,  the  total  mass  of  propellants  in  the  tube  is 
computed  and  the  signal  to  close  the  valves  is  given  when  the  desired  amount  of  propellant 
has  been  delivered.  For  either  of  these  criteria,  the  valve  closing  time  involves  some 
judgement.  First  fi:esh  propellants  continue  to  flow  into  the  chamber  after  the  signal  for 
closing  the  valve  has  been  given  (unless  the  valve  is  infinitely  fast).  Second,  even  though  the 
detonation  moves  very  rapidly,  it  takes  a  finite  amount  of  time  to  traverse  the  tube.  In  this 
time  the  fresh  reactants  continue  to  move  through  the  tube  and  can  be  lost  to  the  outside 
before  the  detonation  arrives.  Consequently,  the  signal  to  close  the  valve  must  anticipate 
both  the  valve  closing  interval  and  the  detonation  propagation  time  while  striving  to  fill  the 
desired  fraction  of  the  tube. 

The  propellant  flow  rate  through  the  inlet  valve  is  determined  by  specifying  the  stagnation 
pressure  and  temperature  of  the  incoming  gas  along  with  its  chemical  composition  and  a 
valve  orifice  area.  The  reservoir  conditions  are  analogous  to  a  pump  feed  into  a  reservoir. 
These  key  geometric  parameters  are  summarized  in  Fig.  1. 

A  very  simple  model  is  used  for  finite-rate  valves.  During  the  opening  process,  the  valve 
area  is  increased  linearly  with  time  from  zero  to  the  full  area  in  a  specified  valve  response 
time,  Valve  closing  is  treated  in  an  analogous  manner. 

In  conjunction  with  the  valve  opening  process,  we  also  make  allowance  for  a  purge  gas  that 
places  a  slug  of  inert  buffer  gas  between  the  hot,  burned  gases,  and  the  cold  incoming 
propellants.  This  purge  gas  ensures  that  the  hot  products  do  not  come  in  contact  with  the 
freshly  injected  reactants  and  initiate  combustion  prior  to  the  detonation.  The  amount  of 
piuge  gas  injected  is  specified  as  a  percentage  of  the  total  mass  injected  during  the  fill  phase. 

A  final  important  issue  in  PDE  modeling  is  the  method  used  for  initiating  the  detonation. 
It  is  not  practical  to  simulate  the  initiation  process  in  design-level  studies.  It  is,  however, 
imperative  that  a  detonation  be  initiated.  In  the  present  computations,  detonation  initiation 
has  been  attained  by  increasing  the  temperature  of  a  volume  of  gas  adjacent  to  the  injector 
region  to  2500  K  and  simultaneously  increasing  the  pressure  of  the  gas  in  this  volume  by  a 
factor  of  30.  For  the  present  computations,  this  length  of  this  initiation  zone  was  generally 
chosen  as  1.2  mm. 
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Results 


A  series  of  computations  has  been  performed  to  assess  the  effects  of  a  wide  variety  of 
parameters  including  ambient  pressure,  nozzle  geometry,  the  amount  of  purge  mass  flow, 
characteristic  valve  operating  times  etc.  All  computations  shown  are  for  periodic  conditions 
obtained  by  starting  from  some  arbitrary  initial  condition  and  continuing  until  periodic  cyclic 
operation  is  reached.  This  typically  requires  three  to  four  cycles.  In  most  cases  the  initial 
cycle  was  started  with  the  chamber  filled  with  reactants  at  atmospheric  pressure  and  a 
temperature  of  300  K  except  for  the  region  near  the  closed  end  where  high  pressure  and 
temperatme  conditions  for  initiating  the  detonation  are  specified.  The  eventual  periodic 
results  are  independent  of  the  initial  conditions.  After  periodic  conditions  have  been  reached, 
performance  quantities  such  as  specific  impulse,  thrust,  frequency  of  operation,  etc  are 
computed  for  the  multicycle  PDE  operation  at  the  chosen  operating  conditions. 

The  gas  properties  are  specified  using  /  =  1.25,  Cp  =  2771.4  J/Kg  K,  and  a  heat  content  of 
7.77  X  10®  J/Kg.  The  length  (Z, )  for  all  computations  is  0.5  m.  The  thrust  and  total  mass  flow 
rate  are  computed  on  the  basis  of  a  circular  tube  with  a  diameter  of  4.0  x  10'^  m.  For  most  of 
the  results,  the  reservoir  pressure  (Pr)  is  5  x  10®  Pu  and  the  maximum  valve  area  is  ten 
percent  of  the  cross  sectional  area  at  the  PDE  inlet.  Unless  mentioned  otherwise,  the  valve  is 
closed  at  a  time  such  that  the  detonation  wave  and  the  reactant-product  interface  reach  the 
exit  at  approximately  the  same  time.  Some  results  are  presented  for  which  only  a  portion  of 
the  tube  was  filled. 

For  the  computations  presented,  the  length  of  the  detonation  chamber  was  taken  as  0.5  m, 
and  was  represented  by  2500  equally  spaced  grid  points.  This  corresponds  to  a  cell  Avidth  of 
0.2  mm.  This  resolution  was  chosen  on  the  basis  of  computations  on  grids  of  625,  1250, 
2500,  5000  and  10,000  points.  This  grid  resolution  study  indicated  that  the  results  at  2500 
points  are  reasonably  independent  of  the  grid  spacing.  The  finer  grids  give  minor 
improvements  in  the  diffusion  of  contact  surfaces,  but  the  results  are  globally  similar  and  the 
present  grid  is  ample  for  deducing  PDE  operational  trends.  As  a  quantitative  example  of  the 
changes  observed  as  a  result  of  grid  refinement,  we  quote  here  the  thrust  levels  for  a  case 
with  a  diverging  nozzle  for  which  the  results  are  most  sensitive  to  grid  refinement.  On  three 
successive  grids  (2500,  5000  and  10,000  points  respectively)  the  calculated  values  for  the 
thrust  [N]  computed  were  183.7,  182.6  and  182.8  for  a  back  pressure  J^amb  -  0.0,  and  127.9, 
126.8  and  127.1  for  a  back  pressure,  Pamb  =1.0  atm,  respectively. 

Effects  of  Ambient  Pressure 

One  possible  application  for  pulsed  detonation  rocket  engines  is  as  an  upper  stage  propulsion 
system  for  space  flight.  For  such  applications,  an  issue  of  interest  is  the  dependence  of  PDE 
performance  on  the  ambient  pressure  (Pamb)-  The  imphcations  of  operating  a  PDE  at  low 
ambient  pressures  are  of  particular  interest.  To  investigate  the  manner  in  which  PDE 
operation  changes  with  altitude,  we  begin  by  presenting  the  results  of  a  parametric  study  of 
the  effects  of  ambient  pressure. 

To  introduce  the  study,  we  first  consider  the  results  for  a  reference  case  with  nominal  values 
for  all  parameters  whose  effects  are  studied.  Subsequent  solutions  of  the  effect  of  changing 
the  various  parameters  are  studied  by  varying  one  at  a  time  with  respect  to  this  reference 
case. 
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The  reference  case  involves  a  constant  area  duct  with  no  area  variation  in  the  nozzle.  The 
valve  opening  process  is  controlled  by  the  injection  pressure,  Pi„j  which  is  set  to  one 
atmosphere.  As  soon  as  the  pressme  at  the  closed  end  falls  below  the  threshold  value  of  1.0 
atm,  the  signal  is  given  to  open  the  valve.  Instantaneous  valve  action  (i.e.,  =  0)  was 

assumed.  To  complete  the  definition  of  the  reference  case,  a  purge  rate  of  5%  of  the  total 
injected  mass  was  used. 

As  noted  above,  we  have  divided  the  period  of  operation  into  three  phases.  The  times 
attributed  to  these  three  phases  are  given  in  Fig.  2a  for  PDE  operation  of  this  reference  case. 
A  cursory  inspection  of  the  plot  indicates  that  the  fill  time  is  the  largest  of  the  three  phases  of 
the  cycle,  while  the  detonation  travel  time  is  the  shortest.  This  is  characteristic  of  most  PDE 
operations.  The  results  show  that  the  overall  cycle  time  gradually  decreases  (the  frequency 
increases)  as  Pamb  is  decreased  fi'om  1.0  atm  toward  the  vacuum  limit.  This  decrease  is  a 
direct  result  of  using  the  injection  pressure  as  the  valve  opening  signal.  In  terms  of  the  three 
phases  of  the  cycle,  we  also  see  that  both  the  blowdown  time  and  the  fill  time  decrease  with 
reduced  pressure.  It  is  the  changes  in  these  two  portions  of  the  cycle  that  causes  the 
frequency  to  increase.  The  reason  for  this  behavior  is  that  the  overall  pressure  in  the 
chamber  decreases  with  the  ambient  pressure.  Lower  ambient  pressures  imply  faster  mass 
efflux.  Lower  chamber  pressures  also  imply  that  less  mass  is  required  to  fill  the  chamber, 
and  so  the  (essentially)  constant  mass  inflow  rate  is  terminated  in  less  time.  The  fill  time 
therefore  decreases  because  the  valves  need  to  be  open  for  a  shorter  time  to  inject  the  smaller 
amount  of  mass  per  pulse  required  to  fill  the  chamber  volume.  In  addition  to  the  changes  in 
the  fill  time,  the  blowdown  time  (determined  by  the  time  required  for  the  head  end  pressure 
to  drop  to  1.0  atm)  also  decreases  because  the  lower  chamber  pressure  decreases  to  the  fixed 
injection  pressure  in  less  time  since  it  started  firom  a  lower  pressure. 

The  variation  of  the  specific  impulse  (4^),  thrust,  frequency  and  average  mass  flow  rate,  with 
the  ambient  pressure  are  shown  on  Fig.  2b-e  for  the  reference  and  a  number  of  other  cases. 
First  looking  at  the  reference  case,  the  results  show  that  the  specific  impulse  increases 
substantially  as  the  ambient  pressure  is  lowered  (Fig.  2b).  This  behavior  is  similar  to  that 
seen  for  rocket  engine  operation  and  arises  because  of  the  increased  impulse  per  pulse  firom 
the  pressure-area  term.  The  corresponding  increase  in  thrust  (Fig.  2c)  arises  primarily 
because  the  frequency  increases  (Fig.  2d).  Figure  2e  also  shows  that  the  mass  flow  rate  of 
the  reference  case  decreases  slightly  as  the  pressure  is  reduced.  This  decrease  arises  because 
the  fill  time  decreases  more  rapidly  than  the  cycle  time  (i.e.,  TfiulTosc  decreases,  where  Tf,ii 
and  Tosc  are  the  fill  time  and  the  total  oscillation  period,  see  Fig.  2a). 

Inherent  in  the  results  discussed  above  is  an  important  effect  of  the  impact  of  the 
backpressure.  When  the  ambient  pressure  is  one  atmosphere,  the  PDE  experiences  inflow 
over  a  substantial  firaction  of  the  cycle.  As  the  ambient  pressure  is  lowered  below  1.0  atm, 
the  fi'action  of  the  cycle  during  which  reverse  flow  occurs  diminishes.  At  sufficiently  small 
values  of  Pamb  all  reverse  flow  disappears  and  the  proportion  of  time  that  the  flow  is  choked 
increases.  This  choked  flow  portion  of  the  cycle  eventually  prevents  the  pressure  in  the  tube 
from  decreasing  further  and  enables  a  finite  pressure  to  remain  in  the  tube  even  at  vacuum 
conditions.  Since  the  mean  chamber  pressure  is  relatively  higher  than  Pamb,  more  thrust  is 
obtained.  Note  that  unlike  the  frequency  and  4p  which  monotonically  increase  when  Pamb  is 
lowered,  the  thrust  first  decreases  (dominated  by  the  decrease  in  the  mass  flow  rate)  and  then 
increases  (dominated  by  the  increase  in  the  fi-equency). 
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Purge  Gas  Effects 


Purge  gases  are  needed  between  the  hot  burned  gases  and  the  incoming  unbumed  propellants 
to  prevent  pre-mature  combustion  before  the  detonation  arrives.  The  effect  of  increasing  the 
purge  flow  rate  from  5  to  10%  of  the  total  mass  injection  is  also  shovra  in  Figs.  2(b-e) 
(compare  triangles  to  squares).  On  average,  this  5%  increase  in  purging  results  in  roughly  a 
4%  decrease  in  the  specific  impulse.  Similarly,  when  the  purge  was  increased  from  5%  to 
15%  (not  shown),  the  average  decrease  in  Isp  was  about  8%.  Thus  the  fractional  decrease  in 
Isp  caused  by  adding  a  fraction  of  pmge  gases  to  the  propellant  mass  injected  into  the 
chamber,  is  marginally  lower  than  the  fractional  increase  in  the  purge.  To  first  order,  the 
variation  is  percent  for  percent,  indicating  that  the  penalty  associated  with  buffer  gases 
between  charges  is  not  severe  so  long  as  all  propellants  are  already  carried  on  board.  The 
slight  difference  from  a  straight  proportionality  can  possibly  be  attributed  to  thrust  generated 
from  the  cold  gas  as  it  is  injected  into  the  chamber. 

Effect  of  Injection  Pressure 

Next,  the  changes  obtained  by  decreasing  the  threshold  injector  end  pressure  (P/„y)  from  1 
atm  to  0.4  atm  are  studied  (compare  diamond  symbols  with  square  symbols  on  Figs.  2(b-e)). 
Note  that  changing  this  control  parameter  causes  a  very  minor  decrease  in  the  specific 
impulse  at  lower  pressures  (Fig.  2b).  Since  the  injection  process  is  not  started  till  the  pressure 
at  the  head  end  falls  to  a  lower  value,  reducing  this  threshold  value  increases  the  blowdown 
time  and  as  expected,  the  frequency  of  the  PDE  operation  decreases  resulting  in  lower  thrust. 
These  changes  are  a  measure  of  AT^,/T^,  where  T^,  is  the  blowdown  time  in  the  reference 

case  and  ATj,  is  the  time  interval  during  which  the  closed  end  pressure  decreases  from  1  atm 
to  0.4  atm. 

Effects  of  Variable  Area  Nozzle 

Variable  area  nozzles  are  staple  components  on  conventional  steady-flow  propulsion 
systems.  Their  behavior  in  this  unsteady  application  is  clearly  of  much  interest.  The  major 
issue  in  PDE  nozzle  design  is  to  identify  a  ‘pressure  ratio’  for  the  widely  varying  levels  of 
pressure  that  are  seen  throughout  the  cycle.  The  effect  of  adding  a  variable  area  section  is 
first  studied  by  considering  a  divergent  conical  nozzle  at  the  exit.  The  area  expansion  ratio  is 
4.0  and  the  length  of  the  nozzle  section  is  one-third  of  the  total  PDE  length,  which  is 
maintained  at  0.5  m.  (The  constant  area  section  is  0.33  m  while  the  nozzle  length  is  0.17  w.) 
The  impact  of  the  divergent  nozzle  on  the  specific  impulse  shown  on  Fig.  2b  and  can  be 
compared  to  the  constant  area  device  by  comparing  the  circles  with  the  squares.  At  high 
ambient  pressures,  the  nozzle  is  seen  to  be  detrimental.  The  presence  of  the  nozzle  causes 
the  Isp  to  decrease.  On  the  other  hand,  at  low  values  of  Pamb,  the  nozzle  results  in  a  significant 
increase  in  Isp.  This  occurs  because  the  divergent  nozzle  acts  like  a  diffuser  at  high  back 
pressures  and  decelerates  the  flow  and  decreases  the  thrust,  while  at  low  back  pressures  it 
acts  as  a  nozzle  and  accelerates  the  flow  and  increases  the  thrust.  In  addition,  at  high  back 
pressures,  the  presence  of  the  nozzle  increases  the  fraction  of  time  the  exit  pressure  drops 
below  the  ambient  value  and  reverse  flow  into  the  PDE  occurs,  while  the  opposite  is  true  at 
low  backpressures. 


7 


One  implication  of  operating  the  PDE  at  low  Pamb  is  that  the  chamber  pressure  decreases 
significantly  during  the  blow  down  process.  In  the  reference  case,  for  low  Pamb  the  exit  flow 
is  sonic  throughout  the  PDE  operation.  One  way  to  retain  a  higher  average  pressure  in  the 
chamber  is  through  placing  a  convergent  section  in  the  nozzle.  This,  of  course,  raises  issues 
with  heat  transfer  and  cooling,  but  the  potential  benefits  appear  promising.  Computations 
with  a  convergent  divergent  nozzle  have  also  been  completed  and  are  given  on  Fig.  2b-e  by 
the  x’s.  The  converging  portion  of  the  nozzle  was  defined  by  a  cubic  equation  with  second 
derivative  continuous  matching  to  the  constant  area  section.  The  converging  section  was 
allowed  to  run  between  (2/3)Z,  <x<  (5/6)1.  A  matching  divergent  portion  was  added  as  a 
mirror  image  about  the  throat  location  to  bring  the  entire  PDE  length  again  to  L.  Thus  the 
nozzle  exit  area  for  this  converging-diverging  nozzle  is  the  same  as  the  inlet  area.  For  the 
results  shown  here,  the  throat  area  was  chosen  as  half  the  inlet  area. 

The  first  observation  of  the  effects  of  the  converging-diverging  nozzle  is  that  the  specific 
impulse  remains  essentially  unchanged  at  high  back  pressures  (as  compared  to  the  constant 
area  case),  but  the  impulse  is  significantly  higher  at  low  back  pressures.  The  presence  of  the 
convergent  section  aids  in  obtaining  a  higher  chamber  pressure  and  this  increases  the  blow 
down  time  causing  both  the  frequency  (see  Fig.  2(d))  and  the  thrust  (Fig.  2c)  to  decrease.  As 
compared  to  the  divergent  nozzle,  the  C-D  nozzle  is  slightly  less  effective  at  low 
bacl^ressures,  but  a  fair  comparison  would  entail  also  looking  at  a  C-D  nozzle  whose  exit 
area  was  equal  to  that  of  the  divergent  area.  At  high  ambient  pressures,  the  convergent 
divergent  nozzle  has  negligible  influence  on  the  frequency  but  due  to  the  reduction  in  the 
chamber  volume  associated  with  the  use  of  the  convergent  divergent  nozzle  (the  volume  is 
83%  of  the  volume  for  the  reference  case),  the  fill  process  is  characterized  by  lower  amount 
of  mass  injection  per  unit  time  resulting  in  reduced  thrust  (see  Figs.  2(c,e)).  Note,  however, 
that  taking  the  ratio  of  Figs.  2d  and  e  shows  that  the  mass  per  pulse  is  increased,  so  the  throat 
section  raises  the  pressure  sufficiently  to  offset  the  decrease  in  volume.  Overall,  the  impact 
of  adding  a  throat  downstream  of  the  PDE  appears  attractive. 

Effect  of  Nozzle  Area  Expansion  Ratio 

As  a  second  set  of  examples  we  consider  the  performance  changes  associated  with  variations 
in  the  expansion  ratio  of  a  conical  divergent  nozzle.  These  computations  were  performed  at 
vacuum  conditions  where  the  presence  of  the  nozzle  is  expected  to  yield  the  maximum  gain 
in  Isp.  One  significant  difference  with  respect  to  the  previous  examples  is  that  the  control 
parameter  used  for  opening  the  valve  was  determined  by  specifying  the  PDE  frequency  at 
500  Hz  instead  of  being  determined  by  the  injector  head  end  pressure  (i.e.,  instead  of 
bootstrapping  the  PDE  operation).  In  reality  constraints  due  to  valve  response  time  (r„^/„e) 
etc.  dictate  the  frequency  of  operation.  In  this  example,  no  purge  gas  is  injected. 

Note  that  during  the  fill  phase  one  attempts  to  fill  the  volume  of  the  PDE  with  reactants,  and 
the  mass  of  reactants  injected  during  the  fill  process  depends  on  (a)  the  chamber  pressure,  its 
spatial  variation  during  the  fill  process,  and  (b)  the  velocity  of  the  reactant-product  interface 
(note  that  as  this  velocity  increases,  the  valve  closing  should  occur  earlier  to  ensure  that  the 
detonation  and  the  interface  reach  the  exit  around  the  same  time).  Since  the  above  two 
factors  are  significantly  altered  by  the  use  of  a  nozzle,  we  compare  two  different  degrees  of 
filling  the  chamber  (‘partial’  and  ‘total’  filling)  to  better  understand  the  effect  of  including 
the  nozzle. 
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In  comparing  these  two  cases,  we  define  ‘total’  filling,  as  the  fill  process  used  in  the  previous 
examples.  Specifically,  the  fill  process  is  ended  at  a  time  such  that  the  detonation  and  the 
interface  reach  the  exit  of  the  nozzle  at  approximately  the  same  time.  The  ‘partial’  filling 
case  is  defined  in  an  identical  manner  except  that  the  fill  process  was  terminated  at  a  time 
that  would  cause  the  detonation  and  the  interface  to  reach  some  location  partially  along  the 
tube.  Thus,  the  tube  was  ‘partially’  filled.  The  results  for  partial  filling  were  chosen  so  that 
the  detonation  reached  the  interface  at  the  nominal  location  of  the  start  of  the  nozzle 
(x=0.67L). 

There  are  several  phenomena  relevant  to  the  case  involving  partial  filling.  For  the  partial 
filling  fraction  chosen  ((2/3)L),  the  inlet  injection  valve  had  to  be  closed  when  the  reactant- 
product  interface  reached  approximately  x/Z  =  0.5.  The  low  back  pressure  induces  large  flow 
velocities  throughout  the  entire  chamber  for  at  least  a  portion  of  the  cycle.  When  convected 
at  these  high  speeds,  the  interface  travels  a  significant  distance  downstream  before  the 
detonation  reaches  it.  Subsequently,  due  to  the  lack  of  reactants,  there  is  no  detonation 
downstream  of  that  location  and  the  detonation  transitions  to  a  shock  that  traverses  to  the 
exit.  These  high  velocities  caused  difficulties  in  ensuring  proper  filling  of  the  tube  to  the 
desired  lengths,  and  increases  the  error  bands  on  the  present  results. 

The  lap,  thrust  and  mass  flow  rates  for  the  total  and  partial  filled  cases  are  shown  as  a  function 
of  the  nozzle  area  expansion  ratio  in  Fig.  3(a-c)  for  expansion  ratios  ranging  from  1  to  12. 
Comparing  the  specific  impulse  of  partial  and  total  filling  in  Fig.  3(a)  shows  that  in  general  a 
higher  specific  impulse  is  obtained  for  the  case  of  partial  filling  than  for  the  case  of  total 
filling.  An  increase  in  due  to  filling  a  smaller  fraction  of  the  chamber  has  also  been 
observed  in  earlier  analysis  of  PDE  performance'*.  At  present  we  are  still  studying  this  trend 
to  understand  the  precise  reasons  for  these  differences. 

Note  that  due  to  operation  at  a  lower  mass  flow  rate,  the  partial  filling  case  which  has  a 
higher  4p  is  characterized  by  a  lower  thrust.  In  both  the  cases  of  partial  and  total  filling, 
when  the  area  expansion  ratio  approaches  unity  (i.e.,  the  constant  area  case)  the  thrust 
increases  (see  Fig.  3(b)). 

For  a  large  area  expansion  ratio,  the  velocity  of  the  reactant-product  interface  is  large  enough 
such  that  the  fill  process  stops  before  the  interface  reaches  the  nozzle  region  (to  ensure  that 
the  detonation  and  the  interface  reach  the  exit  around  the  same  time).  Thus,  although  the 
presence  of  the  nozzle  results  in  a  larger  PDE  volume,  this  volume  is  not  filled  with  the 
reactants  for  the  chosen  nozzle  length  (one-third  of  the  total  length). 

Effects  of  Partial  Filling 

The  periodic  operation  of  a  pulsed  detonation  engine  requires  the  specification  of  a  large 
number  of  parameters  and  each  cycle  involves  many  complicated  wave  interactions.  One 
parameter  of  interest  is  the  percent  of  the  tube  that  is  filled  with  combustible  mixture  prior  to 
each  detonation.  Although  the  entire  tube  could  be  filled  in  each  cycle,  it  is  of  interest  to 
assess  performance  when  the  tube  is  only  partially  filled.  We  present  in  Figs.  4,  5,  and  6  the 
results  of  a  series  of  computations  for  a  fixed  tube  length,  L,  in  which  the  firaction  of  the  tube 
that  was  filled  with  propellants,  Ld,  was  treated  as  a  parameter.  In  particular,  the  ratio,  LdlL, 
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was  varied  from  0.4  (the  first  40%  of  the  tube  was  filled)  to  1.0  (the  entire  tube  filled  with 
propellants).  Results  for  four  sets  of  computations  are  presented  on  these  figures.  The  four 
sets  involve  two  different  fixed  periods  of  oscillation,  5.0  ms  (200  Hz)  and  8.0  ms  (125  Hz), 
and  two  different  ambient  temperatures.  The  two  ambient  temperatures  correspond  to  two 
extremes.  In  the  first,  it  is  assumed  that  the  gas  that  is  re-ingested  through  the  open  end  when 
the  pressure  falls  below  ambient  is  at  the  temperature  of  the  outside  environment.  In  the 
second  case,  it  is  assumed  that  the  re-ingested  gas  is  comprised  of  the  hot  gas  that  has  just 
been  expelled.  It  is  to  be  expected  that  the  real  (multi-dimensional,  multi-pulse)  operation 
will  fall  between  these  two  limits  so  that  these  two  calculations  bracket  the  physical  result. 
All  results  correspond  to  an  ambient  pressure  of  one  atmosphere.  Figure  4  shows  the  mass  of 
propellants  used  per  pulse;  Fig.  5  shows  the  thrust  level;  and  Fig.  6  shows  the  specific 
impulse.  We  consider  the  mass  per  pulse  first  since  its  variation  is  the  most  straightforward. 

The  mass  per  pulse  given  on  Fig.  4  shows  that  increasing  the  fill  fraction  increases  the  mass 
per  pulse  almost  proportionately  independently  of  the  pulse  repetition  rate  or  the  ambient 
temperature.  Thus,  for  a  fill  fraction  of  50%  the  mass  per  pulse  is  approximately  half  that  for 
a  fill  fraction  of  100%.  This  implies  that  the  pressure  level  in  the  tube  (at  the  end  of  each 
pulse)  is  nearly  independent  of  the  period,  or  the  ambient  temperature.  To  be  sure,  there  are 
minor  differences  when  either  of  these  are  changed,  but  the  results  are  reasonably  consistent. 

The  thrust  variation  with  fill  fraction  follows  directly  from  the  mass  per  pulse  and  the  pulse 
rate  as  Fig.  5  shows.  Increasing  the  frequency  (compare  the  two  8.0  ms  data  sets  with  the 
two  5.0  ms  sets)  increases  the  thrust  in  a  nearly  proportional  manner.  In  addition,  for  a  given 
period,  increasing  the  fill  fraction  increases  the  thrust  in  a  nearly  proportionate  manner. 
Since  the  mass  per  pulse  is  to  a  first  approximation  independent  of  the  pulse  rate  for  a  given 
value  of  LdlL  and  varies  linearly  with  LdlL  as  Ld  increases,  the  impulse  per  pulse  is  nearly 
constant  and  the  thrust  scales  directly  with  both  the  number  of  pulses  per  second  and  the  fill 
fraction. 

The  results  for  the  specific  impulse  (Fig.  5)  are,  however,  more  complex.  Looking  first  at  the 
5.0  ms  case  with  cold  ambient  gas  (square  symbols  connected  by  solid  line),  we  see  that 
increasing  the  fill  fraction  from  0.4  to  about  0.7  increases  the  specific  impulse,  but  that 
continued  increases  to  1.0  cause  the  specific  impulse  to  decrease  again.  Thus,  at  this 
condition,  a  fill  fraction  of  0.75  represents  a  local  maximum.  The  increase  in  Isp  at  the  lower 
values  of  LdlL,  is  correlated  with  an  increased  magnitude  of  inflow  into  the  open  end  of  the 
tube,  but  it  is  not  clear  is  this  is  a  eause  or  an  effect.  When  the  period  is  increased  to  8.0  ms 
(circular  symbols  with  long-dashed  line)  the  same  general  trend  is  observed,  except  the 
entire  curve  is  shifted  downward  by  about  5-7  seconds.  In  addition,  the  peak  now  shifts  from 
0.75  to  0.70.  These  results  show  that  stopping  the  cycle  sooner  improves  performance,  but 
this  trend  is  not  followed  at  all  conditions. 

The  two  remaining  sets  of  data  on  Fig.  6  are  more  convoluted  than  these  first  two.  In 
general,  re-ingesting  hot  gas  increases  the  specific  impulse  as  opposed  to  the  cold  ingestion 
condition,  but  there  are  some  conditions  for  which  the  change  in  ambient  gas  temperature  has 
no  effect.  Similarly,  there  is  a  general  tendency  for  the  shorter  period  case  to  exhibit  higher 
specific  impulse,  but  for  some  values  of  LdlL,  the  Isp  is  the  same  for  both  periods.  Overall, 
the  results  shown  on  this  figure  indicate  that  the  specific  impulse  is  subject  to  ‘tuning’  to  the 
details  of  a  specific  condition.  Further,  the  Isp  variation  caused  by  this  riming  effect  is 
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approximately  10%  of  the  total  Isp.  Such  results  suggest  that  practical  implementations  of 
PDE’s  will  need  to  be  carefully  controlled  to  provide  operation  at  the  maximum  specific 
impulse,  and  that  failure  to  do  so  will  result  in  substantial  penalties. 

A  further  indication  of  the  complexity  of  the  flow  dynamics  inside  the  cycle  is  given  by  the 
x-t  diagram  on  Fig.  7.  This  figure  corresponds  to  the  LdlL  =  0.4  results  of  Figs.  4,  5,  and  6, 
and  shows  the  left-  and  right-running  characteristics  along  with  representative  particle  paths 
in  the  vicinity  of  the  location  where  the  detonation  overtakes  the  interface  between  the  fresh 
propellant  and  the  burned  gas  from  the  previous  cycle  (at  the  x  «  0.2  location).  As  can  be 
seen,  the  discontinuity  slows  from  a  detonation  to  a  shock  at  this  interface,  and  reflects  as  an 
expansion  fan  propagating  toward  the  left-hand  (closed)  end.  The  streamlines  between  the 
shock  and  the  interface  are  very  closely  spaced  indicating  high  density  in  this  region,  and 
lower  densities  elsewhere.  The  complexities  of  this  single  relatively  simple  interaction  are 
clearly  multiplied  throughout  the  cycle  and  give  rise  to  many  possible  parametric  effects 
whose  understanding  requires  detailed  analysis  of  a  specific  engine  configmation.  In 
addition  they  are  strongly  dependent  upon  the  ambient  pressure  (and  the  ambient  temperature 
as  noted  above)  as  well  as  the  pulse  repetition  rate,  the  fill-fraction,  etc.  The  addition  of  a 
variable  area  nozzle  would  also  affect  local  events  dramatically.  These  minute  differences 
inside  a  given  cycle  clearly  indicate  the  necessity  of  using  one-dimensional  unsteady 
analyses,  while  also  pointing  out  the  need  for  assessing  multi-dimensional  effects  to  validate 
the  one-dimensional  models. 


Effects  of  Nozzle  Geometry 

As  a  final  example,  we  consider  some  results  at  the  low  ambient  pressure  limit.  The  results 
on  Figs.  8,  9,  10  and  11  show  the  performance  at  vacuum  conditions  for  a  family  of  conical 
nozzles.  The  variations  used  in  defining  the  nozzle  family  are  shown  in  Fig.  8.  Here  we 
define  the  parameter,  Xnoz/L,  where  Xnoz  is  the  location  at  which  the  divergent  section  starts, 
and  L  is  the  total  length  of  the  engine.  Note  that  as  Xnoz/L  goes  to  zero,  the  geometry 
approaches  a  geometry  that  diverges  over  its  entire  length.  In  all  cases,  the  inlet  area,  the 
constant  area  section,  and  the  exit  area  were  held  fixed.  The  exit  area  was  four  times  the  area 
of  the  constant  area  section.  As  the  value  of  Xnoz  is  decreased,  the  volume  of  the  nozzle 
increases  as  shown  in  Fig.  9.  Note  that  as  the  nozzle  volume  increases  the  mass  per  pulse 
(also  shown  on  Fig.  9)  changes  in  the  manner  opposite  to  the  nozzle  volume.  (Note  the  entire 
geometry — constant  area  plus  nozzle — is  filled  with  propellant  in  these  examples.)  The 
opposite  trends  between  mass  per  pulse  and  chamber  volume  implies  that  the  average 
pressure  and  the  velocity  in  the  chamber  at  the  end  of  the  fill  period  off-set  the  volume 
increase.  (This  opposite  trend  between  mass  per  pulse  and  chamber  volume  highlights  the 
importance  of  comparing  results  from  the  periodic  state,  not  from  the  first  pulse.  For  the  first 
pulse  condition,  the  mass  in  the  chamber  will  be  proportional  to  the  chamber  volume.) 

The  thrust  and  specific  impulse  for  these  cases  is  shown  on  Figs.  10  and  11.  As  can  be  seen, 
both  the  thrust  and  the  specific  impulse  continue  to  increase  as  the  conical  nozzle  is 
shortened  and  its  angle  is  increased  (to  reach  the  same  final  area).  These  nozzle  effects  are 
strongly  dependent  on  altitude  as  noted  previously®,  but  suggests  that  the  nozzle  geometry 
represents  a  very  important  area  for  additional  research.  Optimizing  a  nozzle  for  unsteady 
flow  is  much  different  than  optimizing  a  nozzle  for  steady  flow. 
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Summary  and  Conclusions 


Pulsed  detonation  engines  offer  a  potential  new  propulsive  concept  for  space  propulsion 
applications.  The  engines  differ  from  current  rocket  engines  in  two  dominant  ways.  They 
are  intermittent  rather  than  continuous,  and  they  bum  the  fuel  by  means  of  a  detonation  rather 
than  a  deflagration.  The  detonation  provides  a  significant  pressure  rise  that  holds  promise  of 
reducing  pumping  requirements  thereby  simplifying  the  engine  and  possibly  reducing  weight 
and  cost.  Proponents  have  also  suggested  that  the  constant  volume  combustion  might  give 
improved  specific  impulse,  but  this  remains  speculative. 

The  present  paper  uses  results  from  an  imsteady  one-dimensional  computational  model  of  the 
PDE  to  obtain  the  general  performance  trends  that  can  be  expected  for  pulsed  detonation 
operation.  Because  of  the  many  parameters  involved,  a  constant  specific  heat,  single  step 
reaction  thermodynamics  is  used  to  provide  more  intuitive  understanding  of  the  results  and  to 
allow  a  broader  range  of  parameters.  These  simplified  one-dimensional  results  are  compared 
with  those  from  a  two-dimensional,  full  kinetics,  model  to  assess  primary  shortcomings  from 
the  simplifications. 

The  results  indicate  that  it  is  imperative  to  include  the  effects  of  multicycle,  as  opposed  to 
single  pulse,  operation  to  obtain  meaningful  trends.  In  all  cases  considered,  multi-cycle 
operation  is  readily  attained  after  some  three  to  four  pulses.  The  operational  cycle  for  a  PDE 
is  divided  into  three  parts,  the  detonation  travel  time,  the  blowdown  time,  and  the  fill  time. 
At  high  pulse  repetition  rates  the  fill  time  dominates,  while  at  low  rep  rates  (which  are  more 
typical  of  envisioned  hardware  operation)  the  blowdown  time  dominates. 

Some  of  the  characteristics  associated  with  the  use  of  variable  area  nozzles  have  been 
discussed.  In  general,  the  nozzle  provides  performance  benefits  at  high  altitudes,  but  leads  to 
a  performance  deterioration  at  low  altitudes.  Holding  the  nozzle  length  fixed  and  increasing 
the  expansion  ratio  improves  specific  impulse  at  high  altitudes  expressing  the  well-known 
benefits  of  increased  expansion  ratio  for  conventional  rocket  engines.  Fixing  the  nozzle 
expansion  ratio  and  changing  the  nozzle  length  while  holding  the  overall  engine  size  fixed 
(shortening  the  constant  area  section  of  the  detonation  tube)  results  in  a  decrease  in  the 
specific  impulse. 

Finally,  changing  the  percent  of  the  tube  that  is  filled  with  propellant  can  change  the  specific 
impulse  by  on  the  order  of  10%.  This  appears  to  be  the  result  of  self-tuning  in  various 
portions  of  the  cycle  so  that  there  is  some  possibility  of  finding  an  optimum  Isp  at  various 
conditions.  The  analysis  needed  for  establishing  and  making  use  of  such  tuning  mechanisms 
can  certainly  be  accomplished  for  a  given  engine,  but  it  is  difficult  to  make  general 
observations  as  to  preferred  regions  of  operation. 
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Schematic  of  the  Pulse  Detonation  Engine. 
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(a)  The  different  characteristic  times  associated  with  the  PDE  operation  for  the  reference  case. 


(b)  Specific  impulse 
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Figure  2:  The  effect  of  ambient  pressure  on  the  performance  of  the  PDE  for  different  cases:  (i)  reference  case  - 
constant  area  geometry,  5%  purge,  Pi„j=  1.0  atm;  (ii)  10%  purge;  (iii)  Pi„j  =  0A  X  105  Pa;  (iv)  conical  divergent 
nozzle  -  area  expansion  ratio  of  4;  (v)  convergent  divergent  nozzle  -  area  contraction  ratio  of  0.5  at  the  throat 
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Specific  impulse  [s] 


Fig.  4  Mass  injection  per  pulse  as  a  function  of 
chamber  fill  fraction  for  two  periods  and  two  re¬ 
ingestion  conditions. 


Fig.  5.  Thrust  as  a  function  of  chamber  fill 
fraction  for  two  periods  and  two  re-mgestion 
conditions. 


Fig.  6.  Specific  impulse  as  a  function 
of  chamber  fill  fraction  for  two  periods 
and  two  re-ingestion  conditions. 


-  Left  running  Mach  wave 

-  Pathline  (reactant-product  interface) 

-  Pathline 


PInhf  nmninn  Marh  u/9\#a 


Xlml 


Fig.  7.  x-t  diagram  for  detonation 
transitioning  to  shock  wave  at  an 
interface  between  cold  unbumed 
propellant  and  hot  burned  gases. 
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Fig.  8.  Geometric  configurations  for  parametric  pig  jq.  Variation  of  thrust  as  a 

study  of  nozzle  shape.  function  of  nozzle  shape  parameter  in 

Fig.  8. 


Fig.  9.  Variation  of  mass  per  pulse  and  chamber  Fig.  11.  Variation  of  specific  impulse 

volume  as  a  function  of  nozzle  shape  parameter  a  function  of  nozzle  shape  parameter 
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Abstract 

The  in-flight  LOX  collection  concept,  consisting  in 
collecting  air  during  the  atmospheric  phase  of  a  launch  and 
storing  the  liquefied  oxygen  enriched  air  (“LOX”)  after 
separation  from  nitrogen  for  the  subsequent  rocket 
propulsion  phase,  is  applied  to  a  HTOHL  Two  Stage  To 
Orbit  (TSTO)  with  a  high  supersonic  staging.  The  staging 
occurs  between  Mach  4  and  5  and  the  collection  phase 
takes  place  mainly  in  cruise  at  Mach  2.5  with  a  moderate 
collection  ratio  (maximum  3.0).  The  stage  is  propelled 
with  turbofan-ramjet  engines  and  the  LOX  collection  plant 
is  highly  integrated  with  the  turbo  fan  part.  The  2"^^  stage 
can  be  reusable  or  expendable. 

The  paper  will  present  three  aspects  of  the  launcher  study  : 
the  first  stage  propulsion  (von  Karman  Institute),  the  LOX 
collection  plant  pre-design  (Techspace  Aero)  and  the 
integration  of  the  results  of  these  two  studies  in  a  pre¬ 
design  tool  used  to  evaluate  the  performance  of  such  a 
launch  vehicle  (Royal  Military  Academy). 

The  feasibility  of  the  integrated  collection-propulsion 
system  is  analysed  through  cycle  studies  and  examination 
of  performance  in  design  and  off-design  engine  operation. 
Different  engine  configurations  and  LOX  collection  plant 
variants  are  investigated  and  their  performance  along  the 
entire  trajectory  are  calculated.  After  the  definition  of  the 
most  appropriate  engine  and  collection  cycle,  a  complete 
turbomachinery  design  is  performed  and  a  collection  plant 
mass  and  volume  evaluation  is  made. 

Another  application  of  in-flight  LOX  collection  is  also 
presented  :  a  large  subsonic  airplane  collecting  LOX  at 
subsonic  speed  and  belly-launching  an  orbiter  at  a  subsonic 
speed  as  well. 

Finally,  experimental  developments  related  to  in-flight 
LOX  collection  are  shown,  especially  the  existing  Vortex 
Tube  separation  device  (University  of  Liege)  and  the 
Rotary  Distillation  Separator  now  under  development  in 
Belgium  (University  of  Liege  and  Royal  Military 
Academy). 


Nomenclature 


LOX 

Liquid  oxygen 

LCP 

LOX  collection  plant 

BPR 

Bypass  ratio 

CR 

Collection  ratio 

Ao 

Orbit  altitude  (km) 

Cox 

LOX  purity  (%) 

LOGW2 

2"*^  stage  mass  at  staging  (t) 

Oinc 

Orbit  inclination  (°) 

RTW 

Thrust-to-Weight  ratio  at  take-off  (-) 

TOGW 

Take-Off  Gross  Weight  (t) 

Vppl 

Volume  of  propellants  (m^) 

Wdry 

Dry  mass  (t) 

Wcol 

Collection  plant  mass  (t) 

Wlox 

Mass  of  LOX  in  the  stage  (t) 

Ltol 

stage  wing  loading  at  take-off  (t/m^) 

|istr 

average  stage  structural  index  (kg/m^) 

tau 

Kiichemann’s  parameter  (Volume/Aerodynamic 
reference  area  ^•^)  (-) 

Introduction 

The  Air  Collection  and  Enrichment  System  (ACES) 
concept,  also  called  In-Flight  LOX  Collection  has  been  the 
subject  of  studies  and  technology  demonstrations  since  the 
60’s.  It  consists  in  collecting  air  during  the  atmospheric 
phase  of  a  launch,  to  enrich  its  oxygen  content  by 
separating  and  rejecting  the  nitrogen  and  to  store  the 
liquefied  oxygen  enriched  air  in  the  tanks  for  a  subsequent 
rocket  propulsion  phase.  Air  pre-cooling  and  liquefaction 
are  realised  in  heat  exchangers  thanks  to  the  high  cooling 
capacity  of  hydrogen.  This  concept  is  here  applied  to  a 
Two  Stage  To  Orbit  (TSTO)  in  a  rather  different  way  than 
what  has  been  proposed  by  the  Wright  Laboratory  of  the 
USAF  in  the  ’60  and  early  *90. 

With  a  staging  (separation)  Mach  number  between  4  and  5, 
it  can  provide  a  very  interesting  launcher  solution,  even  if 


tlie  collection  phase  takes  place  only  during  a  cruise  at  a 
relatively  "low"  Mach  number  (about  2.5)  and  with  a 
"moderate"  Collection  Ratio  (i.e,  the  ratio  of  collected  LOX 
mass  flow  rate  per  kilo  of  hydrogen  used  in  the  launcher, 
e.g.  CR=3  or  less,  even  if  values  around  5  are  frequently 
quoted  in  the  literature).  Indeed,  the  ACES  TSTO  concept 
allows  to  take-off  with  a  much  lighter  vehicle  (no  LOX  in 
the  tanks)  which  induces  a  lighter  landing  gear,  a  lighter 
propulsion  plant,  a  quicker  climb  phase  (with  less  drag) 
and,  last  but  not  least,  a  lower  planform  area  (Spfl)  (which 
means  a  lighter  structure)  for  a  given  planform  loading  at 
take-off  The  second  stage  can  be  reusable  or  expendable 
making  the  whole  transportation  system  fully  reusable  or 
semi-reusable. 

This  paper  is  a  summary  of  a  study  funded  by  ESA  in  the 
frame  of  the  FESTIP  2  program,  (Technology  Studies,  Heat 
Management,  WPS).  The  launcher  first  stage  is  propelled 
by  turbo-engines  from  take-off  up  to  Mach  3.8.  It  is 
followed  by  ramjet  propulsion  up  to  the  staging  Mach 
number  (e.g.  Mach  5.0).  The  paper  will  present  three 
aspects  of  the  launcher  study  :  the  first  stage  propulsion 
(von  Karman  Institute),  the  LCP  pre-design  (Techspace 
Aero)  and  the  integration  of  the  results  of  these  two  studies 
in  a  pre-design  tool  used  to  evaluate  the  performances  of 
such  a  launch  vehicle  (Royal  Military  Academy).  One  of 
the  challenges  of  this  study  is  to  integrate  the  propulsion 
and  the  LCP. 

Indeed  the  LCP  requires  an  air  intake,  a  compressor  to 
overcome  the  high  pressure  losses  in  the  heat  exchangers 
and  in  the  N2-O2  separator,  and  a  nozzle  to  reject  the 
oxygen  depleted  air  and  recover  a  part  of  the  collection 
drag.  As  these  elements  are  already  present  for  the  air- 
breathing  propulsion  of  the  first  stage,  an  interesting  idea  is 
to  integrate  the  LCP  with  the  propulsion  engines  by  using 
the  bypass  flow  of  a  turbofan  engine  (low  bypass  ratio)  as 
the  incoming  air  to  the  collection  plant  during  the  collection 
phase  of  the  flight.  The  outer  part  of  the  LP  compressor  is 
then  also  the  compressor  of  the  LCP.  The  depleted  air  is 
reintroduced  into  the  bypass  to  be  mixed  with  the  core  flow 
of  the  engine  and  expanded  in  the  main  nozzle  with  the 
possibility  of  afterburning.  This  could  decrease  the 
additional  drag  induced  by  LOX  collection.  The  system  is 
represented  in  the  schematic  of  figure  1 . 


Figure  1  :  Integrated  propulsion  +  LOX  collection  engine 
(engine  schematic  taken  from  [1]) 


The  feasibility  of  this  original  system  is  analysed  through 
cycle  studies  and  examination  of  performances  in  design 
and  off-design  engine  operation.  Different  engine 
configurations  and  LCP  variants  are  investigated  and  their 
performances  along  the  entire  trajectory  are  calculated. 
One  difficulty  is  that  the  sub-systems  and  the  vehicle 
studies  interact  strongly  with  each  other.  For  example,  the 
hydrogen  used  in  the  LCP  has  to  correspond  to  the  fuel 
consumption  of  the  engines  that  produce  the  thrust  required 
by  the  vehicle. 

Combined  propulsion  -  collection  plant 

Definition  of  the  problem 

A  constant  dynamic  pressure  trajectory  at  43  kPa  is  chosen 
for  this  study,  giving  the  relation  between  altitude  and 
Mach  number  for  engine  cycle  calculations.  The  mission 
of  the  first  stage  is  mainly  an  acceleration  mission  from 
take  off  to  staging  at  Mach  5  although  a  cruise  is  envisaged 
at  Mach  2.5.  This  cruise  phase  provides  the  necessary  time 
for  LOX  collection  and  ensures  a  stable  and  on-design 
operation  of  the  LCP  for  a  large  part  of  the  collection 
phase. 

The  turbo-engines  must  be  used  from  take  off  to  Mach  3.8 
while  ramjet  propulsion  ensures  the  final  acceleration,  the 
pull-up  manoeuvre  for  separation  and  the  first  part  of  the 
return  flight,  before  gliding.  LOX  collection  takes  place 
within  the  1.8  to  3  Mach  number  range,  including  the  cruise 
phase  at  Mach  2.5. 

For  the  definition  of  the  combined  turbofan  engines,  thrust 
requirements  must  be  specified.  As  a  first  guess,  a  mission 
and  vehicle  sizing  calculation  is  performed  using  an  engine 
performance  database  created  from  the  performance  of  the 
Saenger  turboramjet  engines.  This  provides  the  minimum 
thrust  required  for  the  propulsion  of  the  designed  vehicle 
and  the  defined  mission.  The  thrust  requirements  per 
engine  are  plotted  in  figure  2,  given  that  8  combined 
turbofan  engines  are  used.  It  appears  that  an  important 
throttle-down  will  be  necessary  for  cruising. 


Figure  2  :  Thrust  requirements  per  engine 


The  turbofan  engine  design  is  also  subjected  to  several 
constraints  due  to  its  combination  with  the  collection  plant. 
The  hydrogen  used  for  cooling  and  liquefaction  in  the  heat 
exchangers  of  the  collection  plant  is  burned  after  for 
propulsion.  The  fuel  consumption  of  the  engine  must  be 


therefore  adjusted  depending  on  the  hydrogen  requirements 
of  the  collection  plant.  The  LP  compressor  inlet 
temperature  as  well  as  the  reinjection  temperature  of  the 
depleted  air  must  also  be  in  agreement  with  the 
thermodynamic  capabilities  of  the  LCP. 

The  mixing  condition  of  the  primary  and  secondary  flows 
of  the  turbofan  engine  (i.e.  the  equality  of  pressure  before 
the  afterburner)  has  also  to  be  carefully  considered. 
Indeed,  this  condition  could  be  difficult  to  realise  because 
of  the  large  differences  in  the  bypass  pressure  losses 
between  the  LOX  collection  phase  and  the  rest  of  the  flight. 
The  expansion  ratio  through  the  collection  plant  is 
evaluated  to  2.5. 

Different  mixed  turbofan  configurations  are  examined. 

Fully  pre-cooled  turbofan 

For  this  first  configuration,  all  the  air  entering  the  LP 
compressor  is  pre-cooled  by  the  front  heat  exchanger  as 
represented  in  the  schematic  of  figure  1.  Cycle  studies  are 
performed  in  order  to  determine  the  best  adapted  HP 
compressor  pressure  ratio  and  bypass  ratio.  The  criteria  are 
to  maximise  the  engine  thrust  -  as  the  mission  is  mainly  an 
acceleration  mission  (with  moderate  acceleration)  -  and  to 
minimise  the  internal  power  required  (i.e.  minimise  the 
engine  size).  The  conclusions  of  the  cycle  studies  are  that  a 
relatively  low  HP  compressor  pressure  ratio  around  2.5 
must  be  chosen  (for  Mach  2.5  cruise  conditions)  while  the 
bypass  ratio  must  be  as  low  as  possible  for  high 
acceleration  performances.  The  lower  bound  of  the  bypass 
ratio  is  however  fixed  by  the  thermodynamics  of  the  LCP. 
Indeed,  for  a  given  LOX  mass  flow  rate,  the  lower  the 
bypass  ratio,  the  higher  the  amount  of  pre-cooled  air  which 
is  not  used  for  collection  (core  flow).  Furthermore,  the 
cooling  capabilities  of  the  pre-cooler  depend  on  the 
available  hydrogen  mass  flow  rate,  i.e.  the  fuel 
consumption.  It  follows  therefore  that  the  bypass  ratio 
must  be  at  least  0.8.  This  value  is  already  low  from  the 
collection  plant  point  of  view  and  allows  only  a  limited 
temperature  drop  in  the  pre-cooler. 

In  order  to  achieve  the  required  thrust,  the  mass  flow  rate 
through  each  engine  must  be  around  235  kg/s  (for  Mach  2.5 
cruise  conditions).  With  a  bypass  ratio  of  0.8,  each  engine 
can  supply  the  LCP  with  105  kg/s  of  air.  As  a  minimum 
total  LOX  production  of  70  kg/s  is  specified  (with  a 
separator  efficiency  of  0.65),  the  bypass  flow  of  4  engines 
is  sufficient.  This  configuration  requires  therefore  the 
installation  of  two  different  types  of  turbo-engine  (4 
combined  with  the  LCP  and  4  pure  propulsion)  on  board  of 
the  vehicle. 

An  engine  cycle  is  determined  for  cruise  conditions  and  the 
engine  operation  during  the  whole  acceleration  mission  is 
analysed  by  off-design  calculations  using  typical 
perfoimance  maps  for  compressors  and  turbines.  The  main 
difficulty  lies  in  the  high  increase  of  pressure  losses  in  the 
bypass  flow  during  the  collection  phase.  That  means  that 
the  pressure  ratio  of  the  LP  compressor  must  increase  at 
once  to  satisfy  the  mixing  condition.  This  is  possible 
mainly  due  to  the  inlet  temperature  decrease  (pre-cooling) 
inducing  higher  rotor  Mach  numbers  and  therefore  higher 
pressure  ratio  for  the  same  rotational  speed.  Note  however 
that  the  density  and  therefore  the  inlet  mass  flow  rate 


increase  also.  The  pressure  ratio  evolution  of  both  LP  and 
HP  compressors  is  shown  in  figure  3  for  the  whole  mission. 
The  lower  value  at  Mach  2.5  is  due  to  the  necessary 
throttle-down  during  the  cruise  (see  figure  2).  The 
increasing  of  the  LP  compressor  pressure  ratio  during  the 
collection  phase  is  well  visible.  Note  also  that  the  turbofan 
mixing  condition  is  satisfied  for  all  flight  conditions. 


Figure  3  :  Pressure  ratio  evolution  -  fully  pre-cooled 
system 


The  general  decrease  in  pressure  ratio  with  Mach  number 
for  both  compressors  is  due  to  the  mechanical  speed 
reduction  because  of  the  limited  turbine  inlet  temperature 
(1800  K  from  materials  considerations)  while  the  engine 
inlet  temperature  is  higher  and  higher.  This  phenomenon  is 
however  partly  compensated  by  the  use  of  the  pre-cooler 
even  outside  the  collection  phase. 

The  high  integration  level  of  the  propulsion  engines  with 
the  collection  plant  induces  that  they  are  both  constrained 
by  each  other.  The  main  constraint  is  the  limitation  on  the 
bypass  ratio  which  must  be  high  for  LOx  collection  and 
low  for  propulsion.  The  chosen  compromise  of  0.8  limits 
significantly  the  temperature  drop  in  the  pre-cooler  and 
reduces  the  acceleration  performances  of  the  engine. 
Furthermore,  two  different  types  of  engine  are  necessary, 
which  is  not  convenient.  The  system  can  be  therefore 
improved  if  this  constraint  on  the  bypass  ratio  is  removed. 
This  is  achieved  by  a  modification  of  the  pre-cooler, 
resulting  in  a  system  named  the  ring  pre-cooler  system. 

Ring  pre-cooler  system 

The  constraint  on  the  bypass  ratio  was  imposed  because  of 
the  pre-cooling  of  the  whole  inlet  flow.  This  constraint 
disappears  if  the  pre-cooling  is  applied  only  on  the  bypass 
flow  of  each  engine  with  a  ring-shaped  pre-cooler.  This 
can  be  achieved  providing  that  the  core  flow  and  the  bypass 
flow  are  well  separated  before  and  along  the  LP 
compressor.  The  flow  separation  through  the  LP 
compressor  is  physically  realised  by  fins  placed  on  the  rotor 
blades  such  as  the  currently  used  part  span  shrouds  and  on 
the  stator  blades  with  eventually  some  labyrinth 
connections  between  the  rotating  and  static  parts.  The  front 
part  of  the  turbofan  engine  with  the  ring  pre-cooler  system 
is  sketched  in  figure  4. 


Following  the  cycle  study,  the  HP  compressor  pressure 
ratio  is  still  around  2.5  in  cruise  while  the  bypass  ratio  can 
now  be  decreased  to  a  value  around  0.22.  For  a  given 
mechanical  LP  spool  speed,  the  mass  flow  rate  in  the  outer 
part  will  be  higher  when  pre-cooling  because  of  the 
increase  in  density,  resulting  in  a  natural  increasing  of  the 
bypass  ratio  until  0.35  for  a  temperature  drop  of  200  K  at 
Mach  2.5.  This  allows  to  supply  the  required  mass  flow 
rate  to  the  LCP  with  an  engine  designed  to  have  a  lower 
bypass  ratio  for  propulsion  only  operation  (without  pre¬ 
cooling).  With  this  low  bypass  ratio,  8  identical  combined 
engines  can  be  used  as  each  one  supplies  the  collection 
plant  with  53  kg/s  of  air  for  an  engine  mass  flow  rate  of 
205  kg/s  (note  that  this  value  is  lower  than  for  the  fully  pre¬ 
cooled  system  because  of  the  lower  bypass  ratio  giving 
higher  thrust  capabilities). 

For  the  same  rotational  speed  of  the  LP  compressor,  the 
lower  temperature  when  pre-cooling  induces  higher  Mach 
numbers  in  the  outer  pait  of  the  blades,  naturally  increasing 
the  outer  compression  ratio  while  the  inner  part  operation 
does  not  change.  This  is  advantageous  to  overcome  the 
simultaneous  increasing  of  the  pressure  losses  experienced 
by  the  bypass  flow  going  through  the  collection  plant.  The 
pressure  ratio  evolution  for  both  LP  (inner  and  outer  parts) 
and  HP  compressors  is  given  in  figure  5.  The 
consequences  of  the  different  operating  conditions  of  the 
inner  and  outer  parts  of  the  LP  compressor  are  well  visible. 
The  ring  pre-cooler  system  has  then  the  capability  of 
natural  adaptation  to  the  requirements  of  the  combined 
propulsion  -  collection  plant. 


Figure  5  :  Pressure  ratio  evolution  -  ring  pre-cooler  system 

Furthermore,  the  higher  pre-cooling  capacity  induces  a 
higher  increase  of  the  LP  outer  pressure  ratio.  The 
attention  must  be  put  however  on  the  fact  that  the  Mach 


numbers  in  the  outer  part  of  the  compressor  must  not 
become  too  high  and  therefore,  the  rotational  speed  of  the 
LP  spool  must  be  reduced  for  some  conditions. 

The  general  diminution  with  Mach  number  of  the 
achievable  pressure  ratio,  for  the  LP  as  well  as  for  the  HP 
compressor,  is  more  important  in  this  case  because  no  pre¬ 
cooling  is  possible  anymore  outside  the  collection  phase 
(and  is  even  never  available  for  the  core  flow). 

The  total  thrust  capability  of  the  8  combined  engines 
equipped  with  the  ring  pre-cooler  system  is  given  in  figure 
6  for  stoichiometric  reheat.  The  thrust  diminution  during 
the  LOX  collection  phase  is  due  to  the  lower  amount  of 
oxygen  available  for  afterburning  and  to  the  necessary 
throttle-down  for  the  reduction  of  the  LP  rotational  speed 
because  of  the  reason  explained  above. 


Figure  6  :  Maximum  thrust  capability  -  turbofan  engine 
with  ring  pre-cooler  system 

Collection  plant  performance 

The  LCP  is  located  in  the  by-pass  duct  of  a  ’’mixed 
turbofan".  In  the  first  option  investigated,  a  pre-cooler  is 
installed  in  front  of  the  fan.  This  configuration  has  the 
advantage  of  sharing  the  same  compressor  between  the 
LCP  and  the  engine.  The  pre-cooling  advantages  are  a 
lower  work  consumption  for  the  fan  and  a  higher  fan 
pressure  ratio.  A  pre-cooling  allows  also  a  higher  mass 
flow  rate  and  a  higher  airbreathing  Mach  number  with  the 
same  engine  technology.  There  is  however  a  drawback 
with  this  configuration  :  for  the  propulsion,  the  ideal  BPR 
should  be  between  0.2  and  0.5  while  for  the  LCP,  the  BPR 
should  be  much  higher  (an  a  priori  value  was  1.5).  Indeed, 
with  a  high  BPR  the  cooling  capacity  of  hydrogen  is  mainly 
used  for  the  collection  plant,  allowing  better  performances 
(collection  ratio)  and  lighter  heat  exchangers.  Therefore, 
other  integration  solutions  were  examined. 

In  a  less  integrated  system,  the  fan  and  the  nozzle  are  still 
common  but  only  the  bypass  air  is  cooled,  after  the  fan 
compression.  In  this  case,  the  work  consumed  by  the  fan  to 
compress  the  bypass  flow  is  relatively  high  especially  since 
the  pressure  drop  in  the  LCP  is  higher  than  for  the  usual 
turbofan.  An)rway,  in  this  case  the  bypass  ratio  has  no 
influence  on  the  collection  plant  performance  as  only  the 
LCP  processed  air  is  cooled. 

In  a  still  lower  integration  only  the  intake  and  the  nozzle 


are  common;  ±ere  could  be  also  power  transmission 
between  the  engine  and  the  collection  plant  compressor.  In 
this  case  there  is  an  additional  compressor  but  it  should 
compress  the  collection  plant  pre-cooled  air. 

None  of  these  solutions  was  estimated  very  promising. 
Here  is  therefore  an  other  reason  to  come  to  the  ring  pre¬ 
cooler  system 

As  the  pre-cooling  of  all  the  propulsion  air  flow  causes 
problem  to  the  LCP,  the  idea  is  to  pre-cool  only  the  bypass 
air.  The  two  flows  (bypass  and  core  flow)  would  be 
separated,  the  bypass  flow  would  go  through  a  ring  shaped 
heat  exchanger.  A  good  separation  between  the  flows 
seems  possible.  The  schematic  of  figure  7  shows  the 
combined  LCP-engine  architecture. 

Some  advantages  are : 

•  The  LCP  takes  advantage  of  the  engine  turbomachinery; 

•  The  pre-cooling  of  the  bypass  air  reduces  the  power 
extracted  from  the  propulsion  engine 

•  And  consequently  reduces  also  the  heat  to  remove  from 
the  air  to  be  processed; 

•  As  the  core  air  is  not  pre-cooled,  it  does  not  impact 
negatively  on  the  LCP  performances. 
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Figure  7  :  Integrated  LCP-engine  architecture 


The  input  parameters  of  the  LCP  thermodynamic 
calculations  are  adapted  to  the  data  provided  by  the 
propulsion  plant  study  presented  above.  These  data 
correspond  to  an  8  engines  launcher.  The  air  processed 
through  the  LCP  for  each  engine  is  approximately  50  kg/s 
and  the  enriched  air  (LOX)  production  is  about  8  kg/s.  The 
main  data  provided  by  the  propulsion  study  are  the  outer 
fan  pressure  ratio  and  the  bypass  air  mass  flow  rate. 


Mach  2.5 
Alt  16.29  km 
CRUISE 


Q=  0  kg/s 


T-  45.9  K 
P=1900kPa 


H2 

To  tlie  Combustion 
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Q=  42.03  kg/s 


Q=  42.03  kg/s 


Figure  8  :  Ring  heat  exchanger  configuration,  LCP  main  parameters 


The  first  task  was  to  pre-design  a  LCP  able  to  process  50 
kg/s  of  air,  with  a  given  fan  pressure  ratio  and  good 
performances  for  an  acceptable  mass  and  volume  (but  this 
is  not  a  very  critical  point  for  a  TSTO).  After  a  few 
iterations  (thermodynamic  and  components  analysis)  a 
solution  was  selected  for  which  the  main  thermodynamic 
parameters  are  shown  in  figure  8  :  after  the  ring  heat 
exchanger  (air/H2),  the  air  goes  through  the  fan  and  then  in 
a  second  heat  exchanger  (Air/Depleted  Air);  the  air  enters 
the  "separation"  unit  at  a  relatively  high  temperature  (225 
K)  and  has  to  be  cooled  down  to  the  saturation  temperature 
in  the  so-called  "cooler";  after  the  condenser,  the  air  enters 
the  separator  strictly  speaking;  the  depleted  air  is  heated  in 
the  air/DA  heat  exchanger  before  being  injected  into  the 
nozzle. 

The  design  has  been  made  for  the  cruise  conditions.  The 
results  presented  correspond  to  a  collection  ratio  of  2.8. 


The  thermodynamic  analysis  has  been  made  in  parallel  with 
component  evaluation,  mainly  heat  exchangers.  One 
important  point  also  is  the  separator  performances  :  the 
oxygen  separation  efficiency  is  taken  equal  to  0.65  (65  % 
of  the  oxygen  of  the  entering  air  is  separated  and  collected). 
In  our  case,  it  is  the  main  limitation  for  a  higher  collection 
ratio.  The  value  of  0.65  has  been  chosen  because  it 
corresponds  roughly  to  the  value  obtained  with  the  rotary 
distillator  demonstrated  in  the  USA  [2].  An  other  reason  is 
that  for  a  too  high  separation  efficiency,  the  poor  oxygen 
content  in  the  depleted  air  would  decrease  the  afterburning 
possibilities. 

The  extension  of  LOX  Collection  outside  the  cruise  phase, 
between  Mach  1.8  and  Mach  3  has  been  studied.  This 
collection  extension  implies  heat  exchangers  mass  increase 
as  they  have  to  resist  to  higher  temperatures.  Heat 
exchangers  (cross  counterflow  shell  and  tubes)  mass 
evaluation  has  been  made  in  both  cases  (table  1). 


MASS  (kg) 

Design  for  cruise 
at  Mach2,5 

Design  for  Mach 

3 

Air/  H2  pre-cooler 

242 

361 

Air/DA 

147 

189 

Air/H2  deep  cooling 

123 

123 

Total 

512 

673 

Total  per  kg/s  of  EA 

64.2 

84.4 

Table  1 


The  performance  is  optimised  for  the  cruise.  So,  at  lower 
and  higher  speed,  during  acceleration,  the  performances 
somewhat  deteriorates  as  it  is  shown  on  figures  9a  and  9b. 
Anyway  LOX  collection  is  possible  during  acceleration  but 
necessitates  additional  control  equipment. 


Mach  Number 


Figure  9  :  LCP  performances  in  off-design 

Vehicle  sizing  results 


LOX  impurities  (with  a  Mixture  Ratio  of  6.5,  ref  [4]). 

It  is  shown  that,  with  a  purity  of  90%,  the  launch  of  a 
payload  of  7  tons  on  an  equatorial  LEO  (ESA  FESTIP 
requirement,  ref  [5])  requires  a  TOGW  as  low  as  370  t 
with  a  1®‘  stage  dry  mass  of  200  t  for  a  fiilly  reusable  TSTO 
(with  a  take-off  from  Kourou).  In  all  these  launch  vehicles, 
the  collection  plant  mass  represents  only  less  than  2%  of 
the  stage  dry  mass.  The  specific  mass  of  the  collection 
plant  (and  thus  mainly  of  the  different  heat  exchangers)  is 
therefore  not  so  critical  (not  like  in  a  SSTO  with  in-flight 
LOX  collection). 


SIZING 

PARAMETER 

Cox  =  95% 
(ref.) 

Cox  =  92% 

Cox  =  90%  1 

TOGW  (t) 

333.4 

353.0 

369.2 

Wdryi  (t) 

185.0 

195.4 

203.9 

Cruise  (s) 

2279 

2409 

2507 

To(-) 

0.0523 

0.0510 

0.0500 

WlH2.1  (0 

90.6 

96.9 

102.2 

Vppli  (m^) 

1264 

1352 

1426 

LOGW2  (t) 

178.1 

!  189.2 

198.5 

Wdry2  (t) 

30.1 

31.7 

33.0 

ni-) 

0.0764 

0.0743 

0.0727 

WlOX2  (t) 

122.1 

130.3 

137.2 

Table  2 


The  second  results  are  for  a  semi-reusable  TSTO  (thus  with 
an  expendable  2"*^  stage).  One  of  the  objectives  of  using  an 
expendable  2"^^  stage  is  to  be  able  to  reduce  the  staging 
Mach  number  with  still  a  low  TOGW  and  a  low  stage 
dry  mass.  The  results  are  shown  in  table  3  where  two  fully 
reusable  TSTO  concepts  analysed  in  detail  in  other 
European  studies  ([6]  &  [7])  are  also  indicated.  One  can 
see  that  in-flight  LOX  collection  allows  to  reduce  much  the 
TOGW.  This  large  reduction  will  also  offer  more  margin 
for  the  whole  structural  design  :  for  example,  for  a  staging 
at  Mach  4.0,  (Wdryl  /  TOGW)  =  176/361  vs.  188/431  for  a 
FSS-12  launcher  configuration  without  LOX  collection. 


The  results  of  the  sub-systems  detailed  studies  have  to  be 
integrated  in  a  pre-design  vehicle-sizing  tool.  This  sizing 
tool  integrates  the  propulsion,  aerodynamics  and  in-flight 
LOX  collection  aspects  using  the  results  provided  by  the 
sub-systems  studies  with  a  complete  vehicle  trajectory 
calculation  and  a  mass  &  volume  model  of  both  stages  [3]. 

The  first  results  are  for  a  fully  reusable  HTOHL 
(Horizontal  Take-Off  Horizontal  Landing)  TSTO  with  a 
staging  at  Mach  5.0  and  a  CR  of  2.8.  Collection  takes  place 
in  acceleration  (between  Mach  1.8  and  3.0)  but  mainly  in 
cruise  (at  Mach  2.5  and  16.7  km  altitude).  For  the  first 
stage  airbreathing  propulsion,  the  ring  pre-cooled  turbofans 
are  used  from  take-off  up  to  Mach  3.8  followed  by  ramjets 
up  to  staging.  The  first  stage  shows  a  blended-body 
configuration  and  the  second  stage  has  a  winged-body 
configuration.  The  average  structural  index  of  both  stages 
is  equal  to  21  kg/m^.  Both  stages  are  very  well  integrated 
(2''"’  stage  mated  to  the  stage).  The  table  2  shows  some 
vehicle  sizing  parameters  for  three  different  values  of  the 
purity  of  the  LOX  stored  inside  the  stage  tanks  in  flight. 
The  all-rocket  (LOX-LH2  engines)  2"^^  stage  propulsion  is 
assumed  to  loose  1.5  second  of  vacuum  ISP  per  percent  of 


Sanger 

FSS-12D 

Vi  reuse 

Vi  reuse 

Vi  reuse  | 
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jSQUH 

Mach  staging ;  V 

moM 

mma 

|5.0 

4.5;,.'- 

TOGW  (t) 

431 

^IHII 

286,9 

RTW  (-) 

0.84 

0.84 

mm 

Ao  (km) 

463 

250 

Oinc  C) 

28.5 

5 

5 

5 

5 

188 

188 

130 

139.5 

176 

|^Vdry2  (t) 

24 

31 

25 

3:5 _ 

[Staging  time  (s) 

- 

- 

2325 

lUSQS&SfllHi 

0.25 

0.453 

0.30 

0.32 

pstrl  (kg/m^) 

21 

19 

20 

19 

18  ^ 

TauO  (-) 

0.0305 

(•um 

0.0853 

0.0926 

Payload  (t) 

7.0 

QQmii 

7.0 

7.0  1 

Table  3 

(CR  =  2.8,  Cox  =  90%,  pstr2-20  kg/m^,  Lto2  =  0.50  t/m^) 


In  tables  2  and  3,  the  indices  0,  1  and  2  refer  respectively  to 
the  whole  vehicle,  the  stage  and  the  stage. 


Large  subsonic  ACES  launcher 


collect  280  Mg  of  LOX  and  launch  much  heavier  vehicles 
(configurations  E  and  F).  Increasing  the  percentage  of  LH2 
The  next  to  come  development  of  very  powerful  turbofans  used  for  Lox-collection  (earlier  operation  and/or  shorter 

(115.000  Ibf,  maybe  even  more)  and  of  the  large  twin  flight  after  LV  release)  would  also  provide  a  significant 

engine  planes  they  will  power  make  it  possible  to  consider  increase  of  the  LOX  mass  available,  whatever  the  CR 

jumbo  earners  that  could  be  derived  at  moderate  achieved.  Configuration  (G)  illustrates  this  point  with  58% 

development  costs  and  risks  for  airborne  space  launch.  of  Ihe  LH2  load  instead  of  50%. 

The  Molnya  company  has  been  proposing  such  kind  of 

plane  (the  Herakles-1000)  for  5  years,  announcing  a  450  t  LOX-Collection  flow  rate 

maximum  cargo  capacity  for  this  900  t  GTOW  special  Maximising  the  total  mass  of  collected  LOX  introduces  an 

design  plane,  powered  with  conventional  kerosene  fuelled  important  operational  constraint  :  flow-rate  is  strictly 

turbofans  of  PW4084  class.  Using  such  kind  of  plane  for  proportional  to  the  bum-rate  of  the  turbofans.  As  an 

airborne  launching  and  the  full  development  of  synergies  average  hydrogen  bum-rate  of  «10  Mg/hour  can  be 

between  LOX  collection  and  hydrogen  fuelled  turbofans  expected  the  maximised  Lox-collection  will  extend  over  »7 
would  raise  to  unsuspected  summits  the  advantages  already  hours.  One  deriving  advantage  is  the  possibility  to  take-off 

identified  at  the  scale  of  a  B747  (ref  8).  as  far  as  3600  NM  away  from  the  selected  L.V  release 

The  advertised  data  for  Herakles-1000  (Jane’s  98-99)  are  P^int.  One  drawback  could  be  to  have  to  loiter  for  a  few 
summarised  below:  hours  around  the  L.V.  release  point  until  the  required  mass 

G.T.O.W=  '-900t  and  OEW  =  ~300t  of  LOX  has  been  collected.  In  fact,  operational  flexibility 

Engines  :  6  x  PW4084  class  will  be  provided  with  additional  LCP  modules  and 

Max  fuel  capacity  :  360  t  kerosene  dumping  the  hydrogen  that  is  not  burnt  by  the  turbofans. 

Range  with  Max.  PL  (450 1):  >  1  200  NM 

Range  with  max  fuel  &  240  t  PL  :  >  4  000  NM  Mass  comparison 

Table  4  summarises  a  series  of  data  that  have  been 
Hydrogen  burning  turbofans  estimated  with  four  different  sets  of  assumptions  : 

Substituting  hydrogen  to  kerosene  will  drastically  reduce  “  with  kerosene  fed  turbofans  and  without  LOX  collection 

the  equivalent  maximum  fuel  mass  from  360  Mg  down  to  -  with  hydrogen  burning  turbofans  and  with  the  number  of 

less  than  140  Mg  but  the  volume  is  multiplied  by  a  factor  LCP-modules  required  to  collect  within  less  than  4  hours 

4.0-4.5  and  LH2  cannot  be  stored  in  conventional  wings  -  same  as  above  but  with  an  improved  LCP  achieving  CR  = 

tanks.  A  twin  fuselage  rather  than  a  twin-boom-like  4.0  (at  the  cost  of  a  100  %  increase  of  its  mass) 

(Herakles)  fuselage  architecture  will  be  needed  (ref  12).  "  same  as  above  but  collection  starts  earlier,  allowing  a 

Fifty  percent  (70  Mg),  at  least,  of  this  LH2  load  can  be  used  larger  (58%)  share  of  the  LH2  load  for  collection, 
to  collect  210  Mg.  of  LOX  with  CR  =  3.0.  That  would  To  simplify  the  discussion,  the  Operational  Empty  Weight 

authorise  to  design  a  300  Mg  initial  mass  LOX/LH2  launch  (O.E.W)  of  the  basic  plane  is  kept  constant.  Consequently 

vehicle  of  more  than  360  Mg  with  LOX/Kerosene  the  mass  of  hydrogen  (to  collect  oxygen  and  feed  the 

propulsion  (configurations  C  and  D  in  Table  4).  An  turbofans)  is  also  constant, 

improved  LCP  achieving  CR  =  4.0  would  similarly  allow  to 


*  Common  hypothesis  is  50%  of  LH2  used  for  Lox-collection  but  58%  for  configuration  (G). 

**  Distance  from  take-off  to  release  point.  //  20%  of  fuel  burnt  before  LOX-coIlection  phase. 

Table  4  -  Mass  comparison  of  various  possible  design  possibilities 


i 


As  expected  Lox-collection  provides  spectacular  reductions 
of  the  GTOW,  even  after  part  of  the  gross  reduction  has 
been  used  for  a  heavier  but  more  efficient  LCP  to  collect 
more  LOX. 

It  would  be  possible  to  push  the  performance  even  further 
up,  beyond  configuration  (G)  of  Table  4,  and  still  remain 
well  below  the  900  Mg  GTOW  limit,  but  other  advantages 
seem  to  be  preferred: 

-  more  opportunities  to  reuse  structures  and  parts  from 
ageing  aircraft; 

“  not  more  than  4  engines; 

-  shorter  take-off  distance; 

-  acquiring  experience  progressively  with  increasing  LH2 
loads,  etc. 

Experimental  aspects 

Among  the  various  devices  that  Air  Collection  and 
Enrichment  System  vehicles  need  to  operate,  one 
crystallises  the  unknowns  of  the  concept;  the  separation 
device  that  extracts  oxygen  from  air  in  order  to  fill  up  the 
LOX  tanks  during  flight.  To  address  this  issue,  the  FESTIP 
programs  of  ESA  have  financed  the  development  of  an 
experimental  test  bench  for  testing  vortex  tube  separation. 
But  another  concept  will  also  be  tested  within  the  GSTP  3 
technological  program  of  ESA  (in  the  period  2000-2002) 
where  a  significant  effort  will  be  devoted  to  the 
experimental  study  of  a  centrifugal  distillation  column. 

One  needs  also  to  look  attentively  at  the  Integrated  LCP  - 
Turbofan  unit  presented  here  before.  Experimental  work  is 
planned  in  the  ESA  FLTPl  (2000-2001). 

Vortex  Tube  (VT)  separation  experiments 

In  the  frame  of  FESTIP  1  &  2  from  1997  till  1999,  the 
Thermodynamics  Laboratory  of  the  University  of  Liege 
(with  the  initial  support  of  V.  Balepin)  has  designed  and 
built  a  test  bench  able  to  produce  "dried"  compressed  air 
(up  to  7  bar)  and  to  cool  it  down  to  a  two-phase  flow  state. 
Then,  a  demonstration  of  the  air  oxygen  separation  by 
means  of  a  vortex  tube  (figure  9)  with  air  compressed  up  to 
only  6  bar  has  been  successfully  achieved.  There  is  here  no 
need  to  compress  air  above  its  critical  pressure  («  37.7  beir). 
A  small  vortex  tube  (6-7  g/s  capacity)  as  well  as  a  vortex 
tube  of  higher  capacity  (factor  4)  have  been  designed,  built 
and  tested  successfully.  An  intensive  experimental  work 
devoted  to  study  the  influence  of  the  geometry  and  the 
operating  conditions  of  a  vortex  tube  on  the  air  oxygen 
separation  efficiency  has  been  carried  out. 


Figure  9  :  VT  on  test  bench 


The  influence  of  the  following  parameters  has  been 
investigated:  the  heat  gain  from  the  environment,  the  scale  of 
the  vortex  tube,  the  relative  diameter  of  the  depleted  air 
orifice,  the  vortex  tube  length,  the  size  and  number  of  the 
inlet  nozzle(s),  the  air  vapour  quality  and  the  enriched  air 
fraction.  The  main  parameters  that  seem  to  play  a  key  role 
on  the  vortex  tube  performance  are  :  the  air  vapour  quality 
at  the  inlet  of  the  vortex  tube  and  the  enriched  air  fraction. 
That  is  illustrated  in  figure  10  which  gives  the  oxygen  mass 
concentration  (yo2)  of  the  enriched  air  stream  versus  the  air 
vapour  quality  (x^  su)  different  enriched  air  ratios  (f). 


Figure  10  :  Measured  performance  of  VT  separator 

Oxygen  concentrations  up  to  about  90%  have  also  been 
recorded  in  the  enriched  air  stream  just  downstream  of  the 
vortex  tube,  but  the  flux  composition  was  not  uniform  at 
that  location. 

Rotary  Distillation  Separation  (RDS)  experiments 

Distillation  on  Board,  the  Technological  Choices  for  a 
Rotary  Distillator 

Supplied  with  a  substantial  amount  of  air  near  saturation, 
the  separation  device  of  the  full  size  vehicle  has  the 
challenging  task  of  separating  oxygen  from  nitrogen.  Of 
course,  in  practice,  that  process  will  be  incomplete  and 
neither  will  the  oxygen  enriched  fraction  be  pure,  nor  will  it 
contain  all  the  available  oxygen.  The  main  reason  for 
choosing  fractional  distillation  is  that  among  the 
technologies  available  to  separate  miscible  fluids,  it  is  a 
rather  attractive  solution.  Indeed,  it  is  widely  used  in 
industry  and,  in  most  cases,  it  can  separate  fluids  from  each 
others  with  a  given  efficiency  and  to  a  given  purity 
provided  their  properties  are  sufficiently  different. 
Moreover,  performance  estimates  are  possible  since  the 
process  is  well  known  and  is  mainly  based  on  the 
thermodynamics  of  liquid- vapour  phase  equilibria. 

Looking  at  industrial  separation  systems,  the  most  common 
arrangement  is  a  combination  of  two  columns  operating  at 
different  pressures  and  separated  by  a  reboiler-condenser 
(figure  11).  However,  these  concepts  are  optimised  for 
energy  efficiency  and  low  cost  production  of  oxygen.  In  the 
onboard  oxygen  collection  plant,  simpler  systems  will  be 
preferred  even  at  the  cost  of  a  less  efficient  use  of  the  cold 
source  (hydrogen),  see,  for  example,  the  arrangement  of 
figure  12  that  uses  a  centrifugal  arrangement  to  avoid  the 
excessive  bulkiness  of  classical  columns.  Looking  inside 
the  ’column’,  two  main  options  remain  possible:  a  classical 


plate  type  column  or  a  packing  type  of  column  (packings 
are  wrinkled  perforated  sheets  bonded  together  into 
compact  blocks  that  force  the  contact  between  the  liquid 
and  the  vapour  that  are  flowing  in  opposite  direction). 
Although  packings  will  almost  certainly  give  better 
performances,  the  particular  choice  for  the  experimental 
setup,  will  mainly  be  based  on  manufacturing 
considerations. 


gaseous  outflows  are  used  to  precool  air  inflow 

Figure  1 1  :  The  industrial  production  of  oxygen 
(T  denotes  a  turbine) 


to  LOX  tank 


Figure  12:  Scheme  of  in-flight  rotary  distillation  device. 
The  Test  Rig  for  ESA  GSTP3 

The  test  rig  will  consist  of  a  cylindrical  rotor  of  400  to  500 
mm  in  diameter  rotating  in  a  casing  and  working  with  a 
limited  mass  flow.  For  practical  reasons,  a  simplified 
version  of  the  complex  flow  chart  presented  on  figure  12 
will  be  used,  but  the  ability  of  the  column  to  operate  at  a 
limited  efficiency  and  purity  will  be  kept.  To  facilitate 
future  extrapolations  from  the  experimental  results,  the  rig 
will  be  able  to  control  the  major  parameters:  rotational 
speed  of  the  rotor,  mass  flow,  composition,  temperature  and 
pressure  of  the  supplied  fluid.  On  the  other  side, 
composition  and  relative  mass  flow  of  outgoing  fluids  will 
be  measured  to  check  the  performances.  The  supply  air  will 
be  a  synthetic  mixture  of  oxygen  and  nitrogen,  mainly  to 
avoid  potentially  tricky  icing  problem.  It  will  be  possible  to 
add  argon  later  by  mixing  it  with  the  oxygen  in  the  tank. 


Objectives 

Although  strong  theoretical  and  experimental  basis  are 
available  about  distillation  columns,  only  few  tests  have 
been  carried  out  on  their  centrifugal  equivalents  (references 
9,  10  &  11),  which  means  that  many  unknowns  are  still 
present.  The  present  goal  is,  starting  from  synthetic  air,  a 
purity  of  80%  and  a  collection  efficiency  (fraction  of  total 
oxygen  recovered)  of  60%.  These  performances,  once 
reached  with  a  significant  throughput,  are  an  excellent  basis 
for  an  ACES  concept  separator.  Concerning  argon,  one 
percent  of  the  air  composition,  it  is  expected  that,  once  it 
will  be  added,  it  will  almost  entirely  follow  the  oxygen, 
causing  a  serious  limitation  on  oxygen  purity  (95%  at  best 
from  air)  unless  an  additional  argon  separator  is  used. 

Integrated  Turbofan  -  LCP  experiments 

In  the  FESTIP  2  vehicle  study,  the  TSTO  with  supersonic 
separation  takes  advantages  of  the  integration  of  the  LCP 
within  the  turbofan  used  for  the  first  stage  propulsion. 

The  logical  next  step  is  now  to  simulate  this  integration  and 
this  interaction  of  the  LOX  collection  plant  on  an  existing 
turbofan  engine.  Therefore,  it  is  proposed  to  use  an  existing 
LBPR  turbofan  which  will  be  specially  modified  to  allow  a 
bleed  from  the  secondary  flow  (by-pass  duct)  and  a  re¬ 
injection  of  nitrogen  or  depleted  air  (figure  13).  The  goal  is 
to  check  the  engine  behavior  when  implementing  the 
collection  plant  by  introducing  pressure  drop,  bleed  and 
nitrogen  re-injection  (instead  of  air)  into  the  secondary  flow 
and  thus  in  the  afterburner. 


Figure  13  :  LCP  -  turbofan  experimental  set-up 

The  bleed  simulates  the  air  extracted  for  the  collection  plant 
(up  to  30%)  and  the  re-injection  simulates  the  depleted  air 
coming  from  the  separator  (vortex  tube,  rotary  separator  or 
other)  ^ 

This  demonstrator  allows  mainly  to  show  how  an  turbofan 
can  work  with  an  air  collection  system  :  to  control  the 
influence  on  the  surge  margin  and  on  the  performance  of 
the  engine  itself 

From  these  experimental  data,  the  model  of  the  engine 
(with  the  integration  of  the  LCP)  will  be  refined  and  the 
model  will  be  extrapolated  to  the  same  engine  running  with 
hydrogen  as  fuel  instead  of  kerosene. 

In  parallel,  tests  on  heat  exchangers  should  be  performed  in 
order  to  see  how  the  icing  problem  can  appear  for  cruise 
thermodynamic  conditions.  Therefore,  we  should  reproduce 
the  thermodynamical  properties  of  the  air  at  Mach  2.5 
(cruise)  in  front  of  the  heat  exchanger  (working  with 


^  The  VT,  the  RDS  and  their  complementarity  will  also  be 
studied  in  parallel  in  the  ESA  GSTP3  study. 


nitrogen  as  coolant  instead  of  hydrogen).  Additionally,  this 
should  be  done  with  different  values  of  the  air  humidity. 
Afterwards,  we  should  determine  the  influence  of  the  air 
humidity  (so,  influence  of  the  icing)  on  the  air  pressure 
drop,  flow  rate,  thermal  exchange... 

This  study  shared  in  FLTPl  and  GSTP3  programs  aims  at  a 
global  validation  of  the  integrated  system 
propulsion/collection  and  the  development  of  a  reliable  air 
separation  device. 

Conclusions 

A  TSTO  with  supersonic  staging  is  first  presented.  The 
originality  of  the  study  is  to  integrate  all  the  different 
aspects  related  to  a  TSTO  with  in-flight  LOX  collection, 
mainly  by  coupling  the  engine  and  LCP  design 
calculations.  The  engines  have  been  specifically  designed 
considering  their  interaction  with  the  LCP,  satisfying  its 
requirements  in  terms  of  air  mass  flow  rate  and  pressure 
ratio. 

The  fully  pre-cooled  turbofan  showed  a  too  high  level  of 
interaction  with  the  LCP,  constraining  the  performance  of 
both  systems.  More  freedom  has  been  obtained  by  using 
the  ring  pre-cooler  system.  This  system  has  also  additional 
advantages  due  to  its  capability  of  natural  adaptation  to  the 
requirements  of  the  LCP,  by  the  increase  in  pressure  ratio 
and  mass  flow  rate  in  the  outer  part  when  pre-cooling, 
while  the  inner  part  operation  stays  unchanged. 

The  LCP  has  been  designed  to  correspond  to  the  engines 
flow  capacity  and  compression  ratio  during  the  cruise  at 
Mach  2.5.  Then  off-design  calculations  have  shown  that 
LOX  collection  is  possible  during  the  acceleration  phase  of 
the  flight  between  Mach  1.8  and  3  at  the  cost  of  additional 
control  equipment  and  heat  exchanger  mass  (for  the  higher 
speed). 

From  a  vehicle  point  of  view,  the  ring  pre-cooled  turbofan 
assures  very  high  performance  to  a  fully  reusable  TSTO 
using  in-flight  LOX  collection.  Even  with  a  collected  LOX 
purity  of  90%,  the  TOGW  and  the  stage  dry  mass  are  as 
good  as  what  was  expected  for  Sanger  but  with  a  staging  at 
Mach  5.0  instead  of  6.7-6.8. 

For  a  semi-reusable  TSTO  (expendable  2"^^  stage)  with 
staging  at  Mach  4,  the  in-flight  LOX  collection  concept 
used  with  a  LOX  purity  of  90%  allows  to  size  a  vehicle 
with  a  much  lower  TOGW  (and  a  lower  1st  stage  dry  mass) 
than  the  FSS-12D  concept. 

The  option  of  a  subsonic  air-launched  orbiter  from  a 
specially  designed  large  subsonic  transport  aircraft  has  been 
presented  too.  This  represents  certainly  the  ideal  first  step 
into  the  development  of  a  launcher  using  in-flight  LOX 
collection,  with  other  possible  uses  of  the  same  subsonic 
carrier. 

Experiments  centred  on  the  Vortex  Tube  separation 
principle  have  already  performed.  More  are  planned  within 
the  next  two  years  but  mainly  centred  on  the  development 
and  the  testing  of  a  Rotary  Distillation  Separation  unit. 
Tests  of  an  integrated  LCP  -  turbofan  installation  will  also 
be  carried  out,  with  JP-8  as  a  fuel. 
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Abstract 

To  assure  operational  reliability  of  liquid  rocket  engines,  the  issue  of  high-frequency  combustion  instability 
of  a  newly  developed  2500N-thrust  NTO/MMH  engine  was  studied  both  experimentally  and  numerically.  During 
the  early  stage  of  development,  high-frequency  combustion  instability  phenomenon  was  encountered  in  hot 
firing  of  the  engine  with  initial  injector  configuration.  Finally  a  high  combustion  stability  margin  was  obtained 
through  the  modification  of  injector  configuration,  including  incorporation  of  acoustic  cavity  and  rearrangement 
of  injection  element.  The  fmal  injector  configuration  demonstrated  very  stable  combustion  characteristic  in  many 
stability  evaluation  hot  firings  under  a  wide  range  of  operation  parameters.  To  get  more  thorough  understanding 
of  combustion  instability  and  help  design,  numerical  study  with  modem  CFD  methods  was  carried  out  along 
with  the  experiments.  The  numerical  study  mainly  involve  following  several  topics:  analysis  of  physical  sub¬ 
process  in  combustion  chamber  such  as  propellant  atomization,  vaporization,  mixing  and  chemical  reacting, 
numerical  methods  for  unsteady  spray  combustion,  and  stability  evaluation  technology.  The  important  issues 
include  modeling  of  propellant  atomization,  droplet  vaporization/combustion,  acoustic  cavity  and  hypergolic 
propellant  chemical  reaction  were  treated  carefully  to  obtain  credible  prediction.  To  catch  the  development  of 
unsteady  spray  flow  field,  a  new  unsteady  two-phase  flow  algorithm  was  developed  based  on  the  gaseous  PISO 
algorithm.  Finally,  the  effect  of  unsteady  atomization,  dynamic  vaporization  of  droplet  and  acoustic  cavity  on  the 
combustion  stability  was  examined. 

Subject:  Bipropellant  Liquid  Rocket  Engines,  Combustion  Instability,  CFD 
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r.  Introduction 

Great  progress  has  been  made  in  liquid  rocket  engines  technology  during  the  past  half  century. 
Unfortunately,  there  were  still  some  problems  that  were  not  completely  solved.  For  example,  high  frequency 
combustion  instab i I ity‘'\  Due  to  its  serious  harm  to  engine  and  spacecraft,  propulsion  society  has  made  a  great 
effort  to  solve  this  problem,  and  some  engineering  methods  were  found  which  could  suppress  the  combustion 
instability  successfully  in  practice.  However,  since  we  still  have  not  got  an  deep  understanding  about  this 
extremely  complex  phenomenon  up  to  now,  solving  combustion  instability  problem  usually  need  engineering 
experience  and  a  great  amount  of  hot  firing,  which  were  very  expensive  and  sometimes  lead  to  iterative 
modification  of  the  design  of  engine.  So  for  long  time  propulsion  society  has  been  studying  the  mechanism  and 
the  suppression  measurement  of  combustion  instability  in  order  to  found  an  effective  stability  theory  to  guide  the 
design  of  engine  since  the  initial  stage  of  development. 

In  the  first  hot  firing  of  a  hypergolic  bipropellant  (MMH/NTO)  liquid  rocket  engines  developed  by 
Shanghai  Academy  of  Spaceflight  Technology  (SAST)  recently,  high  frequency  combustion  instability 
phenomenon  were  encountered,  which  lead  to  the  destruction  of  thrust  chamber.  Subsequently  an  experimental 
study  project  was  carried  out  in  order  to  eliminate  the  combustion  instability  phenomenon  of  the  engine  and  to 
insure  a  sufficient  combustion  stability  margin  for  the  engine  in  operation.  Based  on  the  experimental  study, 
some  numerical  study  was  also  carried  out  to  deepen  the  understanding  of  this  phenomenon.  The  main 
characteristic  of  the  engine  was  listed  in  table  1. 


Table  1  Main  characteristic  of  the  engine 


Item 

Unit 

Propellant 

NTO/MMH 

Thrust  in  vacuum 

N 

2500 

Chamber  pressure 

MPa 

0.75 

Specific  impulse 
Mixing  ratio 

Cooling  mode 

Ns/kg 

2900 

1.65 

Liquid  film/Radiation 

IT.  Experimental  Study  ofGombustion  Stability 

To  get  sufficient  combustion  stability  margin  of  the  engine,  a  great  amount  of  hot  firing  were  needed  to  help 
designer  to  find  out  the  stability  characteristics  of  engine  with  various  configuration  and  design  parameters. 
During  the  development  of  the  engine,  three  candidate  injectors  with  different  configuration  were  tested.  The 
main  parameters  of  these  injectors  were  listed  in  table  2. 


Item 

Unit 

Config.  I 

Config.  II 

Config.  Ill 

Number  of  orifice  row 

1 

1 

2 

Number  of  injection  element 

48 

48 

48 

Diameter  of  oxidizer  orifice 

mm 

0.85 

0.85 

0.85 

Diameter  of  fuel  orifice 

mm 

0.65 

0.65 

0.61 

Impinge  angle  of  orifice,  0^ 

0 

47/33 

47/33 

25/45,  inner  row 

17/63 

17/63 

35/45,  outer  row 

Number  of  cooling  orifice 

24 

24 

32 

Number  of  acoustic  cavity 

— 

24 

28 

Diameter  of  acoustic  cavity 

mm 

— 

6.5 

5 

Depth  of  acoustic  cavity 

mm 

— 

20.4 

20/23 

A  Design  and  test  of  initial  injector  fconfig.  I) 

To  obtain  a  high  combustion  performance  with  relatively  short  characteristic  length  of  combustion  chamber, 
unlike  doublet  injection  element  were  adopted  in  initial  injector  configuration.  Two  types  of  injection  element 
with  different  integrated  momentum  angle  one  is  positive  (deflected  to  chamber  wall)  and  the  other  is 
negative  (departed  from  chamber  wall),  were  adopted  to  smooth  the  profile  of  propellant  mass  flux  in 
combustion  chamber  cross  section.  Two  types  of  injection  element  were  arranged  one  by  one  in  single  row.  The 
cooling  fuel  orifices  were  located  near  the  perimeter  of  injector  to  form  liquid  film  on  the  wall,  which  protect  the 
wall  from  high  temperature  core  gas.  To  find  out  the  maximum  possible  acoustic  mode  of  combustion  instability 
in  the  engine,  no  acoustic  cavity  was  adopted  in  initial  injector  configuration.  A  sketch  of  initial  injector  was 
shown  in  figure  1. 
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Fig.l  Injector  configuration  I 


The  thrust  chamber  with  initial  injector  was  hot  fired  under 
nominal  operation  condition.  The  test  was  ceased  abnormally  due 
to  high  frequency  combustion  instability,  which  resulted  in  two 
ablation  spot  in  chamber  wall  near  throat,  one  of  which  was 
burnout.  Frequency  spectrum  analysis  of  the  chamber  vibration 
measurement  indicated  a  prominent  frequency  of  6768  hertz  (see 
figure  2),  which  is  correspond  to  the  theoretical  prediction  of  first 
tangential  acoustic  mode.  The  maximum  acceleration  measured 
under  this  frequency  is  as  high  as  39.2  g,  from  which  one  can 
know  that  the  first  tangential  mode  combustion  instability  was 
happened  in  the  thrust  chamber  during  hot  firing. 

B.  Design  and  test  of  modified  injector  rejector  config.  II  and  IIP 
Due  to  the  combustion  instability  hazard  of  initial  injector 
configuration,  two  modified  injector  configuration  were  proposed  (see  figure  3  and  4).  As  a  conventional  way  to 

eliminate  combustion  instability,  24  . _  r-r/rou 

acoustic  cavities  were  adopted  m  mjector 
configuration  II  and  28  for  configuration 
III.  In  configuration  II  all  acoustic  cavities 
are  identical  and  designed  to  prevent  first 
tangential  acoustic  mode.  In  configuration 
III  two  types  of  acoustic  cavities  with 
different  depth  were  adopted,  both  were 
designed  to  prevent  first  tangential  acoustic 
mode.  However  the  longer  one  was  aimed  at  combustion  instability  during  start-up  stage  and  the  shorter  one  for 
stable  operation  stage.  Besides,  the  single-row  arrangement  of  injection  element  in  initial  configuration  was 
replaced  by  double-row  arrangement  in  configuration  II. 


Fvel  Orifice 


Fig.2  Power  spectrum  of  the  measurement  of  chamber 
vibration 


Q  long  acovstic  cavity 
(3  short  acoitshc  cavity 


Oxidizer  Orifice 


Fig.3  Injector  configuration  II  Fig.4  Injector  configuration  III 

To  examine  the  stability  characteristics,  hot  firing  under  various  chamber  pressure  and  mixing  ratio  were 
carried  out  for  both  modified  configuration.  The  hot  firing  were  completed  successfully  and  no  combustion 
instability  was  observed.  Since  the  combustion  efficiency  of 
chamber  with  configuration  III  is  slightly  higher  than  that 
with  configuration  II,  the  configuration  III  was  chosen  as  the 
final  injector  configuration.  Subsequently  the  stability 
evaluation  hot  firings  were  conducted  for  this  final 
configuration. 

C.  Evaluation  of  dynamic  stability 

The  dynamic  stability  of  thrust  chamber  was  evaluated 
by  pulse  gun  test.  The  charge  used  in  pulse  gun  is  RDX.  In 
each  test  generally  two  pulse  gun  was  used,  one  installed 
tangentially  and  another  radially  (figure  5).  About  twenty 
tests  with  different  operation  parameter  of  engine  (mixing 
ratio,  chamber  pressure,  temperature  of  propellant)  and 
different  pulse  gun  charge  mass  were  conducted  to  examine 
the  stability  margin  of  thrust  chamber.  In  all  tests  the 


Fig.5  Cross  section  of  hot  firing  chamber 
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tangential  pulse  gun  was  fired  firstly,  then  the  radial  one.  A  high  frequency  pressure  transducer  was  mounted 
flush  in  inner  wall  to  monitor  the  combustion  process. 

Some  parameters  of  the  test  were  listed  in  table  3.  In  most  tests  the  pulse  disturbance  was  decayed  in  10 
milliseconds.  In  all  tests  no  instability  was  observed,  and  the  chamber  is  in  good  condition  after  hot  firing,  which 
indicated  that  the  engine  has  a  good  stability  characteristic.  Some  typical  chamber  pressure  histories  with  pulse 
gun  disturbance  were  shown  in  figure  6  and  7. 


Table  3  Parameters  in  pulse  gun  test 


F, 

7c 

TjT. 

charge  mass  of 

dimensionless 

dqcay  time 

Test 

MPa 

®  J 

*c 

pulse  gun 

pressure  peak 

No. 

mg 

ms 

T 

R 

T 

R 

T 

R 

1 

0.795 

1.75 

0.919 

ambient 

120 

120 

2.6 

1.6 

6 

6 

2 

0.764 

2.235 

0.902 

ambient 

120 

120 

5.0 

2.5 

10 

17.5 

3 

0.759 

1.18 

0.952 

ambient 

120 

120 

2.1 

1.9 

4 

3 

4 

0,608 

2.269 

0.93 

ambient 

120 

120 

5.1 

1.9 

40 

47 

5 

0.643 

1.331 

0.949 

ambient 

120 

120 

2.9 

2.2 

8 

7.5 

6 

0.749 

1.625 

0.921 

40.8/37.2 

120 

120 

2.6 

1.6 

4.5 

7.5 

7 

0.627 

1.299 

0.945 

42/39 

120 

120 

1.7 

— * 

4.5 

— 

8 

0.731 

2.067 

0.89 

43.6/40 

120 

120 

2.9 

2.0 

6.5 

10 

9 

0.919 

1.571 

0.948 

ambient 

120 

120 

1.75 

1.8 

1.5 

1.8 

10 

0.892 

2.077 

0.909 

ambient 

120 

120 

4.6 

2.0 

5 

4.9 

11 

0.633 

1.695 

0.946 

ambient 

120 

120 

3.7 

— 

7.3 

— 

12 

0.616 

2.205 

0.948 

ambient 

120 

120 

4.7 

2.8 

31 

30 

.  13 

0.778 

1.656 

0.942 

ambient 

60 

60 

1.75 

1.6 

5.7 

2.3 

14 

0.779 

1.633 

0.945 

ambient 

120 

120 

2.5 

2.1 

7.3 

5.4 

15 

0.777 

1.637 

0.944 

ambient 

180 

120 

6.0 

1.7 

7 

6.3 

16 

0.775 

1.647 

0.944 

ambient 

240 

240 

5.1 

2.7 

7.5 

7.5 

17 

0.775 

1.643 

0.944 

ambient 

120 

120 

5.7 

— 

4.3 

— 

T-tangential;  R-radial 


Til.  Numerical  Study  of  Combustion  Stability 

Computation  fluid  dynamics  (CFD)  has  been  applied  to  combustion  instability  analysis  as  early  as  1960’s. 
However,  limited  by  the  low  level  of  computer  hardware  and  numerical  algorithm  of  that  time,  the  early 
application  of  CFD  in  combustion  instability  analysis  was  too  simplified  to  provide  useful  information  for 
combustor  design.  Promoted  by  the  development  of  the  technology  of  computer  software  and  hardware  since 
1980’s,  CFD  methods  has  boomed  rapidly  and  are  widely  applied  to  most  engineering  fields  today.  Since  1990’s 
the  combustion  instability  numerical  analysis  has  been  developing  quickly"^*®.^ 

.  Based  on  the  combustion  instability  phenomenon  arisen  in  SAST  engine  and  its  suppression  measure,  a 
numerical  study  was  carried  out  to  get  more  understanding  of  this  complex  problem. 

A.  Physical  model  ...  .  . 

\  Propellant  atomization  Up  to  now  no  precise  analytical  description  of  propellant  atomization  process 
was  available  due  to  the  extremely  complex  interaction  between  liquid  jet  and  ambient  gas.  In  recent  years  the 
direct  numerical  simulation  of  atomization  process  has  been  developed  quickly,  however,  such  study  is 
aimedmainly  at  investigation  of  atomization  process  itself  and  can’t  be  directly  adopted  for  combustion  analysis. 
Now  the  spray  property  needed  for  numerical  simulation  of  combustion  process  was  obtained  either  from  the 
measurement  of  spray  or  from  engineering  empirical  correlation  which  was  drawn  out  based  on  a  great  deal  of 
measurements  of  spray  property  of  specific  type  injector. 

1 . 1  Droplet  size  distribution 

The  droplet  size  distribution  was  described  with  Nukiyama-Tanasawa  distribution  for  impinge  jet 
atomization.  The  mass  mean  diameter  of  oxidizer  and  fuel  were  determined  from  literature. 

1 2  Droplet  velocity  distribution 

The  distribution  of  the  velocity  and  injecting  angle  of  droplet  was  assumed  to  be  Gaussian.  The  injecting 
angle  and  the  magnitude  of  velocity  of  spray,  which  can  be  calculated  based  on  the  design  parameters  of  the 
injector,  the  flux  and  density  of  propellant,  were  taken  as  the  expectation  of  the  distribution  of  injecting  angle 
and  velocity  of  droplet  respectively.  The  variance  of  both  distributions  was  determined  empirically.  When  the 
equivalent  annular  chamber  model  was  adopted  in  computation,  the  expectation  of  the  injecting  angle  of  droplet 
should  be  set  to  zero. 
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Fig.6  History  of  chamber  pressure  in  pulse  gun  test 


Fig,7  History  of  chamber  pressure  in  pulse  gun  test 
7  Ornplet  vapnrization/combustion  The  state  of  droplets  in  combustion  chamber  is  very  complex. 
However,  in  most  spray  combustion  relevant  studies  the  phase-transition  of  propellant  droplet  was  treated  as  a 
pure  vaporization  process.  Recently  several  authors  investigated  multiple-mode  droplet  model.  Jiang  and  Hsu“ 
compared  three  droplet  model:  ®  Droplet  evaporation  model  (DEM),  droplet  was  assumed  in  pure  vaporization 
state;  ®  Droplet  combustion  model  (DCM),  droplet  was  assumed  in  combustion  state;(3)  Modified  droplet 
combustion  model  (MDCM),  both  vaporization  or  combustion  state  are  possible,  the  state  of  droplet  was 
determined  by  its  condition  and  certain  ignition  criterion.  Jiang  and  Hsu”  concluded  that  the  MDCM  is  the  most 
preferable  model.  Base  on  this  study,  Jiang  and  Chiu‘S  studied  the  bipropellant  combustion  with  MDCM.  Huang 
and  Chiu”  investigated  the  vaporization,  ignition,  blow  off,  extinction  and  recurrence  of  n-octane  in  air  with 
numerical  method,  and  developed  a  criterion  for  droplet  state  estimation  base  on  Damkohler  number  Da. 
However,  their  study  was  conducted  for  specific  fuel  and  the  results  were  difficult  to  be  applied  to  this  study. 

Due  to  the  complex  chemical  property,  the  vaporization/combustion  process  of  hypergolic  propellant  has  a 
significant  difference  with  that  of  liquid  oxygen  or  hydrocarbon,  and  this  difference  was  hardly  considered  in 
previous  studies  concerning  the  hypergolic  propellant.  To  eliminate  the  limitation  of  single  mode  vaporization 
model  and  model  the  real  process  of  hypergolic  propellant  droplet  more  accurately,  multiple  mode 
vaporization/combustion  models  for  MMH/NTO  propellant  was  developed  in  this  paper.  The  droplet  mode 
considered  included  pure  vaporization  of  MMH/NTO  droplet,  dissociation  reaction  of  MMH  droplet,  oxidation 
reaction  of  MMH  droplet,  and  combustion  of  NTO  droplet  in  gaseous  MMH.  The  transient  heating  process  of 
droplet  was  also  considered. 

2.1  Droplet  vaporization  model 
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•  MMH 

The  vaporization  behavior  of  MMH  droplet  is  far  different  from 
liquid  oxygen  or  hydrocarbon  droplet  because  MMH  is  a 
monopropellant  that  will  decompose  and  a  flame  surround  the  droplet 
will  be  formed  due  to  the  heat  released  during  vaporization.  Zhuang  et 
al’"^  have  studied  this  type  process  for  a  long  time.  Their  model  will  be 
incorporated  in  this  study. 

The  physical  model  for  the  vaporization  of  MMH  droplet  was 
illustrated  in  figure  8,  where  r,,'/andr^is  radius  of  droplet, 
decomposition  reaction  flame  and  effective  film  respectively.  The 
detail  of  computation  can  be  found  from  ref.  [14]. 

•  NTO 

Contrary  to  MMH,  NTO  droplet  will  undergo  endothermal 
dissociation  reaction  during  vaporization.  However,  the  temperature 
needed  for  the  dissociation  reaction  is  low,  and  the  vaporization 
system  is  easy  to  reach  equilibrium  state.  The  endothermal  dissociation 
reaction  is  assumed  to  happen  at  the  surface  of  droplet.  The  heat 
absorbed  by  dissociation  reaction  could  be  treated  as  latent  heat  of 
liquid.  So  the  vaporization  of  NTO  can  be  calculated  by  MMH  model 
with  proper  modification. 

2.2  Droplet  combustion  model 

When  the  ignition  condition  was  satisfied,  the  vapor  of  one 
propellant  will  react  with  the  vapor  of  other  propellant  and  a 
diffrisive  flame  surrounded  the  droplet  will  be  formed.  Thus  there 
will  be  two  flame  for  MMH  droplet  and  one  for  NTO  droplet. 

•  MMH 

The  physical  model  based  on  the  forementioned  hypothesis 
was  illustrated  in  figure  9.  where  ^,,'/J»'/2andr^ is  radius  of 
droplet,  decomposition  reaction  flame,  diffusive  flame  and 
effective  film  respectively.  The  details  of  calculation  can  be 
found  from  ref  [14]. 

•  NTO 

Like  its  vaporization  model,  the  combustion  of  NTO  droplet 
can  also  be  calculated  by  MMH  model  with  proper  modification. 

The  main  difference  between  the  combustion  model  of  MMH  and 
NTO  lie  in  that  the  NTO  droplet  has  no  decomposition  flame. 

2.3  Criterion  for  droplet  state 

For  case  of  MMH,  the  droplet  was  assumed  burning  if  the 
following  condition  were  satisfied. 

@  The  ambient  gas  was  oxidizer-rich; 


Fig.  8  Physical  model  of 
vaporization  of  MMH  droplet 


Fig.  9  Physical  model  of  combustion 
of  MMH  droplet 


The  expression  of  droplet  Damkohler  number  and  ignition  Damkohler  number  can  be  found  from 


[15]. 

The  case  of  NTO  can  then  be  deduced  from  above. 

3  rhemica!  rftartion  rate  The  equilibrium  chemistry  is  assumed  in  this  study  because  no  reduced  reaction 
scheme  are  available  for  bipropellant  due  to  its  complex  chemical  property.  The  equilibrium  chemistry  is  feasible 
in  view  of  the  shorter  time  scale  of  chemical  process  compared  to  atomization  or  vaporization. 

Although  only  four  elements  (C,  H,  O  and  N)  were  involved  in  the  reaction  system  comprised  of  NTO  and 
MMH,  many  species  are  involved  in  practical  system.  Based  on  the  results  of  combustor  thermochemistry 
calculation,  The  following  ten  species  with  highest  concentration  are  included  in  the  study:  Hj,  O2,  Nj,  CO,  NO, 
OH,  CO2,  H2O,  H,  O.  Additionally,  CH4  was  also  included  to  facilitate  the  droplet  model.  All  rest  species  were 
ignored  in  the  chemistry  model  in  view  of  their  very  low  concentration  (less  than  10*^)  in  system. 

The  chemical  reaction  rate  of  species  was  calculated  by  iterative  algorithm  under  the  constraint  condition 
that  the  species  in  system  and  relevant  parameters  should  satisfy  the  chemical  equilibrium  condition.  The 
detailed  algorithm  of  reaction  rate  in  equilibrium  chemistry  can  be  found  from[16]o 

4  Acoustic  ravitv  model  The  lumped  parametric  governing  equation  of  the  motion  of  gas  in  acoustic  cavity 
should  be  derived  in  order  to  determine  the  response  characteristic  of  the  gas  under  fluctuant  environment.  The 
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approach  adopted  in  this  study  is  similar  to  that  of  Helmholtz  resonator.  The  gas  in  cavity  was  simulated  by  a 
mass-spring-damping  system.  So  we  should  know  the  characteristic  of  this  system. 

Denote  the  mass  of  mass-spring-damping  system  as  the  coefficient  of  elasticity  as  the  damping 

factor  as  A  sinusoidal  driving  force  was  assumed, 

(0 

Then  the  governing  equation  of  the  motion  of  the  system  can  be  written  as 

+  +  ,  (2) 


Based  on  vibration  theory,  the  amplitude  of  velocity  vibration  of  the  system  can  be  written  as 


(3) 


where  is  impedance  of  the  system.  The  modulus  of  impedance  is 


(4) 


From  equation  (3)  and  (4)  one  can  know  that  the 
mass,  coefficient  of  elasticity  and  damping  factor  of 
system  can  be  determined  if  the  dependency  of  on 
F^  with  various  o)  value  was  obtained.  Then  the 
acoustic  cavity  source  terms  in  flow  governing 
equations  can  be  determined  through  vibrator 
equation  (2). 

Numerical  method  was  adopted  to  obtain  the 
response  of  the  motion  of  gas  in  cavity  to  the 
fluctuation  of  pressure  outside  the  cavity.  The 
computational  domain  was  illustrated  in  figure  10  by 
dotted  line. 

The  pressure  outside  the  acoustic  cavity 
assumed  to  be  sinusoidal: 


Fig.  10  A  sketch  of  acoustic  cavity 

p'  =  cos  cot  (5) 

The  response  of  system  on  pressure  fluctuation  was  measured  by  the  velocity  of  gas  at  the  inlet  if  cavity. 
However,  the  numerically  calculated  gas  velocity  will  not  be  uniform  along  the  cross  section  of  the  cavity.  So  the 
following  cross  section  averaged  value  of  gas  velocity  was  used  in  acoustic  cavity  model, 


(6) 


where  is  the  area  of  cross  section  of  cavity.  Once  the  dependency  of  on  u  with  various  co  was 

obtained,  the  characteristic  parameters  of  acoustic  cavity  model  can  be  determined. 

B.  Numerical  approach 

1  Gnyeming  equations  Two  types  of  governing  equations,  two-dimensional  cylindrical  coordinate 
equations  or  the  so-called  equivalent  annular  chamber  equations  firstly  developed  by  Habiballah  et  aI^  were 
adopted  in  the  study  depend  on  the  research  object.  The  annular  chamber  equations  used  for  the  problems 
involved  tangential  mode  instability  and  the  cylindrical  equations  for  others. 

The  motion  of  liquid  phase  was  described  in  Lagrangian  frame  and  the  effect  of  turbulent  dispersion  was 
considered  in  the  code. 

7  Hrid  generation  A  boundary-fitted  curvilinear  grid  was  generated  with  TTM  method  for  the  case  of 
cylindrical  equations.  Some  orthogonalization  treatment  was  conducted  for  the  boundary  node  to  facilitate  the 
treatment  of  boundary  condition  and  improve  the  convergence  of  code.  As  to  the  case  of  annular  chamber 
equations,  the  rectangle  grid  was  adopted. 

3. Algorithm  for  unsteady  two-phase  flow  Based  on  the  idea  in  ref[17]  and  the  original  PISO  algorithm 
a  two-phase  PISO  algorithm  for  the  computation  of  unsteady  spray  combustion  was  developed  to  improve  the 
efficiency  and  accuracy  of  computation.  In  this  newly  developed  algorithm  the  concept  of  time-split  are  adopted 
in  droplet  phase  as  well  as  in  gaseous  phase.  The  calculation  procedure  from  time  layer  t  to  time  layer  /  + A/ 
was  described  below.  The  interim  values  of  variables  were  denoted  by  superscript  ♦ ,  and  the  gaseous  source 
term  and  liquid  source  term  were  denoted  by  subscript  g  and  d  respectively. 

®  Prediction  of  droplet  phase 
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Based  on  the  flow  field  variables  f  and  droplet  information  91"  (such  as  the  number,  place,  mass, 
velocity  and  temperature  of  computational  droplet)  at  t  time  layer,  the  droplet  information  91*  at  t  +  M  time 
layer  was  calculated  through  the  droplet  dynamics.  Then  the  droplet  source  term  5^  in  prediction  step  can  be 
obtained  through  the  concept  of  PSIC^®. 

(2)  Prediction  of  gaseous  momentum 

The  prediction  of  gas  velocity  w*  was  obtained  through  the  implicit  iterative  solution  of  differential  form  of 
gaseous  momentum  equation  with  the  pressure  and  density  of  old  time  layer: 

^ 

(3)  First  correction  of  droplet  phase 

The  droplet  information  91**  at  r  +  A/  time  layer  was  calculated  based  on  $J"and  9?".  At  the  same 
time  the  droplet  source  term  in  first  correction  step  can  be  got. 

@  First  correction  of  gaseous  phase  momentum 

Transform  the  differential  form  momentum  equation  to  following  explicit  correction  form: 

With  equation  (7),  equation  (8)  can  be  written  as  following  incremental  form; 

p‘ur-py=-(jl-p-%(p-pl  +  {S:,-SZ)]  (9) 

Through  state  equation  we  got 

p'=p^(p\n  (10) 

Combine  equation  (9),  (10)  and  continuum  equation,  the  following  pressure  equation  can  be  yielded, 

=  A,  (^-^)-‘(5,“  -5;,)  +A,(pX)-5,,„-5;»  (11) 

Solve  the  equation  above,  we  got  the  prediction  of  pressure  p* .  Then  the  prediction  of  density  p*  and  the 
first  correction  of  velocity  u]*  can  be  calculated  with  equation  (9)  and  (10). 

©  Prediction  of  gaseous  scalar 

The  temperature  and  species  fraction  can  be  obtained  by  implicit  iteration  of  the  equations  of  species  and 
energy, 

=G'(r)-^A,(;7«,“)+5,,, +5;> 

(^  -  =  M\r)  +  5,.,  +  sir  +  ^  (*^) 

®  Second  correction  of  droplet  phase 

Based  on  the  updated  field  variable  f,  w”  and  droplet  information  5H",  calculate  the  droplet  information 
91’**  at  /  +  A/  time  layer  and  the  droplet  source  term  of  second  correction  step. 

@  Second  correction  of  gaseous  phase  momentum 

Calculate  the  following  equations  explicitly  with  the  latest  value  of  relevant  variables. 

Momentum  equation: 

(4  -  4)p“«r  =  A,p“  +  5,,  +  SZ  +  ^  (14) 


Continuum  equation: 


^  (p’‘wr )  =  “  ^  -  P" ) + + ‘S’; 


State  equation: 

Combine  above  three  equations  we  got  the  following  equation  for  the  pressure  correction  p"* : 


8 


/  1  ^ 
;<»  p' 


r'A, 


P,r) 

St 


=  A, 


(1-A 

p' 


a 


(17) 


Based  on  equation  (17),  (16)  and  (14),  p~,/o”and  «‘"can  be  calculated.  Now  the  latest  values  of  all 
variables  being  calculated  were  taken  as  the  value  at  f  +  At  time  layer. 

©  Calculation  of  turbulent  variables  , 

The  calculation  of  turbulent  variables  such  as  it  and  £■  was  also  comprised  of  prediction  and  correction. 
The  detail  of  calculation  procedure  is  identical  to  that  of  gaseous  PISO  algorithm  and  can  be  found  from 


literature"'’. 

C.  Stability  study 

In  many  numerical  studies  of  combustion  instability  a  disturbance  was  added  on  the  steady  operation  value 
of  flow  field  variables  to  simulate  the  flow  field  disturbed  by  bomb  or  pulse  gun.  In  fact  the  initial  flow  field 
generated  with  such  numerical  disturbance  may  be  far  from  the  reality.  To  simulate  the  realistic  physical  process 
more  closely  the  effect  of  pulse  gun  on  flow  field  was  considered  by  adding  short  duration  source  terms  of  mass, 
momentum  and  energy  to  gaseous  governing  equations  in  this  study. 

1  Rffect  of  Hynamic  response  of  vaporization  The  droplet  model  based  on  quasi-steady  h>pothesis  will  give 
a  questionable  results  when  flow  field  parameters  in  combustion  chamber  were  oscillatory  such  as  the  case  of 
combustion  instability.  So  the  influence  of  oscillatory  environment  on  droplet  vaporization  should  be  considered 
in  combustion  instability  study.  The  key  problem  is  the  dynamic  response  expression  of  droplet  vaporization 
model  under  oscillatory  environment.  Limited  by  computation  resource,  the  complete  numerical  model  of 
dynamic  vaporization  could  not  adopted  in  numerical  study  of  combustion  chamber.  In  this  paper  the  following 
general  phenomenological  analytical  expression  was  adopted, 


m  = 


(18) 


where  is  stable  state  vaporization  rate  calculated  with  quasi-steady  model, 


is  a  reference  value  of 


pressure  derivative  and  set  as  constant  for  given  propellant,  is  coefficient  of  dynamic  term  used  to  regulate 
the  intensity  of  dynamic  response. 

The  simulation  of  combustion  stability  was  conducted  with  various  .  To  simplify  the  computation  a 
monodisperse  droplet  was  assumed  and  the  droplet  generation  rate  was  set  to  constant.  The  results  were 
illustrated  in  figure  1 1  to  13.  The  Y-axis  in  the  figures  indicated  the  pressure  at  the  center  of  injector  face.  From 
these  figures  one  can  know  that  the  combustion  stability  is  fairly  good  since  the  oscillation  of  chamber  pressure 
decay  quickly  when  the  dynamic  response  of  droplet  vaporization  is  not  significant  which  indicated  by  small 
a^p.  With  the  increasing  of  The  decay  rate, of  pressure  oscillation  decreased  obviously.  When 
increased  to  an  enough  large  value,  combustion  instability  that  indicated  by  sustaining  pressure  oscillation  would 
be  observed.  The  study  confirmed  that  the  couple  between  vaporization  and  chamber  pressure  oscillation  would 
be  a  significant  driving  factor  of  combustion  instability. 


Fig.  11  History  of  pressure  at  injector  center 
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Fig.  12  History  of  pressure  at  injector  center 
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Fig.  13  History  of  pressure  at  injector  center 

7  F.ffect  of  nn<;tftadv  atomization  Based  on  experiment  observation  and  theoretical  analysis,  the  atomization 
of  impinging  jet  was  known  as  an  unsteady  process  and  the  formation  of  droplet  was  a  periodic  process.  The 
periodicity  of  droplet  formation  could  have  a  significant  influence  on  combustion  process  and  could  become  an 
important  driving  factor  of  combustion  instability.  This  problem  was  seldom  considered  in  previous  combustion 
instability  analysis.  Since  the  detail  mechanism  of  atomization  was  not  understood  well  up  to  now,  this  problem 
was  discussed  by  the  way  of  parametric  study  in  this  study.  To  consider  the  temporal  nonuniform  of  atomization 
rate,  the  following  expression  was  adopted  to  describe  the  droplet  generation  rate  as  a  function  of  time, 

Qa^o  =  Qa,o[^  +  <^a,oMO)aJ)]  (19) 

where  is  atomization  rate,  i.e.  the  mass  of  droplet  injecting  to  chamber  per  unit  time,  Qa,o  is  the  steady 
value  of  atomization  rate,  is  a  coefficient  between  0  and  1,  which  was  used  to  regulate  the  fluctuation 
intensity,  and  circular  frequency  0)^,^  was  adopted  to  regulate  the  time  scale  of  atomization  periodicity. 

Through  equation  (19),  the  effect  of  atomization  periodicity  on  combustion  stability  was  investigated.  Two- 
dimensional  cylindrical  form  of  gaseous  governing  equations  was  employed  and  monodisperse  droplet  was 
assumed.  The  pressure  history  with  various  and  ^o,oWere  illustrated  in  figure  14  to  17,  the  pressure  was 
sampled  at  axial  position  one  fifth  of  the  length  of  combustion  chamber  downstream  the  injector.  From  these 
figures  one  can  know  that  the  periodical  injection  of  droplet  formed  a  driving  factor  of  the  oscillation  in  chamber. 
This  driving  factor  would  achieve  its  maximum  at  certain  o)^,o  •  When  the  driving  factor  exceeded  the  damping 
factor,  the  parameter  oscillation  would  be  amplified  and  resulted  in  combustion  instability.  When  the  atomization 
periodicity  was  not  significant,  which  was  indicated  by  small  ,  parameter  oscillation  in  combustion  chamber 
was  decayed  quickly  to  small  amplitude  oscillation  with  the  frequency  identical  to  atomization  oscillation. 
However,  the  parameter  oscillation  would  be  amplified  when  is  large  enough  and  atomization  frequency  is 
located  in  certain  range. 

Fffhrt  of  aooTistic  cavity  In  order  to  examine  the  effect  of  acoustic  cavity  on  combustion  stability, 
computation  of  tangential  mode  stability  of  the  chamber,  which  has  encountered  combustion  instability  during 
development,  was  carried  out  without  acoustic  cavity  (injector  I)  and  with  acoustic  cavity  (injector  II).  The 
equivalent  annular  chamber  equations  were  adopted  for  tangential  mode  instability  simulation  with  current 
computation  resource.  Since  the  details  of  dynamic  response  of  vaporization  and  the  periodicity  of  atomization 
are  not  understood  well  up  to  now,  the  parametric  study  was  carried  out  in  stability  simulation.  More  than  one 
value  was  specified  for  each  affect  factor  of  sub-process  in  order  to  cover  the  uncertainty  of  atomization  and 
vaporization.  Eight  calculations  were  conducted  with  different  parameters  that  were  listed  in  table  4.  The 
calculation  cases  listed  in  the  table  were  arranged  in  the  order  of  increasing  instability  factor.  In  the  table,  n  was 
the  droplet  uniformity  parameter.  With  the  greater  w,  the  droplet  size  is  more  uniform.  The  computation  results 
were  also  listed  in  the  table. 

Case  1  and  2  were  the  most  stable  case.  In  these  two  cases,  the  vaporization  of  droplet  was  assumed  to  be 
quasi-stable  and  without  dynamic  response  to  the  ambient  oscillation,  the  atomization  rate  was  assumed  to  be 
constant.  Thus  the  combustion  were  stable  in  the  chamber  both  with  acoustic  cavity  and  without  acoustic  cavity. 
However,  the  result  indicated  that  the  decay  rate  of  the  oscillation  in  chamber  were  slightly  higher  in  the  case 
with  acoustic  cavity  than  the  case  without  acoustic  cavity. 

When  the  dynamic  response  of  vaporization  was  taken  into  account  in  case  3,  the  parameter  oscillation 
decay  rate  was  slower  than  that  of  case  2.  However,  the  combustion  in  case  3  was  still  stable  even  without 
acoustic  cavity  probably  because  the  dynamic  response  of  vaporization  was  not  great  enough.  The  computation 
result  of  case  3  still  indicated  that  the  acoustic  cavity  accelerated  the  decay  of  oscillation.  When  the  dynamic 
response  of  vaporization  was  increased  to  certain  value,  the  combustion  instability  was  appeared  as  indicated  in 
case  4.  However,  the  combustion  instability  was  suppressed  by  the  acoustic  cavity  in  this  case. 
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Fig,  14  History  of  chamber  pressure 


Fig.  16  History  of  chamber  pressure 


Fig.  15  History  of  chamber  pressure 


Fig.  17  History  of  chamber  pressure 


Table  4  Combustion  stability  under  different  condition 


case 

n 

Stability 

^ato 

injector  I 

injector  II 

1 

1.5 

0 

0 

— 

S 

S 

2 

3 

0 

0 

— 

s 

S 

3 

3 

0.5 

0 

— 

S 

s 

4 

3 

2.5 

0 

— 

U 

s 

5 

3 

2.5 

0.5 

30000 

u 

s 

6 

3 

2,5 

1 

30000’ 

u 

s 

7 

3 

2.5 

1 

50000 

u 

s 

8 

3 

2.5 

1 

40000 

u 

u 

S-Stable  U-Unstable 


Since  case  5  the  instability  driving  factor  of  atomization,  i.e.  atomization  periodicity,  was  taken  into 
account.  The  results  shown  that  the  combustion  were  unstable  without  acoustic  cavity  in  case  5~8.  However,  the 
instability  were  suppressed  by  acoustic  cavity  in  case  5--7.  Case  8  is  the  case  including  the  most  instability- 
driving  factor.  In  this  case  the  combustion  instability  would  happen  even  with  acoustic  cavity.  This  is  not  the  fact, 
so  one  can  know  that  the  instability-driving  factors  considered  in  case  8  were  more  than  reality,  or  the  damping 
factor  of  the  system  considered  was  less  than  reality. 

rv.  Conclusion 

Limited  by  computation  resource,  only  a  fraction  of  atomization  and  vaporization  problems  were  studied  in 
the  paper.  Based  on  the  study  one  can  find  that  the  periodicity  of  atomization  and  the  dynamic  response  of 
vaporization  to  ambient  oscillation  both  are  important  combustion  instability  driving  factors,  and  the  combustion 
instability  could  be  triggered  when  these  factors  is  great  enough.  However,  the  possibility  of  such  instability,  or 
how  much  the  influence  of  atomization  periodicity  and  vaporization  dynamic  response  on  the  instability  are  in 
reality  would  not  understand  until  the  thorough  investigation  of  atomization,  vaporization  and  their  coupling 
mechanics  with  combustion  are  carried  out.  For  high  frequency  combustion  instability,  the  parameter  oscillation 
in  chamber  has  a  minor  influence  on  propellant  feeding  process,  the  main  problem  of  atomization  should  lie  in 
the  coupling  between  the  breakup  of  liquid  jet  and  ambient  environment. 

The  stability  design  of  the  engine  developed  by  SAST  was  validated  both  experimentally  and  numerically. 
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The  effect  of  acoustic  cavity  to  suppress  the  combustion  instability  is  evident.  To  understand  the  combustion 
instability  phenomenon  more  deeply,  a  great  deal  of  thorough  study  effort  concern  the  sub-process  of  spray 
combustion  process  should  be  conducted. 
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Abstract 

The  principles  of  acoustic  modeling  of 
dynamic  properties  of  the  combustion  chamber 
and  gas  generator  are  considered  in  the  article. 

The  concept  of  the  acoustic  facility  in¬ 
tended  for  experimental  definition  of  the  fre¬ 
quency  characteristic  of  the  combustion 
chamber  is  adduced. 

The  examples  of  practical  application  of 
a  method  are  given. 

1.  Operating  principles  of  the  acoustic  fa¬ 
cility 


On,  modern  oppinion  [1],  [2]  appearance  of 
burning  instability  arises  firom  joint  operation 
of  the  two  dynamic  elements:  the  burning  zone 
and  the  acoustic  link 

(see  Fig.  1). 


mn 

- ^ 

Combustion 

ii  ^ 

zone 

- ^ 

SPmn 

Acoustical 

link 

^ - - - 

Fig.l 


The  chain  of  actions  shown  in  Fig.  1  is  a 
closed  self-excited  circuit.  In  this  circuit  5P 

mn 

and  are  dimensionless  amplitudes  of 

P' 

pressure  pulsation,  dP^  =-^,  and  of  mass 


flux  density  pulsation,  6G„„  =  of 

p  u 

mode  (m,  n)  at  the  burning  zone  end. 

The  system  shown  in  Fig.  1  be  at  the  sta¬ 
bility  boundary  under  the  following  condition: 

iro=l  (1) 

or  |ff||8|  =  l  (2) 

sm(cp„ +<P8)=0,  (3) 


where  H  =  — —  =  is  a  fi'equency 

characteristic  of  the  burning  zone; 

8P 

0  =  'g^^  =  |0|e'‘'’®  is  an  acoustic  fire- 

mn 

quency  characteristic. 

If  modulus  |e|  decreases  at  a  constant 
modulus  \H  |,  the  system  becomes  stable: 

If  modulus  |e|  increases  at  a  constant 
modulus  |/-/ 1,  the  system  goes  into  the  instability 
zone: 

'  .  '"4- 

Therefore,  in  order  to  increase  the  stability 
reserve,  it  is  necessary  to  reduce  the  combustion 
chamber  acoustic  frequency  characteristic 
jnodulus.  This  conclusion  is  valid  both  for  a 
''soft"  mode  of  oscillations  excitation  and  for  a 
"hard"  one  [2]. 

The  acoustic  frequency  characteristic  is  une¬ 
quivocally  connected  to  an  impedance,  widely 
used  in  acoustics  [3]. 


*  Chief  of  section,  professor 
^  Leading  researcher 


yMZ 
\  +  MZ 


where  y  is  the  adiabatic  exponent 
Let's  break  the  self-excited  circuit  shown 
in  Fig.  1  by  omitting  the  burning  zone.  Then, 
the  remaining  acoustic  link  have  the  mass  flux 
(mass  flow-rate)  density  pulsation  at  the  burn¬ 
ing  zone  end  (at  the  injection  head)  as  an  input 
coordinate  and  the  pressure  pulsation  at  the 
same  section  as  an  output  coordinate. 

So,  in  order  to  simulate  an  acoustic  link 
operating  mode  under  unstable  burning  prop¬ 
erly,  it  is  necessary  artificially  to  generate  mass 
flow  rate  harmonic  oscillations  of  amplitude 
and  to  measure  the  amplitude  of  the  ap¬ 
pearing  pressure  pulsation  at  the  same 
section.  Then,  dividing  8?  by  6G  ,  we  can 

determine  the  combustion  chamber  acoustic 
frequency  characteristic. 

A  schematic  of  this  idea  realization  is 


shown  in  Fig.  2  and  has  been  described  in  Ref. 
[4]. 

5,  /  /,A 


Fig.  2 

/-  the  investigated  object  (the  acoustic  link);  2  -  a 
source  of  harmonic  disturbances  in  the  stream  (a  pulsa- 
tor);  5  -  a  grate  installed  at  the  inlet  of  the  investigated 
acoustic  link  and  providing  supersonic  pressure  drop 
(hereinafter  it  is  named  methodical  grate);  -  a  gauge  of 
pressure  pulsation  downstream  of  the  grate  (p[ );  5  -  a 

gauge  of  pressure  pusation  upstream  of  the  grate,  {p'2  ) 


The  methodical  grate  performs  the  fol¬ 
lowing  functions: 

•  the  disturbances  generated  by  the  pulsator 
are  supplied  through  it  into  the  investigated 
acoustic  link; 

•  due  to  a  supersonic  pressure  drop,  the  grate 
separates  (isolates)  dynamic  properties  of 
the  investigated  object  from  acoustic  prop¬ 
erties  of  the  flow  upstream  of  it; 

•  the  grate  allows  of  measuring  the  mass 
flow  rate  pulsation  introduced  into  the  in¬ 


vestigated  link  by  measuring  the  pressure 
pulsation  upstream  of  the  grate; 

•  using  the  grate,  we  can  excite  not  only  lon¬ 
gitudinal  oscillation  modes  in  the  acoustic 
link  under  investigation,  but  also  higher  os¬ 
cillation  modes! 

Let's  consider,  that  wavelength  of  the 
analyzed  oscillations  is  substantially  greater  than 
the  methodical  grate  channels  length.  Then,  ne¬ 
glecting  a  gas  accumulation  in  the  grate  chan¬ 
nels,  we  obtain: 

G,=G.  orG3=G,;G'=G;,  (4) 

where  G  =  pwis  density  of  the  gas  mass 


flux  through  the  grate. 

Due  to  the  same  reason,  we  can  consider 
the  unsteady  gas  flow  through  the  grate  channels 
as  a  quasi-steady  process,  therefore,  under  the 
supersonic  pressure  drop,  vve  have: 


I±1S 

2  P, 


where  y  is  the  adiabatic  exponent. 

Since,  according,  to  (1.4),  5G^  =5G2,  the 
combustion  chamber  acoustic  frequency  char¬ 
acteristic  is  equal  to 


8P, 

5G, 


2y  ]  5^1  2y 

y  + 1  j  8P2  y  + 1 


where 


N  = 


8P2 


(6) 


i.  e.,  it  is  proportional  to  the  ratio  of  the 
dimensionless  pressure  pulsations  in  the  com¬ 
bustion  chamber  and  upstream  of  the  methodical 
grate. 

A  principle  point  of  the  acoustic  facility  is 
realization  of  a  certain  oscillation  mode  in  the 
combustion  chamber.  Numerous  methodical  ex¬ 
periments  had  shown  that  the  mode  structure  of 
acoustic  disturbances  in  the  combustion  cham¬ 
ber  can  be  changed  simply  by  redistributing  the 
methodical  grate  orifices  on  its  plane  (Fig.  3): 
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grate  1  generates  plane  disturbances; 
grate  2  generates  disturbances  of  the 
first  tangential  mode'  of  transverse  oscillations; 

grate  3  generates  disturbances  of  the 
second  tangential  mode  of  transverse  oscilla¬ 
tions; 

grate  4  generates  disturbances  of  the 
first  radial  mode  of  transverse  oscillations. 

But  it  is  relevant  to  note  here,  that  these 
(shown  in  Fig.  3),  methods  of  exciting  various 
oscillation  modes  disturb  the  combustion 
chamber  steady  stream  pattern. 

As  numerous  tests  had  shown,  the  com¬ 
bustion  chamber  steady  stream  pattern  distur¬ 
bances  don't  change  the  combustion  chamber 
dynamic  properties  fundamentally. 

A  source  of  harmonic  disturbances,  i.  e., 
the  pulsator  is  an  important  element  of  the 
acoustic  facility.  The  following  main  require¬ 
ments  are  specified  for  the  pulsator: 

•  possibility  of  passing  through  it  the  total 
steady  mass  flow  rate  of  the  gas  passing 
through  the  combustion  chamber; 

•  generation  of  the  heeded  mass  flow  rate 
pulsation  amplitudes; 

•  possibility  of  varying  the  mass  flow  rate 
pulsation  amplitudes. 

The  hydraulic  (flow  passage)  part  of  the 
pulsator  is  a  throttle  element  whose  flow  pas¬ 
sage  cross  area  varies  in  time  in  a  harmonic 
law  due  to  rotation  of  the  pulsator  sprocket 
(the  rotor)  against  the  motionless  pulsator  py¬ 
lons  (the  stator).  Contours  of  the  sprocket  and 
of  the  pylong  for  a  ten-petal  pulsator  are 
shovwi  in  Fig.  4  [5]. 


The  pulsation  amplitudes  of  mass  flow 
rate  can  be  changed  discretely  through  changing 
the  sprocket  dimension  D. 


2.  Criteria  of  the  acoustic  simulation 

The  acoustic  tests  are  rriodel  tests,  since  to 
realize  a  high-temperature  combustion  chamber 
operation  under  conditions  of  the  acoustic  tests 
is  impossible  because  of  low  thermal  resistance 
of  the  experimental  hardware  and  the  pulsator  in 
particular.  Because  of  that,  a  model  gas  (air 
heated  up  to  about  550  K)  is  used  in  the  acoustic 
facility.  In  connection  with  switching  over  to  the 
model  gas,  questions  on  adequacy  of  the  com¬ 
bustion  chamber  and  pulsator  acoustic  charac¬ 
teristics  imder  the  model  conditions  and  under 
the  full-scale  ones  arise.  The  adequacy  criteria 
for  the  combustion  chamber  are: 
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Here: 

/  is  oscillations  frequency  (Hz); 

D  is  diameter  of  the  combustion  chamber 
cylinder; 

is  diameter  of  the  nozzle  throat; 

L  is  length  of  the  combustion  chamber 
cylinder; 

I  is  length  of  the  nozzle  subsonic  part; 

C  is  reference  sonic  velocity  in  the  com¬ 
bustion  chamber. 

As  the  nozzle  subsonic  part  is  a  variable 
cross  area  channel,  criteria  3  and  4  are  equiva¬ 
lent  to  the  requirement  of  similarity  ' of  the  full- 
scale  and  model  nozzle  subsonic  contours. 

In  the  acoustic  simulation  it  is  conven¬ 
ient  to  use  a  combustion  chamber  model  of 
full-scale  dimensions.  At  that,  according  to 
frequency  criterion  1,  the  operating  frequency 
range  under  the  model  conditions  is  equal  to: 

DC  C 
f  -  -f  z!a.—}±.—  f 
Jm  ~  Jk  ^  ~  J R  S 

SO  at  Cm=480  m/s  and  Cp,=1200  m/s 

fu~  f'R'  ^-4 
subscript  m-  model  conditions 
subscript  r  -  real  conditions 

3.  Schematic  of  the  acoustic  facility 

A  schematic  of  the  acoustic  facility  is  shown  in 
Fig.  5.  The  facility  includes  the  following 
units: 

1  -  the  investigated  object,  i.  e.  a  combustion 
chamber  with  a  resonator; 

2  -  the  methodical  grate  whose  functions  have 
been  described  above; 

3  -  a  pulsator  being  a  source  of  harmonic  dis¬ 
turbances  in  the  flow; 

4  -  a  hydroturbine  intended  for  rotating  the 
pulsator; 

5  -  a  mechanical  reduction  gear  intended  for 
increasing  the  number  of  pulsator  revolutions; 

6  -  an  alcohol/air  burner  intended  for  heating 
the  air  used  as  a  facility  working  body; 

7  -  an  adapter  (spacer)  connecting  the  pulsator 
with  the  combustion  chamber; 

8  -  connecting  manifolds. 

When  a  heated  air  having  y=1.4  and  C=578 
m/s  (r  «  550  K)  is  used  as  a  facility  working 
body  at  the  combustion  chamber  pressure  of 


P=2-10^  Pa  and  at  the  nozzle  throat  area  of 

C 

-3^2 

F^\A.52-  10  m  ,  the  total  mass  flow  rate  of 
the  gas  flowing  through  the  facility  is  equal  to 
about  5  kg/s. 


lU 

Fig.  5 


4.  Measuring  system  of  the  acoustic  facility 

The  measuring  system  used  in  the  facility 
(see  Fig.  5)  records  both  steady  facility  parame¬ 
ters  and  fast-changing  ones.  The  steady  pa¬ 
rameters  measured  in  the  facility  are: 

9  -  air  temperature  downstream  of  the  burner; 

1 0  -  air  mass  flow  rate; 

1 1  -  combustion  chamber  pressure; 

12  -  pressure  upstream  of  the  methodical  grate. 
The  unsteady  parameters  measured  in  the  facil¬ 
ity  are: 

13  -  combustion  chamber  pressure  pulsation; 

14  -  pressure  pulsation  upstream  of  the  me¬ 
thodical  grate; 

15  -  frequencies  of  the  oscillations  gener¬ 
ated  by  the  pulsations  generated  by  the  pulsator 
(so-called  position  gauge). 

The  combustion  chamber  frequency  char¬ 
acteristic  within  the  frequency  range  uiider  in¬ 
vestigation  is  determined  in  one  test  through 
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smooth  variation  of  the  pulsator  revolutions 
number. 

Filtering  signals  coming  from  the  pres¬ 
sure  gauges  installed  in  the  combustion  cham¬ 
ber  and  upstream  of  the  grate  within  a  narrow 
frequency  range  near  the  frequency  determined 
by  the  position  gauge  and  dividing  them  by 
one  another  in  accordance  with  equation  (6), 
we  can  determine  the  combustion  chamber 
frequency  characteristic  modulus  and  phase.' 

5.  Examples  of  results  received  on  the 
acoustic  facility 

Examples  of  practical  use  of  an  offered 
method  are  resulted  below. 

Their  purpose  to  show  on  the  one  hand, 
capabilities  of  an  experimental  technique,  and 
on  another  hand  -  to  estimate  influence  of  the 
geometry  of  a  variable  cross-section  channel 
and  gas  stream  mode  on  dynamic  properties  of 
a  flow. 

The  first  example  concerns  gas  flow  in  a 
cylindrical  channel  of  1640  mm  length  and  80 
mm  diameter,  with  the  right  exit  lattice  of  a 
supercritical  pressure  drop  (7  apertures  of  di¬ 
ameter  10.7mm). 


200  400  600  f[Hz] 


Fig.  6.  The  amplitude  phase  characteristic  for  a  flow  in 
a  cylindrical  pipe 

The  case  of  flat  disturbances  was  inves¬ 
tigated.  The  results  of  experiments  are  adduced 
in  a  fig.  6. 

In  the  investigated  frequency  range  from 
1 00  up  to  800  Hz  at  speed  of  a  sound  470  m/s 
were  realized  5  longitudinal  resonances  of  a 
pipe.  As  we  see,  the  condition  of  quasistation¬ 


ary  of  the  efflux  through  a  lattice  begins  slightly 
to  be  upset  only  from  the  fifth  resonant  maxi¬ 
mum. 


Fig.  7.  The  amplitude  characteristic  for  a  flow  in  a  chan^ 
nel  with  subsonic  contraction 


The  second  example  shows  change  of  dy¬ 
namic  properties  of  a  flow,  when  in  the  same 
pipe  the  segment  of  stream  with  smooth  sub¬ 
sonic  contraction  of  a  flow  (see  fig.  7)  is  organ¬ 
ized. 

In  a  series  of  tests  submitted  in  fig.  7,  the 
Mach  number  ~0.47  was  realized  in  narrow 
contraction  section. 

The  value  of  total  pressure  losses  in  dif¬ 
fuser  of  a  part  was  equal  to  ~0.45  %. 

As  it  is  visible  from  comparison  of  fig.  6 
and  fig.  7  this  change  of  geometry  has  essen¬ 
tially  changed  dynamic  properties  of  the  flow. 
The  full  disappearance  of  resonant  maxims  in 
frequency  range  of  200  ,  500  Hz  and  their  in¬ 
crease  on  frequencies  120  and  725  Hz  is  ob¬ 
served  practically. 


— 1 - 1 - , - f - 1 - ^ - , 

200  400  600  fEHz] 


Fig.  8.  The  amplitude  characteristic  for  the  flow  in  a 
channel  with  supercritical  cross-section  contraction 

The  value  of  a  module  of  the  frequency 
characteristic  is  shown  In  fig.  8  when  in  narrow 
cross-section  of  a  channel  the  supercritical  mode 
of  the  stream  was  realize.  The  presence  of  a 
zone  of  sound  velocity  in  narrow  section  of 
channel  leads  to  independence  of  dynamic  prop¬ 
erties  of  the  flows  up  to  contraction  and  after 
contraction. 
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0.0-1 - , - 1  I - r - , - 

1.4  1.6  1.8 

Fig.  9.  The  amplitude  characteristic  for  the  first  tan¬ 
gential  mode  of  transversal  oscillations 

The  results  adduced  in  a  fig.  9  illustrate 
possibilities  of  using  of  the  offered  experi¬ 
mental  technique  for  research  of  tangential 
shapes  of  oscillations  in  the  combustion  cham¬ 
ber  of  240  mm  diameter,  90  mm  diameter  of  a 
nozzle  throat,  length  up  to  a  nozzle  throat  660 
mm. 

As  we  see,  on  frequency  close  to  critical 
-  (  (SiR  \ 

=  —  =  1.84j  It  is  observed  good 

enough  resonant  maximum  of  the  frequency 
characteristic.  It  testifies  to  significant  de¬ 
creasing  of  acoustic  energy  expiration  via  the 
nozzle  in  comparison  with  flat  disturbances 
(compare  to  fig.  8). 

The  important  practical  application  of 
the  acoustical  modeling  method  is  assessment 
of  efficiency  of  various  design  measures,  di¬ 
rected  to  reserves  of  stability  increasing  of 
combustion  in  LRE  combustion  chambers  and 
gas  generators,  which  coupled  with  change  of 
their  acoustic  characteristics. 

As  was  already  spoken  above,  if  the 
measure  results  to  decrease  of  a  maximum  of 
the  frequency  characteristic,  it  unequivocally 
promotes  improvement  of  stability  character- ' 
istics. 

The  question  about  necessary  level  of 
this  decrease  can  be  decided  only  by  experi¬ 


mental  check  in  fire  test  conditions.  At  the  same 
time  the  realization  of  comprehensive  optimiza¬ 
tion  analysis  of  the  design  sizes  of  various 
damping  devices  on  the  acoustic  facility  reduces 
up  to  a  minimum  a  volume  of  their  subsequent 
fire  tests. 


Bi  fin 

Sj 

\  ^ 

Fig.  10(a) 


Fig.  10(b) 

The  following  examples  illustrate  this 

idea. 
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Two  frequency  characteristics  of  the  gas 
generator  in  case  of  longitudinal  oscillations 
are  adduced  for  comparison  on  fig.  10  (a)  and 
10  (b):  a)  -  without  measures;  b)  -  the  resona¬ 
tor  Helmholtz  without  passage  is  installed  in 
the  turbine  nozzle  lattice.  As  it  is  visible  from 
fig.  10  (a)  the  measure  in  whole  has  appeared 
inefficient,  since  the  stabilizing  effect  of  ab¬ 
sorbent  is  shown  in  very  narrow  frequency 
range  near  the  resonance  of  a  parent  version. 


Fig.  1 1 .  The  figures  designate:  1  -  without  edges,  2  - 
with  edges,  3  -  experiment  with  edges 

The  example  of  the  acoustic  characteris¬ 
tics  change  for  the  first  tangential  mode  of 
transversal  oscillations  in  the  combustion 
chamber  is  shown  on  fig.  1 1  for  the  case  when 
some  metal  edges  of  a  small  altitude  were  in¬ 
stalled  on  its  lateral  surface.  From  comparison 
of  fig.  9  and  1  i  it  is  possible  to  see  efficiency 
of  this  measure.  In  the  further  metal  edges 
were  replaced  on  rigid  burning  one,  and  the 
conducted  firing  tests  with  this  design  have 
confirmed  stabilizing  effect  of  burning  divid¬ 
ing  walls  on  a  mode  of  start-up. 

The  frequency  characteristic  of  the  same 
combustion  chamber  with  antipulsation  divid¬ 
ing  walls  (6-  partition  of  length  40  mm)  is  ad¬ 
duced  on  fig.  12. 


Fig.  12. 

The  results  adduced  on  fig.  12  indicate  an 
acoustic  nature  of  stabilizing  influence  of  an¬ 
tipulsation  dividing  walls. 
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On  the  Nature  of  Combustion  "Noise-  to-  Auto-Oscillation" 
Transition  in  Liquid  Rocket  Engines 
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Abstract 

Results  of  investigation  of  combustion  dynamic  bistability  in  liquid  rocket  engine 
(LRE)  chambers  are  given. 

Some  manifestations  of  combustion  instability  to  pressure  high-frequency  oscillation 
can  not  be  adequately  interpreted  within  the  framework  of  a  well-known  model  of 
potentially  self-oscillating  system  with  a  hard  excitation. 

It  is  shown  that  a  set  of  phenomena  of  auto-oscillation  excitation  suggests  a  consistent 
explanation  based  on  a  possibility  of  reali2ation  of  combustion  zone  multiple 
stationary  states  imder  fixed  conditions  of  propellant  feed.  Depending  on  the 
stationary  states  being  stable  or  unstable  to  small  acoustic  disturbances,  one  or 
another  type  of  dynamic  transition  is  realized. 

Results  of  the  performed  investigation  may  be  of  a  principal  meaning  in  development 
of  dynamic  transition  models  and  search  of  factors  responsible  for  low  reproducibility 
of  the  phenomenon  of  acoustic  auto-oscillation  excitation  in  combustion. 
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Nomenclature 


f  =frequency 
h  =potential  barrier 

Pc  =  static  combustion  chamber  pressure 
P'  -  pulsating  pressure  component 
m  =  mass  flow  rate 

Ps,  =  stationary  probability  density  function 

Q  =  heat  release  rate 

R(x)  =  autocorrelation  function 

r  =  radius  vector 

SLC  =  stable  limit  cycle 

ULS  =  unstable  limit  cycle 

Y  =  parameter  of  state 
z  =  eigen  function 

a  —  equivalense  ratio  (oxygen  excess  relative  to  the  stoichiometric  ratio) 
P  =  decay  coefficient 

V  =  oscillation  decrement 
6(t)  =  Dirac  delta  function 

X,  =  amplitude  (envelope)  of  narrow-band  signal 

^SLc  =  SLC  amplitude 

X\jic  -  ULC  amplitude 

^(t)  =  normal  delta  -  correlated  (white)  noise 

t  =  temporal  interval 

cp  =  oscillation  phase 

^  =  potencial  function 

(D  =  oscillation  angular  frequency 

cOo  =  natural  angular  frequency 

(...)-  averaged  value 
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Introduction 

A  possibility  of  dynamically  bistable  combustion  mode  realization  in  liquid  rocket 
engine  (LRE)  under  fixed  condition  of  propellant  feed  is  an  established  fact. 

The  dynamical  bistability  manifests  itself  in  transitions  (which  can  be  spontaneous  or 
induced  by  artificial  pulsed  disturbance)  fi'om  a  state  of  small  random  oscillation 
(“noises”)  to  a  state  of  regular  self-oscillation  of  an  amplitude  which  is  an  order  of 
magnitude  higher  than  the  initial  noise  level  (Fig.  1). 

A  widespread  explanation  of  the  dynamical  bistability  consists  in  treating  the 
chamber  process  as  a  potentially  self-oscillating  system  being  in  the  mode  of  self¬ 
oscillation  hard  excitation. 

In  the  framework  of  this  concept,  an  idea  was  conceived  of  estimating  the  margin  of 
combustion  dynamical  stability  by  introducing  artificial  pulsed  disturbance  into  the 
combustion  chamber. 

At  present  the  assessment  of  combustion  process  dynamical  stability  by  applying 
artificial  pulsed  disturbance  is  an  integral  part  of  engine  development  testing. 

The  concept  of  “hard”  excitation  of  a  potentially  self-oscillating  system  is  based  on 
postulating  unstable  limit  cycle  (ULC)  existence.  The  unstable  limit  cycle  is  actually 
a  pressure  oscillation  amplitude  boundary  that  separates  the  states  of  noise  and  self¬ 
oscillation.  In  this  conceptual  framework,  dynamical  stability  margin  can  be  treated 
as  a  measure  of  spacing  between  the  unstable  limit  cycle  amplitude  A-ulc  and  the 
amplitude  of  chamber  natural  acoustic  noise  Xnoise  (for  example,  A,uLc=nX.NoisE )  The 
larger  n,  the  higher  the  stability  margin  is. 

However  the  experience  gained  in  the  course  of  testing  and  operating  some  engines 
having  sufficient  dynamical  stability  margin  (in  the  sense  specified  above)  showed 
that  sometimes  self-oscillation  spontaneous  excitation  is  observed  in  operation 
stationary  modes.  The  self  -  excitation  occurs  in  a  natural  ("soft")  mode,  starting  with 
chamber  noises,  no  pulsed  disturbance  preceded  the  auto-oscillation  excitation.  It  is 
essential  that  oscillation  self-excitation  in  the  cases  under  consideration  was  not 
attributed  to  chamber  operating  parameter  reaching  the  boundary  of  stable  operation 
region.  Auto-oscillation  self-excitation  was  of  statistical  nature,  with  strictly  fixed 
conditions  of  propellant  feed. 

An  attempt  is  made  in  the  present  paper  to  analyze  the  above  phenomena.  The 
proposed  treatment  is  not  exhaustive,  it  is  rather  hypothetical  and  may  be  a  subject 
foe  discussion. 

1.  Basic  concept:  combustion  chamber  as  a  potentially  self-oscillating  system 

(single-mode  approximation) 

An  excitation  of  a  natural  oscillation  single  mode  is  often  observed  in  combustion 
chambers. 
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Let  us  consider  a  simplest  model  of  a  potentially  self-oscillating  system.  This  model 
major  values  are  its  simplicity  and  a  possibility  to  identify  parameters. 

An  analysis  of  acoustic  narrow-band  noise  in  LRE  chambers  showed  that  signals 
recorded  in  the  vicinity  of  resonant  frequency  can  be  presented  in  the  following  form: 

r{r,t)=Z{ryx{}\  (1) 

where:  Z(r  ^  is  a  real  function  of  coordinates; 

X(t)  is  a  random  function  of  time  that  can  expressed  as  follows: 

X(t)  =  Xit)  •  cos(£Uo  t  +  (p{t)) .  (2) 


Here: 

^  X  (t)  and9?.(t)  (amplitude  and  phase)  are  functions,  slowly  changing  in  comparison  to 

cos.  ©ot 

©0  is  a  resonant  frequency. 

The  auto-correlation  function  of  the  process,  X(t),  has  generally  the  following  form, 

R(  r)  s  exp(-  y9|r| )  •  cos  co^r .  (3) 

The  above  facts  suggest  that  X(t)  obeys  the  following  stochastic  differential  equation: 

^  +  20^+alx  =  a,lm.  (4) 

dt  dt 

where  4(t)  is  stationary  delta-correlated  (white)  noise; 

^  =  const  is  a  coefficient  of  acoustic  energy  dissipation  in  the  chamber 
{  volume(P«fflo). 

The  model  (4)  is  widely  used  in  experimental  estimation  by  statistical  methods  of  the 
decrement  of  low  oscillation  decay,  for  example,  from  the  spectral  spike  width  in  the 
vicinity  of  the  resonant  frequency  ©o  [1]. 

For  model  (4)  to  describe  a  potentially  self-oscillating  system  of  a  hard  excitation 
mode,  the  existence  of  p=fi(x)  (or  relationship  should  be  postulated.  This 

relationship  provides  the  existence  of  self-oscillation  unstable  limit  cycles  (ULC)  and 
stable  limit  cycles  (SLC). 

The  existence  of  such  relationship  was  experimentally  found  in  some  model 
combustion  chambers  burning  gaseous  propellants  and  in  some  actual  liquid  engine 
chambers.  [2] 

Deductive  devising  of  Equation  (4)  applied  to  gas-liquid  engines  is  described  in  [2]. 
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To  the  first  approximation,  the  evolution  of  oscillation  amplitude  X(t)  of  system  (4) 
can  be  presented  in  a  form  of  stochastic  equation  [2]; 

^  a  +  /  8A  +  sit) ,  (5) 

at 


where 

No  =  const,  is  spectral  intensity  of  random  noise  signal  ^(t)  in  the  vicinity  of  the 
natural  frequency  ©o; 

e(t)  is  stationary  random  delta-correlated  function: 

R=<f(0  •  e{t  +  t)  >=  Oq  Nq  •  S(t)I 4 ; 


6(x)  is  Dirac  delta  function. 

Statistical  and  dynamic  features  of  model  (5)  are  presented  in  Fig.  2: 

•  Hypothetical  relationship  (AJ,  meeting  the  conditions  for  ULC  and  SLC 
existence; 


•  Potential  function: 


(6) 


a(A)  =  -p(xy  X  +  ©o^No  /8;i ; 

(7) 

b(;i)=a>o"-No/4; 

(8) 

fio  -  X—>0; 

(9) 

(10) 

•  Stationary  probability  density  of  states  (of  oscillation  amplitude): 

P ,,  (a)  =  c  •  exp[-  2^{X)I  <r^]=Ci'X-exp\—^-fX-p(X}ix\.  (11) 

I  0  J 

Model  (5)  allows  the  following  dynamic  transitions: 

•  «noise-»  auto-oscillation» 

a)  a  spontaneous  transition,  induced  by  turbulent  combustion  noise;  the  transition 
occurs  at  a  random  moment  tf  corresponding  to  the  realization  of  condition: 

X{tf)>X\j\jc-^ 

b)  a  determinate  transition  induced  by  pulsed  disturbance;  the  transition  occurs  when 
the  following  condition  is  realized:  X(tj)>XuLC; 
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•  «auto-oscillation— >  noise» 

c)  a  spontaneous  transition,  induced  by  noise;  the  transition  occurs  at  a  random 
moment  t;  corresponding  to  the  realization  of  condition;  X{tj)<  A,ulc; 

d)  a  determinate  transition  induced  by  pulsed  disturbance;  the  transition  occurs  when 
the  following  condition  is  realized:  Mti}<  A,ulc 

Model  (5)  is  a  methodological  basis  for  combustion  dynamical  stability  estimation  by 
a  method  of  artificial  pulsed  disturbance  [1], 

This  model  adequately  describes  the  non-linear  oscillating  dynamics  of  some  model 
combustion  chambers  burning  gaseous  propellant  [3], 

Fig.3  shows  a  typical  experimental  set-up.  An  external  positive  feedback  was  used  for 
the  signal  amplitude  self  -  adjustment  to  resonance  with  natural  oscillation. 

Bifurcation  diagram  for  the  dynamic  system  under  consideration  is  shown  in  Fig.4: 
chamber  oscillation  amplitude  versus  fuel  flow  rate. 

Fig.  5  shows  the  dependence  of  chamber  pressure  pulsation  amplitude  on  the 
amplitude  of  the  input  harmonic  signal.  This  dependence  is  shown  for  two  sections  of 
the  bifurcation  diagram:  1-1  and  2-2  (Fig.4) 

Fig.6  illustrates  a  reproduced  dependence  of  the  coefficient  on  oscillation  amplitude 
(for  section  1-1  of  bifurcation  diagram) 

Model  (5)  allows  a  quantitative  estimation  of  combustion  chamber  susceptibility  to 
oscillation  self-excitation,  that  is  of  a  probability  of  engine  imstable  operation  in  the 
specified  regime  during  a  time  period  of  tp. 

Let  assume  that  at  certain  initial  time  to,  the  process  A(t)  has  a  definite  value  X(t(^  -  Xo 
which  is  in  the  vicinity  of  the  left  minimum  of  the  potential  ^(A-),  Fig.2.  The  estimate 
of  a  probability  of  the  system  transition  through  the  potential  barrier  h  for  time  t<  tp, 
is  equal  to  [4]: 

P(r)=l-e-’’'^';  (12) 

where  Tj=2<T>  and  <T>  is  mean  time  on  the  expiry  of  which  the  random  process 
X(t)  will  reach  the  boundary  Aulc  corresponding  to  the  amplitude  of  unstable  limit 
cycle; 


and  a(X)  and  b(X)  are  defined  by  (7)  and  (8). 
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( 


As  an  illustration,  calculation  data  of  the  mean  time  in  which  the  random  Markov 
process  k(t)  will  first  reach  an  amplitude  of  Xuic  -  12o'are  given  in  Table  1  for  a  set 
of  hypothetical  relationships  P(X): 


p  =  const'. 


y0  =  /?o 


1- 


12j’ 


.2  A 


1- 


12' 


The  estimation  of  a  probability  of  auto-oscillation  self-excitation  in  an  initially 
undisturbed  system  is  given  for  100  an  tp^  500  s.  As  can  be  seen,  a  probability  of 
«noise-»  self-oscillation»  transition  depends,  to  a  large  extent,  on  the  function  j3(X) 
form. 


Table  1 


Function  p(x) 

P^tpTT 

P  =  Po 

1.75  •  10'^^ 

(  2  > 
l--i- 

l  12^ 

0.536  -  lO'**’ 

P  =  Pc 

H 

1 

0.537  •  10'^ 

P  =  Po' 

n 

1 

0.387  •  10-' 

Thus  in  an  ideal  case,  for  practical  estimation  of  a  probability  of  self-excitation  of 
potentially  self-oscillating  system  exposed  to  a  random  wide-band  noise,  the 
following  experimental  estimates  are  to  be  available: 

•  root-  mean  square  value  of  acoustic  noise,  o;  in  the  pass  band  A©  of  the  resonance 
maximum  ©j  being  studied; 

•  decay  coefficient  fio  at  X->  0; 

•  amplitudes  Ij/lc; 

•  relationship  p(X)  in  the  0<X  <Xuic  range; 

Values  of  cand  yffpcan  be  estimated  from  narrow-band  noise  realization: 


X=  X(t)  cos(©ot  +  (|)(t)). 
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Estimates  of  A^/icand  p(X)  can  be  obtained  in  some  cases  by  using  active  methods 

of  harmonic  or  pulsed  disturbances. 

In  the  case  the  anticipated  amplitude  of  unstable  limit  cycle  exceeds  <j  level  only 
moderately  (for  example,  Xuuc  »(5...6)d)  the  relationship  p(X)  can  be  estimated  and 
amplitude  Xuic  can  be  predicted  by  a  passive  method  (from  "noise")  based  on  an 
expression  obtained  from  (11): 


_ L 

A  P,,  dx  J 


(15) 


In  this  case  the  procedure  of  estimating  P=p(X)  includes  the  following  steps: 

•  a  complex  filtration  of  narrow-band  noise  in  the  vicinity  of  the  resonance 
maximum  being  studied,  with  obtaining  of  an  envelope  (amplitude),  X(ty, 

•  smoothed  estimation  of  probability  density  of  envelope  distribution,  P(X); 

•  estimation  of  —  from  (15)  with  predicting  the  amplitude  Xulc. 

Po 

Let  us  use  the  above  approach  to  the  estimation  of  dynamical  stability  margin  of 
actual  liquid  rocket  combustion  chambers 


2.  Liquid  Rocket  Engine  with  Gas-Generator  Gas  Burning 
(Development  Testing  History) 

Propellant:  UDMH  +  Nitrogen  Tetroxide  (hypergolic) 

Injection  element  configuration  is  shown  in  Fig.  7. 

There  were  no  cases  of  spontaneous  excitation  of  self-oscillation  in  the  course  of  the 
engine  tests  at  a  horizontal  stand. 

A  series  of  stand  tests  with  application  of  pulsed  disturbance  to  the  chamber  was 
carried  out  for  the  purpose  of  estimating  the  margin  of  combustion  process  dynamical 
stability. 

Those  tests  statistical  data  and  working  regimes  are  shown  in  Fig.  8.  It  can  be  seen  that 
introduction  of  pulsed  disturbances  into  engines  with  injection  element  basic 
configuration  resulted  in  excitation  of  self-oscillation  actually  in  the  whole  region  of 

working  parameters  within  the  square  (Pc  -  Km ),  excluding  the  left  upper  angle. 

Typical  variants  of  response  to  the  pulsed  disturbances  in  the  nominal  regime  are 
given  in  Fig.9.  The  character  of  the  responses  suggests  a  presence  of  self-oscillation 
unstable  limit  cycle,  A-ulc. 

Estimation  of  Xulc  for  the  nominal  regime  will  be  carried  out  based  on  the  data,  given 
in  Fig.  10.  Empty  dots  are  maximum  values  of  relative  amplitude  of  the  decaying 
responses  to  the  disturbance  (first  tangential  mode,  frequency  component  is  2  400 
Hz);  solid  dots  show  minimum  values  of  relative  amplitude  of  responses  to 
disturbance  resulting  in  self-oscillation  excitation 
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It  follows  from  the  examined  statistics  of  responses  to  pulsed  disturbances  that 

65  >  ^  >  24 
cr 


Let  us  take  A,ulc/o=24  as  a  lower  estimate  of  unstable  limit  amplitude 

As  decaying  responses  to  pulsed  disturbance  are  usually  amplitude-modulated,  it  is 
very  difficult  to  estimate  correctly  the  relationship  P(X). 

To  obviate  the  difficulty,  assume  that  the  worst  variant  of  relationship  /?=  fXX)  is 
realized,  i.e.  the  one  mostly  promoting  system  self-excitation.  According  to  Table  1, 
such  a  relationship  corresponds  to  the  following  expression: 


P-Po 


The  duration  of  engine  operation  in  the  nominal  regime  is  tp=300  s.  The  value  of  Po  at 
X  -^0,  estimated  from  "noise"  ( from  resonance  spectral  peak  width  at  f  =  2400  Hz)  is 
Po=125. 

In  this  case  a  probability  of  oscillation  self-excitation  during  t  <  300  s  was  estimated 
as  P=0.8-10'^“,  that  is  vanishingly  small.  Similar  estimates  were  obtained  for  other 
regimes  as  well. 

Thus  in  the  framework  of  dynamic  model  (5),  auto-oscillation  self-excitation  during 
the  time  of  engine  operation  in  the  nominal  regime  can  be  considered  as  actually 
improbable. 

First  spontaneous  excitation  of  self-oscillation  was  recorded  in  tests  of  that  engine  at  a 
vertical  stand. 

Self-oscillation  occurred  in  3  s  after  the  engine  reached  the  nominal  operating  regime. 

Spontaneous  excitation  of  high-frequency  self-oscillation  reoccurred  in  subsequent 
tests.  As  in  the  first  case,  self-oscillation  was  excited  in  1.6... 3  s  after  the  engine 
reached  the  nominal  operating  regime  and  had  low  reproducibility  in  an  assemble  of 
similar  tests.  Later  some  cases  of  spontaneous  excitation  were  also  recorded  during 
tests  at  a  horizontal  stand. 

The  statistical  analysis  of  the  tests  performed  at  the  vertical  stand  showed  that  two 
outcomes  were  possible  when  the  engine  reached  the  nominal  regime: 

•  realization  of  ^  noise  state  with  an  average  decrement  of  chamber  pressure 
oscillation  of  v  «  0.2,  at  a  frequency  of  j=2A  kHz,  and  rms  fluctuations  of 
sv«20%  (common  case); 

•  realization  of  a  noise  state  with  an  average  decrement  v  «  0.1,  and  rms 
fluctuations  of  ev  «  60%  (rare  cases). 

It  was  the  realization  of  the  second  case  that  led  to  subsequent  self-excitation  of  auto¬ 
oscillation  (Fig.  11) 


10 


The  analysis  of  abnormal  tests  showed  that  no  disturbance  of  a  pulsed  character 
preceded  the  self-oscillation  excitation.  The  self-oscillation  was  excited  "softly"  from 
the  chamber  noise  level  and  did  not  follow  the  scenario,  predicted  by  the  dynamic 
model  (5).  Search  of  any  differences  in  test  procedure  that  could  lead  to  abnormal 
results,  were  unsuccessful.  The  test  program  was  ceased  and  work  on  injection  head 
improvement  was  started  with  an  aim  of  stability  margin  increase.  The  above  test 
results  can  not  be  explained  by  the  dynamic  model  (5). 

Within  the  approximation  under  consideration,  the  dynamic  model  of  a  potentially 
self-oscillating  system  does  not  account  of  a  possibility  of  parametric  fluctuations  of 
combustion  zone  structure,  which  fluctuations  result  in  p(A,)  fluctuation.  In  other 
words,  it  is  assumed  the  'landscape"  of  the  potential  function  (t)(A,)  exhibits  no 
fluctuations  in  time.  Naturally,  such  fluctuation  would  reduce  a  possibility  of  engine 
stable  operation.  However  there  is  some  doubt  about  the  fluctuation  hypothesis, 
taking  into  consideration  the  fact  that  cases  of  oscillation  self-  excitation  were 
observed  mostly  in  tests  at  a  vertical  stand.  It  seems  likely  that,  the  discrepancy 
between  the  estimated  probability  of  unstable  operation  and  the  real  situation  has 
deeper  roots. 

An  attempt  to  explain  the  observed  discrepancy  is  made  below. 

3.  Parametric  bistability  concept 

While  devising  the  dynamic  model  (5)  it  was  implicitly  postulated  that  the  stationary 
space  structure  of  the  combustion  zone  is  unambiguously  defined  by  injection  system 
design  parameters  and  propellant  feed  regime. 

The  suggestion  that  with  identical  values  of  parameters  governing  liquid  rocket 
combustion  chamber  stationary  regime,  a  generation  of  multiple  space  structures 
(patterns)  is  possible  was  first  made  in  [5],  The  realization  of  one  or  another  flame 
space  structure  may  depend  on  a  combination  of  random  factors  that  take  place  in  the 
course  of  engine  starting  and  subsequent  operation  in  the  specified  stationary  regime. 
A  random  realization  of  a  particular  flame  initial  space  structure  may  lead  to  a 
statistical  character  of  auto-oscillation  self-  excitement. 

In  other  words:  the  regime  of  propellant  feed  is  not  a  factor  that  unambiguously 
defines  combustion  zone  spatial  structure  and  sensitivity  to  acoustic  disturbances. 
This  h)q)Othesis  leads  us  to  a  problem  of  bifurcations  of  combustion  stationary  modes 
and  their  ability  to  give  rise  to  dynamic  ambiguity  [6  ]. 

Bifurcations  of  stationary  combustion  modes  with  variation  of  one  of  the  controlling 
parameters  were  found  while  investigating  an  open  diffusion  flame  of  some  injection 
elements  used  in  liquid  rocket  engines  [1,7]. 

A  possibility  of  combustion  stationary  mode  bifurcations  is  directly  connected  with 
the  "mechanism"  of  flame  stabilization  in  liquid  rocket  combustion  chamber  equipped 
with  the  given  injectors  types  (Fig. 7).  In  this  case  fuel  jets  that  penetrate  oxidizer  jets 
act  as  flame  natural  stabilizers.  Specific  features  of  the  formed  recirculating  flows 
seems  to  cause  space  ambiguity  of  the  flame  structure.  Let  us  consider  the  dynamic 
aspect  of  the  problem. 
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Suppose  that  combustion  zone  space  structure  can  be  described  with  a  set  of  "state 
parameters"  {Yi}  satisfying  nonlinear  evolution  equations  of  the  following  form: 

^  =  F[Y(r,r)]+?(r,^).  (16) 

at 

Here:  (Y(r,/)}  is  a  vector  of  state  parameters  Yi ; 

F[Y(r,0]  is  a  vector  of  non-linear  functional  relations,  representing  local 
evolution  of  Yi  components  in  time  t  and  space  F 

Among  the  state  parameters  Yi ;  there  can  be:  temperature  fields,  concentration  fields, 
velocity  fields  and  so  on. 

Propellant  flow  rates,  combustion  chamber  static  pressure,  propellant  temperature  and 
so  on  can  act  as  controlling  parameters  y. 

The  term  g(F,/)  simulates  the  combustion  zone  exposure  to  random  hydrodynamic 
actions. 

Stationary  states  are  defined  by  the  solutions  of: 

F[y(F,0]=0  (17) 

Assume  that  in  some  range  of  controlling  parameters  y  the  solution  of  (17)  is  multi¬ 
valued  that  is,  as  an  example,  a  realization  of  three  states  is  possible:  Yj,  Y2,  Y3  (Fig. 
12) 

Assume  further  that  states  Yj,  and  Y3  are  locally  stable  while  7^,  is  unstable.  The 
acoustic  equation  (4)  with  a  certain  functional  fi  (that  is  of  different  extent  of  stability 
to  acoustic  disturbances)  can  be  assigned  to  each  of  the  locally  stable  stationary  states 
7;,  and  Y3. 


Yi-^Qi(rO->Pi  (18) 

Here:  Qi(  F^ )  is  a  rate  of  combustion  chamber  heat  release  given  by  the  state  7;,* 

A  possibility  of  realization  of  parametrically  bistable  stationary  states  of  the 
combustion  zone  with  different  extent  of  stability  to  low  acoustic  disturbances  was 
confirmed  by  experiments  in  a  model  combustion  chamber  with  a  single  coaxial 
injector  [7]. 

Parametrically  bistable  system  allows  both  spontaneous  and  pulsed  disturbance- 
induced  excitation  of  self-oscillations,  wifii  external  controlling  parameters  remaining 
unchanged.  However  the  scenario  of  excitation  may  differ  from  the  corresponding 
scenario  described  my  model  (5)  (unstable  limit  cycles  may  be  absent).  In  particular, 
a  dynamic  transition  «noise->self-oscillation»  may  occur  if  one  stationary  state, 
acoustically  stable,  is  replaced  by  another  state,  acoustically  unstable.  Such  change  of 
states  can  be  performed,  among  others  ways,  by  an  artificial  disturbance  of 
parameters  of  combustion  zone  structure. 

In  this  case,  unlike  model  (5),  which  assumes  d5mamic  transitions  of  only 
"noise->self-oscillation'  type,  a  parametrically  bistable  system  allows  also  transitions 
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of  «noise->noise»  type,  that  is  a  replacement  of  one  acoustically  stable  state  by  other 
one,  also  acoustically  stable. 

Occurrence  of  such  transition  may  serve  as  a  diagnostic  indication  of  parametrically 
bistable  system  with  combustion. 

4.  Model  chamber  with  gas-liquid  combustion 

The  hypothesis  of  possible  realization  of  parametrically  bistable  stationary  states  of 
the  combustion  zone,  that  are  characterized  by  different  extent  of  sensitivity  to 
acoustic  disturbances,  received  further  support  in  a  series  of  experiments  carried  out 
in  a  model  combustion  chamber  running  kerosene  and  gaseous  oxygen  [7] 

The  model  combustion  chamber  (Fig.  13)  is  equipped  with  four  elements  injecting 
radial  jets  of  kerosene  into  a  gaseous  oxygen  axial  jet.  A  device  for  applying  artificial 
pulse  disturbances  is  mounted  on  the  chamber. 

The  distinguishing  feature  of  the  chamber  dynamic  behavior  were  as  follows: 

1.  On  igniting  and  the  chamber  reaching  the  steady  regime  ( Pc-OA  MPa,  «=0.7),  one 
of  the  two  dynamically  stable  noise  state  was  realized  usually: 

•  state  1  -  with  the  oscillation  effective  amplitude  9.0  arbitrary  units  and  a 
decrement  of  v;=0.04  at  a  frequency  of  the  first  tangential  -first  longitudinal  mode 
(^200  Bz):  (Fig.  14).; 

•  state  2  -  with  the  oscillation  effective  amplitude  ^rms~  23.3  arbitrary  units  and  a 
decrement  of  V2=0.01  at  a  frequency  of/=6290  FIz,:  (Fig.  15).; 

The  frequency  of  state  1  and  state  2  occurrence  in  an  ensemble  of  similar  tests  was 
approximately  the  same. 

Depending  on  the  realized  stationary  state  (1  or  2)  artificial  pulsed  disturbance 
introduction  into  the  combustion  chamber  resulted  in: 

•  transition  from  state  1  to  state  2  (Fig.  16) 

•  transition  from  state  2  to  state  1  (F  ig.l7) 

•  to  resetting  of  the  initial  state  1  or  state  2  (Fig.  18) 

2.  On  chamber  operation  augmentation,  by  pressure  (Pc=0.7  MPa,  a=0.7),  the  two¬ 
valued  property  (ambiguity)  of  the  stationary  states  was  persisting  and  in  this  case: 

•  if  state  1  occurred,  it  persisted,  as  a  rule,  during  the  whole  test  (7=20  s); 

•  if  state  2  occurred,  then  in  some  random  time  interval,  spontaneous  excitation  of 

regular  auto-oscillation  was  observed  at  a  frequency  close  to  the  frequency  of  the 
first  tangential  -first  longitudinal  mode  Hz);  (Fig.  19). 

•  the  auto-oscillation  either  persisted  up  to  the  test  completion  or  terminated  in  some 
random  time  with  transition  to  state  1  (without  any  subsequent  excitation.  Fig.  20) 
or  to  state  2  (with  subsequent  self-excitation) ,  (Fig.  21) 
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3.  The  use  of  the  procedure  of  (p  =  P(X))  relationship  estimation  described  in  section 
2  above  (from  noises)  revealed  for  MPa,  «=0.7)  that: 

•  in  the  case  of  state  1  realization  there  were  no  indications  of  unstable  limit  cycles 

presence,  at  least  in  the  A  range.  State  1  corresponds  to  linear  narrow-band 

noise  with  envelope  distribution  following  Rayleigh  law  (Fig.  22) 

•  in  the  case  of  state  2  realization,  there  were  indications  of  unstable  limit  cycles 
presence,  with  the  same  values  of  Pc  and  a.  State  2  corresponds  to  nonlinear 
narrow-band  noise  with  envelope  distribution  deviating  from  Rayleigh  law 
(Fig.23). 

Unstable  limit  cycles  presence  is  in  agreement  with  subsequent  evolution  of  the 
system  that  is  in  state  2  initially:  auto-oscillation  spontaneous  excitation 

Thus,  in  the  considered  range  of  the  controlling  parameter  Pc  chamber  combustion 
process  shows  evidence  of  parametric  bistability  (noise  states  1  and  2).  Stationary 
state  1  is  stable  to  acoustic  disturbance.  State  2  realized  with  the  same  values  of 
parameter  Pc  is  characterized  with  unstable  limit  cycle  of  acoustic  auto-oscillation, 
i.e.  the  state  is  metastable. 

The  realized  stationary  states  1  and  2  have  different  margins  of  stability  to  acoustic 
disturbances. 

It  seems  that  with  the  initial  metastable  state  2  spontaneous  transitions  «noise->  auto- 
oscillation»  occur  following  a  scenario  dictated  by  model  (5).  In  the  case  of 
realization  of  state  1,  another  acoustically  stable  state,  the  transitions  «noise-»noise» 
(that  are  induced  by  pulsed  disturbance)  are  of  a  parametric  (not  acoustic)  nature.  By 
this  we  mean  that  artificial  disturbances  destroy  the  combustion  zone  initial  stationary 
structure  for  some  time,  after  which  the  disturbed  structure  relaxes  either  to 
dynamically  stable  state  1  or  to  state  2. 

5.  Liquid  rocket  engine  with  gas-generator  gas  burning 
( development  testing  history  continuation) 

Within  the  framework  of  a  potentially  auto-oscillating  system  with  parametrically 
bistable  states,  the  test  outcomes,  described  in  Section  2,  can  be  easily  interpreted. 

Assume  that  on  the  engine  reaching  the  nominal  regime,  realization  of  both  state  7/  or 
state  Y}  is  possible  (Fig.  12).  In  this  case,  due  to  some  specific  features  of  engine  start 
at  a  horizontal  stand,  a  probability  of  state  F;  is  much  higher  than  that  of  ¥3, 

Change  to  tests  at  a  vertical  stand  promoted  an  increase  of  the  probability  of  state  Y3 
realization.  Provided  the  state  7;  has  a  higher  margin  of  stability  to  acoustic 
disturbance,  we  get  the  picture  of  test  outcomes  just  considered. 

The  engine  injection  head  modification  was  carried  out  in  two  ways: 

•  anti-pulsation  baffles  made  of  extending  injection  elements  were  installed  on  the 
face  plate; 

•  peripheral  injection  elements  were  modified  (change  of  injector  number  and  fuel 
nozzle  diameter). 
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Subsequent  tests  showed  that  anti-pulsation  baffles  eliminated  a  possibility  of  pulsed 
excitation  of  auto-oscillation:  all  responses  to  pulsed  oscillation  were  of  decaying 
character  (Fig.24  ).  However  this  design  was  not  implemented  (for  some  other  reasons 
not  connected  with  combustion  instability) 

Modification  of  peripheral  injection  elements  failed  to  change  the  margin  of 
combustion  chamber  stability  to  pulsed  (hard)  excitation  of  auto-oscillation.  However 
cases  of  spontaneous  excitation  terminated.  This  modified  injection  head  was 
accepted  for  fabrication.  Engine  multiple  ground  tests  and  many-year  operation  in  a 
rocket  showed  no  cases  of  unstable  combustion. 

Conclusion 

The  success  in  diagnostics  of  liquid  rocket  engine  combustion  stability  is  to  a  great 
extent  caused  by  an  adequacy  of  the  model  used.  A  diagnostic  model  based  on  the 
traditional  concept  of  a  combustion  zone  as  a  monostable  space  structure  can  not 
explain,  in  some  cases,  combustion  high-frequency  instability  observed  in  liquid 
rocket  engines.  The  revealed  parametric  bistability  of  combustion  zone  structure  may 
give  rise  to  dynamic  ambiguity  that  manifests  itself  in  random  excitation  of  auto¬ 
oscillations  in  one  or  other  engine  stationary  operation  regime. 

The  data  presented  in  this  paper  show  that  a  possibility  of  bifurcation  of  combustion 
stationary  regimes  is  to  be  taken  into  consideration  while  devising  diagnostic  models 
of  pulsating  combustion  in  LRE  chambers  and  developing  methods  of  stability  margin 
estimation. 


( 
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Fig.2.  Decay  coefficient  P,  probability  density  Pst  and  potential  ^  versus  oscillation 
relative  amplitude: 

hi.2:  Potential  barrier  of  the  transition  from  state  1  to  state  2 
hz-t:  Potential  barrier  of  the  transition  from  state  2  to  state  1 
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Fig.3.  Typical  experimental  set-up 
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Fig.4.  Bifurcation  diagram 


Auto-oscilliitioii  excitation 


Amplitude  of  pressure  oscillations, 
(arbitrary  units) 


Fig.5.  Dependence  of  forced  oscillation  amplitude  on  the  amplitude 
of  the  input  harmonic  acoustic  signal 
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Fig.6.  Reproduced  dependence  of  the  coefficient  on  oscillation  amplitude 
(for  section  1-1  of  bifurcation  diagram) 


Fig.7,  Injector 
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Fig.9.  Combustion  process  response  to  artificial  pulsed  disturbances: 

a)  self-oscillation  pulsed  excitation; 

b)  decaying  response 
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Fig.l0.  Diagram  of  responses  to  pulsed  disturbance 
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Noise  state  1  Noise  state  3 


Transition  «Noise  l-»Noise  3»  (Yi-^Ys) 


Fig.  12.  Bifurcation  diagram  of  stationary  states 


(arbitral^  imits) 


Fig.  14,  Noise  state  1 
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Fig.l6*  «Noise  l->Noise  2»  transition  induced  by  pulsed  disturbance 
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Fig.l7.  «Noise  2  — >Noise  1»  transition  induced  by  pulsed  disturbance 
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Fig.  IS.Recovery  of  initial  noise  state  after  pulsed  disturbance  application 
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Fig.  19.  Spontaneous  dynamic  transition  «Noise  2  ^Auto-oscilIation» 
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Self-dscillation 


Time  (s) 


Fig.20.  Spontaneous  dynamic  transitions: 
«Auto-osciilation~>Noisel^ 


Oscillating  pressure 
(arbitraiy  units) 
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Self- oscillation  Self-oscillation 


Time  (s) 


Fig.21.  Spontaneous  dynamic  transitions: 
«Auto-osciIlation->Noise2— >Auto-oscillation» 
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(a) 


(b) 


relation  «decay  coefficient  -  amplitude»  (b)  (Noise  state  1) 
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Fig.24.  Combustion  process  response  to  artificial  pulsed  disturbances 
(chamber  with  anti-pulsation  baffles) 
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Abstract 

During  the  transient  start-up  of  a  rocket  engine  operating  against  an  ambient  pressure, 
the  exhaust  flow  separates  from  the  nozzle  wall  at  a  certain  pressure  ratio  of  wall  pressure 
to  ambient  pressure.  Furthermore,  if  the  chamber  pressure  at  nominal  operation  condition 
is  not  high  enough  to  reach  full  flowing  in  overexpanded  flow  condition,  flow  separation 
will  occur  even  for  steady  state  operation.  Flow  separation  is  a  strongly  three-dimensional 
instationary  process,  and  lateral  forces  may  be  generated,  the  so  called  side-loads. 

The  physical  origins  of  flow  separation  and  side-loads  and  its  theoretical  prediction  have 
been  the  key  objectives  for  several  experimental  and  theoretical  studies  in  the  past 
decades.  This  paper  addresses  the  physical  background  of  flow  separation  and  side-loads, 
and  gives  an  overview  on  the  state-of-the-art  prediction  for  both  phenomena. 


1.  Introduction 

Rocket  nozzles  of  high  performance  rocket  engines  in  use  for  first-  or  main  stage  propulsion,  e.g.  the 
American  SSME,  the  European  Vulcain,  or  the  Japanese  LE-7,  operate  from  sea-level  with  one  bar  ambient 
pressure  up  to  near  vacuum.  At  ground,  these  types  of  engines  operate  in  an  overexpanded  flow  condition 
with  an  ambient  pressure  higher  than  the  nozzle  exit  pressure.  During  the  ascent  as  ambient  pressure 
decreases,  the  initially  overexpanded  exhaust  flow  becomes  adapted,  and  then  finally  underexpanded. 

Figures  1  and  2  show  photographs  of  nozzle  exhaust  flows  during  these  two  off-design  operations.  In  the 
case  of  overexpanded  flow,  oblique  shocks  emanating  into  the  flowfield  adapt  the  exhaust  flow  to  the 
ambient  pressure.  Further  downstream,  a  system  of  shocks  and  expansion  waves  leads  to  the  characteristic 
barrel-like  form  of  the  exhaust  plume.  Different  shock  patterns  in  the  plume  of  overexpanded  rocket  nozzles 
have  been  observed,  including  the  singular  shock  reflection  generating  the  classical  Mach  disk,  and  the 
apparent  regular  shock  reflection  at  the  centreline.*  In  addition  to  these  two  plume  pattern,  a  third  pattern. 


'  In  case  of  axisymmetrical  flow,  a  pure  regular  reflection  at  the  centreline  is  not  possible.  Instead,  a  very  small  normal  shock 
exists  at  the  centreline.* 
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Fig.  1:  Exhaust  plume  pattern:  a)  Vulcain,  overexpanded  flow  with  classical  Mach  disk,  b)  Vulcain, 
overexpanded  flow  with  cap-shock  pattern,  c)  RL10-A5,  overexpanded  flow  with  apparent  regular 
reflection,  and  d)  underexpanded  flow,  photographed  during  launch  of  Saturn  1-B 
(Courtesy  photos:  SNECMA,  CNES,  NASA). 

the  cap-shock  pattern,  is  observed  in  the  plume  of  thrust-optimised  or  parabolic  nozzle  contours  featuring 
an  internal  shock,  which  limits  the  high  Mach  number  field  at  the  centreline.  Figure  1  proves  the  existence 
of  this  specific  flow  pattern  in  the  exhaust  plume  of  the  Vulcain  nozzle.^"^  Recent  subscale  experiments 
performed  within  the  European  FSCD^  group  also  confirmed  the  stable  existence  of  this  shock  pattern  in  the 
plume  of  thrust-optimised  or  parabolic  subscale  rocket  nozzle.^'*  As  example.  Fig.  2  shows  Schlieren 
images  of  the  exhaust  plume  of  parabolic  subscale  nozzles  tested  at  DLR,  ONERA,  and  FFA.  For 
comparison,  the  exhaust  plume  of  a  truncated  ideal  nozzle  is  also  shown,  in  where  the  classical  Mach  disk  is 
clearly  visible.® 

At  high  altitudes,  the  underexpansion  of  the  flow  results  in  a  further  expansion  of  the  exhaust  gases  behind 
the  rocket,  as  impressively  illustrated  in  Fig.l  (right),  taken  during  a  Saturn  1-B  launch.  However,  this  post¬ 
expansion  does  not  yield  any  thrust  contribution,  since  it  appears  outside  the  nozzle. 

Any  off-design  operation  with  either  overexpanded  or  underexpanded  exhaust  flow  induces  performance 
losses.  These  inherent  losses  due  to  non-adapted  flow  condition  for  fixed  geometry  nozzles  may  rise  up  to 
15%,  compared  to  a  continuously  adapted  exhaust  flow.®  In  principle,  a  first-  or  main  stage  rocket  nozzle 
could  be  designed  for  a  much  higher  area  ratio  to  achieve  higher  vacuum  performance,  but  the  flow  would 
then  separate  inside  the  nozzle  during  low  altitude  operation,  with  high  risk  for  side-load  generation.  And 
the  strong  requirements  of  a  stable  nozzle  operation  on  ground,  and  a  high  vacuum  performance  lead  to  the 
design  of  a  highly  overexpanded,  but  operationally  full  flowing  nozzle  at  sea  level  condition. 

It  becomes  obvious,  that  a  most  accurate  prediction  of  flow  separation  is  essential  during  the  definition  of  a 
new  rocket  nozzle.  Furthermore,  accurate  prediction  of  expected  side-loads  during  transients  is  a  further 
decisive  task,  needed  to  mechanically  define  the  thrust  chamber  structure  to  ensure  mechanical  integrity 
under  worst  case  condition. 

Therefore,  flow  separation  and  side-loads  in  overexpanded  nozzles  have  been  the  subject  of  several  studies 
in  the  past  decades.  In  the  following,  a  literature  review  and  the  state-of-the-art  for  both  the  understanding 
of  the  physical  phenomena  involved  and  the  prediction  of  flow  separation  and  side-loads  is  given. 


*  FSCD;  Flow  Separation  Control  Device,  research  group  with  members  from  industry  (Dasa,  Snecma,  Volvo  Aero)  and 
institutes  (CNES,  ESA,  DLR,  ONERA,  LEA  Poitiers),  which  investigates  flow  separation  and  side-load  origins  in  nozzles  by 
means  of  experiments  and  numerical  analyses. 
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Fig.  3:  Streamwise  velocity  profiles  (solid  lines),  streamlines  (dashed  line)  and  boundary  layer 
thickness  dot-dashed  line)  near  and  at  the  separation  point. 


2.  Flow  Separation 

In  1904,  Prandtl  showed  that  flows  with  low  friction  in  the  vicinity  of  bodies  can  be  subdivided  into  two 
regions:  a  thin  layer  close  to  the  body,  the  so-called  boundary  layer  (originally  called  friction  layer  due  to 
the  predominance  of  friction),  and  the  remaining  flow,  the  potential  flow  where  friction  effects  can  be 
neglected.  In  the  boundary  layer  itself,  the  flow  at  the  wall  must  follow  a  no-slip  condition.  Hence,  the 
boundary  layer  is  decelerated  by  the  wall,  but  accelerated  by  the  outer  flow.  The  static  pressure,  constant 
across  the  boundary  layer,  is  governed  by  the  main  flow. 

In  flows  with  favourable  or  zero  wall  pressure  gradient,  the  boundary  layer  is  attached  to  the  wall.  This  can 
be  different  in  the  case  of  an  adverse  wall  pressure  gradient.  If  the  wall  pressure  increases  in  the  main  flow 
direction,  kinetic  energy  of  the  fluid  particles  is  transformed  into  potential  energy.  However,  fluid  particles 
close  to  the  wall  only  have  a  small  kinetic  energy  because  of  their  lower  velocity.  Therefore  they  are  stopped 
by  the  pressure  rise,  and  may  be  even  forced  to  flow  in  the  reverse  direction,  see  Fig.  3.  In  this  case  the 
boundary  layer  is  separated  from  the  wall,  and  the  recirculation  region  is  developed  in  the  vicinity  of  the 
wall. 

Flow  separation  requires  the  existence  of  both  friction  and  an  adverse  wall  pressure  gradient  in  a  flow  along 
a  body.  If  one  of  these  two  conditions  is  suppressed,  flow  separation  can  be  prevented.  Prandtl  proved  this 
with  different  experiments,  e.  g.  with  a  flow  around  rotating  cylinders  or  with  a  diffuser  with  boundary  layer 
suction.  "  Also,  flow  separation  might  not  occur  if  the  adverse  pressure  gradient  is  weak.  In  this  case,  the 
normal  exchange  of  momentum  inside  the  boundary  layer  can  be  sufficient  to  transport  momentum  from  the 
mean  flow  to  the  wall;  consequently,  the  kinetic  energy  of  the  particles  close  to  the  wall  can  be  high  enough 
to  withstand  the  pressure  rise  without  separation.  Turbulent  boundary  layers  with  their  characteristic  high 
lateral  exchange  of  momentum  therefore  separate  much  later  than  laminar  boundary  layers,  where  the 
momentum  transport  only  consists  of  molecular  movements. 

At  the  separation  point  of  two-dimensional  boundary  layers,  planar  or  axisymmetric,  the  wall  shear  stress 
becomes  zero. 
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Fig.  4:  Velocity  profile,  and  first  and  second  derivative  in  wall  normal  direction  at  the  separation 
point. 


%  =  lJ.-Quldy)^  =  0 .  (1) 

From  this  equation,  and  the  velocity  profile  sketched  in  Fig.  3,  the  behaviour  of  the  derivatives  of  u  in  wall- 
normal  direction  can  be  estimated,  see  Fig.  4. 

In  order  to  get  a  closer  understanding  of  the  separation  processes,  the  momentum  equation  in  wall-parallel 
direction  is  considered.  The  chosen  non-conservative  formulation  is  valid  for  a  Newtonian  fluid  in  a 
Cartesian  co-ordinate  system,  neglecting  volumetric  forces: 
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If  an  arbitrary  point  at  the  wall  is  considered,  the  non-slip  condition  yields  «  =  v  =  w  =  0  for  all  velocity 
components  as  well  as  for  their  derivatives  with  respect  to  time  and  to  the  wall-parallel  directions  a:  and  z. 
Substituting  div  v  =  du/dx  +  dvtdy  +  dwidz,  and  by  assuming  a  constant  viscosity  across  the  boundary 
layer,  the  expression  is  simplified  as  follows: 
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Because  of  d/dx  (dv/dy)  =  d/dy  (dv/dx),  the  second  term  on  the  right  side  of  Eq.(3)  becomes  zero. 
Consequently,  the  following  formula  is  valid  for  an  arbitrary  location  at  the  wall: 
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(4) 


In  this  context,  Eq.(4)  was  derived  directly  from  the  momentum  equation  (2),  only  assuming  a  constant 
viscosity  in  the  boundary  layer,  and  is  therefore  valid  for  any  point  at  the  wall,  including  separation  and 
recirculation  zones.  Schlichting'^  derived  Eq.(4)  from  the  classic  boundary  layer  equations,  which  only 
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represent  an  approximation  of  the  flow.  The  aforementioned  derivation  from  the  momentum  equation  shows 
that  Eq.  (4)  is  not  only  an  approximation,  but  an  exact  solution  for  the  flow  at  the  wall. 

As  showed  in  Fig.  4,  Eq.  (1)  can  be  used  to  show  that  (d^u/dy^)  >  0  at  the  separation  point.  Since  the 
dynamic  viscosity  is  always  positive,  Eq.  (4)  yields  that  in  order  to  have  separation  the  wall  pressure 
gradient  must  be  adverse: 


dx 


>0 


(5) 


In  order  to  provide  scientists  and  engineers  with  more  information  on  this  wall  pressure  rise  and  the  exact 
shock  location,  many  experimental  measurements  have  been  carried  out  both  in  the  past  and  recently  for  full 
scale  and  subscale  overexpanded  nozzles,  see  e.g.  Ref.  5-8,  13-21.  Furthermore,  a  significant  support  to  the 
analysis  of  the  flow  separation  has  been  provided  by  means  of  numerical  simulations.^' 

Two  different  separation  patterns  have  been  observed,  the  classical  free  shock  separation,  and  the  restricted 
shock  separation,  in  the  following  respectively  called  by  their  acronyms  FSS  and  RSS.  Figure  5  shows  a 
schematic  for  both  separation  pattern  with  the  definition  of  characteristic  points.  In  addition.  Figure  6 
compares  measured  and  numerically  calculated  wall  pressures  for  both  separated  flow  patterns,  and  also 
includes  the  numerically  calculated  Mach  number  distribution  for  FSS  and  RSS,  respectively. 


2.1  Free  shock  separation 

In  the  classical  free  shock  separation  condition,  the  overexpanded  nozzle  flow  fully  separates  from  the  wall 
at  a  certain  ratio  of  wall-  to  ambient  pressure.  The  resulting  streamwise  wall  pressure  evolution  is  mainly 
governed  by  the  physics  of  shock  /  boundary  layer  interactions  occurring  in  any  supersonic  flow  separation. 
The  first  deviation  of  the  wall  pressure  from  the  vacuum  profile  is  commonly  named  incipient  separation 
pressure,  Psep  in  Fig.  5.  The  wall  pressure  then  quickly  rises  from  psep  to  a  plateau  pressure  pp,  which  is  in 
general  slightly  lower  than  the  ambient  pressure  p^.  Analyses  of  subscale  tests  in  nozzles  and  at  forward 
facing  steps  have  shown,  that  the  steep  pressure  rise  is  caused  by  a  shock  front  fluctuating  at  typical  high 
frequencies  in  the  order  of  ~  1-2  kHz  in  between  the  incipient  separation  point  Xsep  and  the  point  where  the 
plateau  pressure  is  reached,  Xp.^^  This  observation,  although  not  completely  new,  is  in  contrast  to  the 
classical  view  of  a  stable  and  well  defined  separation  point,  in  where  the  pressure  rise  from  psep  to  pp  has  the 
origin  in  compression  waves  focussing  to  the  oblique  separation  shock. 

From  many  cold  gas  tests  in  the  past  decades  it  has  been  noticed,  that  the  boundary  layer  effectively 
separates  from  the  nozzle  wall  shortly  before  reaching  the  plateau  pressure  pp.  In  the  recirculation  zone 
downstream  of  the  separation  point,  the  wall  pressure  increases  slowly  from  pp  to  pw,e.  This  gradual 
pressure  rise  can  be  explained  with  the  inflow  of  gas  from  the  ambience  into  the  recirculation  region  at  a 
total  pressure  equal  to  ambient  pressure.  The  acceleration  of  the  ambient  gas  inside  the  nozzle  before  it  is 
mixed  with  the  exhaust  gas  in  the  turbulent  shear  layer  results  in  a  decrease  of  measured  static  pressure,  and 
an  increase  in  dynamic  pressure.  Considering  the  direction  of  the  main  exhaust  flow,  this  yields  the  gradual 
pressure  rise. 

To  predict  the  axial  separation  location  inside  a  nozzle,  the  ratio  of  separation  to  ambient  pressure  Psep/pa 
must  first  be  known.  Using  the  vacuum  wall  pressure  profile  of  this  nozzle,  the  separation  location  can  then 
easily  be  determined.  Of  course,  the  separation  pressure  ratio  psep/pa  includes  the  influence  of  both  the 
pressure  rise  at  the  separation  location  itself  and  the  gradual  pressure  rise  in  the  recirculation  region.  To 
simplify  the  physical  interpretation  of  the  separation  pressure  ratio  Psep/pa,  it  should  be  subdivided  into  two 
factors  (psep/Pp)'WP>)’  P^  ^  physical  phenomenon,  the  former  for  the 

separation  itself,  the  latter  for  the  subsequent  open  recirculation  with  inflow  of  ambient  gas. 
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It  was  noticed  very  early,  that  the  separation  pressure  ratio  decreases  during  the  start-up  of  nozzle  flows,  as 
the  separation  point  moves  downstream  with  increasing  pressure  ratio  Pc/pa-^^'^^  This  was  soon  attributed  to 
the  Mach  number  influence,  as  experiments  in  wind  tunnels  had  shown  the  separation  pressure  ratio  to 
decrease  with  increasing  Mach  number. 

However,  there  is  a  deviation  from  this  regular  behaviour  as  the  separation  point  reaches  the  vicinity  of  the 
exit.*^'  At  a  location  where  the  local  area  ratio  of  the  nozzle  has  reached  about  80%  of  its  final  value,  the 
separation  pressure  ratio  Pse/Pa  reverses  its  previous  trend  and  increases  as  the  pressure  ratio  pc/pa  is 


Fig.  5:  Phenomenological  sketch  of  free  shock  separation  (FSS,  top),  and  restricted  shock  separation 
(RSS,  bottom). 
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Fig.  6:  Free  (left)  and  restricted  shock  separation  (right)  in  parabolic  subscale  nozzle  (SI  VAC  FFA), 
comparison  of  measured  and  calculated  wall  pressures,  and  calculated  Mach  number  distribution. 


increased.  An  explanation  given  for  this  behaviour  in  Ref.  20  is  that  close  to  the  nozzle  exit  the  plateau 
pressure  increases  to  ambient  pressure.  For  a  constant  pressure  ratio  Psep/pp  in  this  last  part  of  the  nozzle, 
this  would  cause  then  an  effective  increase  in  separation  pressure  psep,  and  thus  in  Pscp/pa-  As  the  point  p 
reaches  the  nozzle  exit,  the  flow  can  be  attached  until  the  exit  despite  a  clear  pressure  rise  detected  by 
sensors  in  the  vicinity  of  the  exit.  This  means  there  is  no  effective  flow  separation,  but  only  incipient 
separation. 

A  further  contribution  to  the  observed  pressure  increase  for  an  effectively  full  flowing  nozzle  might  be  due 
to  the  subsonic  part  of  the  boundary  layer,  which  allows  information  from  the  ambient  to  be  carried 
upstream  into  the  nozzle. 


2,2  Restricted  shock  separation 

During  cold-flow  subscale  tests  for  the  J-2S  engine  development  in  the  early  70s,  a  different  kind  of 
separated  nozzle  flow  at  strongly  overexpanded  conditions  was  observed,  which  had  not  been  known 
before.^®  In  this  flow  regime,  which  only  occurred  at  certain  pressure  ratios,  the  pressure  downstream  of  the 
separation  point  showed  an  irregular  behaviour  and  partly  reached  values  above  the  ambient  pressure.  This 
is  attributed  to  a  reattachment  of  the  separated  flow  to  the  nozzle  wall,  inducing  shocks  and  expansion 
waves.  Due  to  the  very  short  separated  region,  this  flow  regime  was  called  restricted  shock  separation.  The 
separation  characteristic  of  restricted  shock  separation,  as  observed  in  the  literature,^*  and  recently 
confirmed  for  subscale^-’’*and  full-scale  rocket  nozzles^'^is  described  in  the  following. 

During  the  start-up  of  the  nozzle  flow,  featuring  initially  pure  free  shock  separation,  the  transition  from  FSS 
to  RSS  occurs  at  a  well  defined  pressure  ratio.'''^  A  closed  recirculation  zone  is  formed,  with  static  pressures 
significantly  below  the  ambient  pressure  level.  Thus,  the  transition  from  FSS  to  RSS  is  connected  with  a 
sudden  downstream  movement  of  the  separation  point.  Beyond  the  reattachment  point  in  RSS,  supersonic 
flow  propagates  along  the  nozzle,  thereby  inducing  shocks  that  result  in  the  aforementioned  wall  pressure 
peaks  above  ambient  pressure.  By  further  increasing  the  thrust  chamber  pressure  ratio,  the  closed 
recirculation  zone  is  pushed  towards  the  nozzle  exit.  Finally,  the  reattachment  point  reaches  the  nozzle  exit. 
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and  the  recirculation  zone  opens  to  the  ambience.  This  is  connected  with  a  pressure  increase  in  the 
recirculation  zone  behind  the  separation  shock,  which  pushes  the  separation  point  again  further  upstream. 
Thereby  it  occurs,  that  the  recirculation  zone  closes  again,  connected  with  a  drop  in  static  pressure  which 
results  again  in  a  downstream  movement  of  the  separation  point.  A  pulsating  process  is  observed,  connected 
with  the  opening  and  closing  of  the  separation  zone.  This  re-transition  from  RSS  back  to  FSS  is  in  the 
literature  also  referred  to  as  the  end  effect."*'  ^ 

The  same  phenomena  can  be  also  observed  during  shut-down.  While  the  end-effect,  and  thus  the  transition 
now  from  FSS  to  RSS  occurs  at  the  same  pressure  ratio  as  the  RSS-  to  FSS  transition  during  start-up,  the 
re-transition  from  RSS  to  FSS  occurs  in  general  at  a  different  lower  pressure  ratio  than  the  corresponding 
transition  FSS -RSS  during  start-up.^'® 

The  theory  of  reattached  flow  in  the  J-2S  sub-scale  nozzle  was  first  confirmed  by  numerical  simulations  of 
Chen  et  al.  in  1994,  Ref  22.  In  addition,  their  calculations  revealed  a  trapped  vortex  behind  the  central 
normal  shock,  but  they  did  not  provide  any  explanation  about  the  generation  of  such  flow  structure. 

Later,  Nasuti  and  Onofri  stressed  the  role  played  by  the  centreline  vortex  on  the  separation  pattern  and 
side-load  generation,  and  suggested  a  possible  explanation  of  its  formation  mainly  based  on  the  key  role 
played  by  the  flow  gradients  behind  the  recompression  shock  in  the  nozzle  core.  According  to  their 
explanation,  an  inviscid  mechanism  leads  to  the  generation  of  the  vortex.  In  particular,  the  driving  role  is 
played  by  the  non-uniformity  of  the  flow  impinging  on  the  recompression  shock,  as  that  carried  by  the 
internal  shock  in  parabolic  nozzles.  Because  of  this  upstream  flow  non-uniformity,  the  shock  cannot  be 
straight,  and  its  strength  cannot  be  constant  along  the  shock  profile.  As  a  consequence,  a  rotational  flow 
occurs  behind  the  recompression  shock  with  velocity  and  entropy  gradients,  that  becomes  larger  for 
increasing  flow  non-uniformity  upstream,  and  thus  is  able  to  generate  vortical  structures.  Once  the 
centreline  vortex  is  generated,  it  acts  as  an  obstruction  for  the  exhausting  jet,  that  therefore  deviates 
towards  the  wall.  As  a  consequence  a  radial  flow  component  is  generated  that  tends  to  reattach  the 
separated  region  to  the  wall,  thus  switching  the  flow  structure  of  the  separated  region  from  FSS  to  RSS. 

A  further  explanation  of  the  reattached  flow  has  been  given  by  Frey  and  Hagemann  based  upon 
experimental  observations  and  numerical  simulation.^'^  According  to  their  results,  key  driver  for  the 
transition  from  FSS  to  RSS  and  vice  versa  is  the  specific  cap-shock  pattern.  As  conclusion,  a  transition 
from  FSS  to  RSS  can  only  occur  in  thrust-optimised  or  parabolic  nozzles  featuring  an  internal  shock.  Based 
on  their  findings,  the  cap-shock  pattern  results  from  the  interference  of  the  separation  shock  with  the  inverse 
Mach  reflection  of  the  weak  internal  shock  at  the  centreline.^  Key  feature  of  this  inverse  Mach  reflection  is 
the  trapped  vortex  downstream  of  it,  driven  by  the  curved  shock  structure  upstream  of  it  which  generates  a 
certain  vorticity  in  the  flow.^’  Thus,  the  vortex  would  be  a  result  of  the  curved  shock  structure,  which  is 
partially  in  contrast  the  explanation  given  by  Nasuti  and  Onofri,  that  includes  also  an  effect  of  flow 
gradients  upstream.  Further  experimental  and  numerical  verification  are  planned  to  finally  conclude  on  the 
interesting  vortex  phenomenon. 

However,  it  is  interesting  to  note,  that  both  hypotheses  of  Nasuti  and  Onofri,  and  Frey  and  Hagemann 
identify  the  curved  cap-shock  profile  as  driver  for  the  transition  from  FSS  to  RSS,  which  is  meanwhile 
proven  by  experiments."*'® 

2.3  Flow  separation  -  Steady  state  vs.  transient  analysis 

Numerical  attempts  to  simulate  transients  with  either  impulsive^^  or  smooth  ^"*' “  chamber  pressure  variations 
were  carried  out  in  the  literature,  to  study  the  potential  effect  of  transient  phenomena  on  the  separation 
behaviour.  In  the  smooth  variations,  the  transients  were  still  assumed  to  be  one  order  of  magnitude  faster 
than  real,  lasting  only  100  milliseconds.  This  choice  of  reducing  the  time  of  transient  duration  was  forced  by 
the  huge  amount  of  computational  time  needed  for  such  simulations.  The  comparison  of  solutions  computed 
at  different  times  during  the  transient  with  quasi-steady  analysis  obtained  as  a  sequence  of  steady  solutions 
showed  no  significant  difference  until  the  obstruction  created  by  the  recirculating  region  in  the  core  of  the 
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divergent  section  becomes  so  large  as  to  squeeze  the  separated  region  at  the  wall.^''  In  particular,  the 
transient  flow  simulation  of  Ref.24  showed  that  the  unsteady  character  of  the  main  jet  in  this  phase 
influences  the  evolution  of  the  flow  reattachment.  However,  the  observed  qualitative  behaviour  was  similar, 
with  the  evolution  from  free  to  restricted  flow  separation  and  the  generation  of  the  vortex  in  the  core  flow. 
Keeping  in  mind,  that  typical  start-up  sequences  of  full  scale  rocket  engines  require  approx.  1-2  seconds  up 
to  nominal  operation  condition,  steady  state  flowfield  analyses  to  study  the  separation  behaviour  are 
justified. 


2.4  Flow  separation  -  Prediction  models 

The  theoretical  prediction  of  free  shock  separation  is  the  case  which  has  been  most  extensively  studied  in  the 
past  since,  historically,  almost  all  experiments  have  been  performed  in  conical  and  truncated  ideal  nozzle 
contours  only  featuring  this  separation  pattern.  Experimental  data  have  been  used  to  develop  a  number  of 
empirical  and  semi-empirical  criteria  in  order  to  give  the  nozzle  designer  a  prediction  tool  for  the  separation 
point,  although  knowing  that  in  reality  there  is  no  exact  point  of  separation  because  it  fluctuates  between 
two  extreme  locations.  But  even  today,  an  exact  prediction  cannot  be  guaranteed  because  of  the  wide 
spectrum  of  parameters  involved  in  the  boundary  layer  -  shock  interaction  such  as  nozzle  contour,  gas 
properties,  wall  temperature,  wall  configuration  and  roughness. 

As  previously  described,  the  FSS  phenomenon  can  be  subdivided  into  two  separate  mechanisms,  one 
associated  with  the  boundary  layer  separation  from  the  nozzle  wall,  Psep/Pp,  and  a  second  one  associated 
with  the  aspirated  ambient  gas  in  the  recirculation  region,  pp/p^.  The  whole  pressure  rise  from  incipient 
separation-  to  ambient  pressure  can  therefore  be  described  as  Psep/pa  =  (Psep/pp)-(pp/Pa)- 
Probably  the  most  classical  and  simple  criteria  for  FSS  purely  derived  from  nozzle  testing  is  the  one  given 
by  Summerfield  et  al..  Ref.  15,  which  is  based  on  extensive  studies  on  the  separation  phenomenon  in  conical 
nozzles  in  the  late  1940’s: 

Pssp/Pa“0.4  (6) 

A  first  approach  to  include  the  Mach  number  influence  was  published  by  Arens  and  Spiegler  in  the  early 
1960’s.‘®  However,  the  major  formula  derived  turned  out  to  be  too  complex  for  engineering  application. 
Based  on  experiments  with  conical  and  truncated  ideal  nozzles.  Schilling  derived  in  1962  a  simple 
expression  accounting  for  the  increase  of  separation  pressure  ratio  Psep/pa  with  increasing  Mach  number, 

Pse[/Pa“  ki.(pc/pa)  »  C^) 

with  ki  =  0.582,  and  k2=  -0.195  for  contoured  nozzles,  and  ki=  0.541,  and  k2=  -0.136  for  conical  nozzles.'’ 
In  1965,  based  on  Schilling’s  expression  Kalt  and  Badal  chose  ki  =  2/3  and  k2=  -0.2  for  a  better  agreement 
with  their  experimental  results.'® 

NASA  adopted  a  correlation  similar  to  the  one  of  Schilling  for  truncated  contoured  nozzles  as  a  state  of  the 
art  indication  at  the  mid  1970’s.®* 

Later  investigations  performed  by  Schmucker”  lead  NASA  to  recommend  the  semi-empirical  criteria  by 
Crocco  and  Probstein  which  accounts  for  the  property  of  the  boundary  layer,  the  gas  and  the  inviscid  Mach 
number  at  the  onset  of  separation.®’  The  NASA  recommendation  from  1976  was  to  use  this  criteria  with  an 
additional  margin  of  20%  from  the  predicted  separation  occurrence.  An  inherit  from  this  time  is  also  the 
purely  empirical  criterion  proposed  by  Schmucker:” 

Ps.p/Pa=(l-88-M-l)-°“,  •  (8) 

which  has  similar  characteristics  as  the  Crocco  and  Probstein  criterion  and  is  still  widely  used. 
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Fig-  7:  Comparison  of  simple  separation  prediction  models  for  Ps^p/pa  with  experimental  results. 

By  comparing  these  different  criteria  with  test  data  a  significant  scatter  of  the  data  points  around  the  criteria 
is  observed,  see  Figure  7.  This  enlightens  the  NASA  advice  of  a  20%  margin  and  also  points  out  the 
necessity  of  new  and  more  reliable  criteria.  One  of  the  major  reasons  for  the  rather  poor  agreement  is  that 
all  above  criteria  included  the  two  separate  mechanisms  involved  in  the  pressure  rise  of  the  flow  in  one 
single  expression.  This  fact  was  realised  already  1966  by  Carriere”  and  1967  by  Lawrence^'  who  suggested 
to  establish  a  criterion  where  the  pressure  recovery  pse/pa  is  subdivided  into  two  parts,  one  part  for  the 
critical  pressure  rise,  Psep/Pp,  over  the  separation  shock  and  a  second  for  the  pressure  rise  in  the  recirculation 
zone,  pp/pa. 

It  has  been  shown  by  many  experiments,  that  the  shock  /  boundary  layer  interaction  properties  are  nearly 
independent  of  the  cause  having  induced  the  separation.’'^'*  The  critical  pressure  rise  over  shocks,  psep/pp, 
formed  under  boundary  layer  separation  in  front  of  forward  facing  steps,  or  ramps  has  been  extensively 
studied  and  several  theoretical  and  purely  empirical  criteria  exist  e.g.  the  one  by  Panov  and  Shvets,^^  or  the 
one  by  Zukoski.^*  As  example,  Zukoski  found  the  following  simple  relation  to  be  in  good  agreement  with 
experimental  results,  with  the  inviscid  Mach  number  of  the  attached  flow  upstream  of  the  separation  point, 

Msep’ 

Psep/pp  =  (1  +  0-5  Msep)’*,  for  the  Mach  number  range  of  Mj^p  =  1.4  to  6.  (9) 

In  Ref.  2  it  was  shown,  that  the  oblique  shock  angle  and  the  deflection  angle  of  the  separated  flow  can  be 
easily  correlated  with  the  inviscid  Mach  number  Mjep.  This  correlation  can  then  be  used  to  model  the  critical 
pressure  rise,  Psep/Pp- 

For  the  pressure  recovery  in  the  separated  region,  pp/pa,  the  situation  is  very  different,  because  models  are 
lacking.  Experimental  data  indicate  that  the  wall  contour  downstream  the  separation  point  has  a  significant 
influence  on  the  pressure  increase  in  this  zone.”  As  reported  in  Ref.  2,  it  seems  that  in  addition  to  the  wall 
contour  the  length  of  the  separated  region,  the  curvature  of  the  wall  downstream  of  the  separation  and  the 
radial  size  of  the  recirculating  zone  between  the  wall  and  the  jet  are  further  parameters  influencing  the 
pressure  rise  Pp/pa-  A  clear  indication  of  this  can  be  found  in  Fig.  8.  Thus,  it  is  obvious  that  to  be  able  to 
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Fig.  8:  Experimental  results  for  the  pressure  rise  Pp/pa  as  function  of  separation  location. 

predict  the  location  of  separation  successfully,  a  new  separation  criterion  must  be  developed  where  first  of 
all  the  shock-boundary  layer  interaction  is  properly  described  and  secondly  a  model  where  the  pressure  rise 
in  the  recirculating  zone  is  included  which  accounts  for  downstream  conditions  and  nozzle  geometry.  The 
development  and  validation  work  of  such  models  is  currently  ongoing  at  the  different  partners  of  the  FSCD 
group.  E.g.,  Reijasse^  has  recently  developed  a  physical  model  taking  into  account  the  recirculation  in  the 
separated  region. 

The  prediction  of  restricted  shock  separation  has  only  been  addressed  in  the  last  years,  see  Ref.  3,  6.  The 
key  point  for  the  prediction  of  RSS  is  to  predict  the  location  where  the  transition  from  FSS  to  RSS  takes 
place.  The  driving  force  for  reattachment  of  the  flow  is  the  radial  momentum  balance  in  the  separated  jet 
induced  by  the  cap-shock  pattern.  By  quantifying  this  momentum  balance  the  transition  point  can  be 
determined.  Based  on  this  Ostlund  and  Bigert  proposed  a  simple  empirical  criterion  for  the  prediction  of 
transition  from  FSS  to  RSS,  showing  very  good  results  considering  its  simplicity,^ 

Frey  and  Hagemann  have  developed  a  more  sophisticated  and  physical  model.^  In  this  model  the  FSS  shock 
system  is  always  prevailing  before  a  possible  reattachment  is  defined.  Based  on  numerical  flowfield  data, 
the  cap  shock  pattern  is  re-calculated  by  a  shock-fitting  technique.  By  calculating  the  momentum  balance 
across  the  cap  shock  pattern  and  the  corresponding  direction  of  the  jet  downstream  of  the  cap  shock  pattern, 
the  driving  force  for  reattachment  is  evaluated  and  the  location  where  the  transition  takes  place  is 
determined.  Both  models  account  for  the  sudden  pressure  drop  of  the  plateau  pressure  and  the  subsequent 
jump  of  the  separation  point  when  the  flow  reattaches  and  the  separated  region  becomes  enclosed  by 
supersonic  flow.  Due  to  the  complexity  of  the  flow  downstream  of  the  reattachment  point,  which  is 
characterised  by  subsequent  compression  and  expansion  waves,  no  models  for  this  pressure  recovery 
process  yet  exist.  Instead  a  constant  value  of  the  plateau  pressure  based  on  test  data  experience  is  often 
used.  This  value  is  kept  until  the  RSS  is  transformed  back  into  FSS  and  FSS  criteria  are  applicable  again. 
This  transformation  occurs  either  when  the  cap-shock  is  converted  into  the  Mach  disc  or  when  the  enclosed 
separation  zone  is  opened  up  at  the  nozzle  exit. 

Based  on  numerical  simulations  of  the  cap  shock  pattern  with  the  trapped  vortex,  Reijasse^  has  proposed  a 
further  transition  prediction  model  based  on  an  effective  area  ratio  for  the  RSS  condition,  estimated  with  the 
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effective  nozzle  exit  area  occupied  by  the  re-attached  annular  jet,  and  the  throat  area.  Thus,  the  remaining 
exit  area  filled  with  the  recirculating  flow  of  the  trapped  vortex  is  ignored  in  this  approach. 

3.  Side-Loads  -  Physical  Origins  and  Models  for  Prediction 

Side-loads  have  been  observed  either  in  subscale  or  full-scale  rocket  nozzles  during  transient  operations  like 
start-up  or  shut-down,  and  during  stationary  operation  with  separated  flow  inside  the  nozzle.  The  first 
important  report  dealing  with  side  forces  was  published  within  the  frame  of  the  J-2S  testing,  Ref.  28. 

These  forces  acting  lateral  to  the  main  thrust  direction  are  an  undesired  phenomenon,  and  may  feature  as 
severe  design  constraint  for  new  rocket  engine  concepts.  Despite  of  significant  effort  spent  by  space 
industries  and  research  establishments  on  the  side-load  research,  its  analytical  prediction  in  general  still 
lacks  of  sufficient  accuracy  to  the  authors  knowledge. 


Fig.  9:  The  three  Space  Shuttle  Main  Engines  SSME  at  transient  start-up  process  (Photo  NASA). 

Side-loads  in  rocket  nozzles  are  caused  by  a  three-dimensional  pressure  distribution  inside  the  rocket  nozzle, 
either  highly  transient  or  steady  state.  As  example.  Fig.  9  shows  a  time  instant  during  the  transient  start-up 
of  the  Space  Shuttle  Main  Engines,  SSME,  shortly  prior  to  lift-off.  The  three-dimensional  separation  line  is 
clearly  visible  due  to  water  vapour  condensation  on  the  wall  of  cryogenic  cooled  nozzle  extension. 

Potential  origins  for  side-loads  generated  by  asymmetric  wall  pressure  evolution  inside  the  nozzle  are: 
tilted  separation  line, 

pressure  pulsation  at  separation  location  and  in  recirculation  zone, 
aeroelastic  coupling, 

-  transition  in  separation  pattern,  FSS  to  RSS  and  vice  versa. 

Furthermore,  pressure  pulsation  acting  from  the  outside  on  the  nozzle  shell,  asymmetric  hardware,  or 
asymmetric  injection  conditions  may  generate  lateral  forces,  which  however  are  not  further  considered  in 
this  discussion. 

Several  models  have  been  developed  based  on  the  different  origins.  They  are  briefly  discussed  in  the 
following. 

3.1  Side-loads  due  to  tilted  separation  line 

The  assumption  of  a  tilted  separation  line  in  pure  free  shock  condition  is  the  basis  of  several  side-load 
models,  e.g.  of  Pratt  and  Whitney,  Rocketdyne,  and  Schmucker.^’  The  principle  of  this  basic  idea  is 
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Fig.  10;  Principle  idea  of  a  tilted  separation  line. 

illustrated  in  Figure  10.  It  is  reported  in  the  literature,  that  model  applications  to  specific  engine  tests,  e.g. 
the  Schmucker  model  to  J2  engine  test  data,  showed  reasonable  agreement.  But  it  should  be  mentioned,  that 
this  specific  has  been  developed  by  exploiting  J2-S  data. 

Recent  comparison  of  experimental  data  with  the  model  approach  of  a  tilted  separation  line  have  shown, 
that  none  of  the  models  correctly  predict  the  side-load  behaviour  of  different  rocket  nozzles,  indicating  that 
this  simplified  underlying  assumption  of  a  tilted  separation  plane  is  not  fully  correct.  It  seems  that  the 
models  based  on  this  assumption  yield  acceptable  predictions  only  for  special  nozzle  families.  As  soon  as 
one  of  the  models  is  applied  to  a  nozzle  which  is  very  different  in  shape,  the  agreement  between  predicted 
and  measured  forces  is  rather  poor.  This  indicates  that  the  simple  underlying  assumption  of  a  tilted 
separation  line  does  not  account  for  the  real  physics. 

3.2  Side-loads  due  to  random  pressure  pulsation 

Random  oscillation  of  the  separation  line  and  random  pressure  pulsation  in  the  separated  flow  region  are  the 
basic  idea  of  the  Dumnov  side-load  model.^’  The  method  is  based  on  a  statistical  generalisation  of  empirical 
data  for  the  pulsating  pressure  field  at  the  wall.  The  empirical  data  are  mainly  based  on  sub-scale  cold-gas 
experiments  with  separated  nozzle  flows.  For  these  experiments,  only  conical  and  truncated  ideal  nozzles 
were  used.  The  application  of  the  Dumnov-model  to  Russian  rocket  nozzles,  like  RD-0120,  gave  reasonable 
agreement  between  measured  and  predicted  side-loads.^’ 

3.3  Side-loads  due  to  aeroelastic  coupling 

It  is  known  that  slight  variations  in  wall  pressure  may  cause  significant  distortion  of  the  contour.  This 
distortion  in  turn  results  in  a  further  variation  in  wall  pressure  and  the  system  forms  a  closed  loop,  which 
may  result  in  a  significant  amplification  of  the  initial  load.  The  study  of  the  closed-loop  effects  of  jet 
separation  has  not  been  attacked  vigorously  due  to  the  complexities  involved  in  generating  accurate 
asymmetric  dynamic  models  of  the  nozzle-engine  support  system,  the  jet  boundary  layer  separation,  and 
interaction  at  the  boundary  of  the  two  subsystems.  However,  a  technique  for  handling  these  difficult 
coupling  problems  has  been  developed  by  Pekkari.^*’  The  model  consists  of  two  main  parts,  the  first 
dealing  with  the  equation  of  motions  of  the  thrust  chamber  as  aerodynamic  loads  are  applied,  and  a  second 
part  modelling  the  change  of  the  aerodynamic  loads  due  to  the  distortion  of  the  wall  contour.  The  wall 
pressure  in  the  attached  region  is  the  nominal  vacuum  pressure  profile  wdth  a  pressure  shift  due  to  the 
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. control  surface  for  momentum  balance 

-  shocks 

Fig.  12:  Asymmetric  flowfield  inside  nozzle  at  instant  of  FSS-RSS  transition  for  worst  case  side-load 
prediction.  Control  surface  for  momentum  balance  included.  Momentum  of  impinging  jet  on  wall 
taken  into  account  at  x^. 

half  of  the  nozzle  features  FSS-,  while  the  other  half  shows  already  RSS  flow  condition.  For  this  case,  the 
side-load  calculation  is  purely  physically  motivated,  and  comes  from  a  momentum  balance  across  the 
complete  nozzle  surface,  as  illustrated  in  Fig  12.  Comparison  of  predicted  values  with  maximum  measured 
values  in  subscale  and  full-scale  experiments  revealed  an  astonishing  agreement. 

3.5  Influence  of  further  transient  phenomena  on  side-loads 

Although  steady  flow  analysis  helps  in  understanding  the  flow  structure  at  the  instant  of  side-loads  maxima, 
only  transient  analysis  can  simulate  the  actual  highly  transient  phenomenon.  A  peculiar  behaviour  that  has 
been  detected  in  the  few  transient  simulations  published  in  the  literature  is  the  development  and  evolution  of 
so-called  shocklets  in  the  narrow  jet  circumventing  the  centreline  vortex  in  RSS  flow  condition.^^'^^  In 
particular,  the  quick  displacement  of  such  strong  pressure  waves  along  the  nozzle  wall  was  indicated  as  a 
possible  responsible  of  side-loads,  also  because  of  their  improbable  circumferential  symmetry.  Indeed,  this 
flow  structure  is  intrinsically  weak,  as  it  can  easily  degenerate  towards  a  strongly  3D  structure,  because 


Fig.  13:  Transient  simulation  of  nozzle  flow,  with  generation  of  shocklets  in  main  jet  at  the  wall. 
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even  small  non-uniformities  in  the  incoming  flow  yield  unsymmetrical  distribution  of  shocklets  and  thus  of 
pressure  loads.  The  time-dependent  analyses  published  in  Ref.  22-25  show  that  an  unsteady  behaviour  takes 
place  with  shocklets  and  sometimes  stronger  shocks  that  temporarily  appear  and  disappear  in  the  main  jet. 
A  typical  example  of  this  behaviour  is  given  by  the  quick  variation  of  the  solution  at  two  close  times,  as 
shown  in  Fig.  13. 


4.  Conclusion 

Flow  pattern  observed  in  the  exhaust  plumes  of  subscale  and  full-scale  rocket  nozzles  have  been  discussed, 
including  the  classical  Mach  disk,  the  apparent  regular  reflection,  and  the  cap-shock  pattern.  The  latter 
flow  pattern  is  only  observed  for  special  type  of  rocket  nozzles  featuring  an  internal  shock  emanating  out  of 
the  nozzle  before  being  reflected  at  the  centreline. 

Within  various  experiments  and  numerical  simulations,  two  different  flow  separation  phenomena  have  been 
observed,  the  free  shock  separation  and  restricted  shock  separation.  It  has  been  shown,  that  the  cap-shock 
pattern  is  the  driver  for  the  transition  from  free-  to  restricted  shock  separation. 

For  the  classical  free  shock  separation,  various  simplified  prediction  models  for  the  pressure  rise  from  wall 
pressure  with  attached  flow  to  ambient  pressure  that  are  published  in  literature  show  qualitative  agreement 
with  experimental  data.  Higher  accuracy  in  quantitative  prediction  can  only  be  achieved  by  de-coupling  the 
two  different  physical  phenomena  associated  with  the  flow  separation,  namely  the  pressure  increase  due  to 
oblique  shocks  and  the  one  in  the  separated  recirculation  region. 

For  the  transition  from  free-  to  restricted  shock  separation,  models  have  been  recently  developed.  Results 
obtained  with  these  new  models  are  encouraging. 

In  the  second  part  of  the  paper,  different  origins  for  side-loads  and  corresponding  prediction  models 
published  in  the  literature  are  discussed.  Potential  side-load  origins  include  a  tilted  separation  line,  random 
pressure  pulsation  in  the  separating  region,  an  aeroelastic  coupling,  and  a  transition  in  separation  pressure 
from  free-  to  restricted  shock  separation.  Stimulated  by  recent  test  results  with  parabolic  nozzles,  side-load 
models  for  the  transition  from  free-  to  restricted  shock  separation  and  vice  versa  have  recently  been 
developed  within  the  European  space  community  with  encouraging  accuracy  in  matching  experimental 
results. 

No  special  emphasis  was  given  in  this  paper  to  numerical  methods  applied  to  nozzle  flowfield  prediction 
under  separated  flow  condition,  although  these  tools  are  meanwhile  frequently  used  in  the  space 
community.  Obtained  results  show  in  general  a  good  qualitative  and  quantitative  agreement  with 
experimental  data.  In  addition  to  the  high  confidence  level  achieved  for  separation  prediction,  these 
simulations  give  a  most  valuable  insight  into  the  physical  phenomena  involved  inside  the  nozzle. 


5. 

Nomenclature 

5.1 

Abbreviations 

FFA 

The  Aeronautical  Research  Institute  of  Sweden 

FSCD 

Flow  Separation  Control  Device 

FSS 

Free  Shock  Separation 

ONERA 

Organisation  Nationals  des  Etudes  et  Recherches  Aerospatiales 

RSS 

Restricted  Shock  Separation 

M 

Mach  number 

P 

pressure 

U,  V,  w 

velocity  components 

X,  y,  z 

co-ordinates 
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£ 

T 


area  ratio  Aexit/Athroat 

viscosity 

wall  shear  stress 


5.2  Sub-  and  Superscripts 

a  ambient 

e  exit 

p  plateau 

sep  separation 

w  wall 
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Abstract 

Three  methods  (of  variational  exit  characteristic,  of  uniform  exit  characteristic, 
and  of  direct  optimization)  user  for  profiling  rocket  nozzles  are  compared  with  each 
other  in  nozzle  delivered  performance  of  an  Ariane-5-class  launcher  2nd  stage 
sustainer  oxygen/hydrogen  rocket  engine.  Three  versions  of  restrictions  imposed  on 
nozzle  contours  (specifying  the  nozzle  exit  point,  providing  attached  nozzle  flows, 
and  restricting  side  loads  acting  on  nozzle  during  engine  startup)  are  under 
consideration.  Besides,  three  methods  (ideal  gas  with  integral  boundary  layer,  ideal 
gas  with  differential  boundary  layer,  and  TDK)  are  used  for  predicting  nozzle 
performance.  The  results  obtained  show  that  all  the  three  performance  prediction 
methods  produce  nearly  the  same  performance  rating  of  the  nozzles  profiled  with  the 
three  contour  design  methods,  where  the  direct  optimization  method  is  best  if  die 
nozzle  exit  point  is  not  fixed. 


Introduction 

Varying  the  supersonic  nozzle  contour,  as  well  as  the  nozzle  envelope  (  i.e., 
length  and  expansion  ratio  ),  one  can  highly  affect  the  engine  specific  impulse,  both  in 
vacuum  and  in  the  ground  conditions.  For  definiteness  and  correctness,  we  split  the 
nozzle  contour  design  procedure  into  the  two  procedures:  designing  the  nozzle 
contour  shape  as  a  curve  connecting  the  nozzle  throat  and  the  specified  nozzle  contour 
exit  point  and  selecting  the  nozzle  length  and  expansion  ratio.  Both  the  designing 
parts  are  important  and  coupled  with  one  another.  So,  varying  the  nozzle  contour 
shape  and  the  nozzle  length,  one  can  affect  the  vacuum  specific  impulse  losses  due  to 
divergence,  boundary  layer  (friction  with  regeneration  ),  and  nozzle  mass  (  for  the  so- 
called  effective  vacuum  specific  impulse  taking  the  nozzle  mass  into  account  through 
the  specific-impulse/payload-mass  equivalent  for  the  launch  vehicle  stage  under 
consideration),  whereas,  varying  the  nozzle  expansion  ratio,  one  can  affect,  besides 
the  abovementioned  specific  impulse  losses,  the  ideal  (i.e.,  thermodynamic)  vacuum 
specific  impulse  and  the  term  scaling  the  delivered  vacuum  specific  impulse  to  the 
delivered  ground  (  or  altitude  )  specific  impulse  ( if  the  engine  operates  under  non¬ 
zero  ambient  pressures). 

It  is  evident  that  the  optimum  nozzle  contour  providing  the  maximum  payload 
gain  (  in  some  cases,  e.g.,  for  upper  vehicle  stages,  this  target  can  be  replaced  by  the 
maximum  effective  delivered  vacuum  specific  impulse)  and  satisfying  the  imposed 


restrictions  (  e.g.,  on  the  nozzle  length,  and/or  requirements  of  providing  a  folly 
attached  nozzle  flow  during  engine  operation,  etc.)  depends  on  both  the  method  used 
for  designing  the  one  and  the  method  used  for  predicting  the  delivered  (maybe 
effective)  vacuum  specific  impulse  governing  the  target  function  behaviour  when  the 
nozzle  contour  is  varied.  The  following  three  methods  are  used  for  contouring  nozzles 
at  present:  the  uniform  exit  characteristic  method  [1,2],  the  variational  exit 
characteristic  method  [3-5],  and  the  direct  optimization  method  [6,7].  All  of  them  are 
under  consideration  in  this  paper. 

As  for  the  methods  used  in  this  paper  for  predicting  the  delivered  vacuum 
specific  impulse,  they  are:  two  methods  using  the  same  code  [8]  for  calculating  the 
inviscid  supersonic  nozzle  flow  core  as  an  axisymmetric  ideal  gas  flow  and  approach 
[9]  for  calculating  the  specific  impulse  loss  due  to  finite  rate  kinetics  and  differing 
from  one  another  by  the  boundary  layer  calculation  approach:  one  of  them,  [10], 
calculates  the  boundary  layer  with  V.S.Avduevsky  integral  method  (through  solving 
two  ordinary  differential  equations)  and  the  other,  [11],  does  that  with  a  differential 
method  (through  solving  the  boundary  layer  equations  in  partial  derivatives);  the  third 
method  is  widely  known  code  TDK  [12]. 


Nozzle  contour  design  methods 

The  first  method  (  VC  )  used  for  the  supersonic  nozzle  contour  design  is  the 
variational  method  [3-5].  To  obtain  contour  with  this  method,  a  fan  of  expansion 
waves  (characteristics  of  the  2"'^  family)  is  calculated  around  an  arc  specifying  the 
initial  part  of  the  supersonic  nozzle  contour  and  a  variational  exit  characteristic  of  the 
1®*  family,  outcoming  from  this  expansion  fan  and  coming  to  the  specified  nozzle 
contour  exit  point  with  providing  the  minimum  vacuum  specific  impulse  loss  due  to 
divergence,  is  constructed.  Then  the  Goursat  problem  is  solved  with  the  method  of 
characteristics  between  the  fan  last  characteristic  and  the  variational  exit 
characteristic,  so  the  supersonic  nozzle  contour  is  obtained. 

The  second  method  (  UC  )  used  for  the  supersonic  nozzle  contour  design  is  the 
classic  method  of  characteristics  with  a  uniform  exit  characteristic  of  the  1*‘  family, 
see  [1,2].  To  obtain  contour  with  this  method,  a  fan  of  expansion  waves 
(characteristics  of  the  2"'*  family)  is  calculated  around  an  arc  specifying  the  initial  part 
of  the  supersonic  nozzle  contour,  so  the  specified  exit  Mach  number  must  be  attained 
at  the  last  fan  characteristic  at  the  nozzle  axis.  Then  the  uniform  exit  characteristic  of 
the  1'*  family  with  this  Mach  number  is  emanated  from  this  axial  point  and  the 
Goursat  problem  is  solved  with  the  method  of  characteristics  between  the  last 
characteristic  of  the  fan  and  the  uniform  exit  characteristic,  so  the  supersonic  nozzle 
contour  is  obtained.  If  the  nozzle  contour  exit  point  is  specified,  the  exit  characteristic 
Mach  number  is  varied  until  the  designed  contour  passes  through  this  point. 

The  third  nozzle  contour  design  method  (  DO  )  is  the  direct  optimization 
method  [6,7].  According  to  this  method,  the  optimum  supersonic  nozzle  contour  is 
searched  among  analytically  specified  curves  having  free  parameters  governing  the 
contour.  The  optimization  is  reduced  to  searching  the  optimum  values  of  these  N 
parameters,  providing  the  needed  extremum  of  the  target  function  (  e.g.,  the 
minimum,  if  the  target  function  is  the  total  specific  impulse  loss,  or  the  maximum,  if 
the  target  function  is  the  delivered  specific  impulse  ).  As  the  obtained  extremum  is  not 


global,  i.e.,  only  in  the  chosen  N-parametric  family  of  analytical  curves,  the  problem 
can  be  widened  by  searching  the  optimum  family  of  curves,  see  [7].  In  this  paper, 
basing  on  our  experience,  we  have  chosen  the  2-parametrical  family  of  2-order  curves. 
If  the  nozzle  contour  exit  point,  as  well  as  the  arc  defining  the  initial  (  just 
downstream  of  the  nozzle  throat )  part  of  the  contour  is  specified,  then  this  family  has 
two  free  parameters  for  optimization,  for  which  it  is  convenient  to  use  the  initial  ( i.e., 
at  the  end  point  of  the  arc  )  and  exit  (i.e.,  at  the  nozzle  exit )  contour  angles. 

Nozzle  performance  prediction  methods 

The  first  two  methods  (Ml  and  M2)  of  predicting  the  delivered  vacuum  specific 
impulse  uses  the  same  code  [8]  for  calculating  the  inviscid  supersonic  nozzle  flow 
core,  which  is  considered  as  an  axisymmetric  ideal  gas  flow  with  a  constant  nozzle- 
average  adiabatic  exponent.  This  code  provides  the  core  flow  parameters  needed  for 
the  boundary  layer  calculation  and  determination  of  the  vacuum  specific  impulse  loss 
due  to  flow  divergence,  These  methods  also  use  the  same  approach  [9]  for 
calculating  the  vacuum  specific  impulse  loss  due  to  finite  rate  kinetics,  ^kin,  and  the 
same  code  [9]  for  calculating  the  ideal  (thermodynamic)  vacuum  specific  impulse,  lyi. 
They  differ  from  one  another  by  the  boundary  layer  calculation  approach.  The  first  of 
them.  Ml,  calculates  the  boundary  layer  with  a  differential  method  [11]  through 
solving  the  boundary  layer  equations  written  in  partial  derivatives.  To  close  these 
equations,  a  well-known  Cebeci-Smith  algebraic  model  of  turbulence  with  a  small 
correction  of  model  numerical  constants  is  used.  The  second,  M2  method  calculates 
the  boundary  layer  with  the  modified  V.S.Avduevsky  integral  method  [10]  through 
solving  a  set  of  two  ordinary  differential  equations  written  for  the  boundary  layer 
momentum  loss  thickness  and  for  the  boundary  layer  energy  loss  thickness.  Both  Ml 
and  M2  methods  use  various  semi-empirical  constants  providing  satisfactory 
agreements  of  predictions,  performed  with  these  methods,  with  available  model  and 
full-scale  experimental  data.  As  a  result  of  the  boundary  layer  calculation,  both  the 
methods  predict  the  vacuum  specific  impulse  loss  due  to  boundary  layer,  ^bi,  being  the 
difference  between  the  loss  due  to  frietion  and  the  vacuum  specific  impulse  addition 
due  to  heating  the  propellant  component  in  the  nozzle  cooling  jacket  (  i.e.,  due  to  the 
heat  regeneration  ). 

The  third  method  is  widely  known  code  TDK  [12].  It  consists  of  several  modules 
computing  all  the  specific  impulse  losses  related  to  the  nozzle.  The  core  flow  is 
computed  by  a  method  of  characteristics  with  finite  rate  kinetics.  The  boundary  layer 
is  calculated  through  finite  differences  with  taking  finite  rate  kinetics  into  account  and 
using  a  Cebeci-Smith  eddy  viscosity  turbulence  model. 

In  all  three  methods  ( Ml,  M2,  and  TDK )  the  solutions  of  the  core  flow  and  the 
boundary  layer  are  connected  with  one  another  through  iterations  taking  the  boundary 
layer  displacement  thickness  into  account. 

As  for  satisfying  the  requirements  of  fully  attached  nozzle  flow  in  the  nominal 
engine  operating  mode,  we  have  used  the  pressure  critical  rise  approximation  of  Refs. 
[13,14]  without  taking  the  nozzle  firing  wall  temperature  and  roughness  into  account, 
which  produce  the  results  being  close  to  the  ones  obtained  with  approximation  [15]. 


Initial  data  for  optimization 


The  calculations  have  been  performed  for  the  following  initial  data.  We  have 
considered  an  oxygen/hydrogen  rocket  engine  having  throat  radius  of  Rth=120  mm 
and  operating  imder  the  combustion  chamber  pressure  of  Pcc=100  bar  with  the 
combustion  chamber  propellant  mixture  ratio  of  Km=6.0.  The  nozzle  wall  firing 
surface  temperature  and  the  nozzle  wall  firing  surface  roughness  were  specified  equal 
to  800  K  and  30  pm,  accordingly,  over  the  whole  nozzle,  including  the  combustion 
chamber,  in  all  the  calculations.  The  nozzles  were  assumed  fully  regeneratively 
cooled.  To  estimate  the  nozzle  mass  and  the  effective  vacuum  specific  impulse  taking 
the  nozzle  mass  change  into  account,  the  specific  (i.e.,  per  a  unit  surface  area)  nozzle 
divergent  wall  surface  mass  was  specified  equal  to  20  kg/m^,  and  the  nozzle  mass 
equivalent  of  the  vacuum  specific  impulse  gain  was  specified  equal  to  150  kg/s.  We 
have  assumed  that  this  engine  is  a  sustainer  engine  of  the  second  stage  of  an  Ariane-5 
-  class  launch  vehicle  (  with  initial  parallel  operation  of  the  first  and  second  stages  ), 
so  it  begins  to  operate  in  the  nominal  operating  mode  at  the  sea  (ground)  level  and 
continues  to  operate  up  to  a  very  high  altitude. 

When  optimizing  the  supersonic  nozzle  contour  we  have  specified  the  initial 
contour  part  ( just  downstream  of  the  nozzle  throat )  in  all  the  cases  as  the  arc  of 

radius  Rdth^Rth. 


Optimization  with  a  specified  nozzle  exit  point 

This  optimization  has  been  performed  for  the  nozzles  having  specified  exit 
point  Xc/Rth=27,  Ye/Rth=10  in  order  to  investigate  influence  of  nozzle  profiling 
methods  on  vacuume  specific  impulse  in  this  case.  Contour  N1  was  profiled  with  the 
VC  method.  Contour  N2  was  profiled  with  the  UC  method  and  Contour  N3  was 
profiled  with  the  DO  method. 

Comparison  of  these  nozzle  contours  shows  that  contour  No.l  is  more  convex 
than  contour  No.2.  Calculations  performed  in  a  more  wide  range  of  Xe,Ye  had  shown 
that  all  nozzle  contours  designed  with  the  VC  method  had  this  feature  in  contrast  to 
the  contours  designed  with  the  UC  method.  The  contour  designed  with  DO  method 
lies  between  these  two  nozzles. 

The  engine  thrust  performances  provided  by  these  contours  are  presented  in 
Table  1.  As  these  contours  have  the  same  exit  point,  the  vacuum  specific  impulse 
losses  are  presented  in  this  table  only.  They  are  the  loss  due  to  flow  divergence,  the 
loss  due  to  boundary  layer,  ^bi,  the  total  loss  +  4bi  (  the  losses  of  the  other 

kinds  are  the  same  in  this  case  ),  and  the  total  losses  difference  with  respect  to  contour 
No.l.  One  can  see  that  contour  No.l  (VC)  provides  the  minimum  ,  but  that  is 
compensated  by  increased  ^bi ,  so  the  total  loss  is  close  to  the  one  provided  by  contour 
No.2  (UC).  Contour  No.3  (DO)  provides  the  minimum  .  These  trends  are  produced 
by  all  the  methods  (Ml,  M2,  and  TDK).  As  the  differences  between  provided  by 
the  obtained  contours  are  too  small,  we  can  conclude  that  all  the  nozzle  contour 
design  methods  considered  here  provide  practically  the  same  engine  thrust 
performance  in  the  case  under  consideration. 


If  additionally  to  take  the  nozzle  mass  into  account,  this  does  not  change  the  final 
results,  as  these  contours  are  close  to  each  other,  so  the  conclusion  stated  above 
remains  true. 

The  same  conclusions  were  done  in  Ref.  [7]  on  the  basis  of  the  calculations 
performed  there. 


Optimization  providing  attached  flows 

If  we  consider  a  case  of  designing  the  nozzle  supersonic  contour  for  an  engine 
operating  beginning  from  the  ground  (sea)  level,  then  we  have  to  impose  the 
restriction  that  the  contour  must  provide  fully  attached  nozzle  flow  in  the  engine 
nominal  operating  condition.  Otherwise,  the  nozzle  will  suffer  substantial  unsteady 
side  loads  at  the  sea  level  and  low  altitudes,  so  the  engine  can  fail,  or,  in  any  case,  its 
reliability  decreases  substantially. 

The  optimum  contours  of  the  specified  relative  length  Xe/De=1.4,  designed  with 
the  three  methods  under  the  above-mentioned  restriction  have  been  built:  VC  contour 
No.4,  UC  contour  No.5,  DO  contour  No.6.  The  DO  contour  has  the  highest  area  ratio, 
whereas  the  UC  contour  has  the  lowest  area  ratio.  That  is  due  to  optimizing  the  DO 
contour  exit  angle,  so  lowering  this  angle  allows  of  increasing  the  available  DO 
contour  area  ratio  providing  the  specified  nozzle  exit  wall  pressure  needed  for  an 
attached  nozzle  flow  and,  by  that,  increasing  the  ideal  vacuum  specific  impulse.  In 
contrast  to  that,  the  exit  angles  of  the  UC  and  VC  contours  can’t  be  freely  changed, 
so,  as  the  UC  contours  have  the  highest  exit  angles,  the  specified  exit  wall  pressure 
causes  the  lowest  maximum  available  area  ratio  of  the  UC  contours  in  comparison 
with  the  other  contours,  whereas  the  VC  contours,  having  somewhat  lower  (than  the 
UC  contours)  exit  angles  governed  by  minimizing  the  specific  impulse  loss  due  to 
divergence,  accordingly  have  somewhat  higher  (than  the  UC  contours)  maximum 
available  area  ratio,  so  provide  somewhat  higher  vacuum  specific  impulse. 

The  engine  thrust  performances  provided  by  these  contours  are  presented  in 
Table  2.  As  the  nozzle  area  ratio  has  been  optimized  in  this  optimization,  the  target 
function  of  this  optimization  was  the  delivered  vacuum  specific  impulse,  U  ,  and  the 
vacuum  specific  impulse  kinetic  loss  depending  on  the  nozzle  area  ratio  was  taken 
into  account  additionally  to  the  abovementioned  losses.  Correspondingly,  the 
delivered  and  ideal  vacuum  specific  impulses,  as  well  as  the  kinetic  loss,  are  included 
in  Table  2.  One  can  see  that  the  DO  contour  provides  the  maximum  delivered 
vacuum  specific  impulse,  whereas  the  UC  contour  produces  the  lowest  delivered 
vacuum  specific  impulse. 

The  differences  between  the  contours  in  the  delivered  vacuum  specific  impulse 
slightly  depend  on  the  method  (  Ml,  or  M2,  or  TDK  )  used  for  predicting  the 
delivered  vacuum  specific  impulse. 

As  in  real  cases  the  nozzle  contour  optimization  changes  the  nozzle  mass,  so 
influencing  the  vehicle  stage  mass,  this  effect  was  taken  into  account  through  adding 
the  vacuum  specific  impulse  loss  due  to  changing  the  nozzle  supersonic  wall  mass,  4m 
,  to  the  abovementioned  specific  impulse  losses  and  considering  the  effective  vacuum 
specific  impulse,  km  >  obtained  by  that,  instead  of  the  delivered  vacuum  specific 
impulse.  The  corresponding  values  of  4m  and  km  are  presented  in  Table  2  too.  One  can 
see  that  the  DO  contour  provides  the  maximum  effective  vacuum  specific  impulse. 


whereas  the  UC  contour  produces  the  lowest  effective  vacuum  specific  impulse  but 
the  difference  in  effective  specific  impulse  between  them  is  decreased. 

Flow  patterns  in  nozzles  No.  4,  5,  and  6  are  presented  accordingly  in  Fig.  1,  2, 
and  3  in  the  form  of  Mach  number  isolines.  One  can  see  that  the  flow  patterns  in  the 
VC  (No.4)  and  UC  (No. 5)  nozzles  are  nearly  similar,  whereas  the  DO  (No. 6)  nozzle 
flow  pattern  has  a  pronounced  shock  wave  emanating  from  the  region  of  joining  the 
throat  contour  arc  with  the  further  contour  part  specified  by  the  analytical  curve. 

Fixing  the  absolute  nozzle  length  at  Xe/Rth=18.12  instead  of  fixing  the  relative 
nozzle  length  at  Xe/De=1.4,  we  obtain  the  results  presented  in  Table  3.  Here,  optimum 
contours  No.  7,  8,  and  9  have  been  obtained  with  the  VC,  UC,  and  DO  methods, 
accordingly.  As  in  the  previous  case,  the  DO  contour  provides  the  highest  area  ratio 
and  the  highest  delivered  and  effective  vacuum  specific  impulses,  whereas  the  UC 
contour  produces  the  lowest  ones.  Accordingly,  the  DO  contour  has  the  lowest 
relative  length  (Xe/De=1.13),  whereas  the  UC  contour  has  the  highest  one 
(Xc/De=1.39),  resulting  in  lower  differences  between  the  delivered  and  effective 
vacuum  specific  impulses,  as  increases  when  Xe/De  decreases. 


Optimization  providing  restricted  side  loads 

Using  relatively  high  area  ratio  DO  contours  providing  maximum  vacuum 
specific  impulse  and  fully  attached  nozzle  flows  in  nominal  operating  modes  under 
the  ground  conditions  causes  substantial  unsteady  side  loads  acting  on  nozzles  during 
engine  startup  and  shutdown  under  the  ground  conditions.  Appearance  of  such  side 
loads  can  be  explained  only  through  asymmetrical  nozzle  flow  separation  from  the 
nozzle  walls  during  engine  startup  or  shutdown.  This  fact  was  first  published  in 
Ref  [16].  A  high  level  of  side  loads  was  also  observed  during  Vulcain  engine  startup 
and  shutdown  [17,18]  although  this  engine  nozzle  hadn’t  the  maximum  available  area 
ratio.  Relationships  allowing  of  estimating  level  of  these  side  loads  in  the  nozzles  of 
such  type  were  proposed  in  Ref  [15]. 

Unsteady  side  loads  acting  on  an  engine  during  long-duration  operation  with  a 
developed  separation  zone  had  been  revealed  in  Russia  in  firing  tests  of  engine 
RD0120  (Ref[13]).  The  nozzle  of  this  engine  had  been  contoured  with  the  UC 
method.  An  experimental  investigation  of  side  loads  acting  on  nozzles  contoured  with 
the  UC  method  had  been  conducted  in  Refs.  [13,  14].  It  was  shown  that  turbulent  gas 
flow  pulsations  are  the  main  source  of  side  loads  appearance.  In  the  case  of  nozzle 
flow  separation  the  turbulent  pulsation  is  substantially  amplified  by  the  separation 
flow  shock.  Even  in  the  case  of  an  attached  nozzle  flow  the  unsteady  side  loads  are 
non-zero  and  increase  when  the  combustion  chamber  pressure  rises,  that  once  more 
validates  that  the  turbulent  pulsation  is  the  main  cause  of  side  loads  appearance.  In 
Refs.  [13,  14]  it  was  shown  that  from  the  mathematical  viewpoint  the  unsteady  side 
loads  are  stationary  'wide-band  random  processes.  Physical  and  mathematical  model  of 
side  loads  appearance  had  been  developed  in  these  works  on  the  basis  of  model 
experiments.  A  comparison  of  the  predictions  performed  with  this  model  with  the 
RD0120  engine  test  data  had  shown  their  good  agreement. 

If  to  suggest  that  the  side  loads  appearing  in  nozzles  contoured  with  the  UC 
and  DO  methods  are  of  the  same  nature,  then  the  maximum  side  loads  would  be 
observed  in  the  RD0120  engine,  as  this  engine  nozzle  had  the  highest  area  ratio. 


therefore  highest  exit  diameter  and  highest  side  area  on  which  the  side  loads  act, 
comparing  with  engines  J2-S,  SSME,  Vulcain.  But  a  comparison  of  the  side  loads 
measured  in  firing  tests  of  engines  RD0120  [13]  and  Vulcain  [17,18]  had  shown  that 
the  RD0120  engine  undergoes  the  side  loads  which  in  several  times  less  than  the  side 
loads  acting  on  the  Vulcain  engine  nozzle.  That  indicates  different  natures  of  the  side 
loads  acting  on  nozzles  contoured  with  the  UC  and  DO  methods.  As  long  as  the 
nature  of  the  side  loads  appearing  in  nozzles  contoured  with  the  UC  method  had  been 
determined  in  Refs.  [13,  14],  the  nature  of  the  side  loads  appearing  in  nozzles 
contoured  with  the  DO  methods  is  investigated  at  present. 

Using  computational  methods,  authors  of  Refs.  [18,19]  have  shown  that 
separated  nozzle  flows  of  an  untraditional  type  appear  during  startup  and  shutdown  of 
Vulcain  engine  having  a  nozzle  contoured  with  a  DO  method.  These  separated  flows 
feature  by  a  reattachment  of  the  separated  flow  to  the  nozzle  wall  with  forming  a 
bubble-shaped  separation  zone.  As  the  combustion  chamber  pressure  rises,  this  bubble 
moves  to  the  nozzle  exit.  As  a  result,  side  loads  in  nozzles  of  this  kind  have  two 
peaks:  the  first  one  corresponds  to  appearance  of  the  bubble-shaped  separation  zone 
and  the  second  one  appears  during  breakdown  of  this  bubble  at  the  nozzle  exit.  As  at 
these  moments  the  separated  zone  changes  asymmetrically,  the  separation  line  slant 
has  scale  of  the  “bubble”  length  instead  of  the  boundary  layer  thickness  in  the  case  of 
nozzles  contoured  with  the  UC  method.  Naturally,  not  all  nozzles  contoured  with  a 
DO  method  produce  this  feature  of  separated  nozzle  flows,  but,  apparently,  only  those, 
which  have  low  exit  angles,  as  a  result  of  nozzle  contour  optimization  under  the 
specified  nozzle  exit  wall  pressure. 

Let’s  consider  an  effect  of  the  restriction  imposed  on  the  side  loads  level  during 
engine  startup  and  shutdown  in  the  case  of  contouring  the  nozzle  with  the  DO  method. 
Let’s  specify  that  the  side  load  mustn’t  exceed  30.. .35  kN  and  estimate  the  side  loads 
with  method  [15]. 

If  to  specify  Xe/De=1.4,  then  after  optimization  we  obtain  contour  No.  10  whose 
performance  is  presented  in  Table  4.  Comparing  this  contour  performance  with  the 
one  of  contour  No.6,  presented  in  Table  2,  one  can  see  that  the  restriction  imposed  on 
the  side  loads  has  reduced  the  nozzle  area  ratio,  the  delivered  vacuum  specific  impulse 
by  28. 1  m/s,  and  the  effective  vacuum  specific  impulse  by  23.2  m/s. 

If  to  fix  the  absolute  nozzle  length  Xe/Rth“18.12  and  impose  the  same  restriction 
on  the  side  loads,  then,  using  the  DO  method,  we  obtain  contour  No.  11  presented  in 
Table  4.  Comparing  with  DO  contour  No. 9  presented  in  Table  3,  contour  No.  11 
produces  the  less  by  14.4  m/s  delivered  vacuum  specific  impulse  and  the  less  by  13 
m/s  effective  vacuum  specific  impulse. 

Thus,  the  restriction  imposed  on  the  side  loads  reduces  vacuum  specific  impulse 
gain  over  the  nozzles  contoured  with  the  VC  and  UC  methods.  So,  the  delivered 
vacuum  specific  impulse  gain  over  the  UC  contour  has  decreased  to  23.5  m/s  and  the 
effective  vacuum  specific  impulse  gain  has  decreased  to  22.6  m/s,  the  corresponding 
gains  over  the  VC  contour  have  decreased  to  12.7  m/s  and  11.8  m/s,  accordingly.  At 
Xe/Rth=18.12  the  gains  over  the  UC  contour  have  decreased  to  18.6  m/s  and  17.9  m/s, 
accordingly,  and  over  the  VC  contour  -  to  6.6  m/s  and  6.4  m/s,  accordingly. 


Altitude  performance  of  the  optimized  nozzles 

Vacuum  performance  of  the  optimized  nozzles  have  been  considered  and  presented 
above.  But  as  the  engine  imder  consideration  must  operate  in  a  wide  altitude  range 
beginning  from  the  sea  (ground)  level,  its  altitude  performance  is  important. 

Effects  of  the  vehicle  flight  altitude  and  the  nozzle  contour  choice  (  of  contours 
No.  4  (VC),  5  (UC),  and  6  (DO) )  on  the  delivered  altitude  specific  impulse  are  shown 
in  Fig.4.  One  can  see  that  the  nozzle  with  contour  No. 6  provides  the  gain  of  about  50 
m/s  in  the  delivered  vacuum  specific  impulse  over  the  nozzle  ■with  contour  No.5, 
whereas  the  nozzle  with  contour  No.5  provides  the  gain  of  about  500  m/s  in  the 
delivered  ground  specific  impulse  over  the  nozle  with  contour  No.5.  The  altitude  at 
which  these  contours  provide  the  same  delivered  altitude  specific  impulse  is  equal  to 
about  17  km.  Table  5  presents  for  contours  No.  4,  5,  6,  and  10  the  delivered  ground 
specific  impulse,  Ih,  the  specific  impulse  ground  loss,  and  the  altitude,  H,  at  which 
the  contour  under  consideration  provides  the  same  delivered  altitude  specific  impulse, 
as  DO  contour  No.6. 

These  characteristics  for  contours  No.  7  (VC),  8  (UC),  9  and  1 1  (DO)  designed  to 
the  specified  absolute  nozzle  length  are  presented  in  Fig.  5  and  in  Table  6.  One  can  see 
that  contour  No. 9  provides  the  gain  of  about  30  m/s  in  the  delivered  vacuum  specific 
impulse  over  contour  No. 8,  whereas  contour  No. 8  provides  the  gain  of  about  460  m/s 
in  the  delivered  ground  specific  impulse  over  contour  No.9.  The  altitude  at  which 
these  contours  provide  the  same  delivered  altitude  specific  impulse  is  equal  to  about 
20  km. 

From  Tables  5  and  6  one  can  see  that  for  about  half  of  the  ascent  trajectory  the 
nozzles  contoured  witli  the  UC  and  VC  methods  gain  in  the  delivered  altitude  specific 
impulse  over  the  nozzle  contoured  with  the  DO  method.  Although  the  effect  of 
specific  impulse  gain  at  this  trajectory  part  on  payload  mass  gain  for  the  engine  under 
consideration  is  in  several  times  less  than  the  one  at  the  upper  trajectory  part, 
nevertheless,  that  decreases  the  payload  mass  gain  provided  by  the  DO  nozzle 
contour.  More  precisely  the  payload  mass  gain  can  be  estimated  with  ballistic 
calculations  only. 

The  ballistic  calculations  have  been  performed  for  the  Ariane-5  -  class  launch 
vehicle  with  the  engine  under  consideration  instead  of  Vulcain  engine  and  the  target 
orbit  of  200  km  altitude  and  28.5°  inclination.  The  calculation  have  sho'wn  that 

•  for  the  VC  and  DO  contour  nozzles  of  the  Xe/De=1.4  relative  length  the 
payload  mass  gain  over  the  UC  contour  nozzle  reaches  1...3  %  (see  Table  7); 

•  for  the  VC  and  DO  contour  nozzles  of  the  Xe/Rth=18.12  length  the  payload 
mass  gain  over  the  UC  contour  nozzle  reaches  1  ...2  %  (see  Table  8); 

From  the  results  presented  in  Tables  7  and  8  one  can  see  that  the  DO  contour 
nozzles,  in  spite  of  their  substantial  disadvantages  in  the  delivered  ground  specific 
impulse,  provide  the  maximum  payload  mass  gain. 


Conclusion 


The  performed  computational  investigations  have  shown  that  the  optimal 
contours  designed  with  the  three  nozzle  contour  design  methods  under  consideration 
and  having  the  same  exit  point  provide  practically  the  same  vacuum  specific  impulse. 

The  performed  comparison  of  the  three  nozzle  contour  design  methods  under 
consideration,  being  applied  to  contouring  nozzles  of  a  launch  vehicle  second  stage 
engine  operating  from  the  sea  (ground)  level  to  a  high  altitude  has  shown  that 

•  the  maximum  vacuum  specific  impulse  of  the  engine  having  a  nozzle  of  the 
X6/De=1.4  relative  length  is  provided  by  a  nozzle  contoured  with  the  DO 
method,  at  that  the  maximum  vacuum  specific  impulse  gain  over  the  nozzle 
contoured  by  the  UC  method  is  equal  to  52.4  m/s,  and  the  gain  is  equal  to 
23.5  m/s  if  the  additional  restriction  is  imposed  on  the  admitted  side  load 
level  (Fsl<  30  kN); 

•  if  the  nozzle  length  is  fixed  (  Xe/Rth=l  8. 12  ),  the  maximum  vacuum  specific 
impulse  gain  provided  by  the  DO  method  nozzle  over  the  UC  method 
nozzle  is  equal  to  about  33  m/s,  and,  if  the  admitted  side  load  is  restricted, 
the  gain  is  equal  to  18.6  m/s; 

•  although  the  ground  specific  impulse  provided  by  the  DO  method  is 
substantially  less  than  the  one  provided  by  the  UC  method  contour,  the 
ballistic  calculations  performed  for  an  Ariane-5  -  class  launch  vehicle  have 
shown  that  using  the  Xe/De=1.4  length  nozzle  contoured  by  the  DO  method 
provides  the  payload  gain  of  about  3%  over  the  UC  method  nozzle.  If  the 
side  load  mustn’t  exceed  Fsl=30  kN,  than  the  payload  gain  decreases  down 
to  1.9%; 

•  the  VC  method  contour  provides  the  payload  gain  of  about  0.9  %  over  the 
UC  method  contour. 
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Fig.l.  Mach  level  lines  for  nozzle  N  4(VC) 
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Fig.2.  Mach  level  lines  for  nozzle  N  5(UC) 
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Fig.3.  Mach  level  lines  for  nozzle  N  6(DO) 


Fig.4.  Effect  of  altitude  on  the  delivered  specific  impulse 
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Causes  of  Thrust  Performance  Loss  in  a  Clustered  Linear 

Aerospike  Nozzle 

Takeo  TOMITA  Hiroshi  SAKAMOTO  Mamoru  TAKAHASHI  Masaki  SASAKI 
Takuo  ONODERA  Hiroshi  TAMURA 
National  Aerospace  Laboratory,  Kakuda  Research  Center 

Abstract 

Combustion  tests  were  carried  out  on  a  14  kN  clustered  linear  aerospike  nozzle  composed  of 
6  rectangular-cell-nozzles  with  a  20% -length  truncated  spike  nozzle.  The  thrust  coefficient 
efficiency  obtained  at  sea  level  condition  was  only  87.5%,  which  was  remarkably  low  in 
comparison  with  the  predicted  values  of  97%.  To  clarify  causes  of  loss  qualitatively  and 
quantitatively,  cold-flow  tests  were  conducted  with  a  3 -cell-clustered  nozzle  model  which 
simulates  the  14  kN  clustered  aerospike  nozzle.  Based  on  the  observed  results,  a  thrust 
performance  model  for  clustered  linear  aerospike  nozzles,  which  can  roughly  estimate  the  loss 
due  to  clustering  of  cell  nozzles,  is  proposed.  Using  this  model,  the  loss  due  to  clustering  for  the 
14  kN  clustered  nozzle  was  estimated  to  be  2.5% 

Nomenclature 


Ag  :  Gap  area 

At :  Throat  area  of  cell  nozzle 

CFciuster  iThrust  Coefficient  of  clustered  nozzle,  Eq.  (5) 

CFMceii  :Theoretical  thrust  coefficient  of  cell  nozzle  for  momentum  force 
Cf,e  :  Thrust  coefficient  of  aerospike  nozzle,  Eq.  (l) 

Cf6=5  :  Theoretical  thrust  coefficient  at  E=  5 
Fciuster  iThrust  of  clustered  nozzle 
NPR:  Nozzle  pressure  ratio,  PcelVPa 
Pceii :  Plenum  pressure  of  cell  combustor 
Pceii,exit :  Prcssure  at  cell  nozzle  exit 

Pceu,E  :  Calculated  pressure  which  is  attained  if  the  cell  exhaust  expands  to  the  gap  space 

Pw  :  Pressure  on  the  spike  surface 

Pa  :  Ambient  pressure 

Pb  :  Pressure  at  truncated  nozzle  base  surface 

Pe  ;  Calculated  pressures  at  the  end  of  the  full-spike  nozzle 

Pg  :  Pressure  on  the  surface  of  the  gaps 

Pt  :  Calculated  pressures  at  the  truncated  point 
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Eb:  Ratio  of  truncated  nozzle  base  area  and  total  throat  area 

Eceii  :  Expansion  area  ratio  of  cell  nozzle 

Ee  :  Expansion  area  ratio  of  spike  nozzle 

0ceii :  Tilt  angle  of  cell  nozzle  to  the  spike  axis 

rjCF:  Thrust  coefficient  efficiency 

rjisp:  Specific  impulse  efficiency 


Introduction 

For  future  fully  reusable  SSTOs,  reusable  rocket  engines  characterized  by  light  weight  and  high 
performance  from  low  altitude  to  high  altitude  are  essential.  Engines  with  aerospike  nozzles  are 
drawing  attention  as  promising  candidates  which  satisfy  these  requirements,  and  such  engines 
have  been  adopted  in  the  USA  for  use  in  the  X-33  vehicle.  The  National  Aerospace  Laboratory 
has  studied  aerospike  nozzles  for  the  past  few  years.*'*  Cold  flow  tests,  CFD  analysis  and 
combustion  tests  have  been  conducted  to  clarify  the  flows  behind  the  truncated  spike-nozzle 
base,  the  methods  of  secondary  injection,  the  necessity  of  side-fences  and  required  sizes, 
cell-to-cell  interaction  of  the  exhaust  jets  and  so  on.'  * 

The  purpose  of  this  paper  is  to  clarify  the  causes  of  thrust  performance  loss  in  a  clustered 
linear  aerospike  nozzle.  A  14  kN  thruster  with  a  clustered  linear  aerospike  nozzle  composed  of 
six  rectangular  cell  nozzles  and  a  two-dimensional  truncated  spike  nozzle  was  fabricated  and 
fired  at  ground-level  condition.  To  acquire  detailed  information  on  the  loss  due  to  the  clustering 
of  cell  nozzles,  cold  flow  tests  with  a  subscale  model  which  simulates  the  clustered  cell  nozzles 
were  also  conducted. 


Performance  of  Linear  Aerospike  Nozzles 

Theoretical  Performance  of  Linear  Aerospike  Nozzles 

Before  discussion  of  clustered  linear  aerospike  nozzles,  the  theoretical  performance  of  a 
two-dimensional  linear  aerospike  nozzle  is  presented  with  our  experimental  results.*’*  The 
theoretical  thrust  coefficient  of  aerospike  nozzles  can  be  calculated  by  the  following  equation:* 

Pcell,exit  .  JPwdy  Pb  Pa  ,  . 

CF,E=  CFMccII  COsGcell  +ecell  COS0celI  — - - T  — - —  +  EB  r -  “  EE  — -  Ui 

Pccll  Pcell  At  Pcell  Pcell 

Here,  the  first  term  on  the  right-hand  side  represents  the  momentum  of  the  exhaust  jets  from  the 
cell  nozzles,  the  second  term  is  the  pressure  at  the  exit  planes  of  the  cell  nozzles,  the  third  term 
indicates  the  pressure  on  the  spike  wall,  the  fourth  term  represents  the  pressure  at  the  base  of  the 
truncated  spike  nozzle,  and  the  fifth  term  is  the  atmospheric  pressure. 

Pw  in  the  third  term  can  be  evaluated  by  the  method  of  characteristics.  Pb  in  the  fourth  term 
cannot  be  analytically  obtained,  so  an  empirical  relation  or  CFD  analysis  is  required.  The  value 
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of  Pb  changes  according  to  the  flow  pattern  formed  behind  the  base.  When  the  pressure  ratio, 
Pc/Pa,  is  small,  an  open  wake  is  formed,  and  Pb  nearly  equals  the  ambient  pressure.  When  Pc/Pa 
exceeds  a  certain  value,  the  wake  pattern  changes  from  an  open  wake  to  a  closed  wake,  and  the 
value  of  Pb  no  longer  equals  the  ambient  pressure  but  has  a  certain  value  depending  on  the 
geometry  of  the  spike  nozzle.  Pick’  showed  the  following  empirical  equation  for  annular 
truncated  spike  nozzles  at  the  closed  wake  condition  with  no  secondary  injection. 

Pb=  0.5  (Pt+  Pe)  (2) 

where  Px  and  Pe  are  the  calculated  pressures  at  the  truncated  point  and  at  the  end  of  the  full 
spike  nozzle  based  on  the  Prandtl-Meyer  fan  emanating  from  the  tip  of  the  cell  nozzle, 
respectively.  For  the  linear  aerospike  nozzles,  we  found  that  the  constant  in  the  equation  needed 
to  be  changed  from  0.5  to  0.3  based  on  our  cold  flow  data.*’* 

Pb=  0.3  (Pt+  Pe)  (3) 

Hagemann'“detailed  how  to  determine  the  transition  point  from  an  open  wake  to  a  closed  wake 
with  the  method  of  characteristics  by  tracing  the  right-running  characteristics  emanating  from  the 
sonic  throat  toward  the  centerline.  The  transition  occurs  when  this  characteristic  meets  the  point 
on  the  lower  shear  layer  in  the  wake  of  plug,  where  trailing  shock  is  induced.  In  the  present 
paper,  a  rough  estimation  for  the  transition  point  was  used.’* 

Cold  Flow  Tests  with  a  Linear  Full-Spike  Nozzle 

Figure  1  shows  the  linear  full-spike  nozzle  used  in  our  cold  flow  tests.  The  expansion  ratio  of 
the  cell  nozzle,  Eceii,  was  2.0  and  the  nozzle  pressure  ratio,  NPR,  of  optimum  expansion  for  the 
cell  nozzle  was  10.7.  The  expansion  ratio  of  the  spike  nozzle,  6e,  was  8.0  and  the  NPR  of  the 
optimum  expansion  for  the  spike  nozzle  was  97.9.  The  tilt  angle  of  cell  nozzle,  6ceu,  was  29.6  ° . 
The  full-spike  nozzle  used  in  the  tests,  was  actually  truncated  at  a  length  80%  that  of  the 
theoretical  nozzle  length  due  to  a  manufacturing  difficulty.  The  loss  by  this  truncation,  however, 
is  estimated  to  be  negligible.  Height  of  the  cell  nozzle  throat  was  3.5  mm,  and  width  of  the  cell 
nozzle  was  42.4  mm.  In  the  design  of  cell  nozzle  contour,  a  parabolic  curve  was  employed.  The 
axial  length  of  the  cell-nozzle  from  the  throat  to  the  exit  plane  was  80%  that  of  an  equivalent 
15-deg-half  angle  wedge  nozzle,  the  initial  wall  angle  of  the  parabola  was  30  ° ,  and  cell-nozzle 
exit  wall  angle  was  0.76  ° .  No  reflection  condition  was  used  in  designing  the  contour  of  the 
spike  wall,  assuming  uniform  flows  from  the  cell  nozzle. 

Figure  2  shows  the  observed  thrust  coefficient  efficiency,  pCF,  as  a  function  of  NPR  with  the 
theoretical  efficiency  calculated  by  equation  (l) .  The  figure  includes  a  conventional  Bell  nozzle 
efficiency  without  loss  with  the  same  expansion  ratio  as  that  of  the  spike  nozzle.  The  theoretical 
value  of  pCF  for  the  full  spike  nozzle  was  around  0.99  ~  1.00  for  all  operating  conditions,  which 
confirms  an  excellent  altitude  compensation  of  full-spike  nozzles.  The  observed  pCF  for  the 
full-spike  nozzle  was  0.99  around  NPR=  100  and  0.94  around  NPR=  10.7. 

Figures  3  and  4  show  a  typical  comparison  of  a  visualized  image  using  a  shadowgraph  and 
computed  Mach  number  contours  under  the  inviscid  flow  assumption  for  the  full-spike  nozzle  at 
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NPR=  100,  respectively.’  These  figures  indicate  the  existence  of  an  oblique  shock  wave 
emanating  from  the  inside  of  the  cell  nozzle.  The  oblique  shock  wave  which  was  incident  on  the 
spike  surface  showed  a  typical  flow  structure:  a  reflected  shock,  a  separation  of  laminar 
boundary  layer  and  a  reattachment  and  a  recompression  shock.  The  present  CFD  only  predicted  a 
simple  reflected  shock.  The  generation  of  the  oblique  shock  inside  the  cell  nozzle  was  originated 
due  to  an  excessively  large  initial  wall  angle  of  the  cell  nozzle  contour. 

Figure  5  shows  a  comparison  of  the  qCF  from  the  CFD  results  and  the  observed  data.”  It  can 
be  seen  that  the  value  of  the  computed  tiCf  agrees  well  with  the  experimental  data.  The 
computational  and  experimental  data  show  a  tendency  to  decrease  as  the  NPR  goes  down.  Based 
on  a  simple  modeling,  the  qCF  loss  due  to  the  total  pressure  loss  by  the  oblique  shock  was 
calculated.  Figure  6  shows  the  estimated  relations  between  nCF  and  NPR  for  the  test  condition’ 
The  figure  indicates  that  qCF  decreases  as  NPR  goes  down  as  expected.  Needless  to  say,  there 
may  be  many  causes  for  the  decline  of  nozzle  efficiency,  but  it  is  qualitatively  thought  that  the 
oblique  shock  may  be  one  of  them. 

Cold  Flow  Tests  with  a  Linear  Truncated  Spike  Nozzle 

The  rjCFS  for  a  linear  truncated  spike  nozzle  are  shown  in  Figure  7.  The  nozzle  configuration 
is  the  same  as  the  previous  full-spike  nozzle  but  truncated,  at  a  length  of  20%  that  of  the 
theoretical  nozzle  length.  The  figure  shows  the  cold  flow  data  and  the  predicted  efficiency  based 
on  equations  (l)  and  (3)  .  At  NPR=  10,  the  predicted  nCF  was  about  0.91  and  measured  qCFs 
were  about  0.85.  At  NPR=  100,  the  predicted  ticf  was  about  0.98  and  measured  qCFS  were  about 
0.95.  At  NPR  ~  25,  a  sharp  drop  of  qcr  was  observed  both  on  the  predicted  line  and  in  the  cold 
flow  data.  This  drop  was  caused  by  the  change  of  the  flow  pattern  behind  the  base  firom  an  open 
wake  to  a  closed  wake.  The  base  pressure  Pb  is  nearly  equal  to  Pa  at  an  open  wake  and  Pb=  0.3 
(Pt  +  Pe)  shown  in  equation  (3) . 

The  loss  of  truncation  in  the  present  cold  flow  model  was  0.085  for  the  theory  and  0.05  ~  0.10 
for  the  experiment  at  NPR=  10.7,  and  0.02  for  the  theory  and  0.04  for  the  experiment  at  NPR= 
100.  The  observed  magnitude  of  loss  due  to  the  tmncation  showed  reasonable  agreement  with  the 
predicted  loss. 

Combustion  Tests  with  a  14  kN  Clustered  Linear  Aerospike  Nozzle  Thruster 

The  experiments  and  the  analysis  shown  above  treated  only  the  linear  aerospike  nozzle 
composed  of  two-dimensional  cell  nozzles.  In  reality,  high  cooling  requirements  because  of  the 
greater  surface  area  to  be  cooled  rule  out  this  simple  configuration.  To  overcome  this  difficulty, 
clustered  rectangular-cell-  nozzles  are  used. 

Design  of  a  14  kN  Clustered  Linear  Aerospike  Nozzle 

Table  1  indicates  the  specifications  of  the  14  kN  linear  aerospike  nozzle  thruster  and  Fig.  8 
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shows  the  dimensions  of  the  thruster.  LOX  and  methane  were  selected  based  on  considerations 
of  low  heat  load  to  the  chamber  wall  and  of  visibility  of  shock  patterns  in  exhaust  jets.  In  the 
design  of  the  aerospike  nozzle,  a  parabolic  curve  was  used  in  the  cell  nozzle  contour:  nozzle 
length:  80%  of  the  15-deg-half  angle  wedge  nozzle;  initial  wall  angle:  30°;  exit  wall  angle: 
5.3  ° .  Generation  of  an  oblique  shock  was  again  suspected,  but  in  this  case,  the 
cell-nozzle-contour  almost  coincided  with  a  contour  with  no  reflection  condition,  so  generation  of 
an  oblique  shock  was  not  observed  in  either  the  following  experiments  nor  in  the  CFD  analysis. 

Gaps  between  cell  nozzles  are  known  to  cause  a  considerable  loss  of  nozzle  efficiency."  In  the 
case  of  clustered  annular  aerospike  nozzles,  a  geometrical  restriction  requires  a  certain  length  of 
gaps."  On  the  other  hand,  clustered  linear  aerospike  nozzles  do  not  require  such  a  geometrical 
restriction.  So  the  length  of  gaps  can  be  reduced  to  the  limit  of  structure  design.  In  the  present 
study,  a  cooling  channel  for  the  cell  combustor  was  the  cause  of  nozzle  gaps.  We  concluded  that 
some  length  of  gaps  necessarily  exist  even  in  linear  clustered  aerospike  nozzles,  thus  accepted 
the  existence  of  gaps  and  considered  them  to  be  an  important  cause  of  performance  loss.  In  the 
design  of  the  spike  surface  contour,  these  gaps  were  neglected  and  a  simple  two-dimensional 
flow  was  assumed. 

Combustion  Test  Results  with  the  14  kN  Clustered  Linear  Aerospike  Nozzle 

Figure  9  shows  a  photograph  of  the  combustion  test  with  the  14  kN  clustered  linear  aerospike 
nozzle.  Chamber  pressure  of  the  six  cells  coincided  within  1%.  Figure  10  shows  the  measured 
qCF  as  a  function  of  NPR  with  the  predicted  qCF  with  no  secondary  injection  from  equation  (l) 
and  (3) .  The  conditions  tested  correspond  to  the  optimum  NPR  of  the  cell  nozzles.  The 
obtained  pCFS  were  only  0.875,  which  was  remarkably  low  in  comparison  with  the  predicted 
values,  0.97.  The  causes  of  this  large  loss  will  be  discussed  in  the  following  section. 

Gaps  between  cells  not  only  cause  a  loss  of  thrust  performance  but  also  induce  a  high  heat 
load  on  the  spike  surface.  The  effect  of  the  gaps  was  investigated  by  conducting  combustion  tests 
with  a  rectangular  three-cell  combustor  with  a  heat  sink  flat-plate  spike  nozzle.  The  photographs 
in  Fig.  11  was  taken  just  after  ignition,  and  that  in  Fig.  12  was  taken  a  few  second  after  ignition. 
The  first  picture  shows  an  expansion  wave  emanating  from  the  cell  nozzle  tip,  and  wakes  behind 
the  gaps  can  be  clearly  seen  in  Fig.  11,  Figure  12  shows  heat  spots  behind  the  gap,  indicating  an 
enhanced  heat  load  on  the  spike  surface  due  to  the  gaps. 

3-Cell-Clustered  Cold  Flow  Model  Tests 

The  main  causes  of  the  loss  observed  in  the  14  kN  clustered  aerospike  nozzle  were  considered 
to  be  the  loss  from  the  flow  characteristics  of  linear  aerospike  nozzles  shown  in  the  section 
entitled  "Performance  of  a  Linear  Truncated  Aerospike  Nozzle,"  and  performance  loss  due  to  the 
gaps  between  cell  nozzles.  To  clarify  the  cause  of  the  loss  due  to  the  clustering  qualitatively  and 
quantitatively,  cold-flow  tests  were  carried  out  with  the  3-cell-clustered  nozzle  model  which 
simulates  the  14  kN  clustered  aerospike  nozzle. 
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Design  of  the  3-Cell-Clustered  Cold  Flow  Model 

The  cold  flow  model  was  composed  of  a  rectangular  3-cell  nozzle  with  a  flat-plate  outer 
nozzle.  The  expansion  ratio  of  the  cell  nozzle,  Eceii,  was  5.0,  which  was  the  same  as  that  of  the 
combustion  test  model,  and  the  optimum  NPR  for  the  cell  nozzle  was  47.6.  Height  of  the  cell 
nozzle  was  25.0  mm  and  width  of  the  cell  nozzle  throat  was  4.0  mm.  The  thrust-cells  were 
arrayed  and  separated  by  5  mm  gaps.  The  ratio  of  the  width  of  the  cell  nozzle  exit  and  the  gap 
width  was  nearly  the  same  as  that  of  the  combustion  test  model.  If  we  define  expansion  ratio, 
£ceii+gap,  as  the  ratio  of  the  sum  of  the  cell  nozzle  exit  area  and  the  gap  area  and  the  cell-throat 
area,  it  becomes  5.83  and  the  optimum  NPR  for  this  is  60.5.  The  contour  of  the  cell  nozzle  was 
designed  with  the  method  of  characteristics. 

A  flat-plate  outer  nozzle,  100  mm  in  length,  was  used  to  simulate  the  first  part  of  the 
contoured  spike  nozzle.  The  flat  part  of  the  contoured  spike-nozzle  starts  from  the  cell  exit  and 
ends  at  the  point  where  the  characteristic  line  emanating  from  the  upper  end  of  cell  nozzle  exit  is 
incident  on  it.  The  length  of  the  flat  part  of  this  cold  flow  model  is  75  mm.  Pressure  on  the  flat 
nozzle  was  measured  at  more  than  100  points.  Side  fences  were  as  high  as  the  height  of  the  cell 
exit.  The  co-ordinate  of  the  test  models  is  defined  as  shown  in  Fig.  13.  The  x-axis  was  directed 
downstream,  the  y-axis  was  on  the  flat  plate,  and  the  z-axis  was  normal  to  the  flat  plate.  The 
origin  of  the  axis  was  at  the  exit  of  the  cell  nozzle  at  the  center  of  the  center  cell. 

Flow  Field  in  the  Cell  Nozzle 

To  confirm  the  designed  contour  of  the  cell  nozzle,  flow  field  in  the  cell  nozzle  was 
computed  with  a  two-dimensional  invicid  compressible  code.  Figure  14  shows  the  contour  of  the 
Mach  number  in  the  cell  nozzle.  No  oblique  shock  was  observed.  Variation  of  the  Mach  number 
at  the  cell  nozzle  exit  plane  was  within  0.66%. 

Pressure  Distribution  on  the  Flat  Plate  Nozzle  at  the  Optimum  NPR  of  the  Cell  Nozzle 

The  lower  half  of  Fig.  15  shows  a  visualized  image  using  the  shadowgraph  technique,  and 
the  upper  half  of  Fig.  15  shows  NDP  distribution  on  the  flat  plate  nozzle  at  the  optimum  NPR  of 
the  cell  nozzle.  NDP  was  defined  as  NDP=  (Pw  -  Pa)  /Pceii.  Based  on  this  definition,  the  positive 
value  of  NDP  (red  region  in  Fig.  15)  produces  thrust  and  the  negative  value  (blue  region  in 
Fig.  15)  produces  drag. 

The  observed  visualized  image  was  similar  to  the  wake  pattern  usually  seen  behind  a  back 
step.  That  is,  jet  boundaries,  a  recirculation  zone,  and  a  re-compression  shock  wave  were 
observed  behind  the  gap  between  the  cells.  Characteristic  lines,  the  expansion  wave  in  this  case, 
emanating  from  the  edges  of  cell  exit  to  the  center  of  the  cell  axis  were  also  observed.  In  the 
NDP  distribution,  regions  of  negative  value  were  observed  in  recirculation  regions  behind  the 
gap.  Fan-shaped  negative  NDP  regions  were  observed  from  the  edge  of  the  cell  nozzle  exit.  An 
increase  of  pressure  was  observed  dow'nstream  of  re-compression  shocks.  Based  on  these 
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observations,  the  flow  field  can  be  explained  as  follows.  The  exhaust  which  flows  from  cell 
nozzles  produce  wakes  behind  gaps,  the  pressure  of  which  is  low.  This  low  pressure  produces 
expansion  fans  emanating  from  the  edge  of  cell  nozzle  exit,  these  expansion  fans  corresponding 
to  the  fan-shaped  negative  NDP  regions,  and  pressure  recovers  by  re-compression  shocks 
generated  behind  the  gaps. 

The  pressure  force  which  acts  on  the  surface  of  the  gap  directly  affects  the  thrust  in  the 
present  test  configuration.  This  force  will  be  discussed  in  the  section  "Pressure  on  the  Gap 
Surface."  On  the  other  hand,  the  pressure  on  the  flat  plate  spike-surface  does  not  affect  the  thrust 
in  the  present  test  configuration.  This  force  will  be  discussed  in  the  section  "Pressure  on  the  Flat 
Plate  Region."  Although  re-compression  shock  increases  the  pressure  on  the  surface  on  the  flat 
nozzle,  it  results  in  total  pressure  loss.  As  was  discussed  in  the  section  "Performance  of  Linear 
Full  Spike  Nozzle,"  total  pressure  loss  due  to  oblique  shocks  results  in  performance  loss.  This 
will  be  discussed  in  the  section  "Total  Pressure  Loss  Due  to  Re-compression  Shock." 

Pressure  Force  on  the  Surface  of  the  Gap 

The  pressure  on  the  surface  of  the  gap,  Pg,  was  lower  than  the  cell  nozzle  exit  pressure, 
Pceii,exit.  Pg  was  also  lower  than  Pa  and  thus  produced  drag  force.  Pg  may  be  estimated  by  using 
an  empirical  equation  (3)  as  Pg=  0.3(Pcen,E+Pceu,exit).  Where  Pccii,e  is  the  pressure  if  the  exhaust 
gas  from  a  cell  expands  isentropically  to  an  area  from  the  center  of  a  cell  nozzle  to  the  center  of 
a  gap.  The  expansion  ratio  for  this  condition  was  defined  as  Eceii+gap,  and  the  optimum  NPR  for 
this  is  67.2.  Loss  in  a  cell  nozzle  is  assumed  to  be  zero.  Thus,  the  thrust  of  the  3-cell-clustered 
nozzle,  Fciusfer,  is  estimated  to  be 
Fcluster=  CFs=5  Pcell  At  +  (Pg  -  Pa)  Ag  (4) 

Thrust  coefficient,  Cpciustcr,  is 

CFclustcr=  Fcluster/(Pcell  At)  (5) 

Since  the  upper  side  of  the  wake  behind  the  gap  is  open,  flow  in  and  out  of  this  side  is  possible. 
This  flow  should  affect  the  value  of  Pg,  so  some  change  in  the  above  estimation  is  required  to 
improve  the  accuracy  of  prediction. 

Figure  16  shows  qCFciuster  as  a  function  of  NPR.  Observed  qCFexpS  are  also  shown  in  this 
figure.  Where  qCFciuster=  CFduster/CFe=s.83  and  TiCFexp=  CFexp/CFe=s.83.  qCFexp  had  the  lowest  value 
of  98%  at  NPR  >  30,  then  increased  with  an  increase  of  NPR.  Estimated  qCFciuster  was  about  99 
~  99.5  over  NPR.  It  can  be  seen  that  qCFciuster  shows  reasonable  agreement  with  qCFexp  and  that 
the  two  almost  coincide  at  NPR  >  70.  Causes  of  losses  are  considered  to  be  drag  due  to  the 
pressure  acts  on  the  gap  surface,  the  boundary  layer  loss  in  the  cell  nozzle  and  on  the  flat  plate 
surface,  and  the  real  gas  effect.  In  this  model,  however,  only  the  first  effect  (drag  due  to  pressure 
acting  on  the  surface  of  the  gap)  was  taken  into  account. 

Pressure  on  the  Flat  Spike  Surface 

To  clarify  the  contribution  of  the  pressure  on  the  flat  spike  to  the  thrust,  the  average  pressure 
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along  the  y-axis  at  each  x  was  obtained  by  the  summation 
Pw,avc/Pcell  =  E  (Pw^/Pcell^  Ai)  /E  Ai,  (6) 

where  Pw,ave  is  the  average  pressure  at  each  x,  Pw,i  is  the  pressure  at  each  pressure  port,  and  Ai  is 
the  area  around  each  pressure  port.  Figure  17  shows  Pw,ave/Pceii  as  a  function  of  x  with  a 
parameter  of  NPR.  In  the  figure,  (Pw/Pceii)  eceii  and  (Pw/Pceii)  eccii+gap,  the  pressures  that  are 
attained  if  the  cell  nozzle  flow  isentropically  expands  to  eceii  and  Eceii+gap,  respectively,  are  also 
shown  as  references.  In  the  figure,  it  can  be  seen  that  Pw,ave/Pceii  was  around  (Pw/Pceii)  eceii  for  all 
NPRs  in  the  range  of  x<  50.  In  the  range  of  x>  50,  the  observed  P«,ave/Pceii  increased  or 
decreased  with  an  increase  of  x,  depending  on  NPR<  50  or  NPR>  50,  respectively.  The 
observed  behavior  can  be  considered  to  have  been  caused  by  the  expansion  waves  or  shock 
waves  emanating  from  the  upper  side  of  the  cell  nozzle  exit.  In  an  ideal  situation,  those  waves 
should  be  incident  at  x=  75.  However,  they  shifted  upstream.  The  shift  may  have  been  caused  by 
a  lower  Mach  number  distributed  on  the  flat  nozzle  due  to  the  oblique  shocks.  The  fact  that 
Pw,ave/Pceii  is  nearly  equal  to  (Pw/Pceii)  eceii  means  that  the  our  design  procedure,  in  which  gap 
spaces  are  ignored  when  calculating  the  contour  of  the  spike  surface,  may  be  proper. 

Total  Pressure  Loss  Due  to  Re-compression  Shock 

The  wake  behind  a  gap  is  modeled  as  shown  in  Fig.  18.  Here,  P2=  Pg  and  02  +  6a  =  03  =  0. 
From  the  visualized  shadowgraph  image,  it  was  found  that  6  =  8“  and  (P  -  0)=  14“ .  On  the  other 
hand,  6  and  (p  -  6)  can  be  calculated  as  follows:  M2  and  0  are  calculated  by  the  equation  of 
Prandtl-Mayer  using  Pg=  0.3(Pceii,E+Pceii,exit),  and  p  is  calculated  by  oblique  shock  equations.  The 
calculated  results  were  M2=  3.64,  6=  7.7°,  P=  21.7“,  and  (P  -  6)=  14”.  Thus,  the  observed  and 
calculated  angles  of  0  and  (P  -  6)  agreed  well.  Total  pressure  loss,  P02/P01,  calculated  from 
obUque  shock  equations  was  0.971.  The  total  pressure  loss  of  this  model  can  be  calculated  from 
the  nozzle  design,  which  is  independent  of  NPR. 

Thrust  Performance  Model  For  Clustered  Linear  Aerospike  Nozzles 

Based  on  the  results  discussed  above,  a  simple  model  to  estimate  thrust  performance  for 
clustered  linear  aerospike  nozzles  is  proposed.  The  model  uses  only  the  design  values  of  nozzles. 
The  model  is  as  follows: 

(1)  Loss  in  cell  nozzles  is  caused  only  by  the  divergent  loss.  Thus,  a  correction  factor  for  the 
thrust  of  a  cell  nozzle  is  X=  sin0a/0a,  where  0a  is  a  cell  nozzle  wall  exit  angle. 

(2)  The  thrust  contribution  from  the  gap  surface  is  calculated  using  (Pg  -  Pa)Ag,  where  Pg= 
0.3(PcclI,E+PceU,exit). 

(3)  The  performance  loss  due  to  the  total  pressure  from  re-compression  shock,  P02/P01,  is 
calculated  using  the  model  shown  in  Fig.  18. 

(4)  The  pressure  on  a  flat  spike  surface  is  constant  at  Pw=  Pceii,exit 
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Based  on  the  model,  CFmodei  can  be  calculated  as  follows: 


CFmodeI=  XCFMcell  COSScell  +  EceU  COSScell 


Pcell,exit 

Pcell 


COs6cell  (PgAg) 
Pcell  At 


P02  jPwdy  Pb  Pa 

+  -  +  EB  -  -  EE  — — 

POI  PceUAt  Pcell  Pcell 


(7) 


We  apply  this  model  to  the  14  kN  clustered  linear  aerospike  nozzle.  The  pressure  behind  the  gap 
can  be  calculated  by  Pg=  0.3(Pceu,E+Pceii,exit),  thus,  Pg/Pceu=  0.01646.  By  using  Fig.  18,  02=  10.1" 
and  P=  29.9”.  On  the  other  hand,  observed  angles  from  Fig.  11  were  0=  02  +  0a=  16.3°  and  P  - 
0=  20°.  Since  6a=  5.3°,  02=  11.0°  and  0=  36°.  The  experimental  and  calculated  values  of  P  and 
0  showed  reasonable  agreement,  considering  the  assumption  of  the  model  and  the  ambiguity 
inherent  in  reading  the  angles  from  the  combustion  photographs.  Using  calculated  total  pressure 
loss,  Po2/Poi=  0.890,  TiCFmodei=  0.945.  The  difference  between  riCFmodei  (=  0.945)  and  tjCF  (= 
0.970)  was  0.025.  It  should  be  remembered  that  r|CF  and  TiCFmodei  were  defined  in  equation  (l) 
and  (7) .  By  the  definition  of  equation  (7) ,  the  difference  indicates  the  loss  due  to  the 
clustering  of  cell  nozzles.  The  observed  rjCFexp  for  the  14  kN  aerospike  nozzle  was  only  0.875, 
and  thus  the  cause  of  the  loss  of  about  7%  is  still  unknown. 

Conclusion 


Causes  of  thrust  performance  loss  on  a  clustered  linear  aerospike  nozzle  were  investigated  by 
conducting  cold  flow  tests  with  a  linear  aerospike  nozzle  composed  of  two-dimensional  cell 
nozzles,  combustion  tests  with  a  14  kN  thruster  having  a  clustered  linear  aerospike  nozzle,  and 
by  cold  flow  tests  with  a  clustered  cold  flow  model  which  simulated  the  14  kN  thruster.  The 
findings  of  the  study  are  as  follows: 

(1)  Observed  thrust  coefficient  efficiency  for  the  14  kN  thruster  with  a  clustered  linear 
aerospike  nozzle  was  87.5%  at  a  ground  level  operation,  which  was  about  10%  less  than  the 
expected  efficiency,  97.5%,  calculated  by  a  semi-theoretical  equation  derived  by  the  authors. 

(2)  The  loss  due  to  the  clustering  of  cell  nozzles  was  predicted  by  a  simple  proposed  model. 
The  main  causes  of  this  loss  were  the  drag  force  due  to  the  lower  pressure  acting  on  the  gap 
surface  between  cells  and  the  loss  due  to  the  total  pressure  loss  caused  by  the  re-compression 
shock  generated  behind  the  gap. 

(3)  The  predicted  efficiency  including  the  loss  by  the  clustering,  was  estimated  to  be  94.5%, 
and  thus  the  cause  of  loss  about  7%  is  still  unknown.  This  type  of  large  performance  loss  has 
already  been  noticed  even  in  two-dimensional  full-spike  nozzle  at  low  NPR.  To  clarify  the  cause 
of  this  loss,  further  study  is  required. 
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Table  1.  Specification  of  14  kN  Clustered  Linear 
Aerospike  Nozzle  Thruster 


Propellants: 

LOX/Methane 

Number  of  cells: 

6 

Maximum  chamber  pressure; 

5.0  MPa 

Expansion  ratio  of  cell  nozzle: 

5 

Optimum  pressure  ratio  of  cell  nozzle: 

31.3 

Expansion  ratio  of  engine: 

45 

Optimum  pressure  ratio  of  engine: 

556.3 

Specific  heat  ratio  of  combustion  gas; 

1.20 

Size  of  cell  throat: 

35.4  mm  x  7.86  mm 

Theoretical  full  spike  length: 

1361  mm 

Theoretical  thrust  coefficient; 

1.813  (Frozen) 

Nominal  thrust  (Vac.)  : 

14.4  kN 

-  11  - 


Fig.  1  Photograph  of  a  linear  full-spike  nozzle  model  used  in  the  cold  flow  tests. 

Fig.  2  Observed  thrust  coefficient  efficiency, per,  for  the  linear  full-spike  nozzle  as  a  function 
of  NPR  with  the  theoretical  efficiency  calculated  by  equation  (1). 

Fig.  3  Visualized  image  using  the  shadowgraph  technique  for  the  linear  full-spike  nozzle  at 
NPR=  100 

Fig.  4  Calculated  Mach  number  contour  for  the  linear  full-spike  nozzle  at  NPR=  100 
Fig.  5  Comparison  of  thrust  coefficient  efficiencies,  per,  between  calculation  and  experiment 
Fig.  6  The  effect  of  oblique  shock  waves  on  the  spike  nozzle  to  the  thrust  coefficient  efficiency 
(pCF2  :after  the  incident  oblique  shock,  pCFs:  after  the  reflected  oblique  shock) 

Fig.  7  Observed  thrust  coefficient  efficiency,  pCF,  for  the  20% -truncated-spike  nozzle 
as  a  function  of  NPR  with  the  theoretical  efficiency  calculated  by  equation  (l) 

Fig.  8  Schematics  of  the  14  kN  clustered  linear  aerospike  nozzle  thruster 
Fig.  9  Photograph  of  the  combustion  test  with  the  14  kN  clustered  linear  aerospike  nozzle 
(LOX/methane,  Pcell  =  4.6  MPa) 

Fig.  10  Observed  thrust  coefficient  efficiency,  per,  as  a  function  of  NPR  with  the  predicted 
pCF  with  no  secondary  injection  from  equation  (l)  and  (3) 

Fig.  1 1  Photograph  of  the  flat  spike  surface  taken  just  after  ignition 
(NPR=  4.6  MPa,  LOX/methane) 

Fig.  12  Photograph  of  the  flat  spike  surface  taken  4  seconds  after  ignition 
(NPR=  4.6  MPa,  LOX/methane) 

Fig.  13  Definition  of  the  co-ordinate  on  the  3-cell  cold  flow  test  models 
Fig.  14  Calculated  contour  of  the  Mach  number  in  the  cell  nozzle 

Fig.  15  Observed  NDP  distribution  (upper-half)  and  visualized  image  using  the  shadowgraph 
technique  (lower-half)  on  the  3-cell  cold  flow  model  at  the  optimum  NPR  of  the 
cell  nozzle. 

Fig.  16  Observed  pCF  of  the  3-cell-clustered  cold  flow  model  with  the  predicted  per 
by  the  proposed  prediction  model 

Fig.  17  Average  pressure  distribution  on  the  flat-spike  surface,  Pw,avc/Pceii,  as  function 
of  X  with  a  parameter  of  NPR 
Fig.  18  Schematics  of  the  wake  model  behind  a  gap 
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Fig.  ]  Photograph  of  a  linear  full-spike  nozzle  model  used  in  the  cold  flow  tests. 


Fig.  2  Observed  thrust  coefficient  efficiency. rir  r  tor  the  linear  full-spike  nozzle  as  a  function 
of  NPR  with  the  theoretical  efficiencv  calculated  by  equation  (I). 


Fig.  5  Comparison  of  thrust  coefficient  efficiencies,  T|Cf,  between  calculation  and  experiment 


FFig.  6  The  effect  of  oblique  shock  waves  on  the  spike  nozzle  to  the  thrust  coefficient  efficiency 
(riCFZ  :after  the  incident  oblique  shock,  r|CF3:  after  the  reflected  oblique  shock) 


Fig.  9  Photograph  of  the  combustion  test  with  the  14  k^  vlusiered  linear  aerospike  nozzle 


j.  \  \  Photograph  of  the  Hat  spike  surface  take  '  i  '  iH-  icr  itio:! 
(NPR^  4,6  MPa,  LOX/methanc) 


f  ig.  12  Photograph  of  the  flat  spike  surface  take*  ^  stnor  l-  after  ignition 
(NPR^  4.6  MPa.  LOXhnethane) 


Fig.  13  Definition  of  the  co-ordinate  on  the  3-cell  cold  flow  test  models 


Fig.  14  Calculated  contour  of  the  Mach  number  in  the  cell  nozzle 
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r|CF  at  8  =  5.83 


Fig.  1 5  Observed  NDP  distribution  (upper-half)  and  visualized  image  using  the  shadowgraph 
technique  (lower-half)  on  the  3-cell  cold  flow  model  at  the  optimum  NPR  of  the 
cell  nozzle. 


40  50  60  70  80  90  100 


NPR 

Fig.  16  Observed  ticf  of  the  3-cell-clustered  cold  flow  model  with  the  predicted  TjCF 
by  the  proposed  prediction  model 
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NOZZLE  DIFFERENTIAL  FACILITY  FOR  HIGH  ACCURACY 
INVESTIGATIONS  OF  NOZZLE  PERFORMANCE. 

G.Dumnov,  G.Nikulin 
Keldysh  Research  Center,  Moscow,  Russia 
Abstract 

Nozzle  Differential  Facility  (NDF)  are  usually  used  for  determination  of  performance 
of  rocket  engine  nozzles  of  different  configurations.  There  are  a  principal  scheme  and 
brief  description  of  the  main  characteristics  of  this  rig  in  the  paper.  The  main  idea  of 
thrust  performance  measuring  of  nozzle  imder  consideration  is  based  on  comparison 
of  its  thrust  with  the  trust  of  reference  nozzle  under  the  same  mass  flow  rates.  Such 
differential  measuring  scheme  of  trust  performance  allows  to  have  its  value  with 
minimum  errors  (0.08... 0.05%).  Some  experimental  results  of  thrust  performance  of 
Laval’s  nozzles  with  roughness  wall,  axisymmetric  and  plane  plug  nozzles  are 
presented  in  paper.  NDF  has  been  equipped  with  low  pressure  chamber  which  allows 
to  test  different  nozzles  with  Mach  number  up  to  6.  Efficiency  of  thrust  vector  control 
elements  (injection  in  supersonic  nozzle  part,  aerodynamic  blades  of  different 
configurations  and  ets.)  can  be  investigated  on  NDF  too.  NDF  has  been  equipped  with 
sub-  and  transonic  wind  tunnel  (Moo~0.1...1.4)  which  allows  to  investigate  an 
influence  of  ambient  flow  on  thrust  characteristics.  Usual  nozzle  tests  (determination 
of  pressure  and  heat  flux  distributions  along  the  wall)  are  performed  on  NDF  also. 
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Abstract 

The  paper  concerns  both  laminar  and  turbulent  spray  combustion  modeling.  In  the  first 
part  detailed  numerical  computations  of  structures  of  laminar  spray  diffusion  flames  in  the 
counterflow  configuration  are  presented.  Here  the  emphasis  lies  on  including  detailed  chemical 
reaction  systems.  Both  mono-  and  bidisperse  sprays  are  considered.  Liquid  oxygen/hydrogen 
spray  flames  for  high  subcritical,  cryogenic  conditions  are  investigated,  and  the  model  is 
extended  to  include  transport  coefficients  for  the  gas  phase  for  cryogenic  temperatures  and 
elevated  pressure.  The  formulation  of  thermodynamic  equilibrium  at  the  droplet  surface 
includes  both  temperature  and  pressure  dependence  of  the  binary  mixture.  The  formulation 
of  the  gas  phase  equations  includes  detailed  transport  and  detailed  chemical  reactions  which 
enables  the  investigation  of  both  the  inner  flame  structure  and  the  extinction  of  these  flames. 
At  high  strain  droplet  reversal  and  oscillation  are  observed;  moreover,  condensation  of  the 
oxygen  occurs  near  the  gas  stagnation  plane.  The  laminar  spray  flame  structures  may  be 
included  in  the  flamelet  model  for  turbulent  spray  diffusion  flames. 

In  practical  systems  spray  flames  typically  are  turbulent.  Droplets  are  local  sources  of 
vapour  randomly  distributed  in  space.  Thus  they  produce  additional  local  fluctuations  of 
equivalence  ratio.  In  order  to  represent  the  mixing  process,  these  fluctuations  must  to  be  taken 
into  account.  Such  situation  can  be  modeled  with  the  PDF  (Probability  Density  Function) 
approach,  with  convenient  particular  features.  The  combustion  is  described  using  two  different 
models,  one  assuming  infinitely  fast  chemistry  and  the  other  is  based  on  the  MIL  model  [4] 
and  presumes  sudden  chemistry.  Both  models  are  tested  to  represent  the  auto-ignition  and 
the  combustion  of  a  turbulent  fuel  spray  penetrating  into  a  hot  oxidizing  atmosphere. 

1  Introduction 

The  modeling  of  both  laminar  and  turbulent  spray  flames  is  relevant  to  various  technical 
combustion  systems  such  as  internal  engine  combustion,  liquid  rocket  propulsion,  gas  turbine 
combustors  as  well  as  liquid  fueled  industrial  furnaces. 

The  focus  in  the  last  years  has  been  the  modeling  of  the  interaction  of  chemical  reactions 
and  the  laminar  or  turbulent  flow  field  where  a  vaporizing  spray  is  present.  The  liquid 
processes  in  these  configurations  are  fairly  well  understood.  The  same  is  true  for  pure  gas 
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phase  combustion.  The  focus  of  the  present  paper  is  the  interaction  of  vaporization,  droplet 
motion  (within  either  a  laminar  or  a  turbulent  flow  fleld)  and  chemical  reactions. 

The  first  part  of  the  paper  concerns  the  structure  and  extinction  of  laminar  liquid  oxy¬ 
gen  (LOX) /hydrogen  spray  flames  in  the  counterflow  configuration.  This  setup  has  various 
advantages.  First,  the  boundary  conditions  are  well  defined  and  easy  to  vary.  Moreover, 
the  system  is  accessible  to  experiment.  The  counterflow  configuration  also  has  relevance  to 
turbulent  spray  flame  modeling  since  the  flame  structures  obtained  in  this  setting  are  being 
used  in  flamelet  computations  for  turbulent  (spray)  difiusion  flame  models. 

Experiments  in  liquid  rocket  propulsion  where  the  highly  reactive  chemical  system  hydro¬ 
gen/oxygen  is  relevant  are  very  rare  due  to  safety  aspects.  This  makes  numerical  studies  very 
attractive.  The  combustion  in  liquid  rocket  propulsion  concerns  both  the  high  subcritical 
and  supercritical  pressure  regime  as  well  as  cryogenic  inlet  temperatures.  The  present  study 
focuses  on  the  high  subcritical  regime  which  is  relevant  to  current  upper  stage  engines  of  the 
ARIANE  IV  and  V  that  operate  in  the  range  between  3  and  4  MPa.  Moreover,  research 
combustion  chambers  such  as  the  micro  combustion  chamber  M3  [38]  of  the  DLR  as  well 
as  the  MASCOTTE  [16]  are  developed  for  pressures  up  to  2  MPa  and  6  MPa,  respectively. 
Thus,  the  first  part  of  the  present  paper  investigates  structures  of  laminar  LOX/hydrogen 
spray  flames  for  use  in  turbulent  spray  flame  models  such  as  the  flamelet  model  for  turbulent 
spray  diffusion  flames  [23,  24] 

The  vaporization  process  that  is  basic  to  spray  flames  considerably  affects  the  flame  struc¬ 
ture  as  well  as  the  models  for  these  flames.  The  second  part  of  the  present  study  concerns 
the  modeling  of  turbulent  spray  diffusion  flames  using  a  presumed  PDF  (Probability  Density 
Function)  approach.  The  turbulent  flow  field  is  described  with  a  standard  type  of  A:  -  e 
model,  and  the  fluctuations  of  chemcial  reactions  and  of  turbulent  mixing  are  modeled  using 
the  PDF.  The  probability  density  function  is  formulated  to  account  for  drolet  vaporization. 
The  model  developed  here  is  basic  to  turbulent  spray  flame  modeling,  and  various  chemical 
reaction  models  may  be  included. 

The  first  part  of  the  paper  presents  the  modeling  of  laminar  LOX/hydrogen  spray  flames 
in  the  counterflow  configuration  whereas  the  second  one  concerns  a  numerical  approach  to 
turbulent  spray  combustion. 


2  Structures  of  Laminar  Liquid  Oxygen/Hydrogen  Spray 
Flames 

The  counterflow  configuration  has  been  widely  used  to  model  both  gas  [33,  39,  14]  and 
spray  [10,  8,  11,  19]  flames.  On  the  one  hand  the  configuration  easily  allows  variation  of 
well  definded  boundary  conditions,  and  on  the  other  hand  the  configuration  has  been  used 
in  experiment  [26,  7,  9]  as  well.  In  the  recent  decade,  more  research  groups  have  been 
concerned  with  the  study  of  laminar  spray  flames  in  this  configuration.  Both  non-reacting  and 
reacting  sprays  have  been  studied  experimentally  whereas  numerical  computations  emphasis 
on  reactive  sprays. 

Most  papers  concern  situations  where  the  spray  does  not  show  significant  interaction 
with  the  reaction  zone  [10,  11,  19,  27].  This  condition  is  related  to  the  injection  of  very 
small  droplets  at  low  injection  velocity.  The  spray  does  not  penetrate  into  the  reaction 
zone  but  vaporizes  as  it  enters  the  regime  of  somewhat  elevated  gas  temperature.  Moreover, 
most  studies  concern  spray  combustion  at  atmospheric  pressure  where  the  temperature  of  the 
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injected  liquid  is  not  far  away  from  its  boiling  temperature  if  standard  inlet  conditions  are 
considered.  However,  experimental  studies  do  show  that  in  both  non-reactive  sprays  [27]  and 
in  reactive  high-strain  situations  [17]  the  spray  deeply  penetrates  the  configuration,  and  it 
shows  both  droplet  crossing  the  gas  stagnation  plane  and  reversal  towards  their  injector  -  in 
the  reactive  case  strong  interaction  between  the  vaporization  and  the  combustion  processes 
occurs. 

Most  studies  so  far  concerned  atmospheric  fuel  spray  flames.  There  is  one  experimen¬ 
tal  study  concerning  laminar  hydrogen/air  gas  flame  at  low  strain,  and  the  present  model 
perfectly  predicts  the  flame  structure  [37].  Moreover,  a  paper  of  Sohn  et  al  [40]  concerns  ex¬ 
tinction  characteristics  of  laminar  high  pressure  gas  flames  where  the  reactants  are  hydrogen 
and  oxygen,  and  the  present  model  is  suitable  to  predict  their  results  reasonably  well. 

The  focus  of  the  present  study  is  the  structure  of  high-pressure  liquid  oxygen/ hydrogen 
spray  flames  in  dependence  of  strain.  Moreover,  the  flame  structures  for  various  boundary 
conditions  such  as  dispersity  of  the  spray  and  initial  equivalence  ratio  are  presented. 


2.1  Mathematical  Formulation 

The  mathematical  formulation  includes  both  the  gas  and  the  liquid  processes  which  are 
strongly  coupled.  The  present  model  assumes  a  thin  spray  which  is  represented  by  the  discrete 
droplet  model.  Thus,  the  gas  phase  equations  include  additional  source  terms  that  account 
for  the  interaction  of  the  gas  and  the  liquid.  The  set  of  two-dimenstional  Navier-Stokes  equa¬ 
tions  is  non-dimensionalized  [10,  21],  and  a  similarity  transformation  [10,  21]  converts  the 
two-dimensional  equations  into  one- dimensional  form.  The  model  includes  variable  density, 
the  low  Mach  number  assumption,  and  the  boundary  layer  approximation.  The  final  form  of 
the  equations  then  yields 
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In  the  above  equations  x  and  y  denote  physical  coordinates  in  radial  and  axial  directions, 
respectively,  and  y  is  transformed  into  the  nondimensional  variable  ry  [10,  21];  u  and  v  are  the 
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corresponding  velocities,  p  denotes  the  gas  density,  9  is  the  nondimensional  gas  temperature. 
Yit  is  the  mass  fraction  of  species  k,  and  are  their  specific  chemical  reaction  rate  and 
specific  enthalpy,  respectively.  Here  K  different  species  and  J  different  droplet  size  groups  are 
considered,  cp  is  the  specific  heat  capacity  at  constant  pressure,  A  the  thermal  conductivity, 
and  p  the  dynamic  viscosity  of  the  fluid.  Mass,  momentum,  and_^ergy  source  terms  for 
droplet  size  group  j  are  S'mj,  and  5ej.  The  ideal  gas  law  p-  M/6  is  used  to  close  the 
equations,  where  M  is  the  mean  molar  mass  of  the  gas  mixture.  The  ideal  gas  law  may  be 
replaced  by  the  modified  Soave-Redlich-Kwong  equation  of  state  [18]  or  Saur’s  equation  [15] 
to  account  for  real  gas  effects.  However,  for  the  present  conditions  at  3  MPa,  the  real  gas 
effects  are  extremely  small  [15],  and  they  are  neglected.  Note  that  a  real  gas  equation  is  used 
to  evaluate  the  phase  equilibrium  at  the  droplet  surface  as  discussed  below. 

The  diffusion  velocity  14??  is  given  by 

,,  pD^AiWY^) 

where  £>k  and  Dt  are  the  molecular  and  thermal  diffusion  coefficients,  respectively.  Thermal 
diffusion  is  considered  for  the  light  species  H  and  H2. 

The  boundary  conditions  for  the  gas  phase  equations  are 


^  =  -00:  /  =  /-oo  /'  =  1;  Tic  =  yk-oc;  0  =  1  (6) 

r)  =  +00  :  f'  =  ^ p_oo/p+oo  ;  Tk  =  Yk+oo!  9  —  T-j-oo/TLoo-  (7) 

The  total  phase  exchange  terms  Ej=i  Svj,  EjLi  Smj,  and  EjLi  5'e  j  appearing  in  the  gas  phase 
equations  are  obtained  through  solution  of  the  appropriate  terms  for  each  droplet  size  group  j, 
and  they  are  added  up.  This  requires  the  solution  of  the  equations  to  describe  droplet  heating, 
vaporization,  and  motion  separately  for  each  droplet  size  group.  In  the  following  equations, 
the  index  j  is  omitted. 
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In  the  above  equations,  ci  =  67r{M* /M*){Li  / L*){t* /t*)  and  C2  = 


4 


The  boundary  conditions  are 

(s(0)  =  1;  1^=0=  0;  1^=1=  Vi{^)  ~  Viol  Voi^)  —  Vio  (12) 

with 

q  =  m  ^^^e-eu^Br-L  .  (13) 

Here  m  and  L  denote  the  non-dimensional  mass  vaporization  rate  and  the  enthalpy  of  vapor¬ 
ization,  respectively.  Bm  and  Bt  are  the  Spalding  transfer  numbers  for  mass  and  for  energy, 
respectively. 

Droplet  number  density  and  source  terms  of  the  gas  equations  are  given  by 
Droplet  Number  Density 

n  =  nosorj'wp  /  iWiPoY,  s  =  xi/uio  (14) 
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The  present  formulation  implies  that  each  droplet  size  group,  j,  maintains  its  own  character¬ 
istics. 

The  description  of  the  gas  phase  includes  a  detailed  chemical  reaction  mechanism  [43]  for 
the  hydrogen/oxygen  system  that  has  been  used  in  earlier  studies  of  gas  flames  for  pressures 
up  to  100  MPa  [15,  40].  The  gas  phase  transport  coefficients  are  computed  from  the  NASA 
polynomials  which  cover  the  temperature  range  between  300  and  5000  K.  The  transport  co¬ 
efficients  for  the  species  H2  and  O2  which  are  predominantely  present  at  lower  temperatures 
(80  K  <  T  <  300  K),  considerably  differ  from  extrapolated  NASA  polynomials  in  this  tem¬ 
perature  range.  Moreover,  they  show  a  strong  pressure  dependence  as  the  critical  point  is 
approached.  Therefore,  the  transport  properties  for  the  components  hydrogen  and  oxygen 
are  determined  from  JSME  tables  [30]  for  the  temperature  range  between  80  and  300  K  and 
for  pressures  up  to  20  MPa. 

For  the  determination  of  the  pressure  and  temperature  dependent  binary  composition  at 
the  droplet  surface,  thermodynamic  equilibrium  is  assumed  between  the  liquid  and  the  gas 
phase  [28,  25,  45].  This  assumption  is  more  accurate  than  the  use  of  Raoult’s  law,  since 
the  latter  describes  the  equilibrium  of  a  liquid  component  and  its  own  vapor  not  taking  into 
account  further  species.  A  modified  Soave-Redlich-Kwong  equation  of  state  [18]  is  used  to 
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perform  the  equilibrium  calculation,  and  the  mixing  rules  of  Prausnitz  et  ai  [35]  are  adopted. 
Moreover,  both  the  pressure  and  temperature  dependence  of  the  heat  of  vaporization  are 
included  in  the  model  [28]. 

The  convective  droplet  heating  and  vaporization  for  the  LOX/hydrogen  system  is  modeled 
using  the  equations  derived  by  Abramzon  and  Sirignano  [1]  which  were  developed  for  fuel 
droplets  vaporizing  in  a  convective  air  stream.  In  the  present  study  this  model  is  formulated 
and  used  for  the  vaporization  of  liquid  oxygen  droplets  in  a  convective  hydrogen  stream. 
If  the  ambient  pressure  is  in  the  low  subcritical  range,  calculated  droplet  life  times  using 
the  reformulated  two-film  model  of  Abramzon  and  Sirignano  [1]  neglecting  convection  are 
in  good  agreement  with  computed  data  of  Nicoli  et  ai.  [29]  for  a  stagnant  surrounding.  At 
pressures  beyond  3  MPa  there  are  significant  differences  in  the  predicted  droplet  life  times. 
Experimental  data  for  both  stagnant  and  convective  droplet  vaporziation  for  the  LOX/H2 
system  are  not  available.  Up  to  date  the  model  of  Abramzon  and  Sirignano  [1]  for  convective 
droplet  heating  and  vaporization  is  the  most  advanced  model  in  the  literature  and  therefore, 
it  is  applied  here  even  though  it  was  validated  only  for  fuel  sprays  in  air  up  to  1  MPa. 

Delplanque  and  Sirignano  [12]  found  that  the  combustion  of  LOX  in  hydrogen  at  su¬ 
percritical  conditions  is  affected  by  droplet  stripping.  However,  under  the  high  subcritical 
conditions  studied  here,  the  ratio  We/y/^  is  well  below  the  critical  value  of  0.5,  and  droplet 
stripping  is  not  included  in  the  present  model. 

The  numerical  solution  procedure  is  a  hybrid  scheme.  First  the  droplet  equations  are 
solved.  They  determine  the  source  terms  of  the  gas  equations  which  are  solved  next  within  a 
cycle  of  roughly  100  to  1000  iterations  depending  on  the  variation  of  the  parameter  investi¬ 
gated.  The  numerical  grid  is  variable  and  shows  a  fine  resolution  within  both  the  vaporization 
and  the  chemical  reaction  zone.  The  number  of  grid  points  goes  up  to  2000.  The  time  step  for 
the  iterations  is  of  the  order  of  10“^  s  because  of  the  small  time  scale  of  the  chemical  reaction 
system.  The  small  Lewis  number  of  molecular  hydrogen  causes  a  very  broad  spray  flame, 
and  the  computational  domain  for  these  flames  is  large  even  for  the  high-pressure  situation 
studied  here.  Thus,  the  compuations  are  very  expensive,  and  the  parameter  study  presented 
in  the  next  section  needs  to  be  evaluated  extremely  carefully. 

2.2  Results  and  Discussion 

The  present  study  concerns  liquid  oxygen/hydrogen  spray  flames  at  high  subcritical  pressure 
(p  =  3  MPa).  The  inlet  temperature  of  the  liquid  oxygen  is  80  K,  and  both  the  carrier 
gas  hydrogen  and  the  hydrogen  gas  stream  that  is  directed  against  the  spray  has  an  initial 
temperature  of  100  K. 

Figure  1  shows  the  effect  of  the  variation  of  the  initial  equivalence  ratio  on  the  flame 
structure.  The  initial  gas  strain  rate  is  3,000/s,  and  the  equivalence  ratio  is  increased  from 
Er  =  I  (left)  to  10  (right).  Since  the  oxidizer  is  liquid  in  the  present  system,  and  increase  of 
equivalence  ratio  corresponds  to  a  decrease  of  liquid  mass  which  is  associated  with  a  drastical 
reduction  of  the  width  of  the  spray  flame.  However,  the  width  of  the  vaporization  zone  is 
almost  2  mm  in  both  the  situations.  The  reduced  liquid  mass  consumes  less  energy  from  the 
gas  phase  for  the  vaporization  resulting  in  the  elevated  gas  temperature  shown  on  the  RHS  of 
Fig.  1.  The  two  reaction  zones  that  are  typical  for  LOX/hydrogen  spray  flames  at  low  strain 
are  maintained.  The  enhanced  chemical  reactions  at  high  equivalence  ratio  cause  a  higher 
level  of  H2O  concentration.  The  reduced  level  of  O2  mole  fraction  seen  on  the  RHS  of  Fig.  1 
results  from  the  reduced  amount  of  liquid  oxygen  mass.  Both  conditions  show  a  gas  diffusion 
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Figure  1:  Structure  of  a  liquid  oxygen/hydrogen  spray  flame  at  low  strain:  a  =  3,000/s; 
Er  =  1  (left)  and  Er  =  10  (right). 
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Figure  2:  Structure  of  a  bidisperse  (left)  and  monodisperse  (right)  liquid  oxygen /hydrogen 
s})ray  flame  at  low  strain:  a  =  3, 000/s  and  Er  =  &• 

flame  occurring  near  the  gas  stagnation  plane  of  the  configuration  (at  y  =  0  mm)  and  a  spray 
flame  near  the  injector  of  the  liquid. 

Figure  2  shows  the  effect  of  dispersity  of  the  spray  on  flame  structure.  This  condition 
is  discussed  in  more  detail  in  [37],  and  it  is  summarized  here  for  completeness.  For  the  low 
strain  situation  here  which  is  studied  for  the  equivalence  ratio  of  six,  the  principal  structure 
of  the  spray  flames  with  a  bidisperse  spray  {Rqa  =  25/j,m  and  Rqb  =  lO^m)  is  the  same  as  for 
the  corresponding  monodisperse  flame  structure  with  the  Sauter  mean  radius  R,q  ~  14.3/im. 
The  figure  shows  that  the  level  of  all  major  profiles  as  well  as  gas  temperature  are  the  same. 
The  major  difference  is  the  width  of  both  the  reaction  and  the  vaporization  zones.  The  large 
droplets  of  the  bidisperse  spray  have  an  increased  momentum  which  causes  them  to  deeper 
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Figure  3:  Structure  of  a  liquid  oxygen/hydrogen  spray  flame  at  low  strain:  a  -  1,000/s  (left) 
and  a  =  5,000/s  (right). 
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Figure  4:  Structure  of  a  liquid  oxygen/hydrogen  spray  flame  at  elevated  strain;  a  -  30, 000/s. 


pcnetrat(!  into  the  flame  and  thus  to  enlarge  the  vaporization  regime  by  more  than  a  factor 
of  two.  This  effect  smoothens  the  profiles  of  all  gas  phase  profiles  within  the  vaporization 
zone,  but  it  does  not  alter  their  order  of  magnitude.  The  entire  spray  flame,  however,  is 
only  broadened  by  about  20%.  For  relatively  small  values  of  gas  strain  rate  with  no  droplet 
reversal  and  oscillation,  c.f.  Figs.  5-7,  it  may  be  concluded  that  the  principal  structures  of  the 
l)idisperse  and  the  rnonodisperse  spray  flame  with  the  Sauter  mean  radius  are  the  same. 

Figure  3  shows  the  effect  of  increasing  strain  on  the  flame  stucture.  The  equivalence  ratio 
for  the  remainder  of  the  study  is  unity  and  the  initial  droplet  radius  of  the  rnonodisperse  spray 
is  25  /on.  The  gas  phase  strain  rate  on  the  spray  side  of  the  configuration  is  increased  from  a 
value  of  1,000/s  (left)  to  5,000/s  (right)  which  causes  the  breakdown  of  the  reaction  zone  near 
the  gas  stagnation  plane.  The  residence  time  of  the  species  becomes  too  small  to  maintain  a 
flame.  This  effect  is  particular  to  LOX/hydrogen  spray  flames  at  high  pressure,  and  it  has  not 
liec'ii  observed  in  fuel/air  sprays  at  atmospheric  pressure.  In  principal,  the  hydrogen/oxygen 
flames  are  extremely  stalile  [40],  and  any  fuel/air  flame  would  have  completely  extinguished 
at  tliis  level  of  strain  [21]. 

A  further  increase  of  the  strain  rate  to  30,000/s  causes  the  sjiray  to  cross  the  stagnation 
plane  of  the  gas  phase  which  is  shown  in  Fig.  4.  The  gas  temperature  near  the  gas  stagnation 
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Figure  5:  Strueture  of  a  liquid  oxygen/hydrogen  spray  flame  at  high  strain:  a  -  50, 000/s. 


Figure  6:  Nonmonotonicity  of  some  profiles  in  a  liquid  oxygen/hydrogen  spray  flame  at  high 
strain:  a  =  50, 000/s. 


plane  is  about  400  K  and  thus,  it  is  high  enough  to  vaporize  the  liquid  but  too  cold  to  sustain 
chemical  reactions.  The  figure  also  shows  the  big  diflference  of  gas  and  droplet  velocities  due 
to  drag. 

The  droplets  start  reversing  their  direction  and  oscillating  around  the  stagnation  plane 
at  higher  strain  rates.  Figure  5  displays  the  flame  structure  at  50,000/s  where  a  complex 
picture  of  the  spray  flame  structure  is  obtained.  The  droplet  oscillation  causes  the  spray  to 
show  dispersity,  that  is  more  that  one  droplet  size  group  coexist  in  the  same  axial  direction. 
Note  that  the  droplets’  position  differ  in  radial  direction  due  to  their  differences  in  droplet 
drag  within  the  frame  of  the  similarity  analysis.  The  direction  of  droplet  motion  can  best 
1)0  seen  from  the  absolute  values  of  the  droplet  velocity  plotted  in  the  left  part  of  Fig.  5. 
The  droplets  change  their  direction  of  motion  twice  so  that  there  are  regions  in  the  spray 
flame  where  three  different  size  groups  coexist.  In  course  of  time  (corresponding  to  their 
Lagrangian  way  of  motion)  their  size  decreases  due  to  vaporization.  The  profile  of  the  gas 
temperature  shows  a  second  drop  near  the  gas  stagnation  plane  which  is  associated  with  the 
abrupt  vaporization  of  small  droplets  in  this  region.  The  RHS  of  Fig.  5  displays  the  profiles 
of  the  major  species.  The  reactants  move  towards  each  other  and  meet  at  the  gas  stagnation 
j)lane  without  reacting  chemically  which  is  due  to  the  low  gas  tempeiatuie.  The  H2O  piofilc 
attains  a  maximum  value  clo.se  to  where  the  gas  temperature  peaks,  and  it  follows  the  profile 
of  the  gas  temperature. 

Figure  6  shows  a  zoom  of  the  major  and  minor  species  mole  fractions  within  the  chemical 
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Figure  7;  Condensation  in  a  liquid  oxygen/hydrogen  spray  flame  at  high  strain:  a  =  50, 000/s. 

reaction  zone.  It  is  seen  that  the  oxygen  profile  is  strongly  affected  by  both  vaporization  and 
chemical  reactions,  and  it  shows  nonmonotonicity.  This  effect  is  also  found  at  low  strain  [37] 
in  both  mono-  and  bidisperse  spray  flames,  and  it  is  characteristic  for  LOX/hydrogen  spray 
flames.  The  local  maxiniinn  in  the  profile  occurs  in  regions  of  strong  vaporization  whereas  the 
local  minimum  stems  from  chemical  reactions  overweighing  the  vaporization  process.  This 
phenomenon  is  typical  for  the  LOX/hydrogen  system  as  mentioned  above,  and  the  reason 
for  it  to  occur  is  the  high  chemical  reactivity  of  that  system  leading  to  the  profile  shown  in 
Fig.  6.  The  production  of  HO2  and  H2O2  comes  directly  from  O2  or  from  its  direct  reaction 
products  as  discussed  in  [37],  and  their  principal  profile  follows  that  of  the  gaseous  oxygen. 

Another  interesting  feature  of  the  LOX/hydrogen  spray  flames  at  high  strain  can  be  seen 
in  Fig.  7.  The  figure  shows  a  zoom  of  the  situation  near  the  gas  stagnation  plane.  First 
the  gas  temperature  is  shown.  Moreover,  the  figure  shows  the  normalized  droiflet  size  (and 
position  of  droplets)  for  the  injected  droplets  as  well  as  for  the  reversing  drops.  Also,  their 
droi)l(!t  surface  temperature,  T,,  their  vaporization  rate,  and  their  mass  transfer  number, 
Bm,  are  displayed. 

The  mass  transfer  number  Bm  =  (Toa  -  Fb.a,s)  /  (1  -  To,,s)  is  negative  near  y  =  -0.25  rnra 
which  means  that  condensation  of  the  gaseous  oxygen  occurs.  In  this  region,  the  vaporization 
rat(i  of  both  the  droplet  groups  attains  a  negative  value  as  well.  The  profile  of  firoidcd,  surface 
t(!niperature  jumps  to  a  considerably  lower  value  which  is  associated  with  the  condensation 
process.  The  gas  temperature  attains  a  value  of  100  K  which  is  the  boundary  condition  of 
the  gas  side  of  the  configuration  -  the  droplet  suiTOunding  is  too  cold  to  sustain  vaporization. 

The  flame  structure  shown  in  Figs.  5-7  is  typical  for  LOX/hydrogen  spray  flames  at  high 
stiain.  A  further  increase  of  gas  strain  rate  does  not  change  the  principal  flame  structure. 
The  increase  of  strain,  however,  is  associated  with  an  increase  of  injected  licjuid  ma.ss,  and 
the  droplet  momentum  is  enhanced.  The  droplet  oscillation  therefore  is  more  pronounced  as 
strain  is  further  increased,  and  at  a  value  of  250,000/s,  the  droplets  return  to  their  point  of 
injection.  This  flame  structure,  however,  is  not  physically  reasonable,  and  the  computations 
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were  stopped.  A  breakdown  of  all  chemical  reactions  due  to  strain  may  be  anticipated  if  the 
absolute  value  of  the  initial  spray  velocity  is  decreased  (decreasing  the  strenght  of  droplet 
oscillation)  since  the  spray  flame  structure  strongly  depends  on  this  variable  [21]. 

The  present  study  shows  that  the  LOX/hydrogen  spray  flames  are  extremely  stable,  and 
for  the  conditions  investigated  here,  the  liquid  processes  (in  particular  droplet  motion)  domi¬ 
nates  the  flame  structure  at  high  strain.  At  low  strain  rates,  however,  chemistry  is  important 
since  flame  extinction  on  the  gas  side  of  the  configuration  is  obtained. 

The  effect  of  varying  initial  spray  velocity  has  not  been  studied  here,  but  its  reduction 
will  lead  to  even  more  stable  flames  since  the  strength  of  droplet  oscillation  is  relaxed.  For 
too  low  initial  spray  velocities,  however,  the  flame  will  not  be  sustained  and  extinctiion  will 
occur  at  lower  strain  rate  or  the  flame  sits  at  the  burner. 

A  recent  study  of  ethanol/air  spray  flames  [20]  at  atmospheric  pressure  shows  that  the 
Sauter  mean  radius  of  bidisperse  sprays  is  not  suitable  to  represent  flame  extinction  for  sprays 
where  droplet  reversal  and  oscillation  occurs.  This  is  also  true  for  the  LOX/hydrogen  flames 
studied  here.  In  consequence,  a  flamelet  model  for  turbulent  spray  diffusion  flames  has  to 
represent  each  droplet  size  group  of  the  turbulent  spray  by  its  own  laminar  flamelet. 

3  PDF- Approach  to  Turbulent  Spray  Combustion 

Most  often  two-phase  flow  combustion  occurs  in  turbulent  medium.  We  want  to  extend  the 
approach  usually  developed  from  the  pure  gaseous  combustion  to  the  spray  combustion.  Even 
if  the  medium  is  premixed  at  large  scale,  the  presence  of  fuel  droplets  prevents  the  medium 
to  be  perfectly  premixed  at  small  scale.  To  describe  the  mixing  state  of  two-phase  flows 
accurately,  it  is  important  to  consider  the  new  behaviour  encounter  in  sprays. 

3.1  Study  of  the  New  Fluctuations  Induced  by  the  Liquid  Phase 


u 6  m/s  u  '-0.  m/s.  -0.S7  u  '~L2  tws 


Figure  8:  Turbulent  spherical  flames  visualised  by  schlieren,  $  =  1.0  [3,  6] 

One  of  these  characteristic  features  is  illustrated  in  Fig.  8,  where  spherical  turbulent  flames 
are  represented.  The  combustion  takes  place  in  a  bomb  where  a  premixed  medium  is  agitated 
by  electric  fans  and  then  ignited  [3,  6].  The  left  and  the  right  pictures  represent  a  turbulent 
flame  propagating  in  a  pure  gaseous  medium.  The  turbulence  due  to  the  fans  was  measured 
and  the  r.m.s.  turbulent  velocity  is  equal  for  the  left  picture  to  u'  —  0.6  m/s  and  for  the  right 
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picture  to  u'  —  1.2  m/s.  It  is  well  known  that  the  flame  is  wrinkled  by  the  turbulence,  and  one 
could  see  that  the  structures  on  the  flame  are  smaller  and  more  numerous  when  the  turbulence 
is  higher.  The  central  picture  represents  a  case  where  a  part  of  the  fuel  is  condensed  to  a 
spray  of  liquid  droplets,  the  r.m.s.  turbulent  velocity  is  equal  to  u'  =  0.83  m/s.  It  is  possible 
to  see  that  although  the  turbulence  intensity  is  not  at  the  highest  level  the  flame  is  more 
wrinkled.  This  is  an  effect  of  the  droplets  that  we  must  consider. 

The  maximum  fuel  concentration  is  located  at  the  droplet  surface  and  decreases  far  away 
from  it.  Since  the  droplets  are  randomly  distributed  in  space  they  induce  a  medium  composed 
by  rich  pockets  around  droplets  and  a  poor  medium  far  away  from  them.  These  fluctuations 
of  equivalence  ratio  appears  naturally  by  considering  the  equations  which  describe  the  vapor¬ 
isation  and  the  mixing: 


•  Mass  equation: 


dt  dx 


•  Mixture  fraction  Z  equation: 


dpZ  dpUaZ 
dt  dxa 


d 

dXa 


+ 


(18) 


(19) 


The  first  one  is  the  mass  equation  where  the  right  hand  side  is  a  special  term,  which 
introduces  the  vaporisation  of  the  droplets.  It  is  also  possible  to  write  the  equations  for 
the  mass  fraction  of  all  the  species.  By  combining  them  we  get  the  second  equation  for  the 
mixture  fraction  Z.  This  variable  is  equal  to  zero  in  pure  air  and  unity  in  pure  fuel  vapour. 
The  last  term  of  this  equation  is  due  to  the  vaporisation  and  represents  the  increasing  of  Z 
due  to  the  augmentation  of  fuel  mass  fraction  during  the  vaporisation.  Since  the  medium  is 
turbulent  we  have  written  these  equations  in  an  average  form.  The  two  vaporisation  terms 
are  identical.  They  are  classically  modelled  by  using  a  stochastic  Lagrangian  approach  to 
describe  the  liquid  part  of  the  flow  [31].  This  approach  is  already  implemented  in  a  code 
based  on  the  KIVA  II  code  [2]. 

To  obtain  an  evaluation  of  the  equivalence  ratio  fluctuation  intensity  we  consider  the 
variance  of  Z,  Z"'^.  An  equation  for  this  equation  is  classically  written  for  turbulent  gaseous 
flows.  The  same  approach  is  extended  here  to  the  two-phases  flow  case  and  leads  to  the 
following  equation: 


dpZ"^  &puaZ"^ 
dt  dXa 


dpu'^Z"^  ^  d  (  ^dZ"^\ 
dXa  dXa  \  dXa  ) 

-{-2  ^Ziou  —  ZCot^  “k  Z^Wy 


' — — '  dZ 

2pKZ''^-2pD 


dZ^Z" 

dxadxa 


In  this  equation  the  last  four  terms  are  characteristics  of  the  vaporisation.  The  first  and 
the  second  are  due  to  the  vaporisation  term  in  the  mass  equation.  The  third  and  the  fourth 
are  due  to  the  vaporisation  term  in  the  Z  equation.  These  terms  represent  the  fluctuations 
of  equivalence  ratio  due  to  the  vaporisation  of  the  droplets.  Two  of  them  are  in  an  unclosed 
form.  Nevertheless  by  considering  the  local  equation  it  is  possible  to  rewrite  them  by  using 
the  value  of  Z  at  the  liquid  surface,  Zg  [5,  13]: 
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•  ^ 

We  assume  that  the  value  Zg  is  unique  for  a  given  droplet.  We  can  compute  its  value 
for  each  stochastic  particle  representing  the  droplets.  Both  correlations  are  then  computed 
for  each  cell  of  the  mesh  by  summing  up  the  contributions  of  all  the  stochastic  particles 
representing  the  droplets  in  the  computational  cell. 

3.2  The  Maximum  Concentration  of  Fuel  Vapour 

The  second  aspect  specific  of  spray  mixture  that  we  have  to  consider  concerns  the  value 
corresponding  to  the  maximum  concentration  of  fuel  vapour.  For  the  gaseous  case  this  value 
is  well  known  and  always  corresponds  either  to  an  input  condition  or  to  an  initial  condition. 
But  in  case  of  spray  the  maximum  value  of  fuel  mass  fraction  is  located  at  the  liquid  surface. 
It  depends  on  several  characteristics  of  the  droplet  considered  tind  of  the  gas  around  the 
droplet  (e.g.  droplet  temperature  and  pressiue).  Therefore,  this  maximum  is  not  known  and 
must  be  determined. 

The  value  Zg  is  defined  only  at  the  liquid  surface.  Nevertheless  it  also  corresponds  to  the 
initial  state  of  mixing,  Z/,  of  fluid  particles  just  evaporated.  This  new  variable  stays  as  a 
characteristic  of  the  vapour  fluid  particles.  Since  the  maximum  of  vapour  concentration  is 
located  at  the  surface  these  variables  describe  also  the  upper  part  of  the  permitted  Z  domain. 
Since  each  droplet  has  its  own  characteristics  which  fluctuate,  initial  values  of  Zj  fluctuate. 
Although  it  is  possible  to  write  an  equation  for  the  PDF  of  Z/,  our  first  attempt  was  to 
describe  the  effect  of  this  new  variable  simply  by  using  its  mean  value,  Z/.  An  equation  for 
this  value  was  written  in  [13]: 


&pZZi  dpUaZZi 
dt  dxa 


_d_  (-^  dZZi\ 
dxa  V  ‘  dxc  ) 


<r 

Jo 


-\-p  ZiU)y\Zi(J'^i' 


(20) 


We  approximate  the  shape  of  the  PDF  of  Z  by  using  a  shape  which  is  valuable  for  a 
Partially  Stirred  Reactor  (PaSR).  We  assume  that  this  shape  is  quite  general  and  stays  a 
realistic  shape  even  for  practical  cases.  In  order  to  completely  determine  the  PDF  of  Z  by 
using  this  presumed  shape  we  need  to  know  the  following  parameters:  Z,  Z"^,  and  Zj.  Both 
Z  and  Z"2  are  usually  also  used  in  case  of  a  pure  gaseous  medium  whereas  Z/  is  characteristic 
for  two-phase  flows,  and  it  describes  the  state  of  mixing  at  the  liquid  surface.  For  pure  gaseous 
flows  this  value  exists  but  it  is  just  the  value  of  mixture  fraction  at  the  fuel  entrance,  usually 
this  value  is  equal  to  unity,  and  it  stays  constant. 

Figure  9  shows  the  shapes  of  the  PDF  corresponding  to  different  segregation  rate  expressed 
in  percentage.  By  definition  the  segregation  rate  is  equal  to: 


5  = 


(21) 


It  is  equal  to  unity  when  the  medium  is  completely  non-premixed  and  zero  when  the 
medium  is  perfectly  mixed.  The  left  side  of  the  picture  corresponds  to  a  value  of  Zj  =  1.0 
and  the  right  side  to  a  value  of  Z/  =  0.8.  This  variable  strongly  influences  the  shape  of  the 
PDF,  therefore  it  must  be  taken  into  accoimt. 
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Figure  9:  Shape  of  P  {Z)  for  diflFerent  values  of  S  on  the  right  side  Zi  —  1.0  and  on  the  left 
side  Zi  =  0.8. 

3.3  The  MIL  Model 

In  order  to  completely  describe  the  medium  we  must  consider  the  chemistry.  If  we  assumed 
that  the  chemistry  is  infinitely  fast,  an  accurate  description  of  the  mixing  is  sufficient  to 
completely  desribe  the  thermo  chemical  medium.  But  in  order  to  take  into  account  interac¬ 
tions  between  the  chemistry  and  the  mixing,  we  have  to  use  a  less  restrictive  hypothesis.  We 
shall  use  the  MIL  model  of  Borghi  and  Gonzalez  [4],  which  assumed  a  sudden  chemistry,  by 
adapting  it  in  case  of  two-phase  flows. 


Z 


Figure  10:  Phase  diagram  (Z,Yo2),  with  the  skeleton  of  fluid  particle  trajectories 

In  order  to  completely  describe  the  thermo  chemical  medium  and  assuming  a  unique 
global  reaction,  we  need  to  know  two  variables.  One  of  them  is  the  mixture  fraction  Z 
and  we  choose  to  take  the  other  one  as  the  oxygen  mass  fraction  102-  Since  we  know  the 
statistics  of  the  Z  variable  we  need  either  to  determine  the  PDF  of  Y02  or  find  a  relation 
between  these  two  variables.  For  the  determination  of  the  relation  between  Z  and  Y02  we 
look  at  the  phase  diagram  {Z,Yo2)  which  is  represented  in  Fig.  10.  The  possible  domain  of 
realisation  is  comprised  between  the  segment  AB  corresponding  to  a  pure  mixing  without  any 
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Computed  phase  trajectory  Approximate  trajectory 

Figure  11:  Scheme  of  the  approximation  used  in  the  sudden  chemistry  assumption 


reaction,  and  the  two  segments  AC  and  CB  corresponding  to  a  completely  burnt  mixture.  The 
simplest  relation  is  to  consider  that  all  the  fluids  particles  are  completely  biurnt  by  assuming 
an  infinitely  fast  chemistry,  then  we  could  define  the  function  which  describes  the  two 

segments  BC  and  AC. 

Nevertheless  this  hypothesis  is  often  too  restrictive,  and  it  does  not  permit  to  include  any 
interactions  between  the  mixing  and  the  chemistry.  The  MIL  model  proposed  by  Borghi  and 
Gonzalez  [4]  is  based  on  a  less  restrictive  hypothesis,  which  is  sudden  chemistry.  It  means 
that  a  fluid  particle  needs  a  finite  time  to  be  ignited  and  then  burns  instantaneously  and 
completely.  This  idea  leads  to  the  trajectory  composed  by  the  segments  AD,  DE,  EC,  and 
BF,  FG,  GC.  Along  segments: 

•  AD  and  BF,  a  fluid  particle  does  not  react,  it  is  only  mixed  with  the  whole  fields  of  fluid 
particles.  Globally  its  characteristics  tend  to  the  mean  characteristics  of  the  medium. 

•  DE  and  FG,  suddenly  the  reaction  begins  and  the  particle  instantaneously  reaches  the 
completely  burnt  line. 

•  EC  and  FC  the  particle  stays  along  the  completely  burnt  line. 

We  call  Y^^^{Z)  the  function  which  corresponds  to  these  trajectories.  Moreover  these  seg¬ 
ments  are  completely  defined  providing  that  we  know  the  location  of  the  jumps  corresponding 
to  the  positions  of  points  D,  E,  F,  and  G. 

As  a  first  approximation  the  values  of  Z  corresponding  to  this  jump  are  solutions  of  the 
following  equation: 
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(22) 


IjJc 


TZ 


[Yo2,Z,Z,Yo2) 
Yo2  -  Yo2 


=  0(1). 


This  equation  is  simply  a  comparison  between  the  chemical  time,  here  the  reciprocal  of 
the  global  reaction  rate,  and  the  mixing  time  taken  proportional  to  the  integral  turbulent 
time  scale. 

The  assumption  of  the  sudden  chemistry  means  that  the  activation  energy  of  the  global 
reaction  is  high.  Figure  11  presents  on  the  right  hand  side  the  trajectories  computed  in  a 
case  of  a  PaSR  with  an  unique  global  reaction  used  to  represent  the  chemistry  and  the  lEM 
[42]  model  used  to  represent  the  micro-mixing.  The  chemical  reaction  rate  of  the  fuel,  here 
the  methane,  is  computed  by  using  an  Arrhenius  law,  with  an  activation  energy  given  in  [44], 
Ea  =  30  kcal/mole.  The  left  side  corresponds  to  the  approximated  trajectories  obtained  by 
using  the  MIL  model,  which  are  very  close  to  the  computed  values. 


3.4  Application  of  the  PDF  Approach  to  Represent  the  Self-Ignition  of  a 
Spray  of  Fuel  Penetrating  a  High  Temperature  Atmosphere 

The  whole  modelling  permits  to  simulate  the  self-ignition  of  a  spray  of  fuel  penetrating  a  high 
temperature  medium.  Comparison  with  the  experiment  permits  us  to  test  the  availability  of 
this  approach  and  to  discuss  the  importance  of  each  step  of  the  model. 

3.4.1  Description  of  the  Experiment 


Figure  12:  Scheme  of  the  combustion  chamber  used  by  IFF 

The  experiment  is  conducted  by  the  IFF  and  is  devoted  to  the  self-ignition  of  a  spray  of  fuel 
penetrating  a  high  temperature  atmosphere.  A  scheme  of  the  bomb  is  represented  in  Fig.  12. 
This  experiment  is  mainly  qualitative  and  for  the  moment  the  combustion  is  studied  just  by 
direct  visualisation  of  the  flame.  Nevertheless  it  is  interesting  since  many  phenomena  interact 
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with  each  other,  and  at  least  three  time  scales  are  involved:  one  for  the  evaporation,  one 
for  the  mixing,  and  one  for  the  combustion.  Moreover,  to  avoid  questioning  input  conditions 
concerning  the  spray,  many  studies  were  done  by  IFP  [22],  In  particular,  experiments  were 
done  in  a  ’’cold”  case,  where  the  bomb  is  fed  with  a  gas  mixture  not  containing  oxygen  in 
order  to  prevent  the  combustion.  These  experiments  permit  improvement  of  the  atomisation 
model  in  the  KIVA  code,  and  the  results  of  the  computation  meets  the  experimental  data  for 
the  cold  case.  The  same  atomisation  model  is  incorporated  in  the  present  computation,  with 
the  same  constants. 


Figure  13:  Ignition  and  propagation  of  the  flame  in  the  IFP  bomb.  |41] 

Figure  13  presents  images  of  the  direct  emission  of  the  flame.  These  images,  recorded 
at  about  10,000  images  per  second,  show  roughly  the  1.5  ms  of  combustion  [41].  The  order 
of  these  images  is  from  top  to  bottom  and  from  the  left  to  the  right.  In  this  example  the 
first  light  emitted  by  the  flame  appears  at  the  fifth  image  which  corresponds  to  about  0.5  ms 
after  injection.  The  delay  of  the  self-ignition  of  the  flame  is  taken  as  the  delay  needed  for 
the  appearance  of  the  first  perceptible  light  emission  of  the  flame.  Measurements  done  over 
many  experiments  lead  to  a  mean  ignition  delay  time  of  0.73  ms.  The  images  of  Fig.  13  also 
permit  to  see  the  main  features  of  the  flame.  The  flame  is  shifted  down  from  the  injector  for 
a  few^  millimeters.  The  ignition  takes  place  on  the  edge  of  the  spray  and  then  the  initial  flame 
grows  until  it  covers  completely  the  spray.  Finally  the  flame  is  completely  developed  and  it 
has  a  ’’blob”  shape. 

3.4.2  Utilisation  of  the  Model 

Our  results  will  strongly  depend  on  the  three  phenomena  atomisation,  mixing,  and  the  chem¬ 
ical  reactions.  For  each  submodel  there  arc  constants  which  must  be  discussed: 
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riw  hrs-  one  concerns  the  ref)resenLarion  oi  ihc  atomisation  and  evaporation.  Here 
we  do  nse  the  models  and  the  constant  adjusted  by  IFP  and  RENAULT.  The  liquid 
idiaso  is  classically  represented  in  KIVA.  by  a  set  of  stochastic  particles.  The  initial 
-izc  of  these  particles  is  given  by  the  input  injector  diameter.  Then  these  particles 
:yve  rei)res(nited  by  parcels  of  liquid  whic'h  are  at.oini.sed.  The  surface  wave  instability 
■itoinisation  (Wave)  model  of  Reitz  [36]  is  coupled  to  the  break-up  model  (FIPA)  which 
IS  basfjd  on  the  experimental  correlations  of  Pilch  et  ah  [34,  22].  The  mass  of  dodecane 
injected  is  14  mg  and  the  iiqection  time  is  1.92  ins.  The  injector  is  supplied  with  fuel  at 
SQ.Ci  MPa,  and  liquid  fuel  temperature  at  the  injector  exit  is  estimated  to  be  373  K.  The 
mitial  temperature  in  the  combustion  chamber  is  800  K  and  the  initial  pressure  is  6.1 
MPa.  Figure  14  presents  the  visualisation  of  the  spray  done  by  the  IFP  using  laser  sheet 
iiTiagiiig  of  Mie  scattering.  They  used  a  technique  in  which  the  spray  was  illuminated 
by  a  '"step”  laser  sheet  with  low  intensity  in  the  liquid  region  of  the  spray  and  a  high 
uitcnsitv  in  the  vapour  region.  This  picture  is  taken  at  1.22  ms  after  injection.  It  is 
oossible  to  discern  the  liquid  penetration  as  same  time  as  the  vapour  penetration.  These 
incasurements  were  performed  without  oxygen,  therefore  without  combustion,  in  order 
to  calibrate  the  model  constants. 


luire  14:  Visualisation  at  the  same  time  for  the  spray  and  of  the  vapour  of  fuel,  1.22  ms 
dter  injection  [22]. 

•  The  second  constant  to  be  determined  concerns  the  modelling  of  the  scalar  fluctuation 
dissipation.  Here  we  use  a  classical  model: 


D  —  — 

Xq.  .Tq 


T'fri 


(23) 


In  this  model  the  scalar  mixing  time  is  taken  proportional  to  the  integral  turbulent 
time  Tt  =  k/e,  tz  =  Czn-  The  constant  Cz  is  usually  taken  between  0.5  and  1.5.  We  do 
not  know  if  this  model  is  still  valuable  in  case  of  a  spray.  In  fact  during  their  vaporisation 
the  droplets  create  fluctuation  of  equivalence  ratio  at  a  length  scale  corresponding  to 


IS 


Fuel 

A 

a 

b 

Ea  kcal/mole 

Dodecane 

3.0" 

0.25 

1.5 

30.0 

Tabic  1:  Table  of  chemical  constants  used  for  the  dodecane 

the  mean  space  interval  between  droplets.  This  length  scale  can  be  independent  of 
turbulence.  The  introduction  of  this  new  scale  in  the  model  could  be  done  in  further 
work,  for  the  moment  we  use  the  classical  model  with  Cz  =  0.6. 

•  The  last  point  of  the  modelling  concerns  the  chemistry.  In  order  to  calculate  the  position 
of  the  ignition  points  in  the  Z  space,  we  have  to  estimate  the  global  reaction  rate. 
Although  it  is  possible  to  build  a  library  of  these  jump  positions  as  a  function  of  the 
mixing  time,  as  it  was  done  in  [32],  here  we  used  a  simpler  approach.  We  assumed  that 
the  chemistry  can  be  represented  by  a  single  step  reaction: 

F  +  V02O2  ->  vco2^02  +  UH20H2O. 

Moreover,  we  assumed  that  it  is  possible  to  compute  the  reaction  rate  using  an  Arrhenius 
law: 


=  Wc(F)  =  A  [F]“  [O2]'’  e-  ^ .  (24) 

at 

The  constants  would  have  to  be  adjusted  to  find  a  good  self-ignition  delay.  Nevertheless 
we  do  not  know  such  set  of  constants  and  we  use  those  proposed  by  Westbrook  et  al.  [44], 
which  were  used  to  find  the  right  burning  velocity.  The  chemical  constants  used  for  the 
dodecane  are  recapitulated  in  Tab.  1. 

3.5  Results 

We  have  tested  this  model  first  in  its  simplest  form,  assuming  an  infinitely  fast  chemistry. 
Figure  15  presents  the  mean  temperature  field  in  a  centre  plane  of  the  combustion  chamber 
at  different  times  from  the  beginning  of  the  injection.  The  global  shape  of  the  flame  is  well 
reproduced.  But  since  there  is  no  chemical  time  involved  this  is  mainly  due  to  an  accurate 
prediction  of  the  injection,  atomisation  and  mixing.  Of  course  there  is  no  delay  of  self-ignition, 
since  as  soon  as  the  fuel  is  evaporated  and  mixed  it  burns.  This  could  be  improved  simply  by 
using  a  model  like  the  SlieJl  model  at  the  beginning  until  the  ignition  takes  place.  Later  the 
flame  reaches  the  injector  tip,  which  is  in  contrast  to  the  experiment.  Even  with  the  addiction 
of  a  model  for  the  self-ignition,  this  point  will  not  be  improved.  Therefore  it  is  necessary  to 
use  a  model  taking  account  some  aspect  of  the  interaction  between  the  chemistry  and  the 
mixing. 

The  same  kind  of  picture  is  presented  in  Fig.  16,  for  a  computation  using  the  MIL  model. 
These  pictures  look  like  to  the  photos  of  the  flame.  The  ignition  of  the  spray  takes  a  certain 
time  and  then  the  flame  appears  on  the  edge  of  the  spray.  Then  the  initial  flame  grows  until 
it  completely  covers  the  spray.  But  even  at  the  end  of  the  injection  the  flame  does  not  reach 
the  injector  tip. 
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Figure  16:  Self-ignition  and  evolution  of  the  flame  computed  using  the  MIL  model 
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Conccniing  tho  delay  of  self-ignition  it  is  difficult  to  conclude  since  it  is  not  easy  to  estimate 
the  temperature  corresponding  to  the  first  light  emitted  by  the  flame.  Assuming  that  the  soot 
is  produced  and  siifficently  heated  to  produce  light  for  a  mean  temperature  equal  to  1600  K, 
the  delay  of  self-ignition  in  our  calculation  is  about  0.5  ms.  This  is  a  good  order  of  magnitude 
but  somewhat  too  early.  This  could  be  improved  by  modifying  the  pre-exponential  constant, 
A,  in  the  global  chemical  reaction  rate. 


3.6  Discussion 
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Figure  17;  Effect  of  terms  due  to  the  evaporation  in  the  equation  of  Mean  segregation 
rate,  Si,  (left)  and  mean  temperature  field  (right),  without  the.se  terms  (top)  and  with  these 
terms  (bottom). 

Figure  17  presents  a  comparison  of  the  mean  temporature^ld  computed  when  the  new  terms 
induced  by  the  droplet  (waporation  in  the  equation  for  were  neglected  (top)  and  when 
there  are  not  neglected  (bottom).  These  terms  are  clearly  terms  of  production  of  fluctuations 
of  Z  sinc.e  th(!  mean  segregation  is  higher  for  the  computation  including  th(!se  terms.  There 
is  also  an  effect  on  the  mean  temperature  since  with  these  terms  the  local  temperature  is 
100  K  higher.  This  dependence  of  the  temperature  on  the  segregation  rate  etnphasises  the 


22 


iiuportciiic0  of  ficcur^toly  niodclliii^  tliG  sccil9-r  (iissip<itioii.  It  is  piobctblc  by  modifying 
the  constant  Cz  we  will  change  the  level  of  temperature. 
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Figure  18:  Influence  of  the  new  variable  Zj,  at  1.6  ms.  Zj  is  taken  constant  and  equal  to 
unity  (left)  and  ^  is  computed  by  using  its  transport  equation  (right). 


We  have  also  tested  the  influence  of  the  new  variable  Zj.  We  have  made  a  computation 
where  this  variable  is  taken  constant  and  equal  to  unity  as  in  a  pure  gaseous  case.  The  terms 
due  to  the  vaporisation  for  the  scalar  fluctuation  are  take  into  account.  Figure  18  presents 
the  mean  temperature  field  at  1.6  ms  aft^the  beginning  of  injection,  on  the  left  side  with 
Zi  equal  to  unity  and  on  the  right  side  Z*  is  computed  using  Eq.  (20).  The  difference  is 
obvious:  if  we  do  not  take  into  account  the  variation  of  this  variable  the  flame  does  not  exist. 
Figure  19  shows  the  mean  field  of  Z^  in  the  case  where  it  is  computed.  The  whole  field  of 
Zi  is  considerably  lower  than  unity,  which  can  be  explained  by  the  fact  that  the  fuel  used 
here,  the  dodecane,  is  a  heavy  fuel,  which  under  these  conditions  is  far  away  from  boiling.  If 
we  look  at  the  phase  domain  Z,  one  can  see  that  the  equivalence  ratio  which  could  permit  a 
good  combustion  corresponds  to  an  interval  of  Z  near  to  zero.  By  compnting  a  low  value  of 
the  upper  limit  of  the  possible  Z,  we  increase  the  probability  to  be  in  this  inteival,  and  then 
we  increase  the  combustion. 


4  Conclusions 

The  paper  presents  numerical  approaches  to  both  laminar  and  turbulent  spray  flames.  The 
structure  of  laminar  liquid  oxygen/hydrogen  spray  flames  has  been  studied,  and  droplet  re¬ 
versal  and  oscillation  has  been  identified  in  these  flames.  There  are  two  phenomena  that  are 
unique  and  typical  for  these  flames:  First,  the  profile  of  the  gaseous  oxygen  shows  nonmono¬ 
tonicity  with  distance.  This  is  due  to  the  high  reactivity  of  the  hydrogen/oxygen  system 
where  the  local  chemical  reaction  rates  may  be  larger  than  the  local  vaporization  rate.  More¬ 
over,  condensation  of  the  gaseous  oxygen  is  found  near  the  gas  stagnation  plane  where  the 
gas  temperature  drops  due  to  complete  vaporization  of  droplets,  and  vaporization  no  longer 
occurs. 

Moreover,  a  PDF  model  has  been  developed  for  turbulent  diffusion  flames  where  the  effect 
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Figure  19:  Zi  field  ,  at  1.6  ms. 

of  vaporization  has  been  included  in  the  formulation  of  the  probability  density  function.  The 
developed  approach  is  genercl  in  the  sense  that  various  models  for  chemcial  reactions  may  be 
included.  The  present  study  considers  infinitely  fast  chemistry  and  a  fast  chemistry  approach. 
However,  finite  rate  chemistry  as  developed  and  used  in  Chapter  2  of  this  paper  may  be 
included  either  within  the  formulation  of  a  flamelet  approach  or  as  a  tabulated  subroutine 
containing  detailed  chemical  reaction  rates  and  species  profiles. 

Acknowledgements 

Part  of  the  research  presented  in  Chapter  2  was  financially  supported  by  the  DARA  (DLR 
Lampold.shausen)  and  the  DFG  within  the  SFB  359. 


References 

[1]  G.  Abramzon  and  W.A.  Sirignano.  Droplet  vaporization  model  for  spray  combustion 
calculations.  Int.  J.  Heat  Mass  Transfer,  9:1605  -1618,  1989. 

[2]  A.A.  Amsden,  P..I.  O’Rourke,  and  T.D.  Butler.  KIVA  II:  A  computer  program  for 
clunnically  reactive  flows  with  .sprays.  Los  Alamos  National  Laboratory  report  LA- 11566- 
MS,  1989. 

[3]  F.  Atzler.  Fundamental  studies  of  aerosol  eomlmstion.  PhD  thesis.  University  of  Leeds, 
1999. 

[4]  R.  Borghi  and  M.  Gonzalez.  A  lagrangian  model  for  predicting  turbulent  diffusion  flames 
with  chemical  kinetic  effects.  Combustion  and  Flame,  63:239-250,  1986. 

[5]  R.oland  Borghi.  The  links  between  turbulent  combustion  and  spray.  In  S.H.  Chan,  editor, 
Transport  phenomena,  in  combustion,  volume  1,  pages  1-18.  Taylor  and  Francis,  1995. 


24 


[6]  D.  Bradley,  M.  Lawes,  and  C.G.W.  Sheppard.  Study  of  turbulence  and  combustion 
interaction:  Measurement  and  prediction  of  the  rate  of  turbulent  burning.  Technical 
report,  University  of  Leeds,  1994. 

[7]  G.  Chen  and  A.  Gomez.  Charge-induced  secondary  atomization  of  droplets  in  diffusion 
flames  of  electrostatic  sprays.  In  Twenty-Fourth  Symposium  (International)  on  Combus¬ 
tion,  pages  1531-1539,  1992. 

[8]  N.-H.  Chen,  B.  Rogg,  and  K.N.C.  Bray.  Modelling  laminar  two-phase  counterflow  flames 
with  detailed  chemistry  and  transport.  In  Twenty-Fourth  Symposium  (International)  on 
Combustion,  pages  1513-1521,  1992. 

[9]  Z.H.  Chen,  T.H.  Liu,  and  S.H.  Sohrab.  Combustion  of  liquid  fuel  spray  in  stagnation- 
point  flow.  Combust.  Sci.  and  Tech.,  60:63-77,  1988. 

[10]  G.  Continillo  and  W.A.  Sirignano.  Counterflow  spray  combustion  modeling.  Combust, 
and  Flame,  81:325-340,  1990. 

[11]  N.  Darabiha,  F.  Lacas,  J.C.  Rolon,  and  S.  Candel.  Laminar  counterflow  spray  diffusion 
flames:  A  comparison  between  experimental  results  and  complex  chemistry  calculation. 
Combust.  Flame,  95:261-275,  1991. 

[12]  J.-R  Delplanque  and  W.A.  Sirignano.  Boundary-layer  stripping  effects  on  droplet  tran- 
scritical  convective  vaporization.  Atomization  and  Sprays,  4:325-349,  1994. 

[13]  F.X.  Demoulin  and  R.  Borghi.  Presumed  pdf  modeling  of  turbulent  spray  combustion. 
Combust.  Sci.  and  Tech.,  2000.  to  appear. 

[14]  G.  Dixon-Lewis.  Structure  of  laminar  flames.  In  Twenty-Third  Symposium  (Interna¬ 
tional)  on  Combustion,  pages  305-324,  1990. 

[15]  M.  El-Gamal,  E.  Gutheil,  and  J.  Warnatz.  The  structure  of  laminar  premixed  H2-air 
flames  at  elevated  pressures.  Zeitschrift  fuer  Physikalische  Chemie,  214(4) :419-435,  2000. 

[16]  P.  Gicquel  and  L.  Vingert.  Experimental  investigations  of  cryogenic  sprays  in  combustion. 
In  ILASS  -  Europe’99,  July  5-7  1999. 

[17]  A.  Gomez,  1999.  Personal  Communication. 

[18]  M.S.  Graboski  and  T.E.  Daubert.  A  modified  soave  equation  of  state  for  phase  equilib¬ 
rium  calculations.  1.  hydrocarbon  systems  and  2.  systems  containing  CO2,  H2S,  N2,  and 
CO.  Industrial  and  Engineering  Chemistry  Process  Design  and  Development,  17:443-454, 
1978. 

[19]  J.B.  Greenberg  and  N.  Sarig.  Combust.  Flame,  104:431-459,  1996. 

[20]  E.  Gutheil.  Structure  and  extinction  of  laminar  ethanol/air  spray  flames.  ZAMM,  2000. 
to  be  submitted. 

[21]  E.  Gutheil  and  W.A.  Sirignano.  Counterflow  spray  combustion  modeling  including  de¬ 
tailed  transport  and  detailed  chemistry.  Combustion  and  Flame,  113:92-105,  1998. 


25 


[22]  C.  Habchi,  D.  Verhoeven,  C.  Huynh  Huu,  L.  Lambert,  J.L.  Vanhemelryck,  and  T.  Bari- 
taud.  Modeling  atomization  and  break  up  in  high-pressue  diesel  sprays.  SAE  Technical 
paper  series,  (970881),  February  1997. 

[23]  C.  Hollmann  and  E.  Gutheil.  Flamelet-modeling  of  turbulent  spray  diffusion  flames  based 
on  a  laminar  spray  flame  library.  Combust.  Sci.  and  Tech.,  135  (1-6):175,  1998. 

[24]  C.  Hollmann  and  E.  Gutheil.  Flamelet-modeling  of  turbulent  spray  diffusion  flames  based 
on  a  laminar  spray  flame  library.  Combust.  Sci.  and  Tech.,  135:175--192,  1998. 

[25]  K.C.  Hsieh,  J.-S.  Shuen,  and  V.  Yang.  Droplet  vaporization  in  high-pressure  environ¬ 
ments.  i:  Near  critical  conditions.  Combust.  Sci.  and  Tech.,  76:111-132,  1991. 

[26]  S.C.  Li,  P.A.  Libby,  and  F.A.  Williams.  Spray  structure  in  counterflowing  streams  with 
and  without  aflame.  In  Twenty-Fourth  Symposium  (International)  on  Combustion,  pages 
1503-1512,  1992. 

[27]  S.C.  Li  and  F.A.  Williams.  In  Twenty-Sixth  Symposium  (International)  on  Combustion. 
The  Combustion  Institute,  1996. 

[28]  R.J.  Litchford  and  S.-M.  Jeng.  LOX  vaporization  in  high-pressure,  hydrogen-rich  gas. 
AIAA,  (90-2191),  1990. 

[29]  C.  Nicoli,  P.  Haldenwang,  and  J.  Daou.  Substitute  mixtures  for  LOX  droplet  vaporization 
study.  Combust.  Sci.  and  Tech.,  112:55—74,  1996. 

[30]  JSME  Data  Book:  Thermophysical  Properties  of  Fluids.  1983. 

[31]  P.J.  O’Rourke  and  A.A.  Amsden.  Three  dimensional  numerical  simulations  of  the  UPS- 
292  stratified  charge  engine.  SAE  Technical  paper  series,  (870597),  1987. 

[32]  M.  Oubounou,  M.  Gonzalez,  and  R.  Borghi.  A  Lagrangian  model  for  predicting  turbulent 
diffusion  flames  with  chemical  kinetic  eflFects.  In  Twenty-Fifth  Symposium  (International) 
on  Combustion,  pages  1107-1113.  The  Combustion  Institute,  1994. 

[33]  P.  Peters  and  B.  Rogg.  Reduced  Kinetic  Mechanisms  for  Applications  in  Combustion 
Systems.  Springer,  1993. 

[34]  M.  Pilch  and  C.A.  Erdman.  Use  of  breakup  time  data  and  velocity  history  data  to 
predict  the  maximum  size  of  stable  fragments  for  acceleation-induced  breakup  of  liquid 
drop.  Int.  J.  Multiphase  flow,  13(6):741-757,  1987. 

[35]  J.  M.  Prausnitz,  R.N.  Lichtenthaler,  and  E.G.  de  Avezedo.  Molecular  Thermodynamics 
of  Fluid-Phase  Equilibria.  Prentice  Hall,  1986. 

[36]  R.D.  Reitz.  Modeling  atomisation  processes  in  high-pressure  vaporizing  sprays.  Atom¬ 
ization  and  Spray  Technology,  3:309-337,  1987. 

[37]  D.  Schlotz  and  E.  Gutheil.  Modeling  of  laminar  mono-  and  bidisperse  liquid  oxy¬ 
gen/hydrogen  spray  flames  in  the  counterflow  configuration.  Combustion  Science  and 
Technology,  2000.  to  appear. 


26 


[38]  J.  Sender,  R.  Lecourt,  M.  Oschwald,  and  O.J.  Haidn.  Application  of  droplet-tracking- 
velocimetry  to  lox/gh2  coaxial-spray  combustion  with  varying  combustion  chamber  pres¬ 
sures.  In  Proceedings  of  the  13th  Annual  Conference  on  Liquid  Atomization  on  Spray 
Systems,  Florence,  Italy,  pages  145-154,  1997. 

[39]  M.D.  Smooke.  Reduced  Kinetic  Mechanisms  and  Asymptotic  Approximations  for 
Methane-Air  Flames.  Springer,  1991. 

[40]  C.H.  Sohn,  S.H.  Chung,  S.R.  Lee,  and  J.S.  Kim.  Structure  and  acoustic-pressure  re¬ 
sponse  of  hydrogen/oxygen  diffusion  flames  at  high  pressure.  Combustion  and  Flame, 
115(3):299-312,  1998. 

[41]  D.  Verhoeven,  J.L.  Vanhemelryck,  and  T.  Baxitaud.  Macroscopic  and  ignition  charac¬ 
teristics  of  high-pressure  sprays  of  single-componet  fuels.  SAE  Technical  paper  series, 
(981069),  February  1998. 

[42]  J.  Villermaux.  Micromixing  phenomena  in  stirred  reactors,  pages  707-768,  West  Orange, 
1986. 

[43]  J.  Warnatz,  U.  Maas,  and  R.W.  Dibble.  Combustion.  Springer,  1996. 

[44]  Charles  K.  Westbrook  and  Frederick  L.  Dryer.  Simplified  reaction  mechanisms  for  the 
oxidation  of  hydrocarbon  fuels  in  flames.  Combust.  Sci.  and  Tech.,  27:31  43,  1981. 

[45]  V.  Yang,  N.N.  Lin,  and  J.-S.  Shuen.  Vaporization  of  liquid  oxygen  droplets  in  supercrit¬ 
ical  hydrogen  environments.  Combust.  Sci.  and  Tech.,  97:247-270,  1994. 


27 


^^Cryogenic  Combustion:  Effects  of  Pressure  and  LOX 

Injector  Recess  ” 


by 

A.  Tripathi,  M.  Juniper, 

P.  Scouflaire,  C.  Rolon,  and  S.  Candel, 
EM2C-Laboratory,  Ecole  Central  Paris, 
and  L.  Vingert,  ONERA, 
Palaiseau,  France 


Paper  was  not  available 


Theoretical  and  Practical  Issues  of  CARS  Application  to 
Cryogenic  Spray  Combustion 


y.V.Smirnov 
General  Physics  Institute 
Academy  of  Sciences  of 
Russia 

Vavilov  Street  38 


W.  Clauss.  M.Oschwald 
Deutsches  Zentrum  fiir  Luft- 
und  Raumfahrt  e.V. 

Langer  Grund 
74239  Hardthausen 


F.Grisch 

Departement  Mesures  Physiques 
Office  National  d’Etudes  et  de  Recherches  Aerospatiales 
Fort  de  Palaiseau 
91761  Palaiseau  Cedex 


Abstract 

In  reactive  two  phase  flows  like  the  cryogenic  LOX/GH2  combustion,  there  is  a  complex  interaction  of  injection, 
atomization,  vaporization,  mixing  and  combustion  processes.  It  is  desirable  to  develop  numerical  CFD-codes  for 
better  understanding  of  these  combustion  chambers.  Currently,  there  is  a  need  for  experimental  data  that  are 
reliable  and  that  can  be  used  to  develop  a  better  understanding  of  the  different  mechanisms  controlling  the 
various  processes.  In  particular,  knowledge  of  combustion  species  and  temperature  is  necessary  for  accurate 
modeling  of  cryogenic  propellant  reaction  mechanisms  and  their  effect  on  the  macroscopic  behavior  of  the 
propellant. 

In  this  report,  the  general  potential  of  Coherent  Anti-Stokes  Raman  Scattering  (CARS)  as  a  diagnostic  tool  not 
only  for  temperature  measurement  is  demonstrated. 

Presented  is  basic  research  ranging  from  the  measuring  of  spectral  line  shape  and  line  broadening  to  the  temporal 
distribution  of  molecular  energy  between  the  internal  degrees  of  freedom  as  well  as  special  applications  in  high 
pressure  cryogenic  combustion,  where  all  the  data  from  the  basic  research  are  needed  for  high  accuracy 
measurement. 
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1.  Fundamental  basis  for  CARS  diagnostics  of  chemical  composition,  temperature  and  density 


The  achievements  in  nonlinear  optics  and  quantum  electronics  have  significantly  broadened  concepts  of  the 
interaction  of  emission  (light)  with  matter,  thereby  opening  the  way  on  a  number  of  fundamentally  new 
spectroscopic  techniques  based  on  the  physical  principles  of  nonlinear  optical  phenomen  that  employ  tunable 
lasers  as  the  excitation  sources. 

Prominent  nonlinear  spectroscopic  techniques  utilizing  the  third  order  nonlinear  susceptibility  resonances  when 
the  frequency  difference  of  the  interacting  fields  lies  within  the  range  of  frequencies  of  the  Raman-active 
ti'ansitions  of  the  test  medium  include  the  stimulated  Raman  scattering  technique  proposed  by  B.  Stoicheff  et  al. 
with  amplification  of  the  Stokes  waves  [1]  and  the  case  with  attenuation  of  the  anti-Stokes  waves  [2]  that  was 
than  further  developed  in  the  studies  by  A.  Owyoung  [3-5],  A.  Lau  et  al.  [6,7]  and  E.  Yeung  [8]  together  with  the 
ellipsometry  and  coherent  scattering  polarization  spectroscopy  method  for  Raman  resonance  developed  by  S.A. 
Akhmanov  at  al.  [9,  10]  and  the  quadratic  Kerr  effect  induced  in  Raman  resonance  as  developed  by  R.  Hellwarth 
[11]. 

CARS  (Coherent  Anti-Stokes  ^aman  Scattering)  is  a  direct  four  photon  parametric  interaction  process  in  a 
medium  with  the  third  order  nonlinear  suszeptibility  (0)j  [12].  Three  photons  of  frequencies  0)/,  CO7  und  002 
are  send  into  a  probe  volume  in  this  medium  where  a  fourth  photon  CdcARS  is  generated.  This  new  wave  results 
from  the  inelastic  scattering  of  00/  by  the  molecular  vibrations  of  the  third  order  nonlinear  suszeptibility  (OOj 
which  are  coherently  and  resonant  driven  by  the  waves  0)/  and  OO2  if  the  frequency  difference  ACO  =  03/  -  OO2  is 
equal  to  a  Ramanactive  molecular  transition  of  a  specific  molecule. 

All  other  molecules  present  in  the  probe  volume  emit  a  nonresonant  CARS  signal  which  is  not  just  an  offset  of 
the  resonant  signal,  but  interferes  with  it.  Therefore,  the  nonresonant  signal  has  to  be  taken  account  of  in  the 
CARS  theory. 

The  directly-measured  quantities  (scattered  emission  power,  its  polarisation  or  phase  state)  are  characterized  by 
tlie  dispersion  of  tlie  squared  modulus  determined  by  experimental  conditions  and  the  linear  combination  of  y(^) 

tensor  components  as  a  function  of  detuning  (Oy  -  0)2,  and  bear  information  on  the  microscopic  characteristics 
of  the  medium,  including  the  cross-sections,  the  frequencies  and  the  characteristic  spectra  of  different  molecules, 
the  linewidths  of  the  transitions  and  gas  density,  the  function  of  density  population  of  the  probe  energy  levels  and 
in  case  of  equilibrium  of  the  media-about  the  temperature,  etc. 

Tlie  spectral  intensity  of  the  CARS  signal  is  given  by  the  equation: 

^CARS  (o)  =  /'0.1  •  1^2  («)  •  |x  (w)f  •L^*ph 

( I  =  laserintensites,  L  =  length  of  probe  volume,  ph  phasing  factor,  takes  into  account  the  conservation  of 
impulse) 
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The  third  order  nonlinear  suszeptibility  X  has  a  resonant  and  a  nonresonant  part: 


x^'V)=x/’(w)+x,v/’(w) 

Deducing  the  temperature  from  experimental  CARS  spectra  is  done  by  iinalyzing  the  spectral  profile  formed  by 
the  different  intensities  of  the  excited  rovibrational  transitions  of  the  molecules. 

The  resonant  suszeptibility  %  is  calculated  for  the  specific  molecule  as  a  function  of  temperature.  Here, 

specific  molecular  data  like  polarizability,  transition  probability  and  linewidth  broadening  with  pressure  effects 
must  be  included. 

A  convolution  taking  into  account  the  influences  of  the  CARS  apparatus,  the  apparatus  function,  gives  a  library 
of  theory  spectra.  This  library  has  a  multidimensional  grid  of  spectra  sorted  after  temperature,  pressure  and 

Xw«(W)- value. 

The  experiment  spectra  now  are  compared  to  the  theory  spectra  using  the  Marquard  least  squares  fit  method. 
The  CARS  code  searches  for  a  minimum  of  the  sum  of  the  least  squares.  The  temperature,  pressure  and 

Xvy?(^)  ■  values  of  the  theory  spectra  with  the  best  fit  to  the  experimental  spectral  are  then  attributed  to  the 
experiment. 

Tlie  accuracy  of  the  temperature  fit  depends  on  the  precise  simulation  of  the  CARS  spectra. 

In  a  first  approximation,  this  can  be  calculated  by  summing  isolated  line  contributions.  This  requires  knowledge 
of  the  molecular  parameters  and  in  particular  the  Doppler  and  pressure  broadenings  of  the  rotational  lines. 
However,  when  the  pressure  increases  so  that  adjacent  lines  are  pressure  broadened  to  an  extend  that  they 
overlap,  such  a  simple  model  does  not  predict  that  the  spectral  shape  will  collapse  to  a  narrower  bandwidth.  The 
overlap  refelcts  rotational  energy  transfer  between  lines  which  causes  a  drastic  change  in  the  shape  of  the  Q- 
branch.  Simulation  of  this  so  called  ‘motional  narrowing’  phenomenon  requires  sophisticated  models. 

In  order  to  employ  CARS  as  a  diagnostic  tool  at  high  pressure  technical  combustion,  much  basic  research  is 
needed  to  have  the  data  for  such  models. 
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Fig.  1 

Comparison  of  spontaneous  Raman  effect  with  CARS. 
The  main  advaniaues  of  CARS  are  listed. 


1.1  Characteristic  features  of  Coherent  Anti-Stokes  light  scattering  method 

•  Universality:  the  CARS  spectrometers,  using  broadband  Stokes  lasers,  allow  to  cover  the  whole  frequency 

range  of  the  vibrational-rotational  transitions  of  molecules  with  a  single  laser  shot. 

•  Locality:  The  scattered  emission  intensity  Icars  is  proportional  to  the  quantity 

/^coi  power  pulsed  lasers  for  and  7^2  , transformation 

factors  exceeding  those  obtained  in  Spontaneous  Raman  Scattering  (SRS)  by  4-8  orders  of  magnitude  are 
possible.  Focussing  the  laser  beams  creates  a  strong  nonlinear  dependence  of  the  scattering  process 
efficiency  on  the  pump  field  intensity  and  makes  it  possible  to  obtain  information  on  the  parameters  of  the 
medium  with  high  spatial  resolution  (20x20x500  jiim). 

•  Brightness:  The  anti-Stokes  emission  is  coherent,  propagates  in  the  direction  2k as  established  by  the 
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pump  wave  vectors,  and  has  a  divergence  of  ~10  steradians,  determined  by  the  pump  laser  emission 
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divergence.  The  emission  brightness  in  CARS  exceeds  that  of  SRS  by  a  factor  of  10  -10  times.  Both  these 
facts  make  it  possible  effectively  collect  the  scattered  CARS  emission  and  to  significantly  simplify  its 
detection  in  investigating  processes  accompanied  by  powerful  self-luminescence  like  discharge,  combustion, 
chemical  reactions,  etc.  Only  two  small  windows  positioned  opposite  to  eachother  in  line  of  sight  are  needed 
in  a  combustion  chamber. 

•  Selectivity:  At  the  same  time  that  the  equipment  resolution  that  may  be  achieved  using  continuous  tunable 
lasers  is  0.0001  cm  ,  the  actual  resolution  is  limited  by  Doppler  broadening  at  the  frequency  of  the  test 
transition  (-0.01  -  0.002  cm  ).  Due  to  this  it  is  possible  to  obtain  a  new  information  about  structure  of 
energy  levels  and  spectral  data  for  molecules  that  was  previously  inaccessible  for  Raman-active  transition. 

•  High  time  resolution:  use  of  broadband  CARS  spectrometer  with  laser  pulse  duration  of  about  3  ns  and 
single  pulse  signal  detection  with  multichannel  detectors,  allows  to  record  panoramic  scattering  spectra 
during  a  single  laser  pulse. 

•  Limitation:  One  of  important  drawback  of  the  CARS  process  as  a  spectroscopic  method  is  caused  by  the 

nonresonance  (at  these  transitions)  contribution  to  the  susceptibility  from  remote  electron 

resonances.  Intensity  fluctuations  in  this  background  caused  by  amplitude  instabilities  in  the  pump  sources 
may  are  usually  not  significant,  since  at  exact  resonance  the  %NR/%max  ‘  However, 

investigating  low  concentration  molecular  fragments  or  those  having  small  scattering  cross-section  this  fact 
significantly  limits  the  applicability  of  the  method.  In  diagnostics  of  turbulent  combustion,  were  species 
concentration  changes  from  one  laser  shot  to  the  next,  with  the  possibility  that  the  resonant  molecule  is  of 
low  concentration,  this  nonlinear  background  must  be  included  in  the  CARS  modeling.  Today  some  number 
of  methods  have  been  developed  that  make  it  possible  to  significantly  reduce  the  contribution  of  due  to 
the  difference  in  the  polarization,  phase  or  temporal  properties  of  the  signal  caused  by  the  resonance  and 
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nonresonance  parts  of  the  susceptibility.  The  nonresonance  signal  level  here  been  reduced  a  factor  of  10-10  . 
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1.2  Selected  examples  of  basic  research  aimed  to  obtain  information  necessary  for 
diagnostic  application. 

Depending  on  the  processes  to  be  studied,  different  kind  of  molecules  can  be  used  as  a  probe  molecule  to 
determine  gaseous  parameters.  In  connection  with  this  the  knowledge  of  molecular  spectral  data  as  well  as 
linewidth  shift  and  broadening  are  very  important.  With  this  aim,  the  unique  high-resolution  CARS  spectrometers 
have  been  created  at  GPI  [13].  With  this  device  the  extensive  information  on  the  structure  of  vibrational- 
rotational  energy  levels  of  many  molecules  has  been  obtained,  supplying  the  necessary  database  for  quantitative 
analysis  and  gas  theimometry  [14]. 

A  fully  resolved  spectra  of  the  band  Q-branch  spectra  CH^  is  presented  in  fig. 2.  For  comparison  on  upper  trace 
also  presented  spectra,  obtained  by  means  conventional  Raman  technique. 


The  collisional  dynamic  of  molecules  has  been  studied  through  the  investigation  of  the  spectral  line  broadening 
in  the  gas  pressure  range  from  0.01  to  100  atm  [14]  with  high  precision  of  the  spectral  line  shape  measurements, 
and  the  observation  of  Dicke  and  “collisional”  narrowing  effects.  Fig.3  presents  results  of  and  lines 
investigation  for  D  molecule  occurring  the  region  with  Dicke  narrowing  effect. 


The  developed  techniques  of  pulse  excitation  and  CARS  probing  (with  temporal  resolution  of  10“^  sec)  proved 
to  be  very  effective  for  the  studies  of  temporal  transformation  of  the  distribution  of  molecular  energy  between  the 
internal  (vibrational  and  rotational)  degrees  of  freedom,  and  of  the  level-to-level  kinetics  of  excited  molecular 
systems  [15].  It  is  sufficient  to  mention  that  the  rate  constants  of  vibrational -vibrational  exchange  of  N2  and  SF5 
have  been  measured,  these  constants  being  respectively,  the  lowest  and  the  highest  of  the  rates  of  these  processes 
(as  known  from  the  literature).  As  an  illustration  Fig.4a  shows  the  spectra  of  the  vibrational-rotational  transitions 
of  nitrogen  molecules,  excited  to  a  non-equilibrium  conditions  in  a  discharge,  along  with  temporal  behaviour  of 
distribution  function  off  the  populations  of  vibrational  levels  with  vibrational  temperature  of  Ty'=7500  K.  The 
spectra  with  resolved  (presented  on  fragment  of  Figure  4b)  allow  to  measure  in  the  same  place  of  die  discharge 
the  rotational  distribution  function  and  to  obtain  the  rotational  (  at  100  torr  translational)  temperature  Tr  =  328  K. 


Fig.  4b 

Fragment  of  CARS  spectra  V  (  3-^4  ) 
with  resolved  rotaiional  structure  . 

The  insert  shows  the  population  distribtiiion 
of  the  rotational  states  of  N_,  molecules  in 
discharge , 
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Fig.5  presents  the  results  of  remote  nonperturbing  measurement  of  the  distribution  of  local  value  of  temperature 
and  static  pressure  along  the  axis  of  a  supersonic  jet  of  nitrogen.  Here  M  is  the  Mach  number,  T  -  temperature,  p 
-  pressure,  the  solid  line  show  the  calculations,  using  the  gas-dynamic  functions  for  ideal  gas.  The  accuracy  of 
measurements  was  1  %  for  temperatures  and  2%  for  pressures. 


Fig.5 

CARS'probe  configuration  for 
a  supersonic  flow  (above)  and  the  tern- 
peraiiire  and  pressure  distribution 
in  the  flow  (below), 
b  =  300  fm,  2w^  =  30  jum  . 
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The  characteristic  features  of  strongly  cooled  (down  to  10  K)  supersonic  jets  with  different  values  of  Knudsen 
number  also  were  studied.  The  Knudsen  number  values  being  changed,  the  transformation  of  the  flow  type  from 
the  rotational  non-equilibrium  (rotational  temperature  is  not  equal  to  translational  and  moreover  were  different 
for  odd  and  iven  spin  modifications  of  a  nitrogen  molecules  see  fig.  6  )  to  the  type  with  strong  condensation 
processes  was  experimentally  observed. 


Fig.  6 

Rotational  nonequilibrium  at  flows  of  different  Knudsen  number 
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2.  CARS  as  a  diagnostic  tool  for  combustion  thermometry 

Temperature  measurements  in  combustion  by  means  of  nonlinear  optical  techniques  can  provide  investigations  of 
turbulence  fields  existing  in  real  scale  technical  combustors.  For  this,  pulsed  lasers  must  be  employed  that  allow 
the  recording  of  CARS  spectra  from  each  single  laser  shot  of  about  10  ns  pulse  duration.  Of  special  importance  is 
the  question  of  the  precision  achievable  in  such  a  single  laser  shot. 

The  serious  problem  of  combustion  thermometry  by  CARS  is  to  find  the  compromise  between  the  sensitivity,  the 
signal-to-noise  ratio,  the  time  of  data  acquisition,  and  the  precision  of  temperature  measurements.  Due  to  the 
nonlinear  and  coherent  nature  of  CARS  process,  beatings  of  pump  lasers  frequency  components  lead  to  strong 
fluctuations  in  the  intensity  distribution  of  a  CARS  spectrum  which  in  turn  result  in  errors  in  temperature 
determination.  The  only  way  to  overcome  this  difficulty  is  to  perfomi  some  sort  of  averaging:  either  over  time  - 
that  means  to  perform  accumulations  of  consecutive  CARS  signals,  or  spectral  averaging.  The  latter  approach 
allows  not  to  loose  available  temporal  resolution  and  to  achieve  reasonable  precision  in  single-shot  temperature 
measurements  which  is  basically  necessary  for  successful  employment  of  CARS  at  turbulent  combustion.  There 
exist  two  ways  to  perform  spectral  averaging:  one  is  to  average  the  measured  parameters  over  the  molecular 
transitions  in  a  broad  frequency  range  (broadband  CARS);  the  other  -  to  use  many  spectral  components  of  two 
broadband  pump  lasers  for  averaging  over  the  spectrum  of  the  driving  force,  exciting  Raman-active  molecular 
transitions.  This  approach,  first  proposed  for  vibrational  CARS  116]  and  later  on  developed  for  rotational  CARS 
[17-19].  is  known  as  the  r/ual-/?road/?and  CARS  (DBB  CARS)  technique. 

In  most  of  the  previous  flame  temperature  measurements  by  CARS  nitrogen  was  used  as  a  probe  gas.  Due  to  the 
significant  number  of  rotational  components  in  the  Q-branches  there  is  an  efficient  averaging  over  the  spectra  of 


molecular  transitions  (see,  e.g.  [20-221).  Therefore,  broadband  CARS  spectroscopy  can  be  employed  at  N2 
molecules  with  precision  of  -  3%  RSD  for  single  shot  temperature  measurements. 


In  hydrogen-oxygen  combustion  hydrogen  may  be  used  to  measure  temperature  [23,24].  However,  spectral 
averaging  over  the  transitions  is  not  so  efficient  for  broadband  measurements  using  H2,  because  only  a  few 
narrow  lines  are  observed  in  a  CARS  spectrum  even  at  temperatures  as  high  as  2()()0-3()()0  K,  that  greatly  limits 
attainable  precision  of  temperature  determination. 

One  approach  to  eliminate  this  problem,  which  can  be  attributed  to  the  stochastic  dyelaser  mode  structure,  is  to 
recored  this  dyelaser  structure  for  each  single  shot  and  then  use  this  signal  to  normalize  the  corresponding  CARS 
spectra  from  the  combustion.  For  this  ‘online  referencing’,  an  argon  filled  cell  is  placed  in  the  laser  beam  path. 
The  nonresonant  signal  from  argon  represents  the  dyelaser  mode  structure  transformed  to  the  anti-Stokes  side  of 
the  spectrum.  The  online  referencing  requires  two  spectrographs  and  detectors. 
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Another  approach  is  Dual  Broadband  CARS,  where  two  Stokeslasers  are  employed  to  get  a  more  effective 
averaiiing  over  the  laser  driving  fields.  Especially  if  the  Stokeslasers  are  modeless  lasers,  which  eliminates  the 
noise  due  to  mode  competition  and  reduces  the  noise  in  energy  and  spectral  shape  of  CARS,  caused  by  amplitude 
and  phase  fluctuations  of  the  laser  fields,  a  very  efficient  averaging  over  the  spectra  of  laser  radiation  Citn  be 
achieved.  This  greatly  improves  the  precision  of  temperature  measurements  at  the  hydrogen  molecule  and  ~  3% 
RSD  are  also  possibly  for  H2. 
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Fig.  9 

Experimental  hydrogen  CARS  spectra 
acquired  with  a  DBB-CARS  setup  and 
simulation  of  tlie  spectra 


In  an  atmospheric  coaxial  burner  operated  with  G02  and  GH2,  the  DBB-technique  was  demonstrated  with  very 
good  results.  Tlie  following  figures  show  an  extensive  temperature  mapping  at  such  a  burner  in  two  heights  above 


the  burner  plate. 


Fig.  10  a  and  Fig  10.  b 

Temperature  mapping  and  I  E  density  measurement  at  a  H2/O2  burner 
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3>2  Water 

In  hydrogen/oxygen  combustion,  the  water  molecule  can  also  be  used  for  CARS  thermometry.  Similar  to  the 
nitrogen  molecule,  water  has  many  closely  spaced  rovibrational  transitions,  Rotional  energy  transfer  by  elastic 
collisions  affects  the  spectral  shape.  The  vibrational  relaxation  is  fast,  even  faster  than  for  the  nitrogen  molecule. 
This  leads  to  fast  thermal  equilibrium. 

The  molecular  data  for  water  are  presently  known  to  an  extend  that  the  Vi  band  can  be  modeled.  Water  is  an 
asymmetric  top  molecule  with  three  vibrational  modes.  The  V)  (symmetric  stretch)  and  V3  (antisymmetric  stretch) 
are  at  3657,1  and  3755,9  cm  ’,  respectively,  and  the  V2  (bending  motion)  mode  frequency  is  1594.7  cm  '.  Among 
these  modes,  only  the  Vi  is  strong  enough  to  be  used  for  CARS 

Spectral  averaging  with  conventional  broadband  Stokeslasers  is  efficient  enough  and  it  is  not  necessary  to 
employ  the  more  complicated  ‘online  referencing ’-CARS  or  DBB-CARS  . 


4.  CARS-Thermometrv  on  and  H?0  in  high  pressure  cryogenic  combustion 

Modern  cryogenic  rocket  engines  like  the  Vulcain  have  typical  combustion  efficiencies  exceeding  99  %. 
Nevertheless,  knowledge  about  the  complex  interaction  of  the  liquid  injection  related  processes  like  atomization, 
vaporization,  mixing  and  combustion  is  still  very  poor. 

Up  to  now.  no  modern  laser  diagnostics  have  been  performed  in  this  field  due  to  the  condition  encountered  in 
such  engines.  The  sound  and  vibration  induced  stresses  at  a  big  test  bench  prohibit  the  application  of  delicate 
laser  diagnostic  equipment. 

But  the  increasing  demands  on  performance,  reliability  and  reusability  together  with  the  need  to  have  a  database 
of  reliable  experimental  data  for  design  of  next  generation  engines  raised  the  need  for  more  detailed  knowledge 
about  the  physical  phenomena  in  cryocombustion. 

To  achieve  this  goal,  the  MASCOTTE  test  bench  at  Onera  Palaiseau  and  the  P8  test  bench  at  DLR 
Lampoldshausen  have  been  built  up  as  scientific  test  sites  for  cryogenic  hydrogen/oxygen  high  pressure 
combustion  with  emphasis  to  the  application  of  laser  diagnostics.  Both  test  benches  provide  hardened  diagnostic 
rooms  close  to  the  test  cell  to  accomodate  the  laser  apparatus. 

Some  optical  diagnostics  have  already  been  applied  at  high  pressure  cryocombustion,  largely  emission  and  laser- 
induced  fluorescence  on  the  OH  radical.  However,  the  analysis  of  the  data  is  difficult  because  the  quenching  rates 
are  often  not  known  to  sufficient  accuracy  for  the  high  pressure  environment  and  absorption  of  the  excitation 
laser  beam  by  the  liquid  phase. 

A  notable  exception  is  CARS.  In  the  last  two  decades,  much  basic  research  has  been  done  and  the  intramolecular 
processes  appearing  with  high  pressure  like  energy  transfer  and  linebroadening  effects  are  theoretically 
understood  and  experimental  data  exist  to  describe  this. 

Tlierefore,  it  was  decided  to  employ  CARS  for  the  cryocombustion  diagnostics. 

The  fuel  H2,  the  oxidizer  O2  and  the  combustion  product  H2O  are  potential  CARS  probe  molecules.  Since  CARS 
is  not  accurate  enough  if  the  resonant  molecule  is  of  low  concentration,  02  as  a  minority  species  was  ruled  out. 

4.1  Water  CARS  at  P8 

At  DLR  Lampoldshausen,  a  CARS  temperature  mapping  at  6  Mpa  inside  the  ‘combustion  chamber  C’  was  done 
using  H20  as  a  probe  molecule. 

The  P8  test  bench  has  the  operating  parameters: 

Mass  flow  LOX  0.2...  8  kg/s  at  lOOK 

Mass  flow  GH2  0.05...  1 .5  kg/s  at  T  between  100  and  1 50  K  or  fixed  at  300  K. 

Combustion  chamber  operating  conditions  1  ..300bar  at  30s  run  time 
The  ‘combustion  chamber  C’  ,  a  single  coaxial  injector  design  with  a  rectangular  layout  of  50mm  x  50mm,  was 
tested  at  the  following  conditions  at  6MPa: 

Mass  flow  LOXw  300  g/s  and  mass  flow  GH2  60  g/s. 

Window  cooling  mass  flow  GH2  230  g/s 
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Two  points  about  5  nini  from  the  iiiicklle  axis  were  probed  at  32  mm  and  cS8  mm  distance  from  the  injector.  The 
water  temperatures  at  8(S  mm/5  mm  were  around  1  lOOK.  at  the  other  position,  almost  no  signal  could  be 
recorded. 

The  CARS  system  was  a  conventional  broadband  system  with  a  Nd  :YAG  pumplaser  delivering  the  two  photons 
at  (0/  and  a  dyelaser  for  the  Stokes  frequency  (O.  .  A  whole  spectra  was  generated  with  each  laser  pulse,  dispersed 
in  a  1  m  spectrograph  and  recorded  by  a  gated  multichannel  detector.  The  beam  geometry  was  USED-CARS  with 
a  probe  volume  length  of  2.5  mm. 


P8  Testrun  CW_CA05,  Position  88mm/5mm,  Pressure  6  MPa 
Fit  of  a  single  pulse  water  CARS  spectra 


T  =  800  K 

Experiment 

Theorie 

AbweicMiing 

Normierung 


Fig.  13 

Simulation  of  experiment 
CARS  spectra  acquired  in  P8 
at  6  Mpa. 


P8  Testrun  CW_CA05,  Position  88mm/5mm,  Pressure  6  MPa 
Evolution  of  water  CARS  temperatures  during  test 


Water  CARS 
temperatures  at  P8 
recorded  with  10  Hz 
diirimz  the  test  run 


o-J 


4.2  Simultaneous  two  species  CARS  at  MASCOTTE 

At  Onera  Palaiseau,  an  extensive  temperature  mapping  inside  the  MASCOTTE  combustor  was  performed  as  a 
joint  diagnostics  task  by  Onera  and  DLR.  Here,  pressures  from  O.l  Mpa  up  to  6.5  Mpa  were  probed. 

At  MASCOTTE,  three  diagnostics  groups  from  Onera,  DLR  Lampoldshausen  and  GPI  teamed  together  to 
perform  a  simultaneous  two  species  CARS.  Tlie  reasons  for  this  were  the  following: 

When  performing  CARS  on  the  H2  molecule  alone  at  a  turbulent  combustion,  there  was  during  a  test  run  quite 
often  a  loss  of  signal  even  at  the  same  measurement  point.  In  this  case,  the  hydrogen  concentration  was  low  witli 
high  water  concentration.  Therefore,  a  simultaneous  CARS  at  H2  and  H20  would  always  get  a  least  one  signal 
giving  a  much  increased  understanding  of  combustion  processes.  Obligatory  for  this  approach  was  the 
synchronization  of  two  laser  beams  in  time  and  space  and  the  synchronization  of  the  detection  systems  so  that 
each  pair  of  recorded  spectra  could  be  identified. 

The  MASCOTTE  testbench  („Montage  Autonome  Simplifie  pour  la  Cryocombustion  dans  I’Oxygene  liquide  et 
Toutes  Techniques  Experimentales*')  has  the  following  operating  parameters: 

Mass  flow  LOX  10..400g/s  at  85  K  and  200bar 
Mass  flow  GH2  5..75g/s  GH2  at  lOOK  up  to  ambient 
Combustion  chamber  operating  conditions  1 ..  lOObar  at  30s  run  time 
The  combustion  chamber  itself  was  a  rectangular  channel  of  45  mm  x  45  mm  built  of  modular  sections.  One 
section  was  equipped  with  quartz  windows  for  optical  diagnostics  like  CARS,  LIE,  OH-imaging  and  Schlieren- 
Imaging.  The  main  windows  were  100  mm  long  and  40  mm  high,  the  two  windows  on  top  and  bottom  of  the 
module  were  only  10  mm  wide  and  intended  for  laser  light  sheet  entrance  and  exit.  The  windows  were  cooled 
and  protected  from  hot  gases  by  a  helium  flow. 

The  injector  was  a  single  element  coaxial  injector  with  the  LOX  coming  through  the  inner  tube  and  the  GH2 
through  the  coaxial  slit  surrounding  the  tube.  Two  combustion  conditions  A  and  B  were  probed  at  ambient 
pressure,  at  1  Mpa,  3  Mpa  and  6.5  MPa. 

The  two  CARS  systems  employed  at  MASCOTTE  were  built  on  separate  optical  benches.  The  first 
optical  bench  comprised  a  frequency-doubled  injection-seeded  Nd:YAG  laser  and  a  broadband  dye  laser  that 
generated  the  pump  and  the  Stokes  beams  required  for  the  multiplex  CARS  measurements,  Tlie  Stokes  was 
centered  at  683  nm  to  excite  the  Q-branch  of  hydrogen  with  a  200  cm-1  bandwidth.  An  online  referencing  was 
employed  successfully.  The  second  laser  bench  used  to  probe  water  vapor  consisted  of  a  broadband  dye  laser 
pumped  by  a  multi-mode  Nd:YAG  laser.  Both  laser  pulses  were  synchronized  with  a  delay  of  100  ns  and  a 
temporal  jitter  of  200  ns.  A  planar  BOXCARS  arrangement  was  used  for  the  H2-CARS  system  in  which 
referencing  is  applied  systematically.  For  the  H20-CARS  system,  a  USED-CARS  beam  geometry  was  used.  All 
the  beams  were  combined  and  focused  in  the  combustion  chamber  using  a  200  mm  focal  length  achromat 
yielding  a  typical  1  mm  long,  100  |im  diameter,  probe  volume. 
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Trigger  Generator 


Fig.  15 

The  synchronized  CARS  systems  for  two 
species  detection  at  MASCOTTE 


Measurements  were  performed  at  several  pressures  covering  the  1-65  bar  pressure  range.  For  each 
species,  an  analytical  procedure  has  been  developed  and  employed  to  reduce  CARS  spectra  to  useful  temperature 
despite  the  unknowledge  of  the  mixture  composition  of  the  probe  volume.  A  library  of  pre-calculated  theoretical 
spectra  was  generated  at  50  K  increments  over  a  range  encompassing  the  expected  flame  temperature.  Libraries 
were  generated  for  different  molar  fractions  of  H2  and  H20  in  order  to  characterize  the  effect  of  the  linewidths 
on  the  resulting  CARS  spectral  shape.  The  temperatures  were  evaluated  by  a  weighted  least  squares  of  the 
measured  CARS  spectra  with  the  theoretical  spectra.  The  accuracy  of  the  temperature  was  assumed  to  be  equal  to 
10  %  for  both  CARS  spectra.  In  the  same  time,  the  H20  molar  fraction  is  deduced  from  the  ratio  between  the 
resonant  part  and  the  nonresonant  of  the  H20  CARS  spectra. 

For  each  condition  of  pressure,  an  ensemble  of  about  100  instantaneous  measurements  were  recorded 
during  each  run  of  the  burner.  The  temperature  distributions  displayed  the  degree  of  burnout  which  depended 
primarily  on  the  mixing  of  H2  and  M20.  Agreement  between  the  temperature  profiles  deduced  from  the  H2  and 
the  H20  CARS  spectra,  in  terms  of  the  mean  and  the  standard  deviations,  was  good  especially  in  the  zone  where 
the  combustion  is  partially  finished.  The  high  validation  rates,  defined  as  the  ratio  between  the  number  of  spectra 
successfully  processed  and  the  total  number  of  laser  shots,  demonstrate  the  feasibility  of  CARS  measurements  in 
those  severe  conditions,  even  at  supercritical  pressures.  Analyzing  the  complete  set  of  data  provided  an  insight  of 
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the  flame  structure  and  of  the  evolution  with  the  pressure.  The  main  conclusions  are  the  followings.  The  flowfield 
was  extremely  turbulent  as  indicated  by  tlie  standai'd  deviation  of  the  instantaneous  temperatures.  The  decreasing 
of  the  validation  rate  on  H2  near  the  axis  showed  that  the  stratification  of  die  flowfield  is  very  important  near  the 
injector,  but  vanishes  further  downstream  when  mixing  was  achieved.  The  location  of  the  local  temperature 
maximum  indicates  that  increasing  the  pressure  brings  the  flame  nearer  to  the  injection  plate. 


Fig.  16 

Different  spectra  from  MASCOTTE  showing  ignition  phase  and 
strong  variation  of  spectra  during  test  run 
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Fig.  17 

Water  CARS  spectra 
taken  at  MASCCyPTE. 
Some  hydrogen  lines  are 
to  the  left.  These  cannot 
be  simulated  due  to  low 
excitation  energy. 


5.  Conclusion 


•  CARS  is  a  powerful  diagnostic  tool.  For  the  successful  application  of  CARS  to  technical  conabustion,  basic 
molecular  data  must  be  acquired  at  first. 

•  GPI,  DLR  and  ONERA  have  the  knowledge  and  experience  and  possess  the  necessary  equipment  to  provide 
CARS-spectroscopy  with  qualitative  and  quantitative  information  in  fundamental  research  as  well  as  to 
apply  CARS  in  diagnostics  of  chemical  compositions,  of  population  density  and  temperature  measurements 
at  discharges,  chemical  rectors,  gas  flows  and  technical  combustion. 

•  By  mutual  efforts  CARS  approaches  for  simultaneous  measurement  H2  and  H2O  spectra  in  high  pressure 
cryocombustion  were  developed.  The  instrumental  precision  RSD  3%  for  single  shot  temperature 
measurement  was  achieved. 
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Thrust  Chamber  Requirements  for  Future  Space  Propulsion 
Systems 


Characteristic  Figures  of  Current  and  Future  European  Large 
Cryogenic  Engines 
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Flow  through  Porous  Walls 

General  Assumptions 

—  Oj  '^0  —  0 


Darcy-Velocity 
V  =  eu 


Porosity 

_ 

^  “  Vtot 


Continuity  Equation 

+  vSf  i^pf^)  =  0 

Momentum  Equation  (Darcy,experimental  on  porous 
flat  plate,  Re<  1) 


Modified  Darcy-Equation(Re>  1) 

idpfu  _  (^  I  f  11  ^ 

e  dt  \dr  ' 


M  +  w 


V\  V 


) 


Ap/Po 
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C/C;  8=13% 
p^=1 00  bar,  pressure  loss 


Pressure  loss  over  the  porous  wall  stationary  condition 
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C/C;  £=13% 


Ar/D 


Pressure  loss  over  the  porous  wall  stationary  condition 


Ap  [bar] 
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C/C;  e=13% 

T^=3656K,  u,=322  m/s,  Rof=6,06,  p,=101,4  bar 


t[s] 


Pressure  loss  over  the  porous  wall  during  ignition, 
stationary  condition  and  shut  off 
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Heat  and  Mass  Transfer  in  Porous  Walls 

Properties  of  Porous  Material 

Ps  =  (1  -  e)p 
cps  =  (1  -  e)cp 
As  =  (1  —  e)A 

Energy  Equation  Solid 

r,  rr,  ^  —  fr>.  ST]  -  (t  -  T.\ 

PsCPs  0^  —  r  Qr  Qr )  a  dr  U®  ^f) 

Energy  Equation  Fluid 

_  dT  _  dp  I  1  a  I  °‘3fdAgf^  rn  \  ^ 

Pf^PfW  —  ^  +  f  SF  y^fSF )  +  -  T/)  +  ct) 

Convective  Heat  Transfer 

^Qkonv  —  ^sf^-^sf/rji  rj-i  \ 

dr  —~A  dr 

"  DLR 


temperature  [K] 
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sintered  steel,  8=31% 
T,=3696  K,  p^=10  MPa,  F=0, 00405 


sintered  steel, A  =  3-4  W/mk 
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Thermal  Barrier  Coating 


Combustion  Chamber  Technologies 


Processing  of  EB-PVD  TBC  for  combustion  chamber 


Comparison  Plasma  Spraying  (PS)  and  Electron  Beam  -  PVD 

PS  EB-PVD 
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Increased  Life  Time 
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olumnar  Structure  of  EB-PVD  Thermal  Barrier  Coating 


uft-  und  Raumfahrt  e  V  Gentian  Aerospace  C 


ecimen  holder  with  ZrOo  coated  specimen 


area  specific  mass  loss  [mg/mg] 
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1334-1660 

Pc  [MPa] 

0,11-0,185 

Rof  [-] 

1,06-1,45 

Operating  conditions  for  the  coated  copper  segments 


CuTe  coated  with  ZrO^  using  EB-PVD 
T<,=1538  K-1620  K,  p^=1 ,49  bar-1 ,54  bar,  Rof=1 ,30-1 ,40 


Specific  mass  loss  of  the  coating  surface 
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Fiber  Re-Inforced  Ceramics  Strategy 


Deutsches  Zentrum  fur  Luft-  und  Raumfahrt  e.V.  German  Aerospace  Center 

Manufacturing  of  C/C 


/T 

t 

6 

A 

Precursor 

Fibre  Structure 
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CFRP  -  Manufacturing 

Resin  Transfer  Moulding  /  Autoclave  Technique 


Conversion  to  C/C 
Pyrolysis,  T>900°C,  Inert  Gas 


Combustion  Chamber 
(Effusion  Cooling) 


Conversion  to  Ceramics 
Siliconizing,  ~1600°C 
(Liquid  Silicon  Infiltration) 


Thermal  Protection 
Systems,  Hot  Structures 
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2D -Fabric  Re-Inforcement  Density;  1.4  g/ cm 

Fibre  Volume  Fraction  55  -  65  %  Open  Porosity;  -  15  %  -  25  % 
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Fiber-Ceramic  Probe  in  the  Plasma  Wind  Tunnel 
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Material  Tests  in  PWK^  (FESTIP) 
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Test  Conditions 


C/C-SiC  shows  significant  mass  loss  rate  in  H2-plasma 
( — ►  no  oxidation  effect  possible) 

Admixture  of  O2:  very  high  mass  loss  rates 

( — ►  water  vapour  corrosion) 

Admixture  of  O2:  C/C-SiC  shows  higher  mass  loss 

rate  than  C/C 

( — ►  oxidation  not  dominant) 
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Material  Tests  in  Combustion  Chamber  M3 


Ceramic  Functional  Tests  with  Transpiration  Cooling 
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relevant  coolant  temperatures  (GH2  : 100  K,  LH2) 
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M3  Micro  Combustion  Facility  with  Effusion  Cooled  Segment 


Deutsches  Zentrum  fiir  Luft-  und  Raumfahrt  e.V. 


German  Aerospace  Center 


Operating  Conditions  for  Effusion  Cooling  at  M3 


Rof  =  6.50,  Pr  =  0.58,  Uc  =  260  m/s 

Tc[K] 

3207 

3300 

3360 

3396 

Pc  [kg/ m^] 

0.153 

0.298 

0.436 

0.559 

cpc  [kJ/kgK] 

17.58 

1 5.85 

15.13 

14.54 

Ren  [10^] 

15.51 

28.6 

42.27 

53.1 

Pc  [MPa] 

0.30 

0.605 

0.875 

1.16 

Rof[-] 

6.44 

6.50 

6.74 

6.70 

Total  of  1 00  tests  with 


•  C/C  porous  segments  with  15%,  20  %,  22%,  25% 
porosity 


•  Blowing  ratio  varying  between  0,007  and  0,03 


Deutsches  Zentrum  fur  Luft-  und  Raumfahrt  e.V.  German  Aerospace  Center 
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C/C,  e=15%,  20%.  22%,  25% 
Experimental  results 


DLR 


Temperature  ratio  as  a  function  of  blowing  ratio,  experi 
mental  results  micro  combustion  chamber  M3 


Operating  Conditions  for  Cyclic  Testing  of  Effusion  Cooled  C/C 
Structures 
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Operating  Conditions  for  Functional  Test  at  P8 
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surface  could  be  detected. 
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Functional  Tests  of  Porous  C  /C  for  GH2  Transpiration  Cooling 
Applying  DLR  Mode!  Combustor  at  P8 
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Only  at  the  very  low  end  of  the  blowing  ratio  a  minor  material 
loss  could  be  detected. 
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Thermomechanical  Fluid-Structure  Analysis 
and  Mathematical  Optimization  Techniques  Applied  to 
Cryogenic  Liquid  Rocket  Engine  Design 


Detlef  Kuhl 
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Jorg  Riccius  and  Oskar  J.  Haidn 
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D-74239  Hardthausen,  Germany 


Abstract 

A  coupled  finite  element  fiuid-structure  interaction  analysis  of  regeneratively  cooled 
rocket  combustion  chambers,  which  allows  the  computation  of  the  coolant  fiow  and  the 
heat  conduction  between  the  coolant  and  the  combustion  chamber  structure,  will  be  pre¬ 
sented.  Furthermore,  the  resulting  elastoplastic  deformation  of  the  combustion  chamber 
under  cyclic  thermal  and  mechanical  loading  will  be  analyzed  by  the  Finite  Element 
Method.  The  developed  solution  strategy  of  the  thermo-mechanically  coupled  field  prob¬ 
lem  will  be  studied  and  applied  to  the  prediction  of  the  heat  transfer  and  thermal  load 
induced  deformation  process  of  the  European  rocket  engine  ’Vulcain’.  Based  on  this  re¬ 
sults,  the  failure  mechanism  and  the  parameters  of  failure  of  the  combustion  chamber 
can  be  indicated  which  allows  some  proposals  of  improved  combustion  chamber  design 
concepts  reducing  the  plastic  strains  and  consequently  increasing  the  life  time  of  the 
rocket  engine. 

Beside  the  conceptual  design  given  by  the  engineer,  a  mathematical  optimization  pro¬ 
cedure  based  on  the  Finite  Element  model  of  the  combustion  chamber  is  investigated. 
This  optimization  method  allows  the  improvement  of  an  initial  design  of  the  combus¬ 
tion  chamber  with  respect  to  a  finite  number  of  design  variables  such  that  the  stress, 
plastic  strain  or  temperature  level  is  decreased  and  accordingly,  the  life  time  will  be  in¬ 
creased.  The  main  advantage  of  the  presented  method  is  that  a  design  change  will  be 
determined  automatically  and  the  improvement  of  the  structure  with  respect  to  a  user 
defined  objective  is  guaranteed. 


Key  words 

fluid  fiow  simulation,  thermal  fluid-structure  analysis,  thermo-elasto-plasticity,  non-linear 
finite  element  method,  rocket  combustion  chamber,  cyclic  loading,  optimization,  conju¬ 
gate  direction  methods 
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1  Introduction 

The  cryogenic  hydrogen/oxygen  powered  Vulcain  en¬ 
gine  is  the  main  stage  of  the  European  Ariane  5  space 
transportation  system.  Figure  1  shows  the  scheme  of 
this  regen eratively  cooled  gas  generator  cycle  engine.  At 
the  nominal  operating  point  of  11  MPa,  the  peak  heat 
load  in  the  throat  area  exceeds  80  MW/rrP.  The  re¬ 
generative  cooling  introduces  an  enormous  temperature 
gradient  across  the  combustion  chamber  walls  yielding 
large  heat  fluxes  and  induced  thermal  stresses.  The  re¬ 
sulting  plastic  deformations  of  the  wall  material  limit 
the  combustion  chamber  life.  Experimental  investiga¬ 
tions  by  Quentmeyer^^’  have  demonstrated  that 
low-cycle-fatigue  and  creep  are  the  main  reasons  for 
material  failures.  Figure  2  shows  a  sketch  of  a  combus¬ 
tion  chamber  cross  section  emphasizing  characteristic 
features  of  a  regeneratively  cooled  combustion  cham¬ 
ber  such  as  cooling  channel  geometry,  failure  location, 
chamber  wall  and  outer  liner  materials. 


1.1  Motivation 


The  increasing  requirements  regarding  the  performance 
of  cryogenic  liquid  rocket  engines  in  combination  with 
the  need  to  continuously  reduce  the  operational  cost 
has  led  to  the  idea  of  reusable  space  transportation 
systems.  Since  all  reusable  systems  are  based  on  an  in- 


gas  generator 
LH2  turbo  pump 
LOX  turbo  pump 


coaxial  injector 
combustion  chamber 
hot  gas  side  wall  (Cu) 
coolling  channel 
jacket  (Ni) 
heat  transfer 
throat  f\ 

pressure  load 
manifolder  f\ 
nozzle 

Ariane  5  - 

Vulcain  - 


Figure  1:  Schematic  view  of  the  regeneratively  cooled 
combustion  chamber  Vulcain 


Figure  2:  Throat  of  the  combustion  chamber:  modeling, 
characteristic  failure  and  optimization  model  (opt) 


creased  combustion  chamber  life,  the  current  research 
and  technology  activities  at  DLR  Lampoldshausen  aim 
at 

•  a  detailed  understanding  of  the  failure  mechanisms, 

•  the  development  of  a  tool  for  the  prediction  of  the 
combustion  chamber  life 

•  an  optimized  design  of  the  combustion  chamber. 
Prior  to  the  realization  of  these  items,  the  general  prob¬ 
lem  of  heat  and  mass  transfer  in  a  combustion  chamber 
of  a  liquid  rocket  engine  has  to  be  solved:  The  predic¬ 
tion  of  injection,  atomization,  mixing  and  combustion 
of  the  propellants  as  well  as  the  hot  gas  flow  in  the 
combustion  chamber,  the  heat  transfer  from  the  hot 
gas  side  to  the  wall,  further  into  the  structure  and  into 
the  coolant,  and,  finally,  the  coolant  flow  itself.  The 
basis  for  a  deeper  understanding  of  the  failure  mech¬ 
anisms  of  current  combustion  chamber  designs  are  de¬ 
tailed  experimental  data,  material  and  failure  laws,  and 
numerical  simulations  of  the  structural  behaviour,  com¬ 
pare  Kuhl,  Woschnak&Haidn22  and  Kuhl^o.  Im¬ 
proved  and  validated  models  for  low-cycle-fatigue  and 
creep  have  to  be  implemented  in  a  finite-element-code 
together  with  the  appropriate  boundary  conditions  in 
order  to  realize  a  tool  for  combustion  chamber  life  pre¬ 
diction.  The  automatic  design  optimization  requires 
the  solution  of  the  inverse  thermo-mechanical  problem. 
Therefore,  mathematical  programming  or  optimization 
methods  will  be  applied  to  improve  future  develop¬ 
ments  of  combustion  chambers,  see  Kuhl  et  al. 

It  is  expected  that  the  combination  of  the  obtained  de¬ 
sign  tools  and  results  yields  an  improvement  of  both, 
coolant  side  heat  transfer  and  the  combustion  chamber 
geometry  and  will  increase  the  life  time  of  cryogenic 
liquid  rocket  engines. 
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1.2  Direct  thermo- mechanical  problem 

The  modeling  and  the  simulation  of  the  direct  thermo¬ 
mechanical  problem  is  focused  on  the  coolant  flow  and 
the  deformation  of  the  combustion  chamber  wall.  The 
effect  of  the  combustion  chamber  flow  and  heating 
on  the  hot  gas  side  is  introduced  due  to  prescribed 
boundary  conditions,  namely  the  combustion  cham¬ 
ber  pressure  ph  and  the  hot  gas  side  heat  flux  = 
^h))  obtained  from  experiments  by  Fischer, 
Popp&QuentmeyerI^.  The  thermo-mechanical  fluid- 
structure  model  is  subdivided  in  the  coupled  fluid-flow 
and  thermal  field  problem  and  the  thermo-mechanical 
structural  problem,  whereby  the  parts  are  connected 
by  the  heat  transfer  qc  =  ac  {Oc  ~  0)  and  the  pres¬ 
sure  Pc-  For  the  sake  of  simplicity  the  geometry  of  the 
combustion  chamber  wall  and  the  cooling  channel  is 
substituted  by  a  representative  geometry,  given  by  a 
three  dimensional  straight  cooling  channel  and  thermal 
structural  model  and  a  plane  stress  thermo-mechanical 
structural  model  as  sketched  in  Figure  3. 


1.3  Optimization 

Based  on  the  direct  problem  described  in  section  1.2  the 
inverse  problem  can  be  solved.  Within  the  framework  of 
the  inverse  problem,  loads  and  material  as  well  as  man¬ 
ufacturing  restrictions  are  given  and  the  design  of  the 
combustion  chamber  should  be  generated  in  away  to  ob¬ 
tain  an  optimal  behavior  with  respect  to  a  well  defined 
objective.  The  inverse  problem  is  solved  by  methods  of 
mathematical  programming  where  the  solution  of  the 
direct  problem  is  included  in  order  to  determine  the  ob¬ 
jective  and  the  sensitivity  of  the  objective  with  respect 
to  the  design  parameters.  Practically,  the  application 
of  optimization  methods  are  restricted  to  an  additional 
optimization  loop  in  the  program  code  including  the  so¬ 
lution  procedure  of  the  direct  problem.  Consequently, 
these  methods  may  be  simply  applied  in  order  to  calcu¬ 
late  the  optimal  design  of  combustion  chambers.  Within 
this  paper,  optimization  methods  and  their  application 
to  the  optimization  of  combustion  chamber  design  is 
investigated  by  means  of  a  linear  thermo-mechanical 
model  problem  of  the  combustion  chamber  are  pre¬ 
sented. 


2  Governing  equations 

The  thermo-mechanically  coupled  boundary  value 
problem  of  the  interacting  coolant  flow  and  the  com¬ 
bustion  chamber’s  structure  is  governed  by  the  conser¬ 
vation  laws  of  mass,  momentum  and  energy  as  well  as 
the  related  boundary  conditions,  whereby  the  conserva¬ 
tion  of  mass  is  explicitly  satisfied  for  the  solid  approach. 
First,  four  essential  simplifications  are  made  in  order  to 
obtain  a  system  of  differential  equations  which  can  be 


Figure  3:  Computational  model  of  the  combustion 
chamber 


solved  robustly  and  eflFectively  by  Finite  Element  dis¬ 
cretization  techniques: 

Assumption  1:  The  system  behavior  is  independent  of 
time,  a  steady  state  formulation  is  sufficient. 

Assumption  2:  The  fluid  flow  is  incompressible. 

Assumption  3:  The  fluid  properties  dynamic  viscosity 
fi  and  density  p  are  independent  on  the  temperature. 

Assumption  4:  The  isotropic  conductivity  A  of  the  fluid 
and  the  structure  are  independent  on  the  temperature. 

Assumption  5:  The  deformations  of  the  structure  are 
small,  a  geometrically  linear  description  is  sufficient. 

The  computational  model  of  the  combustion  cham¬ 
ber,  the  solid  and  fluid  subdomains  and  the  bound¬ 
aries  for  the  formulation  of  the  thermo-mechanical 
fluid-structure-interaction  problem  are  illustrated  in 
Figure  3.  Based  on  the  the  Assumptions  1  the  5  to 
thermo-mechanical  system  of  the  combustion  chamber 
is  uniquely  described  by  the  velocity  field  of  the  fluid 
tfc,  the  coupled  temperature  field  of  the  fluid  and  the 
structure  the  displacement  field  of  the  structure  u 
and  the  local  history  variables  of  the  non-linear  mate¬ 
rial  law  and  a.  For  the  formulation  of  the  differential 
equations  in  the  following  sections  compare  the  related 
literature  (see  e.g.  Malvern^s,  Marsden&Hughes^^, 
HirschI^  and  Lewis  et  al.25). 


2.1  Mechanical  fluid  field 

If  the  Assumptions  1-3  are  considered,  the  Navier- 
Stokes  equations,  explicitly  the  conservation  of  mass 
and  momentum,  circumstantiate  that  the  fields  of  the 
velocity  vector  u{x^p)  and  the  pressure  p{x^u)  are 
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independent  of  the  temperature  field  The 

conservation  of  mass  is  given  by  the  divergence  free 
velocity  field. 

V  •  w  =  0  V  a;  G  He  (1) 

If  no  external  forces  are  applied,  the  equation  of  motion 

V  •  (p  w  (8)  u  —  cr)  =  0  V  X  e  flc  (2) 

is  given  as  a  function  of  the  density  p,  the  velocity 
vector  u{x)  and  the  stress  tensor  cr(a:,w).  The  stress 
tensor  a  is  defined  by  the  constitutive  law  including 
the  pressure  p(x),  the  isotropic  dynamic  viscosity  p 
and  the  viscous  shear  tensor  t{x^u)  of  a  Newtonian 
fluid. 

r  =  2  /X  =  /i  [V«  +  {Viif] 

or  =  -p  /2  +  r 

Herein,  I2  denotes  the  rank-2  unit  tensor.  The  pressure 
can  be  determined  for  a  prescribed  velocity  field  by  the 
evolution  of  the  divergence  of  equation  (2)  considering 
equations  (1)  and  (3). 

•  (w  (S>  w  4-  p  12)  =  0  (4) 

Dirichlet  boundary  conditions  are  given  by  the  ve¬ 
locities  at  the  inlet,  the  non-slip  condition  at  the 
cooling  channel  wall,  the  symmetry  conditions  and  the 
pressure  at  the  outlet. 

u  >  n  =  ui  ii  X  n  =  0  V  aJGFi 
w  =  0  V  X  G  Pc 

u  •  n  =  0  VxGFcs 

p  =P2  V  X  G  F2 


2.2  Thermal  fluid  field 

If  no  heat  sources  and  external  forces  are  applied  and 
assumption  1  is  considered,  the  conservation  of  energy 
is  given  in  terms  of  the  convective  heat  flux  of  the 
specific  total  energy  /i(x,tt,^),  the  diffusive  flux  of 
energy  q{x^6)  and  the  work  performed  by  the  internal 
stresses  or  •  u. 

V'{puh-\-q  —  a'ii)  — 0  V  x  G  (6) 

Herein,  the  total  energy  is  given  by  the  sum  of  the 
kinetic  energy  u^(x)/2  and  the  internal  energy  e(x,0). 

i  u  •  u  -j-  e  (7) 

Furthermore,  the  constitutive  laws  connect  the  tem¬ 
perature  field  to  the  diffusive  heat  flux  and  the  specific 
internal  energy  to  the  temperature  field, 


q  —  ~W9  ,  e  =  c9  (8) 

where  A  represents  the  isotropic  conductivity  and  c  the 
specific  heat  coefficient.  Thermal  boundary  conditions 
are  given  at  the  in-  and  outlet,  the  cooling  channel 
wall  and  the  symmetry  plane  Fc^. 

9  =  9i  V  X  G  Fi 

^  =  V  xGFc  (9) 

g*n  =  0  V  X  G  {Tes  ,  F2} 


2.3  Thermal  structural  field 

Assuming  a  stationary  temperature  field  9{x)  (as¬ 
sumption  1),  the  energy  balance  law,  given  for  the  heat 
source  free  case,  connects  the  heat  flux  q{x^9)  to  the 
internal  dissipation  'D’^^^{x,u,9)  resulting  from  the 
plastic  deformation  of  the  material. 

V  ‘  Q  =  ^int  X  G  {Hcti  ,  (19) 

The  constitutive  law,  namely  the  Fourier  law,  defines 
the  heat  flow  as  a  function  of  the  temperature  field. 
With  the  assumption  of  an  isotropic  conductivity  A, 
the  heat  flux  of  the  combustion  chamber’s  structure  is 
given  by  the  gradient  of  the  temperature  field. 

q  =  -XV9  (11) 

All  the  boundary  conditions  of  the  thermal  field  are 
Neumann  boundary  conditions,  described  by  symmetry 
conditions,  adiabatic  conditions  at  the  environment 
surface,  the  experimentally  evaluated  film  coefficient 
ah  with  respect  to  the  bulk  temperature  9h  at  the  hot 
gas  side  (representing  the  normal  heat  flux  Qh  =  q  ' 'n) 
and  the  numerically  evaluated  film  coefficient  ac  at  the 
coolant  side  with  respect  to  the  bulk  temperature  9c 
(representing  the  normal  heat  flux  Qc), 

q^n  —  0  V  X  G  {F^^  ,  Fg} 

q  .  n  =  Qh  -  ah  {9  -  9h)  V  x  eVh  (12) 

q  ‘  n  =  Qc  ac  (9  -  9c)  V  x  G  Fg 


2.4  Mechanical  structural  field 

Considering  Assumptions  1  and  5,  the  deformation  of 
the  combustion  chamber’s  structure  is  described  by  the 
displacement  field  u{x,9),  dependent  on  the  position 
vector  and  the  applied  temperature  field  ^(x).  For  the 
quasi-static  case,  the  displacement  field  in  absence 
of  prescribed  body  forces  is  determined  by  Cauchy’s 
equation  of  motion. 

V  •  cr  =  0  V  X  G  {ncu  ,  (13) 
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Herein,  c7(0,€,a)  represents  the  Cauchy  stress  tensor, 
given  as  a  function  of  the  temperature  field,  the 
Green  strain  tensor  e{x^u)  and  the  internal  variables 
a(x,u,6).  The  stress  tensor  is  related  to  this  field 
variables  by  the  constitutive  or  material  law  as  de¬ 
scribed  in  section  2.5.  According  to  a  geometrically 
linear  description  (assumption  5),  the  strain  tensor  is 
defined  by  the  symmetric  part  of  the  gradient  operator 
applied  to  the  displacement  field. 

e  =  =  i  [Vu  +  (Vu)^]  (14) 

/i 

In  order  to  solve  the  system  of  differential  equations 
(13),  the  mechanical  boundary  value  problem  should 
be  completed  by  the  associated  boundary  conditions. 
These  are  symmetry  conditions,  the  pressure  free 
environment,  the  experimentally  evaluated  hot  gas  side 
pressure  ph  and  the  cooling  channel  pressure  Pc- 

•  n  =  0  V 
n  •  cr  •  n  =  0  V 
n-a  -71=  Ph  V 
n  ‘  a  n=  Pc  V 


2.5  Non-linear  material  law 

The  solution  of  the  equation  of  motion  (13)  requires 
the  calculation  of  the  stress  tensor  as  a  function  of 
the  total  strains  and  the  temperature.  Therefore,  a 
material  model  has  been  chosen,  which  can  be  char¬ 
acterized  by  the  von  Mises  yield  function,  associative 
small  strain  plasticity,  a  linear  kinematic  hardening 
rule  and  temperature  dependent  material  properties. 
The  thermal  field  is  assumed  to  be  constant  within  the 
deformation  process.  Consequently,  only  the  temper¬ 
ature  dependent  material  properties  and  the  thermal 
strains  couple  the  thermal  and  the  mechanical  field. 
The  basic  theory  described  e.g.  in  Lemaitre& 

Chaboche24,  lubliner26,  SimoMughes^^,  Simons 
and  Kleiber will  be  summarized  and  applied  to  the 
calculation  of  the  rocket  combustion  chamber. 

As  a  basis  for  the  definition  of  the  non-linear  material 
behavior,  the  infinitesimal  strain  tensor  e  is  additively 
splitted  in  an  elastic  e^{x,u,0)^  a  thermal  e^{XjO)  and 
a  plastic  part  €^{x,u,0). 

e  =  ==  -f  +  eP  (16) 

Thermal  strains  of  isotropic  materials  are  determined 
by  the  thermal  expansion  coefficient  a  and  the  dif¬ 
ference  between  the  current  temperature  9  and  the 
reference  temperature  0  representing  the  temperature 
of  manufacturing. 

=  a  iO-O)  h  (17) 

The  stress  tensor  is  described  by  the  elastic  stress 


X  6  Tss 
xeVe 
xeTh 
xeTc 


(15) 


strain  relation  and  the  constitutive  tensor  C{9) 

(T  =  C:e^=C:(e-€P-€^)  (18) 

given  in  terms  of  the  temperature  dependent  Lame 
material  parameters  A(^)  and  /i(^)  and  the  rank-4  unit 
tensor  I4 

C  =  A  J2  ®  /2  +  2  p  J4  (19) 

or  the  Young  modulus  E{9)  and  the  Poisson  ratio  i/. 

E  u  E 

^  "  (1  -  2  I/)  (1  +  !/)  ’  ^  ""  2  (1  +  Z^) 

Plastic  deformations  are  characterized  by  the  von  Mises 
yield  function  and  the  linear  kinematic  hardening  rule. 


/(cr,  a,  9)  =  lldevcr  -  a||  — 


(21) 


Herein,  a  are  the  second  order  tensor  valued  internal 
hardening  variables  defining  the  center  of  the  von 
Mises  yield  surface  with  a  :  I2  =  0,  cry  (9)  is  the 
temperature  dependent  yield  stress  and  the  deviator  of 
a  tensor  is  defined  as  follows: 

dev(.)  =  (•)  -  i  (•)  :  h  h  (22) 

The  flow  rule  and  the  linear  kinematic  hardening  law 
for  associative  plasticity  are  formulated  in  evolution 
equations  by  means  of  the  consistency  parameter  7, 


de^  __  .  devor  ~  a 
dt  ^  lldevcr  —  a|| 


=  7  n 


(23) 


where  n  defines  the  normal  tensor  of  the  yield  surface 
including  the  direction  of  the  plastic  flow.  The  evolu¬ 
tion  of  the  kinematic  hardening  variables  is  defined 
in  terms  of  the  kinematic  hardening  modulus  if  (6) 
related  to  the  material  parameters  evaluated  by  the 
uniaxial  tension  test,  namely  the  Young  modulus  E(6) 
and  the  tangent  modulus  T(^). 


.  .  2  .  2  £;t 

a:  =  7-'iin  =  7  n 

^3  ^  3E-r 


(24) 


Furthermore,  the  Kuhn-Tucker  loading/unloading 
conditions  and  the  consistency  condition 


7>0,  /  <0,  7/  =  0,  7/  =  0  (25) 


have  to  be  satisfied.  With  7  >  0,  the  consistency  condi¬ 
tion,  the  time  derivative  of  the  yield  function  (equation 
(21))  and  the  assumption  of  an  associative  flow  rule, 
the  consistency  parameter  can  be  determined. 


3  ji 

7  =  - n  :  € 

3  ^  “h  if  +  (Jy 


(26) 


Applying  equations  (18,23,26)  yields  the  rate  of  the 
stress  tensor  related  to  the  rate  of  the  total  strain 
tensor 
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&  =  C  :  (e-kP-k^)  =  C:(k-nj)  =  C^’’:k  (27) 

by  the  continuum  elastoplastic  tangent  operator 
which  is  identical  to  C  given  in  equation  (19)  for  7  =  0 
and  calculated  by 


S  ILL H  ay 


n(^n 


(28) 


for  plastic  deformations  defined  by  7  >  0.  Finally,  the 
influence  of  the  plastic  deformation  to  the  thermal 
field  0{x),  the  internal  dissipation  included  in  the 
conservation  law  of  energy  (10),  will  be  determined. 
The  internal  dissipation  is  given  in  terms  of  the  work 
done  by  the  stresses  and  the  plastic  strains  cr  :  as 

well  as  in  terms  of  the  hardening  variables  a  and  the 
derivative  of  the  yield  function  /(or,  a)  (equation  (21)) 
with  respect  to  the  hardening  variables. 


^int  —  4-  : 


df{(T,a)  . 


da 


7  =  (<T  -  a)  :  (29) 


3  Solution  technique 


Figure  4  for  =  0  and  consequently  to  a 

sequential  coupled  fluid- structure  problem.  Fi¬ 
nally,  the  previously  explained  simplifications 
yield  the  following  sequential  solution  strategy: 

1.  Solve  the  non-linear  system  of  difierential  equations 
(1,2)  for  the  velocity  field  u{x)  of  the  fluid. 

2.  Solve  the  coupled  energy  equations  (6,  10)  of  the 
fluid  and  the  solid  domain  for  the  temperature  field 
O(x^ii). 

3.  Solve  non-linear  equation  of  motion  (13)  for  the  dis¬ 
placement  field  u{XjO)  of  the  structure. 

Note,  that  steps  1  and  3  require  only  standard  dis¬ 
cretization  and  non-linear  solution  methods,  whereas 
the  execution  of  step  2  enforces  the  coupled  solution 
of  the  thermal  fields  of  the  fluid  and  the  structure. 
This  problem  results  in  linear  differential  equations  if 
the  dynamic  viscosity  fi  and  and  the  conductivity  A 
of  the  fluid  are  assumed  to  be  constant  within  the  the 
considered  temperature  range  (assumtions  3  and  4). 

The  coupling  of  the  thermal  fields  6{x)  V  x  e 
can  be  realized  based  on  the  equivalence 
of  the  type  of  the  differential  equations  (6)  and  (10). 
Consequently,  the  coupled  field  problem  can  be  solved 
by  a  pure  fluid  code  introducing  the  restriction 


The  previously  described  multiple  field  boundary  value 
problem,  governed  by  the  fluid  problem  of  the  coolant 
flow,  the  thermal  fluid-structure  interaction  and  the 
thermo-mechanical  problem  of  the  combustion  cham¬ 
ber  structure,  a  coupled  field  solution  strategy  and  the 
Finite  Element  discretization  wall  be  applied. 

3.1  Coupled  field  problem 

Summarizing  previous  sections,  the  coolant  flow,  the 
heat  transfer  and  the  structural  deformation  are  com¬ 
pletely  described  by  the  differential  equations  and  cou¬ 
pling  fields  or  coupling  boundary  values  illustrated  in 
Figure  4.  In  the  middle  of  this  diagram  the  differen¬ 
tial  equations  are  shown.  The  left  side  demonstrates  the 
coupling  of  these  equations  from  the  top  to  the  bottom, 
whereas  the  right  side  shows  the  coupling  in  the  oppo¬ 
site  direction.  As  mentioned  before,  the  velocity  field 
of  the  coolant  flow  is  independent  of  the  other  fields 
but  influences  the  thermal  field  of  the  fluid  as  well  as 
the  displacement  field  of  the  structure.  Remember,  that 
this  one-way-coupling  is  based  on  assumptions  2-5.  In 
contrast  to  this,  the  other  fields  are  fully  coupled.  How¬ 
ever,  if  a  further  assumption  is  introduced,  the  solution 
process  will  be  significantly  simplified. 

Assumption  6:  In  comparison  to  the  high  thermal 
loading  of  the  combustion  chambers  structure  within 
the  boundaries  the  influence  of  the  internal  dissipation 
Pint  to  the  thermal  field  is  negligible  . 

Assumption  6  leads  to  an  only  one-way-coupled 
thermo-mechanical  problem  of  the  structure,  see 


=  0  V  X  e  ,  Oni}  (30) 

as  proposed  by  Emery,  Cochran  ^  Pepper  It 
is  worth  to  note,  that  alternative  strategies  for  the 
solution  of  the  combustion  chambers  thermal  fluid- 
structure  problem  are  discussed  by  KUHL,  WOSCHNAK 
&:Haidn22  and  WosCHNAK  &Kuhl40  whereby  the 
method  characterized  by  equation  (30)  was  refereed  by 
the  adjectives  effective  and  accurate. 

Based  on  above  given  statements,  the  thermal  field  of 
the  combustion  chamber  can  be  calculated  in  a  single 
calculation.  However,  with  respect  to  the  following  Fi¬ 
nite  Element  solution  technique  the  complete  three  di¬ 
mensional  temperature  distribution  of  the  combustion 
chamber  is  calculated  by  the  fluid  analysis  and  the  heat 
flux  Qh  at  the  position  of  the  plane  structural  analysis  is 
determined  by  a  post-processing  procedure,  firstly,  and 
used  as  thermal  boundary  condition  to  the  one-way  cou¬ 
pled  plane  thermo-mechanical  structural  problem,  sec¬ 
ondly.  This  step  by  step  strategy  is  favored,  because  it 
allows  the  combined  three  and  two  dimensional  analy¬ 
sis  as  well  as  different  adapted  Finite  Element  meshes 
for  the  fluid  and  structural  analysis  of  the  combustion 
chamber  (compare  Figure  6). 


3.2  Modeling  of  turbulence 

Note,  that  the  previous  sections  2.1  and  2.2  constitute 
a  complete  description  of  the  fluid,  which  can  be  solved 
directly  for  laminar  and  also  for  turbulent  flows.  Never¬ 
theless,  for  the  direct  solution  of  turbulent  flows  a  very 
fine  discretization  is  required  which  is  not  realizable 
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Figure  4:  Coupling  of  the  thermomechanical  fluid-structure  problem 


jet  even  on  super  computers  for  the  complete  cooling 
channel  flow.  In  order  to  solve  this  kind  of  flow  with 
a  finite  discretization,  the  effect  of  the  turbulent  mo¬ 
tion  will  be  described  by  the  averaging  of  the  turbulent 
quantities  and  the  additional  modeling  of  turbulence  by 
the  k-e  model  (see  Launder  Spalding  ^3).  Herein, 
the  state  variables  9  in  equations  (2,  4,  6)  are  aver¬ 
aged  quantities  and  the  dynamic  viscosity  in  equation 
(3)  and  the  conductivity  A  in  equation  (8)  have  to  be 
substituted  by  the  related  effective  values  pie  and  Ag 
calculated  as  the  sum  of  the  molecular  and  turbulent 
quantities. 

/ig  =  /X  +  /it  ,  Ag  =  A  +  At  (31) 

The  turbulent  diffusive  transport  coefficients  fit  and  At 
are  defined  by 

C4  k  p  ^  C4  k  pc  /'oo^ 

=  =  (32) 

where  Ci  are  empirical  constants,  Prt  is  the  turbulent 
Prandtl  number,  k{x^u^e)  is  the  turbulent  kinetic  en¬ 
ergy  and  e{x^u,k)  represents  the  turbulent  energy  dis¬ 
sipation.  k  and  e  are  defined  by  coupled  transport  equa¬ 
tions. 


u^\^k=  C4  —  V  •  (Vti  +  V^u)  •  ii 


it  •  Ve  =  Cl  (74  k  V  ■  (Vit  +  V^ii)  ■  u 

The  boundary  conditions 


k  =  ki 
k  =  0 
n  •  Vfc  =  0 


e  -£i  V  X  eTi 
8  =  0  V  X  eTc 
ri’Ve  V  X  e  {T2  ,  Pcs} 


(33) 


(34) 


(35) 


complete  the  turbulence  model.  Notice,  that  the  turbu¬ 
lence  modeling  requires  the  additional  solution  of  state 
variables  k  and  8.  However,  the  global  solution  tech¬ 
nique  described  above  is  not  influenced  by  the  turbu¬ 
lence  modeling,  only  the  solution  of  the  velocity  field 
has  to  be  extended  by  the  transport  equations  (33)  and 
(34).  Consequently,  equations  (2,  33,  34)  have  to  be 
solved  being  coupled,  whereas  the  energy  equation  (6) 
is  only  one-way  coupled  to  the  turbulence  quantities  k 
and  8  by  the  effective  dynamic  viscosity  pe  and  effective 
conductivity  Ag. 


3.3  Discretization  of  the  fluid 


The  solution  algorithm  for  the  fluid  flow  analysis  ap- 
plys  a  Galerkin  Finite  Element  approach  to  transform 
the  set  of  partial  differential  equations  into  a  system 
of  algebraic  equations  for  the  primary  unknowns.  For 
each  degree  of  freedom,  the  transport  equation  can  be 
formulated  as  a  stationary  problem.  In  this  analysis  the 
transport  equations  consist  of  an  advective  and  a  diffu¬ 
sive  term.  For  the  discretization  of  the  advective  term 
and  due  to  stabilization  requirements  the  streamline 
upwind  approach  (see  e.g.  Rice  &  Schnipke  36)  has 
been  used.  For  the  discretisation  of  the  diffusion  terms 
the  standard  method  of  the  weighted  residuals  (see  e.g. 
Zienkiewicz&Taylor^^)  is  applied. 

The  solution  of  the  resulting  algebraic  equation  sys¬ 
tem  of  the  fluid  flow  uses  an  uncoupled  approach.  This 
means,  that  each  field  variable  is  solved  in  a  sequen¬ 
tial  way  with  intermediate  values  of  the  other  quan¬ 
tities  from  the  previous  global  iteration.  A  segregated 
velocity-pressure  solution  algorithm,  called  Fractional 
Step  Method,  is  applied  (compare  Hirsch^'^). 
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3.4  Integration  of  the  material  law 

The  numerical  solution  of  material  evolution  laws  for 
the  plastic  strain  tensor  and  the  internal  variable 
tensor  a  is  realized  as  proposed  by  SiMO  &  Hughes 
and  SiMO^^.  Therefore,  the  initial  value  of  the  the  in¬ 
ternal  variable  tensor  has  to  be  defined  and  its  evolu¬ 
tion  within  the  time  should  be  integrated  in  a  numer¬ 
ical  manner.  The  application  of  the  implicit  backward 
Euler  integration  to  the  evolution  equations  (23)  and 
(24)  yields  the  time  discrete  description  of  the  plastic 
strains  and  the  hardening  variables.  The  calculation  of 
the  stresses  and  strains  at  the  end  of  the  time  step  is 
realized  in  a  common  manner  by  an  operator  split  in 
a  purely  elastic  step  and  a  closest-point  projection  of 
the  so  called  trial  state  onto  the  yield  surface.  By  this 
procedure  the  current  stress  tensor  and  the  algorithmic 
elasto-plastic  tangential  will  be  obtained. 


3.5  Discretization  of  the  structure 


Figure  5:  Geometry  of  the  combustion  chamber 


The  solution  of  the  local  differential  equations  describ¬ 
ing  the  thermal  and  the  mechanical  field  of  the  com¬ 
bustion  chamber’s  structure  is  realized  by  the  Finite 
Element  Method.  As  the  mechanical  problem  is  non¬ 
linear,  the  thermal  and  mechanical  load  is  applied  step 
wise  and  the  iterative  Newton-Raphson  solution  strat¬ 
egy  is  used  in  every  load  step.  As  the  mentioned  meth¬ 
ods  are  familiar  to  the  reader,  we  only  refer  to  the  re¬ 
lated  literature  (see  e.g.  Hughes  Zienkiewicz  ^ 
Taylor^^  Crisfield^’ Bathe^  Lewis  et  al.^s 
and  Kleiber  1^). 


4  Thermomechanical  analysis  of 
the  rocket  engine  Vulcain 


In  order  to  demonstrate  the  performance  and  efficiency 
of  the  proposed  solution  strategy  it  will  be  applied 
to  the  analysis  of  the  currently  employed  liquid  hy¬ 
drogen/oxygen  main  engine  ’Vulcain’  of  the  European 
space  transport  system  ’Ariane  V’.  The  geometry  of  the 
cooling  channel  and  the  structural  model  are  summa¬ 
rized  in  Figure  5.  In  order  to  avoid  the  transfer  of  high- 
tech  knowledge  of  the  producing  industry  (Daimler- 
Crysler  Aerospace),  the  given  data  set  represents  only 
a  qualitative  model  of  the  combustion  chamber,  gen¬ 
erated  by  informations  available  from  the  literature, 
published  by  Frohlich  et  al.  Fischer,  Popp  Sz 
Quentmeyer^^  and  Popp&:Schmidt^^.  The  applied 
material  properties  of  the  copper  alloy  and  the  nickel, 
obtained  from  POPP  &:SCHMIDT^^,  and  the  additional 
assumption  of  linear  varying  material  properties  as  a 
function  of  the  temperature  and  the  material  proper¬ 
ties  of  the  hydrogen  are  summarized  in  Table  1. 


4.1  Fluid  flow  simulation 


For  the  analysis  of  the  velocity  and  temperature  fields 
of  the  coolant  flow  (and  the  structure)  the  model 
problem  given  in  Figure  5  is  discretized  by  three 
dimensional  8-node  finite  elements.  In  the  first  part 
of  the  cooling  channel  an  adiabatic  flow  is  assumed, 
the  length  of  this  part  is  chosen  such  that  the  velocity 
boundary  layer  is  fully  developed.  In  the  second  part 
the  thermal  flow  between  the  coolant  and  the  structure 
is  considered.  The  position  reference  plane  is  chosen 
according  to  the  thermal  boundary  layer.  The  flow 
conditions,  the  parameter  and  the  boundary  conditions 
of  the  turbulence  model  are  given  as  follows  (compare 
Launder  &  Spalding  23). 


01  =  60  K,  ui  =  160  P2  =  14.5  MPa 

Pr^  =  1.0,  h  -  3.84  £i  =  12800  ^ 

Cl  =  1.44,  C2  =  1.92 
C3  =  1.3,  C4  =  0.09 


(36) 


4.2  Thermal  fleld  and  heat  transfer 
analysis 

If  the  boundary  conditions  at  the  hot-gas  side  of  the 
thermal  fluid  model 

kW 

a„  =  28— ,  eh=S53SK  (37) 

are  recruited,  the  thermal  field  of  the  fluid  and  structure 
can  be  analyzed.  Figure  7  demonstrates  the  evolution 
of  the  temperature  field  with  the  longitudinal  position 
z.  Figure  8  shows  the  circumferential  distribution  of 


modeling 

Young’s  modulus 
tangent  modulus 
yield  stress 
Poisson’s  ratio 
dynamic  viscosity 
density 

thermal  expansion 
conductivity 
specific  heat 


hydrogen 
Newtonian  fluid 


E[GPa] 

T[MPa] 

ay  [M Pa] 

W-] 


6.5173  10-® 
49.72 

0.10657 

15125 


copper  alloy 
von  Mises 

lin.  kinematic  hardening 
148  -  0.073 
602  -  0.690  jr 
232-0.138 


(9130) 
1.72  10-5 
310 
(373) 


nickel 

Saint  Venant-Kirchhoff 


(8910) 

T221(r^ 

75 

(444) 


Table  1:  Material  properties  of  hydrogen,  copper  alloy  and  nickel 


radial  displacement 

-Uy  [jum] 

1  1 

deformed 

1  230 

240 

250 

260 

270 
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4.3  Structural  deformation  by  single 
loading 


For  tlio  non-linear  structural  analysis  of  the  combustion 
chamber  by  a  load  controlled  Newton-Raphson  itera¬ 
tion,  where  1000  steps  are  applied  to  reach  the  full  pres¬ 
sure  and  thermal  loads  characterized  by  the  load  factor 
A  =  1  and  the  interval  A  €  [0, 1]  defines  the  successive 
loading  process.  Figure  6  illustrates  the  discretization 
and  the  displacement  field  as  the  result  of  the  single 
loading  by  the  thermal  field  and  the  pressures.  The  de¬ 
formed  structure  clearly  shows  the  shrinking  as  a  result 
of  the  decreasing  temperature  of  the  nickel-jacket.  The 
effect  of  the  high  pressure  inside  the  combustion  cham¬ 
ber  and  the  thermal  strains  related  to  the  increase  of  the 
temperature  of  the  combustion  chamber  wall  are  sup¬ 
pressed  by  the  very  stiff  jacket.  The  displacement  field 
confirms  this  observation.  Nevertheless,  the  largest  ra¬ 
dial  displacements  are  not  on  the  hot  gas  side  but  in 
the  region  of  the  cooling  channel’s  corner.  Therefore, 
hot  gas  side  pressure  driven  bending  deformations  of 
the  chamber  wall  arise.  A  detailed  analysis  of  the  defor¬ 
mation  process  is  necessary  in  order  to  understand  the 
complex  structural  response.  Therefore,  the  evolution  of 
the  tangential  component  subdivided  in  thermal,  elastic 
and  plastic  parts  at  four  characteristic  positions  of  the 
structure  are  analyzed  as  a  function  of  the  load  factor 
in  Figure  9,  compare  also  the  strain  field  -h  6^  of  the 
first  loading  in  Figure  10.  All  points  demonstrate  pos¬ 
itive  linear  thermal  strains  representing  the  increasing 
thermal  field  caused  by  the  increase  of  the  load  factor. 
The  tangential  and  radial  elastic  strains  vary  linearly 
until  the  yield  stress  is  reached.  After  the  beginning 
of  the  plastification,  small  linear  changes  of  the  elas¬ 
tic  strains  related  to  the  temperature  dependent  yield 
stress  can  be  observed.  As  a  result  of  the  global  shrink¬ 
ing  of  the  structure,  negative  tangential  plastic  strains 
are  generated  at  the  four  chosen  points.  On  the  other 
hand,  the  radial  total  and  plastic  strains  are  positive. 
This  observation  describes  the  effect  of  the  deviatoric 
plastic  deformation  connecting  the  tangential  and  ra¬ 
dial  strains.  A  special  effect  of  the  combustion  cham¬ 
ber’s  structure  can  be  observed  by  means  of  the  plastic 
and  total  tangential  strains  of  the  positions  on  the  hot 
gas  side  boundary  (point  1-3).  As  expected,  at  point 
1  high  negative  plastic  and  total  strains  occur.  How¬ 
ever,  only  a  small  negative  plastic  strain  component 
and  a  positive  total  strain  can  be  identified  at  point  2. 
The  reason  for  this  unexpected  eff(H:t  is  the  high  pres¬ 
sure  gradient  between  the  hot  gas  side  and  the  cooling 
channel  (A;;  =  Pc  -  Pk  >  0)  leading  to  bending  like  de¬ 
formation  of  the  chamber  wall  and  consequently  to  the 
rcxluction  of  the  compressive  tangential  plastic  strains 
in  the  region  of  points  3  and  4.  The  evolution  of  the 
tangential  strains  within  tlu^  successive  loading  proce¬ 
dure,  as  presented  in  Figure  10  for  the  small  region  of 
tii(^  combustion  chamber  wall,  demonstrates  clearly  the 
above  discussed  influence  of  the  additional  compression 
(effects  driv(^n  by  the  shrinking  liner  and  the  bending 


Figure  9:  Evolution  of  the  tangential  strain  parts 

effect  as  a  result  of  the  pressure  difference  Ap.  It  is 
worth  to  note,  that  the  ’bending  effect’  is  ncigligible  in 
a  linear  structural  analysis.  Only  the  combination  of  the 
high  pressure  difference  Ap  and  the  plastic  flow  yields 
the  observed  significant  change  in  the  tangential  strain 
comi)onent. 
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Figure  10:  Evolution  of  the  tangential  strains  ej.  +  for  the  first  loading  cycle 


As  a  result  of  the  structural  behavior  of  the  chamber 
wail,  the  highest  plastic  strain  for  the  single  loading  pro¬ 
cess  is  obtained  at  point  L  If  classical  lih',  time  analysis 
is  applied  on  the  basis  of  this  single  loading  analysis  the 
failure  of  the  structure  occurs  at  point  L  This  is  in  a 
sliai’i)  f:ontrast  to  experimental  observations  presented 
by  Qui::NTMi':YKir'^T  35  Popp&SciiMiiyr'^’^  which 
describes  the  thinning  of  the  combustion  (:haml>er  wall, 
the  evolution  of  a  ’dog-house’  and  finally  the  the  struc¬ 
tural  failure'  by  a  crack  in  the  region  of  point  3  which  is 
driven  by  fatigue,  compare  the  sketch  given  in  Figure  2. 
Consc'quently,  tlu'  analysis  of  the  single  loading  is  not  a 
sufficient  basis  for  th('  prediction  the  lif(^  time  of  com¬ 
bustion  chambers.  In  order  to  dissolves  this  seKuningly 
contradictory  results  of  experimental  and  numerical  in- 
ve^stigations  th('  unloading  and  the  cyclic  repetition  of 
th('  loading/unloading  process  should  be  studied. 


4.4  Structural  deformation  by  cyclic 
loading 

Now  the  thermo-mechanif:al  structural  analysis  is  ex- 
tendc^d  to  cyclic  loading  whereby  each  cycle  consists  of 
the  loading  process  similar  to  the  single  loading  analy¬ 
sis  and  the  unloading  process  described  by  a  decreasing 
load  factor  A  e  [1,0].  As  the  life  time  of  the  combus¬ 
tion  chambeu'  is  primarily  restricted  by  the  total  value 
and  the  ranges  of  local  plastic  strains,  the  interpretation 
of  the  mechanical  simulation  is  focused  on  the  plastic 
strains.  The  evolution  of  the  tangential  strain  compo¬ 
nent  of  four  sp(K:ified  points  within  the  first  unloading- 
process  is  illustrated  in  Figures  9.  Furthermore,  the  dis¬ 
tribution  of  the  sum  of  elastic  and  plastic  tangential 
normal  strain  coni[)on(uits  of  the  first  load  cycles  is  plot¬ 
ted  in  Figure  10. 
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The  exi)ansion  of  the  global  structure  during  the  un¬ 
loading  as  the  consequence  of  vanishing  thermal  strains 
and  mechanical  boundary  conditions  leads  to  elastic  un- 
kviding  and  plastic:  deformation  in  the  opposite  direc¬ 
tion  of  the  primary  plastic  deformation  of  the  mate¬ 
rial.  As  in  points  3  and  4  the  total  changes  of  the  plas¬ 
tic  strains  of  the  unloading  process  are  larger  than  the 
change  of  the  strains  related  to  the  loading  process,  the 
cyclic  repetition  of  the  lociding/unloading  process  leads 
to  increasing  positive  plastic  strains  within  every  load¬ 
ing  cycle.  Considering  the  stress-strain  relation  given  in 
Figure  11,  the  failure  mechanism  observed  by  the  means 
of  experiments  can  be  well  understood.  The  initiation 
of  a  crack  at  point  3  is  associated  with  the  increase  of 
plastic  strains  of  the  unloaded  state  within  every  load 
cycle.  In  contrast  to  this,  the  increase  of  -h  at 
point  2  is  smaller  compared  to  the  critical  points  and 
at  point  1  nearly  a  repetition  of  the  first  loading  cycle 
is  obtained,  the  evolution  plastic  strain  of  the  unloaded 
structure  is  stable  at  this  point. 


4.5  Failure  phenomenon 

Experimental  investigations  on  regeneratively  cooled 
rocket  combustion  chambers  as  described  in  section  1.1 
have  demonstrated  the  limiting  of  the  life  time  due  to 
the  failure  mechanism  characterized  by  the  so  called 
’dog-house’  as  a  result  of  a  plastic  bending  deformation 
of  the  wall,  the  thinning  of  the  wall  and  finally  a  ra¬ 
dial  crack  in  the  middle  of  the  wall.  The  evolution  of 
this  kind  of  failure  can  qualitatively  be  explained  by 
a  detailed  numerical  analysis  of  the  heat  transfer  and 
the  elastoplastic  deformation  phenomenon,  presented  in 
sections  4.1  to  4.4.  This  analysis  allows  the  interpreta¬ 
tion  of  the  deformation  process  as  well  as  the  indication 
of  the  reason  for  the  crack  initiation  in  the  chamber 
wall. 

The  deformation  of  the  combustion  chamber  structure 
is  primarily  driven  by  the  shrinkage  of  the  jacket  as  a 
result  of  the  tcmiperature  reduction  by  the  cryogenic 
coolant  in  this  region.  On  the  other  side,  the  temper¬ 
ature  of  the  hot  gas  side  wall  is  significantly  increased 
with  respect  to  the  reference  state  of  the  combustion 
(‘hamber.  As  a  conseciuerice  of  both  superposed  effects 
a  larger  plastic  tangential  compression  of  tlu^  material  is 
obtained  at  the;  hot  gas  side  wall.  Furthermore^,  a  seem¬ 
ingly  secondary  deformation  effect  was  established  as 
an  (essential  property  ftoncerning  the  cyclic  operation 
and  the  restriction  of  the  life  time  of  the  combustion 
chamber.  The  pressure  difference  betweem  the  cooling 
channel  and  the  conit)ustion  chamber  reduces  the  con- 
strairu'd  deformation  and  consequently  also  the  plas¬ 
tic  strains  in  the  middle  of  the  chamber  wall  within 
tlu^  loading  process.  Nevertheless,  the  global  exi)ansion 
of  the  structures  within  the  unloading  process  enforces 
larges  tange'iitial  strains  lesading,  first,  te)  an  elastic  coni- 
])resssie)n  unloading  anel,  seconei,  to  an  elastie:  and  plas- 
tie*  tangential  teuisieni  le)aeling.  As  the  re'sult  of  this,  the 


Figure  11:  Stress-strain  relation  for  cyclic  loading 

sign  of  the  plastic  strains  in  the  middle  region  (com¬ 
pare  Figure  2  where  ’dog  house’  failure  occurs)  eshange-ss 
during  unloading.  Consequently,  the  cyeslic  repetition  of 
this  desfe)rmation  leaels  to  an  increasing  of  the  remaining 
pe)sitives  plastic  strains  within  every  loadirig/unloading 
process  and  the  evolution  of  the  ’dog  house’,  see  Figure 
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11.  This  mechanism  is  finally  responsible  for  the  failure 
of  the  combustion  chamber  wall. 

If  the  above  mentioned  failure  phenomenon  is  summa¬ 
rized,  it  can  be  stated,  that 

•  the  combustion  chamber  failure  is  mainly  controlled 
by  the  temperature  difference  =  0^  —  0^  of  the 
hot  gas  side  wall  Tn  and  the  jacket  of  the  combustion 
chamber  Fg 

•  and  the  pressure  difference  Ap  =  pc-  Ph  is  responsi¬ 
ble  for  the  increase  of  the  plastic  strains  in  the  crack 
zone  within  every  load  cycle. 


4.6  Design  improvements 

After  the  main  structural  failure  mechanisms  and  pa¬ 
rameters  of  combustion  chambers  were  indicated  in  the 
previous  section,  some  system  improvements  reducing 
and  Ap  or  avoiding  the  enforced  compressive  strains 
of  the  combustion  chamber  wall  are  now  proposed. 
Firstly,  the  temperature  difference  A^  may  be  reduced 
significantly  by  the  following  design  concepts: 

•  The  improvement  of  the  heat  transfer  between  the 
combustion  chamber  wall  and  the  coolant  will  re¬ 
duce  the  temperature  level  of  the  hot  gas  side  wall 
and  consequently  the  thermal  and  compressive  plas¬ 
tic  strains.  This  may  by  realized  by  increasing  Qc 
due  to  a  higher  surface  roughness  or  additional  fins 
(see  Figure  13),  for  example.  It  should  be  noted,  that 
as  consequence  of  the  proposed  design  concept,  a 
higher  pressure  loss  in  the  cooling  channels,  requiring 
a  higher  Ap,  will  be  obtained. 

•  A9  can  be  decreased  by  increasing  the  temperature 
of  the  jacket.  This  may  be  realized  by  an  external 
heating  of  the  jacket  due  to  the  combustion  prod¬ 
ucts  of  the  gas  generator  (gas  generator  cycle).  As  a 
disadvantage  of  this  technique,  the  additional  heat¬ 
ing  of  the  coolant  has  to  be  mentioned.  Alternatively 
the  jacket  temperature  can  be  increased  by  applica¬ 
tion  of  a  thermal  barrier  coating  on  selected  surfaces 
of  the  cooling  channel  (see  Figure  13).  The  thermal 
isolation  of  regions  of  the  cooling  channel  with  a  low 
heat  transfer  (compare  Figure  8)  yields  the  heating 
of  the  jacket  due  to  heat  conduction.  As  the  heat 
transfer  is  slightly  reduced  by  this  modification,  this 
concept  requires  additional  constructive  measures  in¬ 
creasing  a^. 

•  AO  can  be  also  decreased  by  decreasing  the  temper¬ 
ature  Ok  of  the  copper  alloy.  This  can  be  realized  due 
to  a  soft  thermal  barrier  coating  at  the  hot  gas  side 
(see  Figure  13).  It  should  be  noted,  that  this  design 
concept  reduces  the  heat  transfer  significantly.  Con¬ 
sequently,  it  is  nor  suitable  for  the  expander  cycle. 

Scicondly,  the  negative  influence  of  the  pressure  differ¬ 
ence  Ap  to  the  cyclic  thermo-mechanical  behavior  of 
the  combustion  chamber  may  be  avoided  by  the  follow¬ 
ing  measures: 


Figure  13:  Advanced  design  concepts  increasing  the  life 
time  of  rocket  combustion  chambers 


•  Controlling  of  the  cooling  channel  pressure  during 
the  shut  down  process  of  the  combustion  chamber 
such  that  it  is  adapted  to  the  thermo-mechanical 
state  of  the  material,  which  means  that  the  pressure 
difference  should  vanish  Ap  =  0  in  this  situation. 

•  Reduction  of  the  cooling  channel  pressure  in  critical 
regions  by  an  adaption  of  the  cooling  channels  cross 
section  which  increase  also  the  heat  transfer  charac¬ 
terized  by  ac- 

•  Reducing  the  necessary  entrance  cooling  channel 
pressure  by  the  use  of  more  manifolders  for  shorter 
cooling  channels  allowing  an  unchanged  injection 
pressure. 

Thirdly,  the  damaging  impact  of  the  temperature  dif¬ 
ference  A^  can  be  reduced  by  changing  the  mechanical 
design  of  the  combustion  chamber: 

•  If  the  coupling  of  the  deformations  u  of  the  hot  gas 
side  wall  and  the  nickel  jacket  is  reduced,  the  com¬ 
pressive  plastic  strains  of  the  hot  gas  side  wall  will 
be  decreased.  The  mechanical  decoupling  can  be  re¬ 
alized  by  the  design  concept  of  an  elastic  liner,  decou¬ 
pling  inner  and  outer  deformation  due  to  the  geomet¬ 
ric  design,  or  by  the  low  stiffness  compressible  ma¬ 
terial  layer  between  the  copper  alloy  and  the  nickel 
jacket  (.see  Figure  13). 


5  Optimization 

Previously  summarized  experimental  and  numerical 
studies  allow  the  following  statement:  The  principle  fail¬ 
ure  phenomenon  of  combustion  chambers  can  be  quali¬ 
tatively  simulated  and  understood  by  the  interpretation 
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Figure  12:  Evolution  of  deformation  within  an  increasing  number  of  load  cycles  at  the  end  of  the  loading  cycles 


Figur(‘  14:  Classification  of  dinict  and  inverse  problems 


of  tii('  numerical  results.  Howewer,  the  direct  simula¬ 
tion  of  the  th(u-mo-mechauical  deformation  process  is 
not.  suittid  to  lead  to  an  answer  of  the  following  engi- 
iKHulng  (iiiestion:  Which  design  leads  to  an  improved  or 
opi.imal  th(^rmo-niechanical  behavior  and  finally  max¬ 
imizes  the  life  tini(‘  of  th(^  structun?  or  optimizes  any 
()th(‘r  propcirty  of  tin'  (XHubustion  chamber?  In  order 
to  answcir  this  (HK'stioii,  the  inverse  tlu*rmo-m(ichanical 
])robl(‘ni  has  to  solved.  This  kind  of  probk'iii  is  char¬ 
acterized  by  a  given  loaeling  and  the  unkiiejwn  dc^sign 
which  minimize;s  a  elie)sen  objective  fiine:tion  sueli  that 
simultaneously  several  e:onstraints  are  satisfied,  com¬ 
parer  Figurer  14.  The'  iiiverrser  pre)blem  is  elassically  solved 
by  ther  engiiK'err  whe)  elewelopers  ther  structure,  analyzers 
the'  struertmal  be'havie)r,  eliercks  cronstraints  and  finally 


changes  the  design  and  repeats  the  procedure  until  the 
structure  fulfills  all  demands  and  the  objective  criterion 
is  improved. 

A  similar  procedure  is  used  within  the  mathematical 
design  optimization  process  dc^fiiied  by  the  three  essen¬ 
tial  columns  of  optimization  strategies  as  shown  in  Fig¬ 
ure  15.  The  initial  design  of  the  structure  is  defined 
by  a  set  of  design  variables  Sn  =  sq,  whereas  the  type 
of  the  geometry  description  by  the  design  parameters 
distinguishes  between  the  three  oi)timization  disciplines 
illustrated  in  Figure  16  by  means  of  a  combustion  cham¬ 
ber’s  structure.  These  principle  optimization  techniques 
are,  firstly,  the  sizing  handling  only  modifications  of  the 
geometrical  dimensions,  secondly,  shape  optimization 
combining  sizing  and  modifications  of  the  shape  and, 
finally,  th(^  topology  optimization  allowing  additionally 
the  generation  of  new  boundaricis  within  the  structure. 
If  th(5  geometry  is  completely  described  by  fixed  param- 
etcH'S  and  the  initial  design  variables,  the  direct  solution 
is  applied  in  order  to  check  the  constraints  g{Su)  and 
to  d('termine  the  objective  function  /(s„)  which  char- 
acterizers  the  (juality  of  tlui  dfisign.  In  addition  to  the 
direct  solution,  a  sensitivity  analysis  is  carried  out.  The 
somsitivity  )  is  required  by  the  ’mathematical 

programming’  procedurtj  in  which  tlu^  criterion  of  the 
optimal  dc^sign  is  checked  and  the  design  variables  ar(^ 
modified  .systematically.  The  above- iiKuitioned  mathe¬ 
matical  optimization  cycle  will  be  rep(^at(id  until  the  op¬ 
timization  criterion  V^fisn)  =  0  is  satisfi(id.  In  contrast 
to  th(^  typical  (^ngiiKMuing  optimization  approach  which 
relays  iiion^  or  less  on  th(^  educatcid  giK^ss,  every  design 
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Figure  15:  Optimization  strategy  -  three  columns  of  de¬ 
sign  optimization 


change  by  mathematical  programming  does  guarantee 
an  improvement  of  the  design  and  the  (locally)  optimal 
construction  can  be  found  as  a  result  of  the  sensitivity 
analysis  and  the  formulation  of  the  necessary  criterion 
of  an  optimal  design. 

The  optimization  of  the  combustion  chamber  structure 
is  organized  as  follows:  Firstly,  the  constrained  opti¬ 
mization  problem  is  defined  and  secondly,  it  will  be 
transformed  into  the  unconstrained  optimization  prob¬ 
lem  by  its  penalty  formulation  and  finally  solved  by 
mathematical  programming  methods.  These  methods 
consist  of  the  determination  of  the  search  direction,  the 
computation  of  the  sensitivities  and  the  determination 
of  the  step  length.  For  a  detailed  discussion  of  optimiza¬ 
tion  methods  the  authors  refer  to  Dennis&Schnabel'^, 
Luenberger27,  Polar 31,  Haftka,  Gurdal&Ka- 
mat15,  Bendsoe^,  Eschenauer,  Olhof&Schnell^ 
and  Kleiber  19. 

5.1  Constraint  optimization  problem 

A  constrained  optimization  model  of  the  combustion 
chamber  is  given  by  the  vector  s  of  design  parameters 
of  the  combustor  and  the  definition  of  the  objective 
function 

/(s)=min,  s  =  (38) 

which  should  be  minimized  simultaneously  satisfy  the 
constraints 

9(s)>0,  g  =  [91,92,  ■■■, gif  (39) 

characterizing  the  feasible  design  domain.  In  general, 
the  objective  is  an  arbitrary  scalar  valued  function  of 
the  design  variables  s  which  can  be  determined  through 


the  direct  analysis  of  the  combustion  chamber  discussed 
in  sections  2-4.  For  example,  this  may  be  the  maximum 
plastic  strain  of  the  structure  after  one  or  after  a  series 
of  direct  calculated  loading  cycles,  the  predicted  life 
time,  the  temperature  difference  of  the  chamber  wall 
and  the  jacket,  the  pressure  loss  in  the  cooling  chan¬ 
nel  or  the  increase  of  the  coolants  internal  energy  due 
to  heat  exchange  (expander  cycle),  only  to  point  out 
a  few  possible  objectives.  The  optimization  problem  is 
completed  by  the  definition  of  the  constraints  including 
the  restrictions  of  the  design  variables  s,  s  characteriz¬ 
ing  for  example  bounds  of  manufacturing  or  process 
parameters  and  I  —  2k  further  scalar  constraints  calcu¬ 
lated  by  the  direct  analysis  of  the  problem. 

92i-iis)  =  Si-Si  i€{l,...,k} 

g2i(s)  =Si-Si  (40) 

9j{s)  j  £  {2k  +  1, . . .  ,1} 

Herein  gj  may  be  the  maximum  wall  temperature  de¬ 
fined  by  the  melting  temperature  of  the  copper  alloy 
and  the  minimal  cross  section  of  all  cooling  channels 
wich  is  necessary  for  the  transport  of  the  fuel  with  an 
acceptable  pressure  loss,  respectively. 


5.2  Unconstraint  optimization  problem 

Introducing  the  exterior  penalty  function  P{s)  defined 
by 

P{s)  =  g(s)-g(s) ,  gi(s)  =  inax(0, 9i(s))  (41) 

and  the  penalty  factor  p,  the  constrained  optimization 
problem  given  by  equations  (38)  and  (39)  can  be  trans¬ 
formed  to  an  unconstrained  one  by  using  the  penalty 
method. 

Q(s)  =  f(s)  +  p  P{s)  =  min  (42) 

The  Gateaux  derivative  of  Q{s)  with  respect  to  the  de¬ 
sign  variables  yields  the  necessary  or  Kuhn-Tucker  con¬ 
dition  of  an  optimal  design. 

=  v.g(s)  =  Vsfis)  +  p  V,F(s)  =  0  (43) 

The  sufficient  condition  for  a  minimum  is,  that  the  sec¬ 
ond  derivative  of  the  unconstrained  objective  function 
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with  respect  to  the  design  variables  represent¬ 

ing  the  curvature  or  the  Hessian  of  the  objective  func¬ 
tion  Q(s),  has  to  be  positive  definite.  However,  as  equa¬ 
tion  (43)  determines  only  one  vanishing  tangential  of 
the  objective  function,  =  0  characterizes  a  local 

and  not  the  global  optimum  of  a  non-convex  objective 

Q- 

5.3  Optimization  algorithms 

Numerical  methods  solving  the  non-linear  optimization 
problem  described  by  equation  (42)  are  in  general  based 
on  the  solution  of  the  necessary  condition  of  an  opti¬ 
mum  (43)  by  the  multidimensional  Taylor  expansion  of 
\^Q(s)  about  a  given  design  vector 

V.Q(s„+i)  =  +  V/Q(s„)  (s„+i  -  s„)  (44) 

As  the  Hessian  V^Q(sn)  is  invertible,  the  Newton  iter¬ 
ation,  first  proposed  by  Cauchy^,  is  described  by 

Sn+l  =  Sn  -  V,g(Sn)  (45) 

where  Sn+i  is  the  Newton  correction.  Unfortu¬ 

nately,  the  Hessian  '^^(5(5„)  is  not  known  in  general. 
Therefore,  the  inverse  Hessian  (Vj^Qisn))  ^  is  approx¬ 
imated  by  a-nBn 

5n-f  1  =  —  On  Bfi  X^Q('Sn)  =  Sn  “h  ('^^) 

where  Bn  is  generated  by  evolution  equations  in  ev¬ 
ery  step  of  the  Quasi-Newton  iteration.  Furthermore, 
the  iterative  change  of  the  vector  of  design  variables 
is  interpreted  as  the  product  of  the  search  direction 
Sn  =  —Bn  ^sQ{sn)  and  the  step  length  an-  The 
approximated  Hessian  can  be  calculated  by  the  con¬ 
jugate  direction  methods  developed  by  Fletcher  & 
Reeves  and  Polak  &:Ribiere^2  alternatively, 
by  the  symmetric  rank-two  update  proposed  by  Broy- 
DEN^,  Fletcher  11,  Goldfarb  i^i  and  Shanno 
Furthermore,  the  iterative  solution  of  the  optimization 
problem  requires  the  knowledge  of  the  sensitivity  VsQ 
and  the  step  length  an  for  every  design  set  s^-  These 
quantities  are  calculated  numerically  by  the  forward 
difference  method  and  line  search  procedure  (see  e.g. 
Kuhl  et  al.21),  respectively. 

6  Optimization  of  the  rocket  en¬ 
gine  Vulcain 

In  order  to  demonstrate  the  idea  and  the  problems  con¬ 
cerning  the  application  of  mathematical  optimization 
techniques  to  the  design  of  rocket  combustion  cham¬ 
bers,  the  proposed  method  will  be  applied  to  the  anal¬ 
ysis  of  the  hydrogen/oxygen  combustion  chamber  illus¬ 
trated  in  Figure  17.  In  order  to  avoid  further  complexity 
of  the  description  and  calculation,  the  computational 
model  of  the  combustion  chamber  wall  presented  in  the 


Figure  17:  Optimization  model  (design  set  s*) 


previous  sections  will  be  significantly  simplified  by  the 
following  assumptions: 

•  The  heat  transfer  coefficients  and  the  related  bulk 
temperatures  describing  the  hot  gas  side  and  cooling 
channel  heat  transfer  are  given. 

•  The  heat  transfer  coefficients  are  independent  of  the 
design  parameters  and  constant  on  the  surfaces  Th 
and  Te¬ 
rn  The  deformations  of  the  material  are  purely  elastic 

and  described  by  the  Saint  Venant  Kirchhoff  material 
law  (cry  — >  oo). 

•  The  shape  of  the  cooling  channel  is  slightly  modi¬ 
fied  for  a  simpler  parametric  description  of  the  ge¬ 
ometry  in  polar  coordinates  and  a  simpler  meshing 
procedure.  Furthermore,  the  combustion  chamber  is 
constructed  by  monolythic  copper  alloy. 

Note,  that  this  model  is  not  suited  to  handle  the  com¬ 
plex  behavior  of  the  combustion  chamber  because  the 
cooling  channel  heat  transfer  is  crucially  influenced  by 
the  geometry  and  the  resulting  stresses  are  much  higher 


copper 

ceramic 

Young’s  modulus 

E\ 

GPa] 

148 

12 

Poisson’s  ratio 

-] 

0.3 

0.3 

thermal  expansioi 

a 

10-M 

^  J 

1.72 

0.2 

conductivity 

A 

■  W  I 

310 

2 

temperature 

K] 

293 

293 

hot  gas 

coolant 

film  coefficient 

Oti 

[m<\ 

32 

100 

bulk  temperature 

ei[K] 

3528 

50 

pressure 

Pi[MPa] 

10 

14.2 

Table  2:  Optimization  model  -  input  data 
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than  the  yield  stress.  Furthermore,  it  is  well  known, 
that  the  optimal  design  calculated  by  an  elastic  struc¬ 
tural  model  is  not  identical  to  the  optimal  design  ob¬ 
tained  by  considering  a  non-linear  material  formulation 
within  the  solution  of  the  direct  problem  and  sensitiv- 
ity  analysis  (see  e.g.  Maute,  Schwarz  &Ramm30). 
Nevertheless,  this  simple  model  is  used  in  order  to  in¬ 
troduce  mathematical  programming  methods  as  design 
tools  for  rocket  combustion  chambers  and  to  study  the 
properties  of  these  methods  saving  computer  time  for 
the  calculation  of  the  heat  transfer  and  the  successive 
iterative  solution  of  the  material  non-linear  mechanical 
model. 

Material  properties  of  the  copper  alloy  used  for  the 
optimization  procedure  are  obtained  from  Popp  ^ 
Schmidt  see  Table  2.  If  a  thermal  barrier  coating 
is  applied,  it  is  modeled  by  the  material  data  given 
in  column  ’ceramic’.  Furthermore,  the  thermal  and 
mechanical  boundary  conditions  arc  given  in  Table 
2.  For  the  studied  model  of  a  combustion  chamber, 
the  design  variables  with  upper  and  lower  bounds  as 
summarized  in  Figure  17  are  chosen. 

s-[P,'y,t,h,re,tcf'  (47) 

As  the  maximal  scalar-valued  equivalent  von  Mises 
stress 


within  the  domain  Q,  should  be  optimized,  the  objective 
function  is  given  by 


f{s)^m^(7y{s)  (49) 

whereby  the  local  character  of  the  objective  av  is 


Figure  19:  Character  of  the  Objective  function  /(/5, 1  - 
7/p)  [GPa] 


mentioned.  As  additional  constraints  the  maximal  wall 
temperature  0  =  1000  K  and  the  minimal  total  cross 
section  of  all  cooling  channels  given  by  80%  of  the 
original  cross  section  A(s*)  are  introduced. 

p2fc+i(s)  =  P/-i(s)  =  5  -  maxp;,  ^(s) 
gik+iis)  =  9i{s)  =  A(s)  -  0.8  .4(s*) 


6.1  Characterization  of  the  objective 

Before  optimization  techniques  are  applied,  the  stan¬ 
dard  design  given  by  the  design  vector  will  be  ana,- 
lyzed  in  detail.  Furthermore,  the  character  of  the  chosen 
objective  function  and  the  optimization  problem  will  be 
studied  by  means  of  systematical  studies  performed  by 
the  solution  of  direct  thermo-mechanical  problems  with 
different  design  sets. 

Figure  18  demonstrates  the  discretization  by  4-noded 
plane  stress  finite  elements  and  the  distribution  of  the 
temperature  and  the  equivalent  von  Mises  stress  within 
the  structure.  As  expected  after  the  discussion  of  the 
direct  problem  in  the  previous  sections,  the  maximal 
equivalent  stress  is  obtained  in  the  region  of  the  cham¬ 
ber  wall. 

The  objective  function  J{s)  will  be  studied  by  means 
of  the  parameter  variation  p  €  [0.2, 2.2]  and  1  —  7//?  € 
[0.1, 0.9].  The  calculated  objective  /(s),  the  tempera¬ 
ture  constraint  0  -  maxp^  0(s)  >  0  for  0  =  1000  K,  the 
standard  design  set  5*  and  the  geometrical  restrictions 
^  >  0,  7  *-  7  >  0  are  plotted  in  Figure  19.  This  rep¬ 
resentation  of  the  objective  characterize  the  associated 
optimization  problem: 
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Figure  20:  Optimization  of  thermal  coating 


•  The  objective  function  f{s)  is  not  convex. 

•  One  local  and  the  global  minimum  are  indicated  in 
the  design  space. 

•  In  some  regions  of  the  feasible  design  space,  the  Hes¬ 
sian  V^/(s)  may  be  indefinite  or  negative  definite. 

It  is  well  known,  that  Quasi-Newton  methods  require, 
that  the  type  of  definiteness  of  the  Hessian  or  the 
approximated  Hessian  does  not  change  during  the  it¬ 
eration  process.  As  the  satisfaction  of  this  necessary 
convergence  condition  can  not  be  guaranteed  in  gen¬ 
eral,  the  conjugate  direction  methods,  in  particular 
the  Polak-Ribiere  method  combined  with  an  exact  line 
search,  are  favored  for  the  optimization  of  the  presented 
thermo- mechanical  problem. 

6.2  Thermal  Coating 

The  application  of  the  presented  optimization  strat¬ 
egy  to  the  improvement  of  the  thickness  of  a  thermal 
coating  is  illustrated  in  Figure  20.  As  this  problem  is 
described  only  by  one  design  parameter  tc,  the  con¬ 
strained  objective  function  the  unconstrained  ob¬ 
jective  function  Q{tc)  associated  to  different  penalty 
factors  p  and  the  iterative  change  of  the  design  tc  can 
be  simple  visualized.  The  optimization  problem  is  con¬ 
vex  and  consequently,  it  is  easy  to  find  the  global  opti¬ 
mum  {p  =  0.01,  tc  =  50  pm).  The  good  convergence  to 
the  optimal  design  is  illustrated  by  the  evolution  of  the 
thickness  tc  versus  the  number  of  iterations. 

6.3  Two  dimensional  optimization 

The  comparison  between  the  parametric  study  and  op¬ 
timization  methods  is  demonstrated  by  means  of  the 


0.1  0.2  0.3  0.4  0.5  0.6  0.9 

Figure  21:  Optimization  /(^,  1  -  7//?)  =  min 

two-parameter  optimization  problem,  minimize  /(/?,  1  — 
7//?),  such  that  the  constraint  0  >  maxp^  is  satis¬ 
fied.  The  optimization  paths  for  different  initial  design 
sets  are  plotted  in  Figure  21.  The  optimization  of  the 
standard  design  (No.  1)  leads  directly  to  the  solution  of 
the  inverse  problem  given  by  the  global  optimum.  On 
the  other  hand,  the  optimization  paths  2  and  3  strictly 
reducing  the  parameter  p  until  the  related  penalty  term 
is  activated.  Then,  the  search  direction  changes  signifi¬ 
cantly  and,  finally,  the  global  optimum  is  obtained.  The 
first  search  direction  of  optimization  No,  3  is  seem¬ 
ingly  not  the  steepest  descent  direction.  But,  if  the  tem¬ 
perature  constraint  lOOOAT  ~  maxr^  0{s)  >  0  is  consid¬ 
ered,  it  becomes  clear,  that  the  first  search  direction  is 
primary  controlled  by  the  penalty  function  related  to 
this  constraint.  As  a  local  optimum  is  expected  on  the 
basis  of  the  parametric  study,  initial  design  sets  near 
this  minimum  have  been  tested.  In  one  of  these  tests, 
the  optimization  of  initial  design  number  4  results  in  a 
local  ’optimum’  far  away  from  the  global  optimum.  In 
general,  the  investigated  studies  allow  the  statement, 
that  optimization  methods  are  able  to  improve  an  ini¬ 
tial  design  significantly  with  respect  to  a  user  defined 
objective  but  do  not  guarantee,  that  the  global  mini¬ 
mum  can  be  found  for  every  initial  design  set. 


6.4  Chamber  wall  design 

The  simultaneous  optimization  of  the  design  param¬ 
eters  s  —  [/3,7,t, /i,re]^  is  composed  of  the  inverse 
problem,  minimize  f(s),  such  that  the  constraints  0  > 
maxp;,  0{s)  and  A(s)  >  0,8  A{s^)  are  satisfied.  The  ap¬ 
plication  of  the  Polak-Ribiere  method  combined  to  the 
exact  line  search  results  in  the  evolution  of  the  objec¬ 
tive  function  and  the  constraints  within  the  iterative 
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Figure  22:  Evolution  of  objective  and  constraints 


solution  process  as  shown  in  Figure  22.  It  can  be  ob¬ 
served,  that  the  maximal  equivalent  von  Mises  stress 
and  the  maximal  wall  temperature  are  reduced  about 
27%  with  respect  to  the  initial  design  whereas  the  total 
cross  section  of  the  cooling  channels  is  approximately 
constant. 


7  Conclusion 

A  solution  strategy  of  the  coupled  thermo-mechanical 
fluid-structure-interaction  boundary  value  problem  of 
rocket  combustion  chambers  was  been  developed  on  the 
basis  of  some  permissible  simplifications  (Assumptions 
1-6)  applied  to  the  general  governing  differential  equa¬ 
tions.  In  the  framework  of  the  presented  method,  the 
discretization  and  solution  of  the  fluid  and  solid  equa¬ 
tions  was  realized  by  non-linear  finite  element  methods. 
The  application  to  the  combustion  chamber  'Quasi- 
Vulcain’  has  demonstrated  the  ability  of  the  presented 
strategy  to  compute  the  cooling  channel  flow,  the  heat 
transfer  phenomenon  and  the  deformation  process  of 
the  structure.  Finally,  the  failure  mechanism  of  the 
combustion  chamber  during  cyclic  thermal  and  me¬ 
chanical  loading  was  discussed  and  improved  design 
concepts  were  proposed. 

In  addition  to  the  solution  strategy  of  the  direct  prob¬ 
lem,  a  design  concept  for  the  geometry  of  a  rocket  com¬ 
bustion  chamber  wall,  based  on  mathematical  program¬ 
ming  techniques,  has  been  suggested  and  investigated 
by  means  of  the  sizing  of  a  combustion  chamber  model. 
The  solution  of  the  inverse  problem  by  mathematical 
optimization  schemes  has  been  presented.  The  practi¬ 
cability  of  the  optimization  strategy  has  been  demon¬ 
strated  in  the  context  of  the  sizing  of  a  combustion 


chamber  cooling  channel.  However,  it  has  also  been 
pointed  out,  that  the  final  design  may  strongly  de¬ 
pend  on  the  chosen  initial  design  and  being  only  a  local 
minimum.  In  summary,  optimization  methods  are  well 
suited  for  the  improvement  of  a  good  initial  rocked  en¬ 
gine  design,  but  are  not  able  to  substitute  the  engineers 
education  and  knowledge  which  are  essential  in  order  to 
interpret  the  numerical  results  and  to  generate  a  appro¬ 
priate  initial  design,  respectively. 
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Abstract 

A  nevv-type  tri-coaxial  injector  of  the  pre-burner  used  in  oxygen  hydrogen  rocket 
engine  has  been  investigated  in  this  paper.  Cold  spray  measurements,  comparative  test 
of  four  candidate  injectors,  flow  field  analysis  and  performance  test  of  the  pre-burner 
have  been  performed  to  reveal  the  tendency  of  exhaustive  gas  temperature  distribution 
and  transient  behavior.  By  optimizing  the  operating  condition  and  configuration  of  the 
pre-burner,  it  was  possible  to  obtain  fairly  uniform  gas  temperature  distribution  during 
the  transient  and  steady  state  off-nominal  operation  period. 

I ntroduct ion 

The  pre-burner  is  the  essential  component  for  the  staged  combustion  cycle  rocket 
engine.  Comparing  with  the  traditional  gas  generator,  the  pre-burner  has  higher 
chambe:  pressure  and  larger  mass  flow  rate.  Overall  perfomtance  of  the  pre-burner 
largely  depends  upon  the  parameters  of  operation  and  configuration.  The  transient  and 
steady  state  off-nominal  operation  of  the  pre-burner  may  result  in  turbine  blade  pitting 
and  erosion  due  to  incomplete  mixing  and  downstream  after-burning. 

■  The  injectors  in  use  today  are  coaxial  swirl  and  shear  injectors,  as  shown  in 
figure  1. 1  and  figure  1.2.  The  two  are  commonly  used  in  the  pre-burner  of  oxygen 
hydrogen  rocket  engines  and  have  the  advantages  of  easy  manufacture  and  high 
operating  reliability.  But  the  coaxial  injectors  can  not  eliminate  the  free  oxygen  at 
downstream  while  combustion  happen  at  low  mixture  ratio.  In  addition,  it  was 
suggested  ’that  providing  a  portion  of  the  injection  area,  where  the  mixture  ratio  is 
near  stoichiometric,  would  be  a  good  approach  to  obtain  assured  ignition.  However, 
this  stoichoimetric  region  produces  a  hot  temperature  streak  in  the  gas  generator  due 
to  the  bad  downstream  mixing.  Moreover,  it  was  difficult  to  organize  effective 
downstream  mixing  due  to  the  increase  of  the  oxygen  flow  rate  under  the  pre-burner 
conditions.  As  a  result,  the  author  has  designed  a  new-type  tri-coaxial  injector  that  can 
effectively  enl..'ince  the  downstream  mixing,  as  shown  in  figurel.?.  In  this  case.  The 
hydrogen  enters  the  inside  and  outside  injectors,  simultaneously.  Cembustion  happens 
with  m  or  stoichiometric  only  in  the  inner  injector  (1"  stag?  injector).  In  the  meantime, 
the  remaining  hydrogen  enters  the  outside  injector  (2'''’  stag  :  injector)  as  a  diluent  to 
reduce  ’he  combustion  gas  temperature.  The  stoichiometric  combustion  can  lessen  the 
downsf  cam  free  oxygen  and  benefit  the  incomplete  mixing  and  after-burning. 

Cold  spray  measurements  and  six  hot  fire  tests  were  performed  to  reveal  the 
difference  of  four  candidate  injectors  and  select  the  injector  with  the  best  spray 
behavior  and  combustion  performance.  Cold  spray  measurements  using  the  phase 
Doppler  particle  analyzer  (PDPA)  can  measure  the  size  ano.  velocity  of  the  spray 
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Figure  1.4  Preburner  structure 

particles  simultaneously.  It  can  also  get  the  downstream  distribution  of  the  injector 
mixture  ratio  from  the  data  analysis.  In  addition,  the  data  of  the  cold  spray 
measurements  after  properly  conversion  can  provide  the  initial  atomization  field  for 
the  theoretical  calculation.  It  is  not  enough  to  optimize  the  pre-burner  injector  only 
using  the  information  of  the  cold  spray  measurements.  Consequently,  six  hot  fire  tests 
were  conducted  using  gaseous  hydrogen  and  liquid  oxygen  as  propellants  for  four 
candidates.  Each  test  unit  of  the  sub-scale  pre-burner  consists  of  four  injector 
elements.  Combustion  efficiency,  mechanical  vibration,  igniting  stagnation  and 
exhaustive  gas  temperature  distribution  have  been  obtained  to  manifest  the  differences 
between  these  injectors. 

Furthermore,  a  corrective  pre-burner  with  tri-coaxial  injector,  dump  cooling  channel, 
turbulence  ring,  and  elbow  exit  was  designed  to  improve  the  combustion  performance 
of  the  pre-bumer  during  the  transient  and  steady  state  off-nominal  operating  period,  as 
shown  in  figure  1 .4.  The  dump  cooling  channel  is  set  up  at  the  forward  section  of  the 
pre-bumer  to  improve  the  burning  resistant  ability,  and  increase  the  average  mixture 
ratio  in  the  central  ignition  zone  as  well.  The  percentage  of  the  dump  cooling  flow 
rate  to  the  total  hydrogen  flow  rate  will  change  with  the  operating  conditions, 
therefore  the  effect  of  the  percentage  of  the  dump  cooling  flow  rate  on  the 
performance  of  the  pre-bumer  was  investigated  with  the  fixed  height  of  the  turbulence 
ring.  The  turbulence  ring  is  located  downstream  of  the  dump  cooling  channel  exit  to 
enhance  the  downstream  mixing.  The  test  of  the  turbulence  ring  consists  of  the  open 
and  the  closed  turbulence  ring.  The  structure  of  the  closed  turbulence  ring  is  a  mesh 
arch.  Both  the  straight  exit  and  the  90°  elbow  exit  are  investigated.  The  performance 
test  of  the  pre-bumer  was  performed  using  liquid  hydrogen  and  liquid  oxygen  as 
propellants.  Three  tri-coaxial  injector  elements  are  installed  in  the  pre-burner  for 
performance  test. 

The  theoretical  analysis  was  performed  using  the  PHOENIX  commercial  software. 
The  objective  of  the  theoretical  calculation  is  to  obtain  the  limitation  of  the  dump 
cooling  flow  rate,  the  best  configuration  of  the  turbulence  ring  and  the  optimum 
mixture  ratio  of  the  inner  tri-coaxial  injector.  The  percentage  of  the  dump  cooling 
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flow  rate  has  been  studied  range  from  one  percent  to  25  percent.  The  mixture  ratio  of 
the  inner  tri-coaxial  injector  has  been  investigated  by  varying  from  rich-hydrogen  to 
rich-oxygen.  The  flow  field  analysis  has  been  conducted  by  calculating  the 
concentration  distribution  of  the  propellants  and  the  temperature  distribution  in  the 
pre-burner. 

Exper i menta i  Fac i I i t i es 

Hioh  Pressure  Sorav  Rig  System.  Cold  spray  measurements  were  perfonped  using 
Aerometrics’  PDPA  with  high  pressure  chamber,  as  shown  in  figure  2.1.  This  chamber 
is  capable  of  operating  at  pressures  as  high  as  3. 5 MPa.  The  spray  chamber  has  an 
inner  diameter  of  320mm  and  is  about  1200mm  long.  Four  viewing  /  optical  port 
100mm  in  diameter  are  provided  on  the  chamber.  For  phase  Doppler  applications,  the 
optical  ports  at  the  transmitter  and  receiver  ends  were  fitted  with  25mm  thick  optical 
quality  quartz  windows.  The  two  other  windows  were  fitted  with  50mm  thick  soda 
lime  glass  windows  for  flow  visualization  purposes.  A  two  axes  traverse  system  was 
located  within  the  chamber  for  moving  the  injector  axially  and  in  a  radial  direction. 
Several  ports  were  available  on  the  bottom  of  the  spray  rig  for  draining  the 
accumulated  liquid  and  for  exhaustive  gas. 
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Riiming  Test  Set-un.  The  propellant  system  schematic  is  shown  in  figure  2.2.  Liquid 
oxygen  and  liquid  hydrogen  were  supplied  to  the  pre-burner  from  jacketed  tanks 
through  heavy  wall  pipes.  The  venturi  tube  was  used  for  flow  rate  control.  For  all  tests, 
the  tank  was  pressurized  with  gaseous  nitrogen  for  oxygen  and  Helium  for  hydrogen. 
Gaseous  hydrogen  used  for  fuel  on  the  comparative  tests  was  supplied  from  the 
18MPa  supply  system.  The  feed  line  was  a  pipe  of  40mm  in  diameter.  The  sonic 
nozzle  was  used  for  flow  rate  measurement. 

The  parameters  from  the  hot  fire  testing  measured  by  various  types  of  transducers 
were  converted  to  a  digital  form  by  a  data  acquisition  system.  The  digital  system  had 
a  capacity  of  32  channels  of  pressure,  temperature  and  flowrate.  Mechanical  vibration 
was  recorded  and  stored  on  magnetic  tape.  Three  thermocouples  used  to  measure 
exhaustive  gas  temperature  distribution  were  located  center,  half  radius  and  inner  wall 
of  exit  section  of  the  pre-burner. 
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Theoretical  Description 

The  theoretical  framework  used  in  this  paper  was  a  set  of  conservation  equations  of 
mass,  momentum,  total  energy,  and  species  concentration  for  gas  and  droplet, 
respectively.  The  analogy-fluid  model  was  used  to  simulate  the  multiphase  flows.  As  a 
result,  the  general  form  of  the  conservation  equations  could  be  written  as: 

d  .  .  5  5  . .  -  9r,. , 

Ct  ^  ^  <t>. )  -  -^(n  D,  — ) + +  5.,^,. 

Where  O  =  u,v,w,h,r,yf,yox,k,  e  ,p,  k=l,2  represents  gas  and  liquid,  respectively. 
S  0  i.,S,n  0  k  and  ^  k  represent  remainder  resource  term,  two-phase  interaction 
resource  term  and  chemical  reaction  resource  term,  respectively.  The  droplet 
vaporization  rate  can  be  calculated  based  on  the  high  vaporization  modeT.  The  k-  e 
equations  are  applied  to  the  model  of  the  turbulent  flow.  Spalding’s  EBU  model  and 
Arrehnius  formula  are  used  to  calculate  chemical  reacting  rate. 

In  order  to  obtain  the  stable  results,  the  resource  terms  have  been  linearized  as 
follows:  S„,,0  =  CpT(Vp-  Op),  V  =  S,yCp+  O  p 

The  static  enthalpy  h  =  CpT+2:Y,Hj  is  used  as  a  variable  in  energy  equation  to 
avoid  the  negative  temperature  which  may  result  in  divergence  of  calculation. 
Reasonable  boundary  conditions  are  very  vital  for  accuracy  and  divergence  of  the 
calculation  results.  Boundary  conditions  in  this  paper  are  given  as  follows: 

Entrance  conditions:  Assume  U1=V1=0,  other  velocities  are  fixed  by  numerical 
boundary  conditions. 

Exit  conditions:  Mach  number=l,  all  of  variables  can  be  calculated  by 
extrapolation. 

Assuming  wall  is  adiabatic,  impermeable  and  fixed.  The  R'  order  derivative  of  all 
variables  at  centerline  is  zero. 


Results  and  Discussion 

Snrav  Characteristics.  The  PDPA  measurements  were  restricted  to  the  measurement 
plane  at  an  axial  location  of  110mm  downstream.  The  cold  flow  measurements  were 
performed  using  water  and  air  as  simulative  medium  for  liquid  oxygen  and  hydrogen, 
respectively.  The  atomization  process  was  completed  at  this  axial  location  by 
performing  a  weight  average  of  the  radial  Djj  distributions.  A  single  cumulative  Dj, 
can  characterize  the  overall  spray  distribution  using  the  following  equation: 

kN,{r)D,„{r)dr 

The  cumulative  Sauter  mean  diameter  is  found  to  decrease  with  the  increase  of  the 
air/liquid  pressure  drop  ratio.  A  linear  increase  of  the  cumulative  Sauter  mean 
diameter  can  be  seen  with  the  increase  of  back  pressure  and  water  mass.  A  little 
difference  of  the  Sauter  mean  diameter  between  these  injectors  can  be  seen  as  shown 
in  figure  4. 1  through  4.4.  In  addition,  assuming  the  gaseous  volume  flux  was  viewed 
as  uniform  in  radial  direction,  the  radial  variation  of  the  volume  flux  showed  that  the 
spray  of  the  swirl  coaxial  injector  is  close  to  the  periphery  whereas  the  volume  flux  of 


the  shear  coaxial  injector  concentrates  the  central  region.  The  periphery  distribution  of 
the  spray  is  benefit  to  the  mixing  and  ignition  of  the  propellants.  The  spray  behavior 
of  the  tri-coaxial  injector  is  approximately  the  same  as  the  shear  coaxial  injector,  its 
cumulative  D32  will  decrease  when  the  oxygen  post  recess  increases.  It  is  difficult  to 
tell  the  performance  differences  existing  in  these  candidate  injectors  just  according  to 
the  cold  flow  spray  measurement.  But  the  size  and  velocity  of  the  spray  particle  can 
disclose  the  variation  of  the  spray  characteristics  with  .the  operating  condition  in  detail. 
The  significance  of  the  cold  flow  spray  measurement  is  to  provide  the  initial,  data  for 
the  theoretical  calculation.  Unfortunately,  the  data  conversion  from  cold  flow  to  hot 
fire  has  not  formed  a  satisfied  formula  and  the  simulation  is  still  approximate. 


0. 4  0. 9  1.4 


aPG/aPL  _ PB(MPa) _ 

Figure  4.1  Dj,  variation  with  pressure  drop  ratio  Figure  4.2  Dj,  variation  with  back  pressure 


Figure  4.3  D-;  variation  with  water  flow  rate  Figure  4.4  Distribution  of  volume  flux 

In  this  study,  the  simulation  of  the  gaseous  hydrogen  injection  density  and  the 
liquid  oxygen  surface  tension  and  viscosity  is  considered  to  be  crucial  to  obtaining 
atomization  results  that  are  directly  relevant  to  gaseous  hydrogen  and  liquid  oxygen 
injector  sprays.  However,  since  the  surface  tension  of  the  droplet  vanishes  at 
supercritical  point.  The  Reynolds  and  Weber  Numbers  can  not  describe  supercritical 
spray.  According  to  our  experience,  the  momentum  ratio  of  gas  and  liquid  propellant 
is  a  crucial  parameter  for  determining  the  combustion  performance.  The  parameter 
can  be  expressed  as  follows:  R=(  P  P  iV,-).  Other  parameters,  such  as  back 
pressure,  have  a  much  greater  effect  on  atomization.  The  parameters  relating  to  the 


spray  characteristics  of  the  injectors  can  be  written  as:  D3,=f(R,  P,,).  For  the  swirl 
coaxial  injectors,  the  geometrical  characteristics  should  be  considered. 

Comparative  Test.  Six  hot  fire  tests  have  been  performed  for  four  candidate 
injectors.  The  candidate  B  and  the  candidate  D  were  experimented  for  two  times, 
respectively.  The  second  test  for  the  candidate  D  was  not  ignited  due  to  low  mixture 
ratio  of  0.6  during  the  start-up  period.  The  results  show  that  the  combustion  efficiency 
for  each  test  is  close  to  1  except  the  test  of  non-ignition.  Comparing  with  four  types  of 
injectors,  the  candidate  D  has  the  highest  value  of  0.998  and  the  candidate  B  has  the 
lowest  combustion  efficiency  of  0.98. 

Three  thermal-coupling  transducers  are  used  to  measure  the  exhausting  gas 
temperature  distribution.  The  temperature  difference  between  them  can  indicate  the 
uniformity  of  the  exhausting  gas  temperature  distribution.  The  results  show  that  the 
candidate  D  has  the  best  temperature  distribution  with  difference  of  AT=20.09K. 
The  candidate  B  has  a  maximum  temperature  difference  of  A  T=50.23K. 

The  Igniting  stagnation  is  defined  as  the  time  interval  between  hydrogen  entrance 
and  igniting.  The  test  data  show  that  the  candidate  A  has  shorter  time  interval  of  0.9 
second  and  the  longest  time  interval  is  1.4  second  for  the  candidate  B.  The  short 
igniting  stagnation  of  the  candidate  A  can  be  attributed  to  the  ability  of  oxygen 
transversal  penetrability  of  the  swirl  coaxial  injector.  Therefore,  the  behavior  of  the 
volume  flux  close  to  the  spray’s  periphery  can  effectively  improve  the  mixture  ratio 
distribution  and  ignition  performance. 

The  mechanical  vibration  data  indicate  that  the  candidate  D  has  the  lowest 
accelerating  amplitude  of  mechanical  vibration.  The  synthetic  acceleration  of  the 
candidate  D  is  325.4  m/s"  and  the  value  of  the  partial  acceleration  is  36.8m/s^  with 
frequency  of  3025HZ.  The  synthetic  acceleration  and  the  partial  acceleration  are 
686m/s‘  and  196.4m/s^  with  frequency  of  5575H.Z  for.  the  candidate  B,  respectively. 

To  sum  up,  the  candidate  D  has  the  advantage  of  the  high  combustion  efficiency, 
good  combustion  stability  and  uniform  temperature  distribution  over  all  candidate 
injectors.  But  the  candidate  D  has  a  longest  igniting  stagnation,  hence,  the  igniting 
performance  of  the  tri-coaxial  injector  should  be  further  improved. 

Theoretical  Analysis.  In  this  study,  the  flow  field  is  3-D  and  the  liquid  oxygen  and 
hydrogen  entering  the  pre-bumer  from  three  tri-coaxial  elements  were  a  compressible 
turbulent  reacting  multiphase  fluid.  Complicated  physical  phenomena  such  as 
atomization  and  spray  combustion  were  included  and  the  analogy-fluid  model  was 
used  to  deal  with  the  multiphase  flow.  Liquid  drop  vaporization  under  high  pressure 
was  adopted  the  theory  of  Spalding’s  formula^  that  assume  the  drop  vaporization  in 
the  inertia  gas  surroundings  and  the  process  is  sphere-symmetrical.  Ihe  grid  mesh 
size  used  in  this  study  was  75  by  30  by  25  in  axial,  circular  and  radial  direction, 
respectively. 

The  results  of  the  study  show  that  the  mixture  ratio  of  the  inner  tri-coaxial 
injector  and  the  percentage  of  the  dump  cooling  flow  rate  is  vital  to  obtain  gas 
temperatures  as  uniform  as  possible  at  the  pre-burner  exit.  The  distributions  of  the 
oxygen  and  hydrogen  concentration  are  shown  in  figure  4.5  and  figure  4.6.  There  is  a 
circulation  zone  near  injector  wherfe  the  concentration  of  the  hydrogen  is  high.  The 
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temperature  variation  with  radius  at  different  axial  locations  shows  that  the 
temperature  is  less  than  800  K  near  the  injector.  The  chemical  reaction  can  not  happen 
in  the  circulation  zone  due  to  the  low  mixture  ratio.  The  concentration  of  the 
hydrogen  becomes  the  higher  due  to  the  addition  of  the  diluting  hydrogen.  There  is 
not  a  strong  mixing  process  before  the  gas  exhaust. 

The  concentration  of  the  oxygen  can  represent  the  length  of  the  flame  for  relative 
compare  purpose.  The  flame  length  is  about  70mm  long-at  the  inner  injector’s  mixture 
ratio  of  6  as  shown  in  figure  4.6.  The  length  of  the  flame  does  not  increase 'Until  the 
mixture  ratio  of  the  inner  tri-coaxial  injector  excess  the  stoichiometric.  In  the 
meantime,  the  flame  length  decreases  when  the  mixture  ratio  of  the  inner  injector 
varies  from  6  to  the  stoichiometric.  The  shorter  the  flame  length  could  be,  the  better 
the  uniformity  of  the  exhausting  gas  temperature  distribution  is. 

The  figure  4.7  shows  the  gas  temperature  distribution.  There  is  a  high  temperature 
flame  region  in  the  central  jet  of  the  inner  tri-coaxial  injector.  The  highest  temperature 
changes  in  the  range  of  30  to  70mm  downstream  where  a  strong  combustion  zone 
exists.  The  oxygen  reacts  immediately  with  the  hydrogen  due  to  the  local  high 
mixture  ratio.  The  combustion  temperature  in  this  region  can  reach  as  high  as  3000  K. 
The  chemical  reaction  stops  after  excess  of  90mm  downstream  injector  and  the  gas 
temperature  are  gradually  close  to  uniformity.  There  is  an  initial  temperature  peak  in 
radial  direction,  then  the  peak  move  gradually  toward  the  centerline.  Moreover,  the 
elbow  can  enhance  the  uniform  of  the  exhausting  gas  temperature  that  can  be  seen  in 
figure  4.7.  The  uniformity  of  the  exhausting  gas  temperature  becomes  worse  with  the 
increase  of  the  dump  cooling  flow  rate.  The  diluting  hydrogen  exhausting  from  the 
exit  of  the  dump  cooling  channel  can  not  mix  with  the  main  flow  immediately.  There 
is  a  limitation  of  the  dump  cooling  flow  rate  that  the  exhausting  gas  temperature 
distribution  can  satisfy  the  temperature  limitations  of  the  turbine  blade.  Both  the 
turbulence  ring  and  the  elbow  exit  is  benefit  to  improve  the  uniformity  of  the 
exhausting  gas  temperature  distribution. 

Performance  Test.  Though  the  tri-coaxial  injector  shows  satisfied  combustion 
performance,  there  is  still  a  concern  that  propellants  may  not  be  ignited  well  due  to 
inappropriate  oxidizer/fuel  mixture  ratio  during  start-up.  In  addition,  the 
stoichiometric  mixture  ratio  region  may  produce  a  hot  temperature  streak  in  the  pre- 
bumer.  To  alleviate  these  problems,  the  pre-buraer  should  be  redesigned  to  enhance 
the  mixing  capability  of  combustion  gases  and  further  improve  the  ignition 
performance  and  exhausting  gas  temperature  distribution.  The  objective  of 
performance  test  is  to  define  a  pre-buraer  configuration  that  can  be  reliably  ignited 
during  the  off-nominal  operation  period  and  produces  a  uniform  temperature  at  exit. 
The  performance  test  in  this  study  consists  of  the  open  and  the  close  turbulence  ring, 
the  mixture  ratio  of  the  tri-coaxial  inner  injector,  the  percentage  of  the  dump  cooling 
flow  rate  and  the  forms  of  the  pre-buraer  exit. 
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Pig.  4.  8  Open/c Io.se  turbulence  ring 


Fig.  4. 9  Mi.xture  ratio  of  inner  injector 


The  open/close  turbulence  ring  test  results  are  shown  in  fig.4.8.  It  can  be  seen  that 
the  open  turbulence  ring  as  an  enhancing  device  is  good  enough  to  improve  the 
exhausting  gas  temperature  distribution.  The  temperature  difference  can  satisfy  the 
definite  temperature  limitations  of  the  turbine  blade.  The  close  turbulence  ring  was 
found  being  burned  down  during  shut  down  due  to  the  higher  central  mixture  ratio. 
There  is  a  contradiction  between  cool  ability  to  protect  close  turbulence  ring  and 
improving  ignition  performance  by  increase  of  central  mixture  ratio.  Therefore  the 
close  turbulence  ring  has  been  given  up. 

The  exhausting  gas  temperature  distribution  varied  with  the  mixture  ration  of  the 
inner  tri-coaxial  injector,  as  shown  in  figure  4.9.  When  the  mixture  ratio  of  the  inner 
tri-coaxial  injector  changes  from  rich-hydrogen  to  rich-oxygen,  more  and  more  free 
oxygen  move  downstream  after-burning  which  is  not  benefit  to  the  mixing  of  gases. 
Therefore  the  mixture  ratio  of  the  inner  tri-coaxial  injector  should  be  less  than  the 
stoichiometric  mixture  ratio. 

The  uniformity  of  the  exhausting  gas  temperature  distribution  becomes  poor  while 
increasing  the  dump  cooling  flow  rate,  as  shown  in  figure  4.10.  The  non-uniformity  of 
exhausting  gas  temperature  distribution  would  be  excess  definite  temperature 
limitations  of  the  turbine  blade  when  the  percentage  of  dump  cooling  flow  rate  is 
greater  than  1 0%.  Generally  speaking,  the  percentage  of  the  dump  cooling  flow  rate  is 
proportional  to  the  height  of  the  turbulence  ring.  Moreover,  the  pressure  drop  of  the 


Fig.4. 10  Dump  cooling  flowrate 


dump  f'lowriuo 

Fig.  4. 1 1  Temp  unilbnniw  ■'  Pressure  drop  oftiifbuiuKO  ring 


turbulence  ring  would  slightly  increase  with  the  increase  of  the  percentage  of  dump 
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cooling  flow  rate.  It  is  shown  in  figure  4.11.  This  is  the  reason  that  the  density  of 
gaseous  hydrogen  ejected  from  cool  channel  is  lower  than  the  density  in  central 
region.  The  pressure  drop  of  turbulence  ring  is  more  susceptive  to  the  height  of 
turbulence  ring. 

Finally,  the  figure  4.12  shows  that  the 
elbow  exit  can  improve  the  uniformity 
of  exhausting  gas  temperature 
distribution.  It  is  recommended  that  a 
designer  should  adopt  it  for  the 
allowable  engine  assembly. 

i  500  600  700  800  900  1000 

Temperature  (Deg.  K) 

Fig.  4. 12  Straight  exit  /  elbow  exit 

Cone  I  us i on 

The  new-type  tri-coaxial  injector  has  been  selected  to  be  the  pre-burner  injector 
from  four  candidate  injectors.  The  tri-coaxial  injector  has  advantages  of  high 
combustion  efficiency,  good  combustion  stability,  and  uniform  exhausting  gas 
temperature  distribution  over  other  types  of  injectors.  But  the  tri-coaxial  injectors 
should  be  improved  on  the  igniting  performance.  The  optimum  pre-burner 
configuration  has  been  established  to  enhance  the  mixing  capability  of  combustion 
gases  and  eliminate  the  hot  temperature  streak  during  start-up.  The  mixture  ratio  of 
the  inner  tri-coaxial  injector  should  be  less  than  the  stoichiometric  and  the  percentage 
of  the  dump  cooling  flow  rate  should  not  be  excess  10%  of  the  total  hydrogen  flow 
rate.  The  author  recommends  that  a  designer  should  employ  the  open  turbulence  ring 
and  the  elbow  exit  to  assure  the  reliable  operation  of  the  pre-burner  during  the  off- 
nominal  operation  period  and  the  uniformity  of  the  exhaustive  gas  temperature. 
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0/F-biasing  may  create  an  unfavourable  high  core  element  mixture  ratio. 
Inhomogeneous  radial  mixture  ratio  distribution  at  injector  leads  to  performance  loss. 
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Impact  of  Intentional  and  Unintentional  Combustion  Chamber  Porosity 

on  Rocket  Engine  Characteristics 


J.  Gorgen,  O.  Knab",  D.  Haeseler,  D.  Wennerberg’ 

DaimlerChrysler  Aerospace  AG 
Space  Infrastructure,  Engineering  Engine  Components,  RIA54 
PO  Box  801 168,  81663  Munich,  Germany 


Abstract 

The  CryoROC  (Cryogenic  ROcket  Combustion  )  soft¬ 
ware,  a  sophisticated  multi-phase  Navier-Stokes  code 
developed  by  DaimlerChrysler  Aerospace  AG  (Dasa)  is 
used  to  analyze  complex  flows  in  combustion  chambers 
and  nozzles  of  cryogenic  hydrogen/oxygen  rocket  en¬ 
gines.  The  paper  focuses  on  the  impact  of  intentional 
and  unintentional  combustion  chamber  porosity  on  en¬ 
gine  characteristics.  Numerical  simulations  of  engines 
with  porous  walls  are  presented  with  special  regard  to 
heat  flux  development  on  one  hand  and  performance 
losses  on  the  other  hand.  They  reveal  the  capability  of 
the  CryoROC  tool  to  support  the  design  and  optimiza¬ 
tion  process  of  engines  using  advanced  porous  wall 
concepts  like  transpiration  cooling.  They  also  prove  the 
capability  to  estimate  the  impact  of  unintentional  po¬ 
rosity  as,  for  example,  cracks  in  the  chamber  wall  on 
the  engine  characteristics.  Available  test  data  such  as 
chamber  pressures,  heat  flux  distributions  as  well  as 
engine  performance  data  like  thrust  and  specific  im¬ 
pulse  are  used  to  evaluate  the  CryoROC  results.  Ex¬ 
perimental  investigations  of  the  transpiration  cooling 
concept  were  conducted  on  subscale  level  in  the  frame 
of  a  German-Russian  cooperation  for  future  thrust 
chambers.  The  tests  have  been  performed  on  a  test 
bench  at  the  Russian  industrial  company  Chemical 
Automatics  Design  Bureau  (CADB)  in  Voronezh.  For 
the  assessment  of  CryoROC  crack  simulations,  the  test 
campaigns  of  the  Ariane  5  Vulcain  engine  are  used. 

1  Introduction 

Cryogenic  hydrogen/oxygen  launcher  propulsion  sys¬ 
tems  are  important  business  fields  of  the  Propulsion  & 
Transportation  Systems  Division  of  DaimlerChrysler 
Aerospace  AG  (Dasa).  Products  representing  Dasa’s 
experience  in  this  field  are  the  thrust  chambers  of  the 
Vulcain  and  HM-7  engine  systems,  developed,  manu¬ 
factured  and  tested  for  the  European  Space  Agency 
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(ESA).  VINCI,  the  future  cryogenic  upper  stage  engine 
of  Ariane  5,  is  currently  under  development.  Neverthe¬ 
less,  with  increasing  commercialization  and  hence  in¬ 
creasing  need  for  cost-optimized  development  and  de¬ 
sign,  the  space  transportation  and  propulsion  industry  is 
forced  to  open  up  for  new  technologies  and  concepts. 
One  of  these  concepts  currently  under  discussion  is  the 
realization  of  reusable  spacecrafts.  Large  development 
programs  are  started  both  in  the  U.S.  (e.g.  X-33)  and 
Europe  (e.g.  Phonix)  with  the  aim  to  demonstrate  the 
feasibility  of  such  a  vehicle.  Due  to  the  design  for  re¬ 
entry,  those  reusable  vehicles  possess  a  larger  inert 
mass  in  comparison  to  common  expendable  launchers 
in  use  today.  This  drawback  has  to  be  balanced  in  order 
to  realize  payload  mass  fractions  similar  to  present 
launchers.  Thus,  general  accordance  exists  upon  the 
need  for  future  rocket  engines  with  long  lifetime  (for 
reusability)  and  high  performance  that  actually  means 
very  high  chamber  pressures  and  nozzle  area  ratios. 
Novel  technologies  will  be  required  in  order  to  achieve 
these  targets,  especially  for  the  engine  components 
combustion  chamber  and  expansion  nozzle  [1]. 

One  of  the  main  problem  areas  for  thrust  chambers  is 
the  extreme  heat  flux  due  to  the  envisaged  high  cham¬ 
ber  pressure.  The  near-throat  region  is  supposed  to  be 
the  thermally  highest  loaded  section  of  the  combustion 
chamber  which  can’t  be  handled  any  longer  by  custom¬ 
ary  regenerative  cooling  systems,  unless  very  high 
coolant  pressure  drops  are  accepted.  Therefore,  alter¬ 
native  concepts  are  demanded.  Among  these,  one  prom¬ 
ising  concept  is  transpiration  cooling  with  gaseous  hy¬ 
drogen  [2]. 

Increasing  competition  has  forced  rocket  propulsion 
industry  to  reduce  trial  and  error  approaches  associated 
with  expensive  experimental  testing  programs  and  to 
search  more  resource  effective  ways  in  developing  new 
propulsion  systems.  In  this  context  Dasa  has  recognized 
the  application  of  computational  fluid  dynamics  (CFD) 
as  unique  possibility  to  reduce  development  costs. 


While  nowadays  the  employment  of  numerical  methods 
to  predict  rocket  engine  performance  is  state-of-the-art, 
their  use  to  determine  heat  loads  in  thrust  chambers  is 
still  at  the  beginning.  The  reason  is  that  for  heat  fluxes 
steep  gradients  have  to  be  resolved  which  especially  in 
combustion  chambers  depend  on  the  complex  interac¬ 
tion  of  multiple  physical  phenomena  such  as  turbulence 
and  spray  combustion. 

In  recent  years  Dasa  has  therefore  developed  the 
Navier-Stokes  code  CryoROC  (Cryogenic  ROcket 
Combustion),  which  is  a  derivative  of  the  ROCFLAM 
(ROcket  Combustion  Flow  Analysis  Module)  code 
family  [3,4J.  This  tool  comprises  state-of-the-art  models 
of  many  physical  disciplines  such  as  aerothermody- 
namics,  multi-phase  flows,  turbulence  and  multi-species 
chemistry.  The  objective  is  not  to  resolve  each  single 
subprocess  occurring  in  thrust  chambers  in  too  far- 
reaching  detail  but  to  reflect  the  global  operational  be¬ 
havior  of  cryogenic  rocket  motors.  Balancing  model 
accuracy  and  computational  effort,  the  major  assign¬ 
ment  of  this  sophisticated  engineering  tool  is  to  provide 
heat  flux  distributions  along  regeneratively  cooled 
combustion  chamber  walls  allowing  for  multi-phase  ef¬ 
fects. 

Test  data  obtained  by  means  of  Dasa’s  calorimeter 
model  combustor  [5]  has  been  used  to  anchor  and  adapt 
CryoROC  simulations  to  experimental  results.  The 
main  objective  of  that  subscale  chamber  is  to  charac¬ 
terize  the  heat  transfer  behavior  of  various  co-axial  in¬ 
jection  element  configurations  under  different  opera¬ 
tional  conditions.  Injector  and  combustor  design  are 
chosen  in  such  a  way  that  crucial  parameters,  such  as 
contraction  ratio,  element  to  wall  distance  and  element 
loading,  are  representative  also  for  envisaged  fullscale 
chamber  layouts.  By  recomputing  diverse  of  these  test 
campaigns,  the  CryoROC  code  has  been  validated 
comprehensively.  The  capability  of  the  tool  to  repro¬ 
duce  also  fullscale  conditions  accurately  has  been 
verified  by  HM-7,  Vulcain  and  Vulcain  2  engine  simula¬ 
tions. 

Lately,  an  extended  version  enabled  the  CryoROC 
code  to  simulate  quantitatively  mass  flow  injected 
through  the  chamber  wall  boundaries.  This  means  that 
the  code  now  provides  the  analysis  of  heat  flux  di.stri- 
butions  and  performance  losses  in  combustion  cham¬ 
bers 

•  with  porous  walls  (transpiration  cooled  chamber 
walls) 

•  with  small  cracks  which  will  lead  to  a  leakage  of 
hydrogen  into  the  chamber 

This  paper  presents  and  discusses  first  applications  of 
the  CryoROC  software  to  rocket  engines  characterized 


by  porous  walls.  The  objective  is  to  demonstrate  the 
potential  of  the  tool  to  evaluate  the  impact  of  inten¬ 
tional  thrust  chamber  porosity  such  as  transpiration 
cooling  technology  as  well  as  unintentional  chamber 
cracks  on  the  engine  characteristics. 

2  CryoROC  Features 

Thrust  chamber  flows  of  cryogenic  hydrogen/oxygen 
rocket  engines  are  characterized  by  the  coexistence  and 
complex  interaction  of  various  physical  phases.  A  reac¬ 
tive  multi-species  gas  mixture  (I***  phase),  together  with 
a  dispersed  oxygen  droplet  phase  (2"^  phase)  have  to  be 
resolved  efficiently.  CryoROC  treats  the  gaseous  phase 
by  solving  the  Favre-averaged  Navier-Stokes  equations 
extended  by  the  species  continuity  and  k-e  turbulence 
equations.  The  latter  include  appropriate  modifications 
accounting  for  compressibility  effects  and  handle  the 
near  wall  region  optionally  by  a  logarithmic  wall  func¬ 
tion  approximation  or  by  a  two-layer  approach.  The  set 
of  equations  is  discretized  according  the  finite-volume 
methodology  for  non-orthogonal,  boundary  fitted  grids 
and  solved  by  an  implicit  algorithm.  Hereby,  both  cen¬ 
tral  and  upwind  differencing  schemes  are  applied.  The 
reaction  mechanism  of  cryogenic  hydrogen/oxygen 
systems  is  represented  by  5  species  (//2„  //2O,  H 

and  OH).  Up  to  now,  a  single-step,  global  reaction 
scheme  is  employed  {H2  +  XO2  =>  aH20  +  bH  -i-  cOH) 
basing  on  a  turbulence  (EDC)  and/or  kinetically  (Ar¬ 
rhenius)  controlled  combustion  model 

In  addition  to  solving  transport  equations  for  the 
continuous  gas  phase,  CryoROC  allows  to  simulate 
multiple  discrete  phases  in  a  Lagrangian  frame  of  refer¬ 
ence.  These  second  phases  consist  of  spherical  particles 
representing  propellant  droplets  of  different  sizes  being 
dispersed  in  the  continuous  gaseous  phase.  CryoROC 
computes  the  trajectories  of  these  discrete  phase  entities 
by  integrating  their  force  balance.  In  particular  for 
LH2/LOX  systems,  CryoROC  allows  for  transient  LOX 
heat-up,  supercritical  LOX  gasification,  as  well  as 
droplet-to-gas  phase  turbulent  interaction. 

The  latest  feature  incorporated  in  CryoROC  in¬ 
cludes  the  capability  to  simulate  an  additional  mass  flux 
coming  into  the  combustion  chamber  through  the  cham¬ 
ber  wall  at  various  positions.  On  the  boundary,  the  in¬ 
jected  amount  of  mass  as  well  as  the  injection  velocity 
and  thermodynamic  properties  of  the  injected  media 
can  be  prescribed.  In  this  way,  CryoROC  enables  to 
consider  multiple  cracks  and  porous  walls  and  analyze 
their  impact  on  engine  characteristics  like  heat  flux  dis¬ 
tribution  and  global  performance. 
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Table  1 :  Technical  specification  of  the  CryoROC  (Cryogenic  ROcket  Combustion  )  code 


Capabilities 

Capabilities  (cont.) 

•  compressible -  sub-,  trans- and  supersonic 

•  viscous  heating,  species  diffusion 

•  turbulence  models 

•  standard  Jannaf  property  data  base  for  gaseous 

-  standard  k  -  £  with  wall  functions 

combustion  species  (Gordon&McBride) 

-  2  layer  model 

•  porous  walls  and  crack  simulation 

“  compressibility  effects 

•  coupling  with  Dasa’s  RCFS  (Regenerative  Coolant 

•  multi-gaseous  species  consideration  (H2, 02,  H2O,  H, 

Flow  Simulation)  code 

OH,N2.C02,CG,...etc.) 

•  chemical  reaction  models 

-  turbulence  controlled  (Eddy  Dissipation  Concept) 

Numerics 

-  kinetieally  controlled  (Arrhenius) 

-  multi-step  global  reaction  schemes 

•  2D,  axisymmetric,  finite  volume 

♦  hydrogen/oxygen 

•  Favre-averaged 

•  Lagrangiain  particle  tracking  (Stochastic  Separated 

•  SIMPLE  algorithm  (pressure  correction) 

Flow  model) 

-  multi-class,  bi-propellant,  discrete  particle  injection 

•  implicit  Stone  solver 

and  sequential  tracing  approach 

-  mass,  momentum  and  heat  coupling  with  gas  phase 

Grid 

•  structured 

•  non-orthogonal 

•  curvilinear 

“  supercritical  LOX  gasification  model 

Gaseous  and  dispersed  phase  calculations  are  cou¬ 
pled  in  a  loosely  manner,  i.e.  source  terms  in  the  re¬ 
spective  governing  equations  are  not  updated  simulta¬ 
neously.  As  a  thumb  rule,  oxygen  droplet  tracking  is 
performed  every  70  to  200  gas  phase  iterations.  Table  1 
gives  a  survey  on  the  most  important  modeling  features 
of  the  CryoROC  software.  For  a  more  detailed  descrip¬ 
tion  of  the  models  the  reader  is  referred  to  [3,4,5]. 

3  Intentional  Chamber  Porosity;  the  Transpiration 
Cooling  Concept 

In  order  to  avoid  high  wall  temperatures  and  heat  trans¬ 
fer  rates  in  the  combustion  chamber,  which  both  run 
down  the  engine’s  life-time,  transpiration  cooling  is  re¬ 
garded  to  be  one  of  the  more  promising  cooling  con¬ 
cepts.  Hereby,  the  combustion  chamber  walls  are 
cooled  by  gaseous  hydrogen  coming  into  the  chamber 
through  a  porous  wall. 

Since  1994  Dasa  cooperates  on  the  common  develop¬ 
ment  of  technologies  for  advanced  thrust  chambers  with 
the  Russian  industrial  company  Chemical  Automatics 
Design  Bureau  (CADE)  in  Voronezh,  who  developed 
the  SSME-like  cryogenic  engine  RD-0120  for  the  En- 
ergia  launcher  [6].  Theoretical  and  experimental  work 


on  transpiration  cooling  have  been  realized  in  the  frame 
of  the  TEHORA  project  in  the  years  1995-98.  The  cor¬ 
responding  tests  have  been  performed  on  a  test  bench  at 
CADE  in  Voronezh,  Russia.  This  cooperation  has  been 
supported  by  the  two  national  space  agencies  RKA  in 
Russia  and  DLR  (former  DARA)  in  Germany.  Notice 
that  the  transpiration  cooling  technology  was  developed 
and  demonstrated  on  subscale  level  only. 


Figure  1 :  Subscale  chamber  on  the  CADE  test  bench  in 
Voronezh 
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Figure  2:  Subscale  chamber  schematic:  Water  cooled  configuration  (upper  half)  and  positions  of  the  transpiration 
cooled  sections  (lower  half) 


Fig.  1  shows  the  subscale  chamber  on  the  test  bench  in 
Russia  using  a  Dasa  injection  head.  The  chamber  is 
mounted  fixed  to  a  thrust  frame.  The  nozzle  exit  is 
fixed  to  the  test  bench  only  vertically  allowing  for  hori¬ 
zontal  movements  for  thrust  measurements.  Many 
flexible  connections  are  used  to  feed  the  water  cooling 
of  the  various  sections.  The  hydrogen  supply  for  the 
chamber  is  visible  to  the  right  of  the  injection  head.  A 
schematic  of  the  subscale  chamber  is  given  in  Fig.2. 

Based  upon  former  results  of  material  characteriza¬ 
tion  and  the  performance  predictions  of  selected  mate¬ 
rial  and  design  concepts,  the  addressed  transpiration 
cooling  concept  was  tested  under  realistic  conditions  at 
100  bar  chamber  pressure  using  gaseous  hydrogen  and 
liquid  oxygen  with  a  mixture  ratio  of  around  6  as  pro¬ 
pellants  [2]. 

The  CryoROC  capability  to  give  accurate  prediction 
of  the  wall  heat  flux  distribution  in  regenerative  cooled 
engines  has  already  been  demonstrated  [5].  In  the  pres¬ 
ent  paper,  available  subscale  and  fullscale  test  data  are 
used  to  validate  the  code’s  extension  towards  porous 
walls.  Notice  that  CryoROC  is  an  efficient  engineering 
tool  balancing  computational  effort  and  accuracy.  Grid 
resolutions  have  therefore  been  cho.sen  following  pre¬ 
vious  experience.  Convergence  has  been  achieved  by  a 
residual  drop  of  three  orders  of  magnitude. 

The  subsequent  discussion  starts  with  a  basic  inves¬ 
tigation  made  for  the  thrust  chamber  without  transpira¬ 
tion  cooling  (test  2)  which  is  used  as  the  reference  case 
for  both  measurements  and  numerical  calculations. 
Then,  following  tests  are  analyzed  which  were  con¬ 


ducted  with  one  transpiration  cooled  insert  at  position  2 
(see  Figure  2).  Two  different  transpiration  flow  rates 
are  taken  into  account:  =0.128  kg/s  (test  8)  and 


=0.080  kg/s  (test  1 1 ).  The  transpiration  flow  rate 

in  Test  8  corresponds  to  10.5%  of  the  total  hydrogen 
flow  rate  whereas  that  of  Test  1 1  to  7.0%. 
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Figure  3:  Reference  case  (test  2),  temperature  contours 


Figure  3  shows  the  computed  temperature  contours  de¬ 
termined  for  the  reference  case.  It  gives  a  good  impres¬ 
sion  of  the  temperature  stratification  resulting  from  the 
propellant  spray  injection  and  evaporation.  Figure  4 
shows  the  heat  flux  evolution  for  these  three  cases.  As  it 
is  clearly  to  see  the  test  with  higher  transpiration  flow 
rate  (test  8)  leads  to  the  highest  reduction  of  the  wall 
heat  flux  behind  the  transpiration  cooled  area.  In  the 
throat  section,  the  maximum  heat  fluxes  could  be  re¬ 
duced  about  22%  and  18%  respectively. 
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Figure  4:  Computed  wall  heat  fluxes  for  the  tests  2,  8 
and  1 1 


Unlike  to  real  fullscale  engines,  where  the  hydro- 
gen,  used  as  transpiration  medium,  is  missing  in  the  in¬ 
jector  head,  here  the  injector  conditions  are  not  influ¬ 
enced  by  the  transpiration  cooling  process.  Therefore, 
the  heat  flux  distributions  upstream  the  transpiration 
cooled  section  is  nearly  identical  for  all  three  cases  (if 
the  hydrogen  were  tapped  off  the  injector  head,  the  re¬ 
sulting  mixture  ratio  increase  would  actually  lead  to  an 
increase  in  the  wall  heat  flux  distribution.). 


Figure  5:  Prescribed  temperature  distributions  along 
the  wall  for  the  three  test  cases  2,  8  and  1 1 


The  corresponding  wall  temperatures  are  depicted 
in  Figure  5.  These  hot  gas  wall  temperatures  along  the 
regenerative  cooled  part  of  the  combustion  chamber 
have  been  determined  by  Dasa’s  RCFS  (Regenerative 
Coolant  Flow  Simulation)  code  [7]  and  then  prescribed 
as  boundary  condition  in  the  CryoROC  simulations.  As 
it  is  apparent  from  Figure  5,  these  prescribed  wall  tem¬ 
peratures  differ  only  in  the  transpiration  cooled  insert 


due  to  the  different  hydrogen  infiltration  conditions. 
The  other  parts  adopt  it  from  the  reference  case.  Thus, 
the  influence  of  the  developing  hydrogen  film  on  the 
wall  temperature  evolution  downstream  of  the  transpi¬ 
ration  cooled  insert  has  not  been  taken  into  account. 


Figure  6:  Reference  wall  heat  flux  distributions  (Test  2) 
-  CryoROC  simulation  and  measurement 

A  comparison  with  the  measurement  data  for  the  refer¬ 
ence  case  is  given  in  Figure  6.  To  be  compliant  with  the 
experiment,  the  heat  fluxes  are  averaged  for  short  cyl¬ 
inder  sections,  shown  at  the  contour  plot  in  Figure  6. 
Fairly  good  agreement  is  obvious  along  the  cylindrical 
and  supersonic  part  of  the  combustion  chamber.  Some¬ 
what  questionable  seems  to  be  the  relatively  low  heat 
load  measured  in  the  throat  section.  Dasa’s  subscale 
experience  gained  with  a  calorimetric  nozzle  part  re¬ 
vealed  heat  flux  maxima  in  the  throat  which  are  about  a 
factor  of  two  higher  than  the  heat  flux  at  the  end  of  the 
cylindrical  part  of  the  combustor  (see  Figure  4).  The 
reader  may  notice  that  the  measurement  data  are  cor¬ 
rected  due  to  distinct  gaps  at  the  interface  between  two 
adjacent  sections,  which  cause  disturbances  of  the  hot 
gas  boundary  layer  and  which  could  not  be  considered 
in  the  simulations.  Figure  7  depicts  measurement  values 
and  numerical  predictions  for  the  wall  heat  fluxes  of 
test  8. 


Figure  7:  Wall  heat  flux  distribution  for  Te.st  8  -  Cry¬ 
oROC  simulation  and  measurement 
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One  can  recognize  that  there  is  an  excellent  agree¬ 
ment  for  the  heat  flux  drop  behind  the  transpiration 
cooled  area.  Moreover,  here  the  computed  and  meas¬ 
ured  head  loads  of  the  throat  section  almost  coincide. 

Figure  8  shows  the  mixture  ratio  profiles  shortly 
downstream  of  the  transpiration  cooled  insert,  at  x  = 
358.9  mm.  Apparently,  there  isn’t  much  a  difference  in 
the  stratified  core  flow,  but  near  the  wall  exists  a  dis¬ 
tinct  drop  for  the  two  test  cases  with  transpiration 
cooling  (about  50%).  This  comes,  of  course,  from  the 
higher  hydrogen  concentration  in  this  area. 


Figure  8:  Mixture  ratio  (0/F)  downstream  the  transpi¬ 
ration  cooled  insert  at  x  =  358.9  mm 

Finally  ,  the  Figures  9  and  10  presents  the  performance 
losses  for  the  entire  test  campaign  in  dependance  of  in¬ 
creasing  hydrogen  leakage,  related  to  the  reference  case 
without  transpiration  cooling. 


TEHORA:  Performance  Loss  Due  to  Transpiration  Cooling,  Test  Results 


Figure  9:  Reduction  of  combustion  chamber  efficiency 
(characteristic  velocity)  in  dependence  of  increasing  H2 
leakage 

As  can  be  seen  are  the  CryoROC  predictions  in  good 
agreement  with  the  measured  data.  Additionally,  there 
is  a  hint  in  both  measurements  and  numerical  simula¬ 
tion,  that  the  losses  in  the  characteristic  velocity  (Figure 


9)  are  higher  than  the  global  engine  performance  losses 
like  thrust  and  specific  impulse  (Figure  10).  This  char¬ 
acteristic  behavior  will  be  observed  even  more  clearly 
in  case  of  unintentional  porosity  (cracks).  An  explana¬ 
tion  will  be  given  in  the  next  section. 


TEHORA:  Performance  Loss  Due  to  Transpiration  Cooling,  Test  Results 
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Figure  10:  Reduction  of  thrust  chamber  efficiency  (spe¬ 
cific  impulse)  in  dependence  of  increasing  H2  leakage 


4  Unintentional  Porosity:  Cracks 

Extensive  testing  of  the  Vulcain  engine  revealed, 
that  small  cracks  may  develop  in  the  combustion  cham¬ 
ber.  This  will  lead  to  a  leakage  of  hydrogen  into  the 
combustion  chamber  at  a  position  downstream  of  the 
injection  plate  due  to  the  regenerative  hydrogen  cooling 
along  the  combustion  chamber  wall.  In  order  to  investi¬ 
gate  quantitatively  the  consequences  of  such  cracks, 
representative  leakage  inflow  conditions  were  modeled 
and  numerically  analyzed  with  the  CryoROC  code. 
Since  the  pressure  outside  the  combustion  chamber,  i.e. 
in  the  cooling  channels,  is  always  higher  than  the  pres¬ 
sure  on  the  hot  gas  side  of  the  wall,  an  infiltration  of  the 
cooling  media  into  the  chamber  occurs. 

The  development  of  (up  to  several  hundred)  cracks 
in  the  combustion  chamber  will  lead  to  three-dimen¬ 
sional  flow.  Since  the  CryoROC  code  can  be  applied 
only  to  2D  axisymmetric  geometries,  the  assumed  crack 
area  has  been  modeled  as  a  circumferential  slot  with  an 


AxcnKk  [mm] 

minj  [kg/s] 

""  ^Cracks 

1 

- 

- 

0 

2 

0.34 

3.0 

150 

3 

0.57 

5.0 

250 

4 

0.80 

7.0 

350 

Table  2:  Specification  of  the  different  crack  parame¬ 
ters  for  the  four  test  cases 
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equivalent  area  and  mass  influx.  In  this  way,  the  local 
conditions  around  the  cracks  will  not  be  completely 
representative,  but  the  effect  of  different  crack  sizes  on 
the  global  performance  parameters  can  still  be  esti¬ 
mated.  The  injected  hydrogen  flow  at  the  injector  plate 
is  corrected  by  subtracting  the  inflow  at  the  crack  loca¬ 
tion.  The  consequences  are  higher  mixture  ratios  in  the 
vicinity  of  the  injector  head. 

Four  different  test  cases  of  the  Vulcain  engine  at 
100  bar  were  computed  and  compared:  one  without 
cracks  as  the  reference  case  and  three  cases  with  in¬ 
creasing  amount  of  infiltrated  mass  flow  rate  (see  Table 
2). 


Figure  1 1 :  Temperature  contours  for  the  Vulcain  com¬ 
bustion  chamber 

An  overview  of  the  temperature  contours  with  the 
characteristic  stratification  due  to  Vulcain’s  12  injector 
rows  is  given  in  Figure  1 1 .  As  can  be  further  seen,  the 
crack  position  has  been  chosen  to  reflect  the  so-called 
wall  impact  point,  where  the  propellant  jet  of  the  outer 
injector  row  hits  the  chamber  contour  and  supports 
crack  formation  (x=0.17  m).  Along  the  wall  the  cooling 
effect  of  the  infiltrated  hydrogen  is  clearly  visible.  As 
exspected,  this  amount  of  hydrogen  does  not  burn  any 
more  but  heat  up  and  expand  through  the  nozzle. 


V  [m/s] 


0.20 

X  -  Position  (m) 


A  more  detailed  zoom  into  the  flow  field  with  stream¬ 
lines  around  the  crack  area  is  shown  in  Figure  12.  One 
can  clearly  recognize  the  strong  inflow  impulse  of  the 
small  crack  slot. 

In  order  to  evaluate  the  influence  of  the  crack  width 
and  mass  inflow  rate  through  the  crack,  the  calculated 
global  performance  parameters  are  related  to  the  first 
reference  case  without  cracks.  The  Figures  13  and  14 
reveal  the  reduction  of  the  characteristic  velocity 
(cVc*ref)  and  vacuum  specific  impulse  (Isp/Isp,ref)  de¬ 
pendence  of  increasing  hydrogen  leakage.  One  can 
clearly  recognize  that  the  c*  -losses  differ  distinctly 
from  the  performance  losses.  The  reduction  of  the  char¬ 
acteristic  velocities  (Fig.  13),  is  much  more  relevant 
than  the  plain  specific  impulse  losses  (Fig.  14). 


Figure  13:  Reduction  of  characteristic  velocity  in  de¬ 
pendence  of  increasing  H2  leakage 

This  is  due  to  the  fact,  that  the  hydrogen  coming 
through  the  cracks  does  not  contribute  to  the  combus¬ 
tion  process,  but  nevertheless  getting  heated  and  thus 
contribute  to  the  thrust  development.  In  addition  to  the 
CryoROC  results,  the  Figures  13  and  14  contain  ex¬ 
perimental  data  obtained  from  Vulcain  engine  test 
evaluations.  Unfortunately,  here  thrust  measurements 
are  not  available.  For  comparison,  also  test  data  from 
the  previously  discussed  TEHORA  campaign  has  been 
included.  Those  thrust  measurements  confirm  the  pre¬ 
dicted  CryoROC  tendency  of  reduced  specific  impulse 
losses  compared  to  more  severe  losses  in  the  character¬ 
istic  velocity.  This  is  crucial  for  operating  an  engine 
with  a  certain  amount  of  cracks.  A  fairly  good  agree¬ 
ment  between  computational  and  experimental  results  is 
visible,  proving  the  CryoROC  potential  for  such  com¬ 
plex  applications. 


Figure  12:  Flow  field  around  the  crack  position:  con¬ 
tours  of  radial  velocity  component 
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Figure  14:  I^p  performance  losses  in  dependence  of  in¬ 
creasing  H2  leakage 

5  Summary  and  Conclusions 

In  this  paper  several  CryoROC  (Cryogenic  ROcket 
Combustion)  simulations  have  been  introduced  and 
discussed.  Thereby,  the  objective  was  to  show  the 
code’s  capability  to  numerically  analyze  thrust  chamber 
flows  with  porous  walls. 

Concluding  this  work  the  most  important  results 
obtained  are  summarized  and  assessed: 

•  the  presented  CryoROC  analyses  the  wall  heat 
flux  distribution  in  a  transpiration  cooled  thrust 
chamber  on  subscale  level 

•  investigating  different  transpiration  inflow  rates,  a 
comparison  with  available  test  data  showed  that 
the  predicted  reduction  of  the  heat  transfer  down¬ 
stream  the  transpiration  cooled  insert  is  in  very 
good  accordance  with  the  measurements 

•  further  simulations  have  been  performed  for  a 
Vulcain  fullscale  thrust  chamber  considering 
cracks  in  the  chamber  wall 

•  the  CryoROC  calculations  showed  that  there  are 
distinct  differences  between  the  reduction  of  char¬ 
acteristic  velocity  and  the  global  performance 
losses.  The  hydrogen  coming  through  the  cracks 
do  not  contribute  to  the  combustion  process,  but 
nevertheless  getting  heated  and  thus  contribute  to 
the  thrust  development.  As  a  consequence,  the 
performance  losses  are  much  lower  than  the  c"^  - 
losses 

To  sum  up,  this  paper  describes  the  first  steps  to¬ 
wards  a  numerical  analysis  of  thrust  chamber  flows  in¬ 
cluding  porous  walls.  A  comparison  with  available  test 
data  on  both  subscale  and  fullscale  level  proved  the 
code’s  capability  to  resolve  qualitatively  the  main 


physical  flow  phenomena.  Also,  the  quantitative  pre¬ 
dictions  of  the  wall  heat  flux  development  as  well  as 
performance  losses  in  transpiration  cooled  thrust 
chambers  or  chambers  with  cracks  are  in  good  agree¬ 
ment  with  the  measurement  data. 

Acknowledgements 

The  TEHORA  project  was  performed  in  the  frame  of  a 
German-Russian  cooperation,  funded  by  the  German 
Aerospace  Center  (DLR)  and  the  Russian  Space 
Agency  (RKA).  The  Vulcain  test  campaigns  were  per¬ 
formed  within  the  Vulcain  2  evolution  -  Perfo  2000 
project.  For  the  supply  of  test  data,  the  authors  would 
like  to  thank  Mr.  Oechslein  and  Mrs,  Lex. 


References 

[1]  Popp,  M.,  and  Schmidt,  G.,  Advanced  Thrust 
Chambers,  5^  AAAF  International  Symposium 
“Propulsion  in  Space  Transportation”,  Paris, 
France,  22-24  May  1996,  Paper  10.1. 

[2]  Haeseler,  D.,  MMing,  C.,  Rubinskiy,  V.,  Gorok¬ 
hov,  V.,  and  Khrisanfov,  S.,  Experimental  Investi¬ 
gation  of  Transpiration  Cooled  Hydrogen-Oxygen 
Subscale  Chambers,  AIAA  98-3364,  1998. 

[3]  Preclik,  D.,  Estublier,  D.,  and  Wennerberg,  D.,  An 
Eulerian-Lagrangian  Approach  to  Spray  Combus¬ 
tion  Modelling  for  Liquid  Bi-Propellant  Rocket 
Motors,  AIAA  95-2779,  1995 

[4]  Knab,  O.,  Frohlich,  A.,  and  Wennerberg,  D.,  De¬ 
sign  Support  for  Advanced  Storable  Propellant  En¬ 
gines  by  ROCFLAM  Analyses,  AIAA  99-2459, 
1999. 

[5]  Preclik,  D.,  Wiedmann,  D.,  Oechslein,  W.,  and 
Kretschmer,  J.,  Cryogenic  Rocket  Calorimeter 
Chamber  Experiments  and  Heat  Transfer  simula¬ 
tions,  AIAA  98-3440,  1998 

[6]  Rachuk,  V.S.,  Goncharov,  N.S..,  Martynyenko, 
Y.A.,  Barinshtein,  B.M.,  and  Sciorelli,  F.A.,  De¬ 
sign,  Development  and  History  of  the  Oxygen  /Hy¬ 
drogen  Engine  RD-0120,  AIAA/ASME/SAE/ 
ASEE,  3L‘  Joint  Propulsion  Conference,  San  Di¬ 
ego,  Ca,  1995,  AIAA-95-2540. 

[7]  Frohlich,  A.,  Popp,  M.,  Schmidt,  G.,  and  Thele- 
mann,  D.,  Heat  Transfer  Characteristics  of  H2/O2 
Combustion  Chambers,  AIAA  93-1826,  1993. 


8 


X 


D) 

C 


C 

o 


CO 

0 

I 

■D 

c 

CO 

Q 

LL 

o 

c 

o 

CO 

CO 

0 

i— 

D) 

O 


00 

c 

o 

'w 

0 

0 

C/) 


CQ 

fl 

O 


fl 


all 

©  ^ 

t:  A 

«  g  u 

fi  i 

.2  ^ 

-S  fi  & 

fl  O  ^ 

^  •pN  ^ 

H  2  "55 

M  5 

pO  O 

®  s  3 

^  O  ^ 


c 

o 


bo 

0 

■s 

<D 

c 

a 

0 


Q 

•N 

4 

0 

^-H 

0 

00 

0 

CO 

ffi 


4 

X) 

CO 

a 


4 

0 

£? 

:0 

O 


X 

X) 

B 

O 

B 

c/3 

o 

o 

o 

H 


3 

c/3 

C 

o 

u 

cd 

C/3 

cd 

Q 


m 

2 

,13 


•  ^ 
w 

S 


<u 

X 

c/3 

1j 

c/3 

C/3 

::3 


G 

cd 

s 


00 

(N 

^  o 


a 

< 

0) 

o 

cd 

a 

c/3 

O 

;-H 

<u 


^-1 

(U 


2^ 

3  00 
^  \o 


o 

2 

S'  I  ® 

X  2  00 
U  * 

;-i  C 
(U  ^ 


'cd 

Q 


X 

r-.  O 

dj  PQ 

o 

aP 

00  CU 


G 

<D 

x: 

o 

G 

:G 

G 

m  G 


MD 


s 

Vh 

T-H  (D 

OO  Q 


This  document  is  the  property  of  DaimlerChr>'sIer  Aerospace  and  is  not  to  be  disclosed  or  reproduced  without  prior  consent  1  Dasa  -  RIA54  J.Gorgen  1 0.03.2000 


r 


D 

C  (U 

2-  c/5 

®  B*  ^ 
•S  S  o 
<D  O  C 

6  'to 
<L>  B  ’S 
S‘S  o 
3  «a  *5 

^  S  §“ 

O  >.  cr. 
C/3  -rt 

,S  ><  c 

4-(  es  rt 


C/3  /"-N 
(D  J- 

o> 

^  s 

M 

^  2  O 
Z  ^  £ 

S?'-=3  O 

'— '  S'  3 

>  S  I 

1^  •fH  J-M 

c3  w  3 

Jv  Uh 

^  P-  9U 

,«J  'o  ' 

tin  M  ^ 


cd 

^  3 

o  3 

5  *5? 

M  s 

‘C  D. 


^  a  i 

<N  —  o 


X.1 

•»-H  _ _ 

sz 

(U  •' 

o9^§ 

1®.* 

o 

bo^;  U 
S  4 
•3  SO 
^UU 

.23® 

iS  -e  ^•• 

5  2® 

S  SO 


b  "O 
O  fii 
«j  c3 

O  tH 

cc 

Cd  (D 

cwco 


1^ 

cd 

♦i  C  p 
C  O  *-i 
03 . 2  a, 

s  t>  3- 

o  3  03 

§“■3^ 

S'ii  ^ 
3  .2  ^ 
- 1;  2 
52  c^  ^ 

J  ^.2 

V  2  £ 
•2  P  o 

—  o  5, 

3  ^  cr 

E  3  00 


cd 

^  9> 
^  cd 
03  Cu 


C/D 

a>  tS 

I.  O 

^  Cl 

.S  a 

s  s 


O  'O 


2  *3 
9  5*  «A 

p, 


0)  ”  S' 

^  s  s 
lip 
IS'i 

Ss® 

Eld 

§ 

B  ^ 


o  >. 

O  n 


U,  S  o 

O  -3  'b 

C  c/D 

Q  5  S 
w  <  S 

WW  (J 

g3  2 

9J  'o  _ 

3  ’-C  2  o 

o  O  -3  *0 

3  c  c  o 

32  8  E 


O 

H 

§  O 
o  H 

.s  g 

2  ® 
3 


I  o  ^  S  o 

<u  9^  S  C3 

c4)  ;:3  c3  c 


CL-^  O 

O  o  ‘w 

"O  2  ^ 

TS  3  3 

8.S  § 

^  E  i:: 

Ti  U-i  o 
ci  ^  x: 


This  document  is  the  property  of  DaimlerChrysler  Aerospace  and  is  not  to  be  disclosed  or  reproduced  without  prior  consent 


heat  conduction  in  wall  structure  (=^>  local  a  distilbution) 


W  M  iH 

2  3^ 

6  2. 

2  s  § 

ill 

.2  (0  V 

lit- 

+i  2  o 

fl  ^  IH 

H-l  ^ 


s  document  is  the  property  of  DaimlerChr>  sler  Aerospace  and  is  not  to  be  disclosed  or  reproduced  without  prior  consent  4  Dasa  -  RIA54  J.Gorgen  1 0.03.2000 


property  of  DainilerChrysler  Aerospace  and  is  not  to  be  disclosed  or  reproduced 


cd 

O 


c:5 

CD 

s: 


c 

too 


-o  C  s 

cd  >- 

^  x: 


.2  o 


X)  c 

■u  5  ^ 

o 


^  c/5 

cd  (n 

1^ 


o 

O 


u 

D 

Cu 

Oh 

HJ 


c3 

<D 

Ti 

>% 

D 

cd 

too 

(/) 

c3 

D 

too 

D 

O 

•  i-M 

Dm 

4-<* 

</) 

CD 

D 

c/5 

X 

S 

4-( 

o 

o 

o 

4-> 

D 

4-M 

o 

CD 

d 

jd 

S 

a 

D 

CD 

CD 

1!> 

> 

CD 

TD 

CD 

X) 

XJ 

to 

p 

o 


<U  ’-;3 

c/3 


(D 


(D 


c/i 


«4-H 


^  o 
too  t: 
■M  cc3 

o  a. 


to  c/0 
c  :? 


o 


o 

o 

Dm 


cd 


C/) 

O 
cto 
?— ( 

u 


<u 

cH 

c/5 

>«■■■< 

D 

13 

r*< 

o 

H  ^ 

CD 

c/5 

Cu 

>>  ^ 

too 

c  <u 

4-^ 

o 

a  x: 

too 

^  c 

X  •- 

C 

OC  c/2 

X 

X 

p  ^ 

o 

o 


C 

a 

1 

00 

CD 

Ui 

B 

3 

c 

O 

CD 

O 

s 

CD 

o 

x: 

G 

C 

c 

•  »-H 

C/i 

c/i 

C/3 

c 

c 

Vh 

C 

CD 

44 

w 

o 

(D 

4h 

3 

O 

*  f-H 

O 

00 

V-f 

3 

C 

O 

O 

•  f— 4 

(/3 

4-^ 

O 

'W 

cd 

3 

cr 

> 

4 

CD 

(/3 

c 

<u 

C 

o 

•  T-H 

W) 

3 

o 

O 

C3 

•  1-H 

Oh 

T3 

C 

W) 

4t 

3 

o 

CD 

’TH 

Cl^ 

C 

< 

c/2 

CD 

<u  nd 
a  g 


Oi  O 

e  ^ 

-rt 

<3J  .rH 

o  o 

CD  (U 

•  •»— j 

&  ^ 


X)  (U  CIh 

^  o 

Ip 

c«  3  o 

S  -£  *^ 

c3  i:;  ‘r^s 

uh  3  3 


0) 

(L) 

13 

(D 

(U 

x: 

3 

J3 

-3 

-*-> 

cd 

4-H 

+-* 

«4-( 

«^-l 

o 

o 

o 

•  1-H 

O 

O 

3 

3 

s 

3 

3 

O 

O 

(d 

O 

O 

*jG 

•  1-H 

c 

•  ?-«4 

•  ifH 

-j _ ^ 

cd 

C3 

O 

o 

o 

O 

•  l-H 

4-4 

o 

•  1-H 

4-4 

’o 

‘o 

B 

'o 

‘o 

CD 

CD 

44 

CD 

CD 

CX 

{X 

CD 

a 

Oh 

C/5 

C/5 

X 

c/5 

C/5 

• 

• 

• 

• 

This  document  is  the  property  of  DaimlerChrysler  Aerospace  and  is  not  to  be  disclosed  or  reproduced  without  prior  consent  9  Dasa  -  RIA54  J.Gdrgen  10.03.2000 


w 

(/> 

(D 

CO 

H 

T3 

0) 

O) 

O 

00 

O 

o 

O 

■ 

o 

c 

■N 

o 

S' 

■  ■H 

"S 

(/) 

0) 

a 

H 

(/> 

(/) 

c 

S 

TO 

H 

00 

1 

CM 

C 

■ 

o 

o 

■■1 

ts 

S  S 

3  2 

E  ^ 
O  5 

o  o 


O  .S> 
O  .£ 


O  !t 


[ui]  uoj)isod  ■  A 


OOt^<Din^COCMT- 

dddddoddooo 


ooooooooooo 

oooooooooo 

ooooi^cDin-^coca-*- 


[>|]  ajniejadiuai  neyw 
[UJ]  uojjjsod  -  A 


OOI^COLO-^COCMfO 

ddddddddcio 


[2UJ/MIAI]  xnu  leeH  ||bm 


c 

i 


o 

O 

•a 


c/l 

Ic 

E- 


Heat  Flux  along  the  Wall  Corresponding  Wall  Temperatures 


[ujui]  jnoiuoQ 

K  8  ^ 


IG  o 


00  1  S 

ll-ll 

Si  in 
PI  ^1± 


I  ipy  g 


r 


■5.  S 
c:  2 

(c  2 

T- 


UUJ/MWJ  xn|jiB3HI|BM 


o,  O^co 
d  o  ^ 


Hi 

ili 

^■3  2 


c  “■ 

O  0^ 


[uiui]  jno^uoo 
8  8  8 


E  » 

O  (0 

o 

-g 

in  |2 


8^88 
[jU»/Mm]  xnid  leaH  II^M 


Averaged  Wall  Heat  Flux  (Test  2)  Averaged  Wall  Heat  Flux  (Test  8) 

without  transpiration  cooling  insert  transpiration  mass  flow  rate:  0.128  kg/s 


without  transpiration  cooling  insert  downstream  the  transpiration  cooled  insert 


i  <D  ^  c 

!  CO  O 

i  —  “D  £  "S 

>>  c  -C  <D 

O  ro  H  0) 


JL 


c  . 

o  y- 


’^1 

c  s 

<c  2 

T“ 


.*} 


o 

§  I 

I  §« 
I  «  2 

o  *3  T* 

a  0,00 

H  Q  iH 


2  « I 

Hi 

•2  <fi  ® 

tS-dO 

i|§ 

ti  2  o 

13  iM 

hH  ^ 


C  “■ 
O  o 

■5  « 

TO  Q 

3  ^ 

I  = 

E  CO 

O  CC 

O  is 


♦  ♦ 


y— 

o 

0^ 

00 

1^ 

CD 

a 

05 

O) 

o> 

O 

-1-*' 

o' 

o' 

o' 

o' 

[_]  »9a-.oU/*’U  oiJBU  Aousioj^g  uoi^snquiOQ 


This  document  is  the  property  of  DaimierChrysler  Aerospace  and  is  not  to  be  disclosed  or  reproduced  without  prior  consent  1 3  Dasa  -  RIA54  J.Gorgen  10.03.2000 


This  document  is  the  property  of  DaimlerChr>'sler  Aerospace  and  is  not  to  be  disclosed  or  reproduced  without  prior  consent  14  Dasa  -  RIA54  J.Gorgen  1 0.03.2000 


O) 

a 

c/3 

S 


c 

o 

(/) 

3 

n 

E 

o 

o 


o 

D) 

c 


0) 

■D 

O 


c 

o 

5 

3 

E 

(/> 

o 

in 


O 

O 

CC 

O 

> 

O 


(O 

II 


r\ 


fi 

o 


A  «3 

€ 

S'i 

•I  s 

os  -8 

pj  M 


SO 


I 

o 

>. 

I 

p 

a. 


*a 


o  ® 

I  0« 
*s|!2 

5  s  • 

S'  P'S 

6  o 
® 

•a  8  « 

c  «  S 
5  O4  £ 

.2  CO  V 
rt  ^ 

S  &  S 
c  ^  2 


0) 

<0 

n 

II 

E 

(0 

6 

0 

■N 

c 

(5 

.0 

n 

Cm 

0 

(0 

0 

3 

T“ 

E 

il 

0 

0 

a 

0 

rt 

•*— 

0 

0) 

0 

D) 

(0 

c 

0 

fl) 

£ 

■0 

4ii< 

■  i^H 

0 

0 

1 

c 

c 

’o) 

0 

c 

■  ■H 

0) 

c 

3 

E 

'ro 

0 

3 

0 

> 

|0'ds|/ds|  ‘ia'd/d 


■  Si 

I  & 

'O 


ns 

- 

/ 

- 

/ 

- 

/ 

- 

/ 

- 

‘0 

i 

_ r 

' 

£ 

M 

N 

T“ 

0 

II 

1  1  1  1  ^  ‘  1  1 . t— 

•g,  VI 
r&  ^ 


a>  VI 
{WD  ^ 
Cl  ^ 

-2 
K  I 


M 

C/S 

OX) 

s 

0 

fl 

;i4 

pC 

H 

•  M 

c/s 

03 

a> 

cS 

u 

QJ 

s 

;n 

u 

& 

s 

1:3 

s 

pC 

0 

"M 

CQ 

0 

;> 

a> 

s 

0 

0 

• 

fl  "O) 
a> 

O4  -B 
a>  o 

a 


VI  pS 

a>  ^ 
c»  S 

O  Cm 

I—'  6m 

S  =3 

CJ  c/5 

s  S 


tr  It 


|e'so/so  ‘je'd/d 


heated  hydrogen  contributes  to  the  thrust  development 


O) 

a 

2 


c 

,o 

+3 

(0 

3 


E 

o 


I 


c 

o 

*3 

iS 

3 

E 

U) 

o 

in 


O 

O 


CC 

O 

> 


o 


(D 

II 


CO 

O 

O 


II 

u 

a 


(/> 

o 

(0 

O 


o 

c 

‘ui 

c 

0) 

c 

‘E 

o 

3 

> 


This  document  is  the  property  of  DaimIerChr>'sler  Aerospace  and  is  not  to  be  disclosed  or  reproduced  without  prior  consent  1 8  Dasa  -  RIA54  J.Gorgen  1 0.03.2000 


0 

u 

cd 

Cu 

x/i 


— 

C/i 


C3 

a> 

CD 

-D 
3 

Vi 

C 

o 
« 

3 

CD  a> 


CD 

© 

c 


© 

3 
3 
3 

3  CD 
{»< 

=  3 

Cm 


3 

•  mm 

fl 

© 


U 

o 

o  $ 
;>%  ^ 
S-^  CD 

^  © 

o  ■§ 
c  ^ 

o  2i 
^  x: 

•—  ^ 

5  TS 

a  ^ 

£  ^ 

o  ® 

u  -= 

W  1/5 


o 

c/: 

3 


O 

o 

CJ 


Cd 


cd 


a 

B 

© 

c^ 

pC 

s 


X 

3 


c/: 

o; 

CD 

CD 

o 


Cu  tU 

CD  O 

E  ^ 

cd  3 


OJ 

X) 

a. 

o 


u 

Cd 

> 

OJ 

X 


c«  £ 

a>  o 

-c  th 


"Tj 

> 

X 

a 

c 


CD 


(D 

X 

o 

c 

.2 

*’4— * 

C-> 

3 
T3 
p 
©4  X 

2  "5 

4->  CD 

3  (U 

OJ  v: 

1"“-^  CD 

o  I 
X 

cu 


w-ww 


L. 

cS 

(U 

a. 


(U 


^  o 


CJ  -C 


AAA 


K  T^f■i 


Ffe:?| 


g^vl 


This  docLinieni  is  the  property  of  DaimlcrChry  sjer  Aerospace  and  is  not  to  be  disclosed  or  reproduced  without  prior  consent  1 9  Dasa  -  R1A54  J.Gorgen  10.03  20()0 


ENGINE  HEALTH  MONITORING  WITH  EXHAUST  PLUME 
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Abctract 

Experimental  optoelectronic  equipment 
was  developed  featuring  the  following 
characteristics:  spectral  range  of  measurement 
-  320-r800  nm  (unit  measurement  interval  - 
30  nm);  maximum  spectral  resolution  -  0.02 
nm;  measurement  rate  -  3-5-100  spectra/s.  To 
simulate  ablation  of  structural  materials  when 
an  LRE  is  operating,  an  experimental  plant 
was  developed  which  allowed  one  to  inject 
small  doses  of  lean  concentrated  metal  salt 
solutions  in  the  combustion  chamber  of 
subscale  LRE  operating  on  oxygen-ethanol  or 
oxygen-kerosene  components  at  propellant 
consumption  rate  of  ~  100  g/s.  Experimental 
data  were  obtained  on  the  detection  limit  of 
such  metals  as  Fe,  Al,  Mn,  Cr,  Ni,  and  Cu  in 
the  exhaust  plume.  Radiation  spectra  of  the 
“Proton”  second  stage  engine  exhaust  plume 
were  measured. 

1.  Introduction 

Methods  of  LRE  health  monitoring 
based  on  exhaust  plume  emission 
spectroscopy  technology  received  a 
development  effort  late  in  the  nineties.  An 


experimental  plant  for  simulation  of  structural 
material  losses  with  the  engine  operating  was 
developed  at  Keldysh  Research  Center,  and 
with  participation  of  the  Bauman  State 
Technical  University  quick-operating 
spectroscopic  instrumentation  was  developed. 
The  task  was  to  determine  detection  limit  of 
the  spectroscopic  method  based  on  metal 
vapours  and  to  use  spectral  data  for 
monitoring  the  spectral  signatures  of  eroding 
engine  components  in  test  and/or  flight 
operations.  Monitoring  the  material  losses  is 
extremely  important  not  only  to  evaluate 
lifetime  of  LRE  various  elements,  but, 
primarily,  for  the  objective  of  ignition 
prevention. 

The  detection  of  metal  traces  in  LRE 
exhaust  plumes  using  emission  lines  and 
determination  of  their  concentration  is  not  a 
trivial  task.  A  number  of  factors  hinder 
extracting  metal  line  emission  and 
measurement  of  their  intensity:  the  band 
emission  from  thermally  and  chemically 
excited  molecules  of  combustion  products, 
the  continuous  background  emission,  the 
absorption  by  the  environment,  etc. 


The  idea  of  extracting  chemical  data  from 
the  analysis  of  the  electromagnetic  spectrum 
and  using  them  for  LRE  health  monitoring  is 
not  new.  Engine  health  monitoring  with  exhaust 
plume  emission  spectroscopy  is  under  intensive 
study  at  NASA  [1-4]. 


Table  1. 


limiting  N  •  L  values  for  strong  lines  of  some  metals 


MetaJ 

Line  wave¬ 
length  (X),  nm 

Agio’. 

5-' 

n 

Halfwidth  of 
line  (AX),  nm 

N  L,  m*' 

A1 

396 

1.3 

5.9 

310-^ 

4  10“ 

Cr 

425 

2.0 

10.6 

2.310' 

310‘" 

Cu 

324 

4  1 

2.4 

1.610’ 

0.65  10“ 

Fc 

372 

2.5 

28.5 

2-10-’ 

9  10“ 

Ni 

352 

4,6 

30,6 

2- 10’ 

io’^' 

2.  Theory 

In  the  isothermal  equilibrium  flame  of 
thickness  L  at  the  temperature  T  the  emission 
intensity  of  non-reabsorbed  line  J  (W/m^  sr)  is 
equal  to 

J  =  NL-A-g-h-c-exp  (-Eb/kT)/47t-X-n,  (1) 

where;  N  -  volumetric  concentration,  m'^; 

A  -  the  Einstein  transition  probability 
for  spontaneous  emission,  s'"; 
g  -  statistical  weight; 
n  -  sum  for  states; 

T  -  absolute  temperature; 
h  -  Planck’s  constant,  6.62-10'^‘*  J  s; 
c  -  velocity  of  light,  310*  m/s; 
k- Boltzmann  constant,  8.62110'^eV/K; 
Eb  -  energy  of  high  level,  eV; 

X  -  wavelength,  m. 

Formula  (1)  is  true  only  for  an  optically 
thin  emitter,  when  the  optical  width  is 
T  =  Ai-gi->.^-N-L/n-87i-c-A>.  (2) 

is  less  than  a  unity.  Here  AX  is  the  half-width 
of  spectral  line. 

Formula  (2)  is  true  for  the  majority  of 
lines  with  the  lower  main  level.  Limiting  N  L 
values  for  strong  lines  of  some  metals  are 
presented  in  Table  1 . 


3.  Spectroscopic  Instrumentation 

Spectroscopic  instrumentation  (Fig.  1) 
consists  of  an  optical  system,  a  grating 
monochromator,  a  photodetector  and  a  PC. 


Fig.  1 

Various  optical  systems  were  used  for 
measurements.  A  quartz  condenser  of  D=55 
mm,  focal  distance  f  =  70  mm,  was  used  on 
the  experimental  plant  with  a  subscale  engine. 
In  testing  of  the  “Proton”  launching  vehicle 
engine  (PE)  a  focusing  spherical  mirror  of  D 
=  120  mm  (diameter)  and  F  =  1.2  m  (focal 
distcuice)  was  used. 

The  monochromator  comprises  a  plane 
diffraction  grating  of  n  =  1200  lines/mm;  two 
spherical  mirrors  of  600  mm  focal  distance. 
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The  monochromator  effective  range  as  to 
spectixim  is  300-^1000  nm,  the  reverse  linear 
dispersion  is  1 .3  nm/mm. 

The  photodetector  incorporates  a  2048- 
pixel  CCD  linear  image  sensor,  a  controller 
and  buffer  operational  amplifiers. 

Characteristics  of  the  2048-pixel  CCD 
linear  image  sensor  (TCD142D):  number  of 
image  sensing  elements  —  2048,  image  sensing 
element  size  -  14  ^irn  xl4  pm;  dynamic  range 
- 1500  (integration  time  =10  ms). 

Spectroscopic  instrumentation  main 
characteristics: 

•  Spectral  region  -  320-5-800  nm 

•  Spectral  region  of  individual  measurement 
-  30  nm 

Maximum  spectral  resolution  -  0.02  nm 
Detectivity  (integration  time  is  170  tns,  light 
r  source  wavelength  is  500  nm)  - 10'*^  W 

•  Temporal  resolution  -  0.01-5-0.3  s. 

In  order  to  refer  accurately  to  the 
wavelength,  the  instrumentation  was  calibrated 
by  the  Hg-lamp.  Using  the  light  source  of  T  = 
3000  K  the  detectivity  was  determined  and  the 
spectral  responsivity  was  measured  (Fig.  2). 


4.  Experimental  Plant 

Losses  of  small  quantities  of  material 
from  engine  structural  members  were 
simulated  by  injection  of  small  quantities 
(1.3-5-15.0  %)  of  dilute  solutions  of  metal  salts 
and  alkalis  into  the  combustion  chamber  of  a 
subscale  ethanol-oxygen  LRE.  The  subscale 
engine  was  fitted  with  a  volume  doser  to  feed 
small  quantities  of  weak  salt  solutions  into  the 
combustion  chamber.  The  solution  was 
expelled  from  the  doser  tank  by  high-pressure 
nitrogen.  The  salt  consumption  was  controlled 
by  the  pressure  differential  in  the  tank  and  the 
combustion  chamber. 

Main  experiments  were  run  on  the 
subscale  engine  with  the  total  flow  rate  of 
propellants  (ethanol  +  oxygen)  of  -  100  g/s. 
The  typical  operation  mode  of  the  engine 
during  tests:  oxidizer  flow  rate  Go  =  82.25  g/s; 
fuel  flow  rate  Ga  =  39.6  g/s;  a  =  1.017; 
combustion  chamber  pressure  Pc  =  17.7 
kg/cm^;  salt  solution  flow  rate  -  1-5-15  g/s; 
relative  metal  content  (mass)  -  (2-5-1 5)-10'^. 

5.  Experiments  on  Subscale  Engine 

The  objective  of  these  experiments  is 
optimization  of  measuring  procedures  and 
determination  of  instrument  sensitivity  as  to 
metal  vapours  in  conditions  close  to 
nonsimulated  conditions  as  to  the  plume 
chemical  content. 

The  instrumentation  was  pointed  to  the 
near  nozzle  region  of  plume  where  the  design 
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temperature  was  2200-^2400  K,  the  pressure  P 
=  0.1  MPa.  The  width  of  the  monochromator 
entrance  slit  was  prescribed  to  be  equal  to 
0.15  mm  that  provided  the  spectral  resolution 
of  0.2  nm. 

The  results  of  measurements  presented 
in  Fig.  3  were  obtained  when  small  quantities 
of  KMn04  additive  were  injected  in  the 
subscale  LRE  combustion  chamber.  The 
water  solution  of  KMn04  was  added  directly 
to  the  fuel  (ethanol).  The  concentration  of 
KMn04  in  the  ethanol  was  ~  5-10'^  that,  when 
converted  to  K  and  Mn  in  the  gas  mixture, 
gives 

~  4- 10'^  and  ~  6-1  O'®,  respectively.  One  can 
easily  see  the  K  doublet  (404.414  and 
404.72  nm)  and  the  Mn  triplet  (403.076; 
403.307  and  403.443  nm). 


The  plume  emission  spectrum  with 
injection  of  1.5-percent  water  solution  of 
K2Cr207  in  the  combustion  chamber  is 
presented  in  Fig.  4.  Dming  the  tests  the 
consumption  of  salt  solution  amoimted  to  ~  5 


%  of  the  total  component  consumption  that 
gives  the  Cr  content  in  the  plqme  equal  to 
2-10'^.  On  the  plot  the  most  prominent  are  the 
chrome  lines  at  425.435;  427.480  and  428.372 
nm. 


More  detailed  investigations  were 
carried  out  using  the  copper  salt  Cu(N03)2. 
Measurements  with  8-percent  water  solution 
of  Cu(N03)2  were  taken  in  three  spectral 
intervals  where  lines  at  324.754,  327.396, 
510.554  (Fig.  5,  6).  In  doing  so  the  line  at 
510.554  nm  was  observed  against  a 
background  of  molecular  bands. 
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Besides,  in  order  to  check  the 
assumption  on  the  non-reabsorbity  of  lines  for 
the  line  at  510.554  nm,  measurements  were 
taken  at  different  copper  concentrations  in  tiie 
plume  (1.9-10’^;  2.9-10'^;  8.210‘^  and  2.2-10'^). 
Wilhin  the  range  of  precision  of 
measurements,  which  is  caused  mainly  by 
variability  of  engine  operation  modes  from 
startup  to  startup,  the  intensity  of  line  depends 
linearly  on  copper  concentration  that  suggests 
that  formula  (1)  can  be  applied  to  the  results 
obtained  on  the  subscale  engine. 

Iron  can  be  the  main  component  of 
structural  materials  of  the  overwhelming 
majority  of  LRE  elements.  Nickel  enters  into 
the  composition  of  practically  all  stainless 
steels  that  are  used  in  LRE.  Besides,  nickel  is 
widely  used  for  coatings  of  contacting  turbine 
elements  which  are  the  most  susceptible  to 
ignition.  That  is  why  these  metals  are  the 
most  interesting  for  LRE  health  monitoring. 

Shown  in  Fig.  7  are  spectra  of  subscale 
engine  plume  emission  when  12-percent 
solution  of  Ni(N03)2  is  injected  in  the 


combustion  chamber.  The  content  of  Ni  in  the 
plume  therewith  amounted  to  1.5-10'^.  On  the 
spectra  a  whole  set  of  nickel  lines  is  presented 
of  which  the  most  interesting  are  lines  at 
361.939;  380.714  and  385.830  nm. 
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Fig.  7 

The  iron  lines  in  the  subscale  LRE 
plume  spectra  (Fig.  8)  were  obtained  when 
10-percent  solution  of  FeS04-7H20  was 
injected  in  the  chamber.  The  content  of  iron  in 
the  LRE  plume  amounted  to  7.5- lO"^. 


Cj.^=l,3810’ 


Fig.  8 
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6.  Measurements  of  Emission  Plume 
Spectrum  of  “Proton” 

Launching  Vehicle  Second  Stage  Engine 

Seven  tests  of  “Proton”  launching 
vehicle  second  stage  engines  (PE)  were 
performed  in  January-February  2000  on  the 
test  stand  of  the  Chemical  Automatics  Design 
Bureau.  To  investigate  the  influence  of 
strange  particles  (impurities)  on  the  engine 
operability,  in  a  number  of  tests  powders  of 
an  aluminium  alloy  and  steel  were  injected  in 
fuel  manifolds  at  certain  periods  of  time. 

Main  characteristics  of  the  engine: 

•  propellants:  oxidizer  -  N2O4;  fuel  - 

nonsymmetrical  dimethylhydrazine 

(CH3)2N2H2; 

•  mixture  ratio  Km  =  Go/Gf  =2.6; 

•  propellant  flow  rate  Gj  =  1 80  kg/s; 

•  combustion  chamber  pressure  Pc=l  5  MPa; 

•  nozzle  expansion  ratio  -  8.4. 

The  tests  were  run  in  the  atmosphere, 
i.e.  the  jet  was  overexpanded.  The 
instrumentation  was  pointed  to  the  plume 
region  at  a  distance  of  ~  0.7  m  from  the 
nozzle  exit  immediately  after  the  Mach  disk 
as  shown  by  TV  recording.  The  design  gas 
temperature  in  this  region  imder  condition  of 
thermochemical  equilibrium  is  ~  3100  K,  the 
pressure  is  —  0.2  MPa.  During  tests  the 
measurement  rate  was  6  or  3  lines  per  second. 
The  width  of  monochromator  enterance  slit 
was  set  0.2  mm  that  provides  spectral 
resolution  of  0.25  nm. 


Shown  in  Fig.  9  is  a  typical  spectrum  of 
plume  emission  which  is  characteristic  of 
standard  engiiie  operation  mode.  In  the  course 
of  the  whole  period  of  testing  (t  =  320  s)  the 
spectrum  does  not  undergo  essential  changes. 
Against  the  background  of  continuous 
emission  two  strong  Fe  lines  are  seen  at 
385,99  and  388.63  mn.  The  emission  intensity 
in  the  lines  does  not  change  over  time  that 
attests  that  the  iron  flow  rate  is  constant.  The 
most  probable  cause  of  iron  occurring  in  the 
plume  is  the  presence  of  iron  in  the  propellant 
that  is  confirmed  by  results  of  the  chemical 
analysis  which  is  made  before  each  testing. 
The  content  of  Fe  in  the  fuel,  which  was 
measured  before  this  test,  amounted  to  ~  1 0'^ 
that  corresponds  to  the  flow  rate  of  ~  20  mg/s. 


Fig.  10  illustrates  the  spectrum  of  plume 
emission  when  2.5  g  steel  powder  (70  %  Fe, 
18  %  Cr,  10  %  Ni,  1  -i-  2  %  Mn)  are  injected 
in  the  fuel  manifold.  When  comparing  results 
shown  in  Figs.  1 1  and  8,  one  can  see  that  the 
intensity  of  emission  in  Fe  lines  at  385.99  and 
388.63  nm  increases  sharply,  and  new  lines 
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have  appeared:  Fe  lines  at  376.72,  382.59, 
388,  389.97,  392.29,  392.79  rnn  and  the  Mn 
line  at- 403.1  nm. 


Under  condition  of  thermochemical 
equilibrium  the  relative  content  of  Cr  atoms  at 
3100  K  temperature  is  only  -  3  %.  That  is 
why  in  this  spectra  the  intensity  of  relatively 
strong  Cr  lines  (385.22,  385.52,  388.68  nm)  is 
disguised  by  intensive  Fe  lines  due  to 
inadequately  high  spectral  resolution. 

The  relative  content  of  Ni  atoms  is  - 
0.85.  The  Ni  line  (X  =  385.83  nm)  is 
concealed  by  the  strong  Fe  line  (X  =  385.99 
nm).  Ni  lines  (X  =  378.35  and  380.7  nm)  are 
present  in  the  spectrum. 

It  might  be  well  to  point  out  that  if  Ihe 
concentration  of  iron  increases  more  than 
100  times,  the  intensity  of  strong  Fe  lines  at 
385.99  and  388.63  nm  is  only  approximately 
10  times  as  much.  This  is  related  to  self¬ 
absorption  in  the  central  part  of  lines.  This  is 
corroborated  by  the  magnitude  N-L  which  is 
determined  from  the  Fe  flow  rate.  It  turned  to 


be  equal  to  N-Lpe  =  3-10‘^  m'^.  This  magnitude 
is  2  orders  as  much  as  the  magnitude  at  which 
relationship  (1)  is  true  (see  Table  1). 

Figs.  11  and  12  show  spectra  of  plume 
emission  when  700  mg  of  aluminum  alloy 
powder  are  injected  which  contains  0.5  0.8 

%  Mn.  The  powder  Was  injected  in  the  fuel 
manifold  (Fig.  11)  and  in  the  oxidizer 
manifold  (Fig.  12).  About  10  %  (for  mass)  of 
the  most  large-sized  particules  were  retained 
by  filters  and  did  not  reach  the  combustion 
chamber  and,  consequently,  the  plume. 
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As  is  seen  from  the  results  presented, 
when  the  powder  is  injected,  emission  occurs 
in  A1  lines  (394.4  and  396.15  nm)  and  in  Mn 
lines  (~  403.1  nm).  The  intensity  of  emission 
and,  consequently,  the  concentration  of  A1 
and  Mn  atoms  strongly  depend  on  what 
manifold  the  powder  is  injected  in:  oxidizer  or 
fuel  ones.  When  the  powder  is  injected  in  the 
oxidizer  manifold,  the  most  part  of  A1  and  Mn 
is  oxidized. 

The  luminiscence  in  A1  and  Mn  lines  is 
observed  within  ~  1  second.  It  means  that  the 
registered  intensity  of  emission  corresponds 
to  the  Al  flow  rate  of  ~  600  mg/s,  the  Mn  flow 
rate  of  ~  4  mg/s  or  to  the  relative 
concentration  of  3- 10’®  and  2- 10'*, 
respectively.  In  fact,  only  a  small  part  of 
initial  material  is  contained  in  the  plume  as 
atoms  which  form  spectral  lines.  Thus,  under 
condition  of  thermochemical  equilibrium  after 
the  Mach  disk  at  T  =  3100  K  only  3  %  of  all 
Al  and  50  %  Mn  are  contained  as  atoms. 

In  summary  we  shall  indicate  minimum 
recordable  relative  concentrations  Cmin  and 
mass  flow  rates  Gmin  of  different  metals  in  the 
PE  plume. 


Table  2. 

Minimum  recordable  relative  concentrations 

Cmin  and  mass  flow  rates  Gmin 


Element 

Wavelength,  nm 

Proton  engine 

^min 

Gminj 

Al 

394.4/396.15 

5- 10-’ 

0.1 

Fe 

371.99/373.6/374.8 

385.99/388.63 

5- 10'* 

0.01 

Ni 

352.454/361.94 

5-10-® 

0.001 

Mn 

403.08/403.31/403.45 

3-10'® 

0.0006 
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FIG.  2.  The  inset  shows  the  minimum  radius,  hmzn{t'},  as  a  function  of  time  for  the  drop  shown  in  Fig.  1.  The  solid  line 
is  the  theoretical  prediction.  The  main  figure  shows  the  similarity  function  H{^)  as  defined  by  (4).  The  dots  are  rescaled 
experimental  profiles  corresponding  to  the  times  indicated  as  arrows  in  the  inset.  The  solid  line  is  the  theory,  and  the  x’s  mark 
the  final  simulation  profile. 
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Injection  of  Cryogenic  Jets  into 
Subcritical  and  Supercritical 
Environments:  Raman  Measurements 

B.  Chehroudi,  A.  Badakshan,  R. 

Cohn,  and  D.  Talley 


Objectives 


Overall 

•  Determine  the  mechanisms  which  control  the 
breakup,  transport,  mixing,  and  combustion  of  sub- 
and  super-critical  droplets,  jets,  and  sprays. 


This  Presentation 

•  Determine  the  structure  of  subcriticai  and 
supercritical  cryogenic  jets  using  quantitative  Raman 
imaging. 


z/i(opd)/Ti 


Background 

- - - - - 

•  In  engines  having  chamber  pressures  exceeding  the 
critical  pressure  (SSME,  Vulcain,  etc.),  the  distinct 
difference  between  a  “gas”  and  a  “liquid”  disappears. 

•  The  resulting  flows  are  influenced  by  factors  not 
present  In  conventional  sprays: 

—  Vanishing  surface  tension  and  enthalpy  of  vaporization. 

-  Equivalent  gas  and  liquid  phase  densities. 

-  Strongly  enhanced  gas  /  liquid  solubility. 

-  Liquid-like  gas  phase  diffusivity. 

-  Mixing  induced  critical  point  variations. 

-  Enhanced  gas  phase  unsteadiness. 

•  Unknowns  contribute  to  potentially  large  uncertainties 
in  making  design  predictions. 


Background  (2) 


- AFRL 
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Surface  tension  a  vanishes  at  supercritical  conditions. 
Conventional  atomization  and  breakup  parameters 
become  infinite,  where  no  data  exists. 


Supercr/f/ca/ atomization  and  breakup  regimes  are  largely 

unknown 


Shadowgraph  Results  -  Ng  into  N2 

- — - - - 


Per  =  3.39  MPa  =  300  K  Re  =  25,000-  75,000 

T„=126K  T|„,  =  99-120  K  V,„,  =  10-15  m/s 


Mixing  Layer  Structure  -  Ng  into  Ng 

^TT^njr 


Per  =  3.39  Mpa,  Ter  =  126  K,  1^1  =  128  K,  =  300  K 


Low  Pres. 
Subcritica! 
Droplets 


Mod.  Pres. 
Supercritical 
Transition 


High  Pres. 
Supercritical 
Gas  layers 
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Raman  Imaging  Approach 


a 


•  Nd-Yag  laser  in  2nd 
harmonic  at  532  nm 
produces  Raman  signal 
at  607  nm. 

•  Double  loop  optica!  de¬ 
lay  to  extend  pulse 
from  10  ns  to  30  ns. 

•  Notch  filter  at  532  nm,  plus 
band  pass  and  hi-pass  filters. 


•  Princeton  Instruments  Ng  cooled 
ICCD  camera 


Sheet  forming  optics  to  various  sheet 
widths. 

Average  data  for  4  center  lines,  over 
40  shots. 


AFRL 


Results  in  Isothermal  N2  at  273  K 


Chamber  Pressure 

Densrty  Ratio  Based  on 

Dark'background-corrected 

Mpa 

P-Measuremcnt  &  Ideal  Gas 

Camera-measured 

Nitrogen 

Intensity  Ratio 

Nitrogen 
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4.78 
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1.93:  1.89 

1.46 

1.001  1.00 

2‘D  Raman  Images,  N2  into  N2 


Re=  1 2,000  to  35,000;  X/D  =  2.44;  sheet  center 


Supercritical  Subcritical  Laser  Sheet  Profile 

Pr=2.03  Pr=0.43  Pr=2.03 


Intensity  Defect  vs  Normalized  Radius 


Normalized  Intensity  Defect  Plot: 
Reference  Case 


(l-lch)/{l-lch)max 


Growth  Rates 


•  Setting  0  =  2  x  FWHM  produces  agreement  with  shadowgraph 
measurements. 

-  Consistent  with  the  observations  of  Brown  and  Roshko 


Summary  &  Conclusions 

- 

•  Measurement  system  integrity  has  been  estabiished  by 
performing  Raman  measurements  of  isothermal  N2  at  different 
pressures. 

•  Measurements  were  constrained  to  the  near-field  in  order  to 
maintain  large  Froude  numbers  (minimize  buoyancy). 

•  Growth  rates  measured  from  Raman  profiles  measured  at  2  x 
FWHM  point  agree  weil  with  shadowgraph  measurements. 

-  Brown  and  Roshko  observed  a  similar  result  at  similar  points 
in  the  distribution  for  gas  jets  at  near  unity  density  ratio. 

•  To  within  experimental  error,  the  near-field  plots  appear  to  reduce 
to  self-similar  shapes  for  both  the  supercritical  and  subcritical 
cases. 

-  Not  the  same  profile  as  for  fully  developed  turbulent  gas  jets. 

•  The  near-field  supercritical  profile  more  closely  approaches  that 
of  fully  developed  turbulent  gas  jets  than  the  near-field  subcritical 
profile. 


Future 

- Afm- 

•  Complete  Ng-into-Ng  analysis. 

•  Reduce  and  analyzise  Ng-into-Ng/He  data. 


Hot-Fire  Studies  of  LOX  Primary  Atomization 
from  Rocket  Engine  Coaxiai  injectors” 
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II.  Experiment  Description 


Propulsion  Engineering  Research  Center 


♦  Fundamental  jet  breakup  research: 

=>  Large  amplitude  helical  waves  can  be  responsible  for  high 
Reynolds  number  jet  disintegration. 
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Introduction  (3) 
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Enaine  Used  to  Conduct  the  Mach  =  0.3  Experiments 
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Hiah  Mach  Rocket  Engine  at  the  Cryogenic  Laborator 
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Iniector  Head  of  the  High  Mach  Number  Rocket  Engine 
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Single  Element  Rocket  Engine 
Used  for  Low  Mach  Number  Experiments 
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Imaae  Acauisition  Setu 
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Run  Conditions 

Mach  =  0.3  Mach  =  0.3  Mach  =  0.026,  Mach  =  0.061, 

Testing,  J=4.85  Testing,  J=8.00  Higher  P<.  Lower  P. 
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Comparison  of  run  conditions 


Propulsion  Engineering  Research  Center 


Comparison  of  Different  Rocket  Engine  Operating  Conditions 

Cryo  Lab  Run  Characteristics 
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Dense  core  downstream  from  the  injector 
Influence  of  the  chamber  Mach  number  and  charnbet  pressui 

1 .22MPa  -  M=0.3  - ^  51  mm  Field  of  View 
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Core  Length  Calculations  Results 
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Existing  Correlations*  for  Core  Length  (L^D) 

Results  for  Hot-Fire  Conditions  of  This  Study 
High  Mach  High  Mach  Low  Mach  Low  Mach 

J=4.85  J=8.0  P=2.99MPa  P=1.77Mpa 
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Existing  Correlations*  for  Core  Length  (L^D) 

Results  Using  Bulk  Chamber  Ug  and  Pg  from  CEA  Code  Analysis 
High  Mach  High  Mach  Low  Mach  Low  Mach 
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Evolution  of  the  Core  Diameter  alona  the  Chamber 
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Core  Sutfiice  D!bii(u:tn  enes- 

13  mm  Field  of  View  1 .22  MPa  -  M=0.3  1 .77  Ml’a  -  Low  Macli 
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Interaction  flame-dense  core 


Propulsion  Engineering  Research  Center 


For  Both  Low  and  More  Realistic  Chamber  Mach  Number  Conditions  of  This 
Study,  LOX  Core  Disintegration  is  Ultimately  Caused  by  large  Amplitude 
Helical  Oscillations.  Droplet  Stripping  has  a  Secondary  Effect  on  Core  Breakup. 
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Ideas  for  Future  Experiments 
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Superimposition  of  the  aerodynamic  field  and 
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Visualisation  of  secondan^  atomisation  of  LOX droplets  in 


Helium 


*  *  « 


♦  ♦ 


*  •  •  ^ 

•  •win 

♦  ♦ 


^  No  Break-up 

#  Bag  Break-up 

g J  Transitional  Break-up 

^  Shear  Break-up 


Reynolds  number,  Re 


Experimental  droplet-jet  interaction  reeimes  for  LOx  droplets  -  helium  jet 


^  No  Break-up 

0  Bag  Break-up 

|i]  Transitional  Break-up 

4k  Shear  Break-up 

-  We /Re  0-5  =  0.9  DR  0-25  VR -os 

- We /Re  0-5  =  0.7  DRO-25vr-o.5 

- We /Re  0-5  =  0.25  DR0'25vr-0-5 


i - ' - 1 - T - T - ' - 1 - ^ - i 

0  2  4  6  8 

Pressure  (MPa) 


Experimental  data  and  the  corresponding  correlations  for  LOx  droplet  break-ut 


resime  limits 


BREAK-UP  REGIME  TRANSITION 


DROPLET  BREAK-UP  INITIATION  TIMES  IN  HELIUM 


CHARACTERISTIC  BREAKUP-UP  TIMES 


s  ^ 

HH  hJ 

J  O 

g  S 

O!  NH 

^  l-J 

o  g 

ffl 


INITIATION  TIME  DETERMINATION 


(3UIUJ)  aoejjns 


Time  (s) 


CHARACTERISTIC  BREAK-UP  TIMES 


L 


ECONDARY  DROPLET  DISTRIBUTIONS 
OBTAINED  BY  BRUNO  VIEILLE 


P  =  2  MPa  ;  We  =  71  ;  Re  =  2500  :  DC  =  1  38i  mm 


e  -  1  --5l  ,  D;,  =  1,4^  mm). 


P  =  2  MPa  ;  We  =  20  ;  R. 


( 


THESEE 


(D 

<50 

o 

(U 

c/1 

cd 


c/5 

o 

(D 

C/D 

c3 

CiH 


u 

o 

o 

C3 

o 


(/5 

o 

4-» 

•  F-^ 

Ch 

a 

c/5 

§ 

c/5 

a 

C/5 

3 

is 

o 

•  rH 

o 

td 

(L> 

o 

c5 

(D 

;h 

o 

Q 

m 

o 

s 

O 

•  1-H 

C/5 

;-i 

O 

Q 

C3 

i 

. . < 

c/5 

C/5 

cd 

a 

o 

o 

<N 

C 

o 

o 

<u 

O 

a 


(D 


> 


NUMERICAL  SIMULATION 


r 


<D 

o 

o 


(D 

d 

(D 

bS) 

o 

'Td 

& 

H-1 


X 

O 

.2  B 
B  B 
B 

g)  X 

a 
o 
o 


'Eh 

o 

’T3 

6 

d 

o 

a 


o 

cs 

o 

> 

'■id 

o 

cj 

o 

a 

o 

C 


t/j 

r^ 

(D 

•  1— ( 
(D 

•  ^ 

> 

o 

I 

PQ 


SECONDARY  ATOMISATION  MODEL  PRINCIPLE 


;-i  4h  ’u 


5  ^  c 

03  -rt  ^  5 


H  e  frt 
a  §  o  .  2 
o  ^  a 

'O  CO 


CD 

B 

43 


fi 

C 

.2 

CD 

‘'♦-i 

jd 

3 

o 

S 

'Sb 

cd 

P 

• 

CD 

Q 

o 

no 

<D 
^— » 

a 

CD 

cd 

no 

cd 


‘C 

P. 

(D  tS 

^  a 
»-  P 

,C>  *:! 
4-<  T3 


> 


O 

II 


THE  ATOMIZATION  MODEL  PRINCIPLE 


Break-up  regime  determination 


Transition  to  the  regime 

Correlations  obtained 

Bag  breakup 

^  =  0,25-DR“’''-VR'®-' 

Transitional  breakup 

^  =  0,7-DR®'”-VR'®’' 

Shear  breakup 

^  =  0,9-DR®’^^  -W®’^ 

Initiation  time  calculation 


Tini  =  0.15.1. 


T  =  ^  IK 


Secondary  droplets  distribution  determination 


Regime 

%  function  of  the  mother  droplet 
diameter 

30% 

50% 

Bas 

2 

2 

1 

Trans 

3 

1 

1 

Shear 

4 

2 

2 

900 


Goutte  n°2 


Goutte  n°3 


Regime 


Goutte  n°5 


Goutte  n°6 


ATOMIZATION  PROCESS  SIMULATION 


droplets  diameters  classes  (m) 


DIAMETER  EVOLUTION  OF 

THE  PRIMARY  DROPLET  AND  THE  SECONDARY  DROPLET 


Number  of 
break-up 

2 

CN 

o 

o 

o 

u 

Tj- 

in 

»n 

in 

2  G> 

•a  2 

o 

9 

o 

o 

o 

o 

W 

m 

w 

W 

w 

cn 

r-; 

rsj 

Nt 

o  E 

VO 

in 

<N 

m 

Q  0 

(lu)  J9jeujeipi0|doja 


140000  150000  160000  170000 

time  (iteration) 


CONCLUSIONS 


a 

o 


Xfl 

CD 


cd 

g) 


m 


Oh 

O 

u 


bD 
c3 

g 

a  _ 

’T3  "H) 
a  (D 
O  Ph 
^  riH  ^ 

^  o  ^ 

^  b 

o  ^  ^ 

4=!  ^  ^ 

'  0^  o 
o  o 

S  o 

2  p 

«  ^  o 

2  ^ 

o 

p 

•-  g 

a  ^ 

o  h 

"P  ^ 

g> «  I 

S  O 

■-P  '->  g 

i  8 

.  rP  Q 


P 


8 


^  ^ 

(D  CD 
^  rrt 

^  o 

1  i 

•Tb  P 
.2 
ii  ts 

&  .N 

2  a 

'O  o 

1)  "S 

■5  «  -6 

•'^  2 

c/J  P 

O)  rj  ^ 

^  «  P 

b>  O  O 

2  *  ’-g 


aj 


r—^ 

&  P 

P  •’-H  w 

I  P  Q, 

s  ^ 

p  ^  > 

(Dr^ 

u  ^  ^ 
^1^^ 
p  ^ 

(D  c/2 

.p  g 

P3  ^  _ 

bJ[)  g  ^ 
p  2  ^ 

'C  P  2 

O  ’Tj 
>  P 
<D  P 


O 


a 

o 


r-' 

Q 


C/2  O 

P  P 


^  fl 

£P  § 

§  -8 

«  o 


2  p 

S  2 

c/) 

P 

CT)  c/3 

-P 

'»-» 

(D 


P 

> 


s  ^ 

P  r-! 

^  ^ 
S  P 
'S  o  ^ 

p.*  S 

O  c/3 


-a  3 

c/3 

<D  (D 

« s 

O 


c/3 

CD 

O 

o 

8^ 


(D 
O 

P  P  ^ 

O  o  o 

>  P 

•  CD  ^ 


’Tb 

(D 

N 

•f-H 

13 

Ifl 

*  ^ 

> 

CD 

Xi 

§ 

O 

c/3 

'J-J 

r2 

3h 

O 

'13 

a 

c/3 

(D 

:a 

«4H 

o 

p 

o 

•'tH 

c/3 

Ph 

C/) 


PERSPECTIVES 


(D 

N 

•  irH 

ns 

c/3 

*> 

§ 

C/3 

a 

o 


c/3 

a 

o 

•  rH 


^  c/3 

iTs  tj-j 

c/3  H-» 

*3-) 

(D  O 

?--H  ?"j 

Ph  ^ 

O 

I' 

P 


Vh 

Ph 


O 
o 
o 

c/3 

a> 

'S  ^ 

S  ^ 

H  S3 

^  C/3 

^  o 

c/3  S 

s  O 
o  .h 
H  ^ 

•  ’S 


P 

.2 

ts 

;h  ■ 

P 

OX) 

IP 

P 

o 

o 

c/3 

p 


0 

T3 

O 


0 

I  "H 

P. 

Pi 

o 

H 


p 

OP 

c/3 

P 

P 

•  1—1 

13 

o 


p 

o 

*  ^ 

N 


P 

0 


P 

O 

•  t-H 

^  t3 

P  P 

OX) 

Oh 
P 
O 
o 


c/3 

o 

H 


0 

H-i 

^HH 

O 

0 

H 

P 

O 

c/3 

0 

P 

H— » 

rP 

o 

# 

0 

'p 

o 

B 

cy:3 

H-> 

p 

O 

o 

HH 

Oh 

P 

0 

N 

0 

u 

O 

O 

P 

Pi 

r2 

c? 

> 

"P 

P 

H 

0 

s 

0 

p 

"p 

O 

§ 

H 

0 

P 

•  rH 

u 

P 

c/3 

O 

C/3 

H 

0 

• 

Ph 

IMPINGING  INJECTOR  ATOMIZATION  RESEARCH  AND  APPLICATION 


Zhang  Mengzheng  Li  ao 

The  1 1th  Research  Institute  of  China  Aerospace  Science  &  Technology  Corporation 

Xi'an,  China 

Abstract 

In  this  article,  the  development  of  impinging  injector  atomization  research  was  reviewed,  and  some  of  the  research 
results  conducted  in  China  on  the  injector  impingement  and  atomization  by  means  of  laser  holpgraphy  and  image 
processing  were  also  introduced.  The  effects  of  impingement  angle,  injector  orifice  diameter  ratio  and  momentum  ratio  of 
oxidant  jet  to  fuel  one  on  the  distribution  of  drop  size  and  the  performance  of  atomization  had  also  been  considered.  In 
the  research,  the  impingement  angle  varied  from  40°  to  90°,  injector  orifice  ratio  ranges  from  I.O  to  1.8,  momentum  ratio 
ranges  from  I.O  to  2.2.  The  results  suggest  that  the  increase  of  impingement  angle,  the  decrease  of  diameter  ratio  or 
momentum  ratio  will  result  in  the  decrease  of  atomization  broken  length  and  drop  size.  In  the  initial  spray  region,  the 
velocity  of  liquid  film  and  liquid  ligament  is  approximately  the  same  as  the  jet.  The  empiric  formula  for  predicting  droplet 
Sauter  mean  diameter  size  was  also  provided.  The  comparison  analysis  between  the  water  test  injector  atomization 
performance  and  the  injector  fire  test  efficiency  were  made,  and  it  suggested  the  feasibility  of  predicting  injector  hot  fire 
test  efficiency  and  injector  selection  by  cold  test  atomization  experiment. 

Nomenclature 

D  =  orifice  diameter 
Dm  =  mass  median  diameter 
D30  =  volume  mean  diameter 
D32  =  Sauter  mean  diameter 
I  =  jet  momentum 
Isp  -  Specific  impulse 
K  ==  injecting  orifice  diameter  ratio 
Lp  ==  broken  length 

n  =  Rosin-Rammler  drop  size  distribution  parameter 

V  =  velocity 

a  =  impingement  angle 
P  =  spray  cone  angle 
6  =  deviation  of  double  jet  center 

V  =  momentum  ratio 

0  =  surface  tension 

P  =  density 

u  =  absolute  viscosity 
n  c  =  combustion  efficiency 

Subscripts 
f  =  fuel 

g  =  gas 

I  =  liquid 

0  =  oxidant 

p  =  propellant 

ref  =  reference 

x  =  direction  x 

y  =  direction  y 


Introduction 

Injector  is  the  most  important  part  in  the  thrust  chamber  of  liquid  propellant  rocket  engine.  Its  function  is  to  realize 
propellant  atomization  and  mixture  so  as  to  produce  high  efficiency  and  stable  combustion.  The  distributions  of 
atomization  and  mixture  ratio  of  propellant  in  the  thrust  chamber  determine  the  combustion  efficiency,  the  distribution  of 
the  temperature  field  and  the  thermal  flux  to  the  chamber  wall  in  the  thrust  chamber. 

The  selection  of  injector  style  is  determined  by  many  factors,  such  as  the  propellant  combination,  the  mix  ratio  of 
oxidant  and  fuel,  the  pressure  drops  of  the  injectors,  the  combustion  chamber  dimension,  the  performance  level  demanded, 
the  simplicity  of  manufacture,  the  designer's  experience  and  so  on.  The  best  design  should  have  the  demanded 
performance,  good  stability  throughout  all  running  range  and  low  manufacture  cost. 

The  impinging  injector  unit  has  the  characters  of  sample  structure,  promptly  respondent,  rapidly  mixing  and 


combustion,  and  have  been  widely  used  in  storable  and  hydrocarbon  propellant  liquid  rocket  engine.  The  impinging 
injector  can  be  divided  into  like-on-like  injectors  (impinging  streams  have  the  same  properties  in  geometry  and  kinetics) 
and  unlike  injectors  (oxidant  jet  impinges  fuel  jet).  The  injector  can  also  be  divided  into  double  streams  style  (like-on-like 
or  unlike),  three  streams  style,  four  streams  style,  five  streams  style  and  so  on,  depending  on  the  number  of  impinging 
streams. 

The  like-on-like  and  unlike  injector  are  element  unit  of  impinging  injector.  Like-on-Iike  injector  use  the  same 
propellant  impinges  on  each  other  then  mixing  with  the  other  kind  of  propellant.  It  can  produce  a  dispersed  combustion 
area.  Like-on-Iike  unit  is  widely  used  in  large  thrust  engine.  The  unlike  injectors  use  the  impingement  of  oxidant  and  fuel 
to  realize  the  atomization  and  mixture  of  propellant,  is  widely  used  in  low  thrust  engine.  The  impinging  injector  has  been 
widely  studied  and  much  achievement  has  been  obtained.  But  because  the  complication  of  atomization  and  lack  of 
advanced  experiment  technology,  till  now  there  isn't  a  good  model  of  atomization  and  mixture.  The  design  of  injector  was 
depended  on  the  experience  method.  It  is  necessary  to  deeply  study  the  principle  of  the  atomization,  especially  of  the 
initial  atomization,  to  study  the  relationship  between  the  atomization  performance  and  the  affective  factors.  It  can 
optimize  the  injector  design. 

In  this  article  we  have  reviewed  the  development  of  impinging  injector  atomization  research,  and  especially  introduced 
our  study  on  double  jet  impinging  injector.  The  experiment  obtained  relationship  between  the  impingement  angle,  the 
diameter  ratio,  momentum  ratio  and  spray  structure,  drop  size  and  distribution,  drop  velocity.  The  empiric  formula  for 
Sauter  mean  diameter  D32  was  provided.  In  our  study  the  impingement  angle  range  is  40°~90°,  the  orifice  ratio  range  is 
1. 0-1.8,  the  momentum  ratio  range  is  1. 0-2.2.  The  comparison  analysis  between  cold  test  atomization  characteristics  and 
fire  test  efficiency  results  were  made,  and  proved  the  possibility  to  evaluate  inject  fire  test  performance  and  select  injector 
from  cold  test  atomization  characteristics. 


Revievy  on  atomization  research 

.1  Common  features  of  impinging  injgctQrs 

The  design  parameters  of  impinging  injector  include  impingement  angle,  orifice  diameter,  diameter  ratio  and  the  flow 
parameter.  The  geometry  and  flow  parameters  of  injector  that  used  in  practice  engine  are  shown  on  Table  1.  The  aperture 
cross  section  of  injector  is  usually  round.  Injector  orifice  are  typically  fabricated  by  twist  drilling,  electrical  discharge 
machining  or  laser  drilling.  The  orifice  entrance  edge  is  usually  sharp.  The  impingement  point  length  to  diameter  ratio  is 
typically  about  two  to  five.  The  angle  between  two  jets  is  generally  about  60°.The  injection  pressure  drops  range  from 
about  0.5  to  3.0  MPa.  A  vena  contract  zone  is  usually  formed  by  the  stream  at  the  downstream  of  the  injector  element 
entrance  region  and  subsequently  the  stream  reattaches  to  the  wall.  The  typical  orifice  discharge  coefficients  range  within 
the  thin  orifice  limit  of  0.6  and  0.9.  Based  on  orifice  diameter  and  liquid  properties,  Reynolds  numbers  are  on  the  order  of 

10^-10®  under  typical  rocket  operation  conditions.  Weber  numbers  /  a  ),  indicating  the  balance  between 

liquid  inertial  forces  which  tend  to  fragment  the  propellant  and  surface  tension  forces  which  tend  to  maintain  the  integrity 
of  the  liquid  drop,  are  on  the  order  of  10^. 


Table  1  Key  features  of  impinging  injector  used  by  practice  engine 


Engine 

Propellant 

Thrust 

Number  of 
main  unit 

Type 

Orifice 
diameter  (mm) 

Do/Df 

(only  for  UD) 

KN 

Ox 

Fu 

Gemini 

1st  Stage 

NTO/A-50 

956* 

Ox:  568 

Fu:  516 

L  D 

Gemini 

2nd  Stage 

NTO/A-50 

Hi 

Apol lo 

LEMDE 

NTO/A-50 

Hi 

165 

F-O-F 

1.96 

1.24 

Apollo 

LEMA 

NTO/A-50 

16** 

177 

U  D 

1.28 

0.92 

1.01 

0.81 

1.27 

1.  14 

Titan  II 

Booster 

NTO/A-50 

954* 

Ox:  1319 

Fu:  818 

Quadlets 

3.02 

2.  08 

Lance  (XRL) 
Booster 

IRFAN/UDMH 

187* 

460 

U  D 

1.85 

1.41 

Lance  (XRL) 
Sustainer 

IRFAN/UDMH 

18** 

108 

U  D 

1.52 

1.52 

1.0 

AGENA 

HDA/UDMH 

75** 

Ox:  88 

Fu:  176 

Triplets 

2.85 

1.  24 

.  Long  March  3 
YF-20 

NTO/UDMH 

697* 

Ox:  607 

Fu:  605 

L  D 

2.70 

Long  March  4 
YF-40 

NTO/UDMH 

5* 

Ox:  100 

Fu:  105 

L  D 

1.35 

0,9 

YF-90 

NTO/UDMH 

0.  025** 

1 

U  D 

0.54 

0.  37 

1.47 

YF-92 

NTO/UDMH 

0.010“ 

1 

U  D 

1.08 

Ariane 
Viking  V 

NT07uH25 

680‘ 

Ox:  216 

Fu:  216 

L  D 

4.3 

2.9 

Space  Shuttle 
OME 

NTO/MMH 

27“ 

Ox:  272 

Fu:  272 

L  D 

0.81 

0.71 

Redstone, 

A-7 

LOX/EtOH 

347‘ 

Ox:  355 

Fu:  355 

L  D 

2.  87 

2.  58 

Titan  I 

Booster 

LOX/RP-1 

8or 

Ox:  560 

Fu:  610 

L  D 

3.  02 

/ 

Titan  I 

2nd  Stage 

LOX/RP-1 

356‘ 

Ox:  328 

Fu:  392 

L  D 

2. 16 

Saturn  IB,  H-1 

LOX/RP-1 

91* 

Ox:  365 

Fu:  612 

L  D 

&  T  R 

3.05 

2.  08 

Saturn  1C,  F-1 

LOX/RP-1 

6730* 

Ox:  714 

Fu:  702 

L  D 

6. 15 

7.  14 

Atlas  MA~5 

Booster 

LOX/RP-1 

734* 

(each 

TCL) 

Ox:  335 

Fu:  582 

L  D 

&  T  R 

2.  87 

1.61 

Atlas  MA-5 

Sustainer 

LOX/RP-1 

254* 

Ox:  144 

Fu:  175 

T  R 

3.05 

2.  37 

LOX/RP-1 

667 

Ox:  361 

Fu:  361 

L  D 

■ 

2.  26 

LOX/RP-1 

756 

Ox:  335 

Fu:  582 

L  D 
&  T  R 

2.87 

1.61 

‘Seal  level  value  **Altitude  value 
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Figure  1  is  the  photos  taken  along  the  spray  fan  and  perpendicular  to  the  spray  fan  respectively.  The  atomization 
mechanism  is  analyzed  in  this  way:  In  the  typical  case  of  dynamically  similar  impinging  jets,  double  Jet  impinge  each 
other  with  high  speed,  both  jets  converge  and  stagnate  at  the  impingement  point  where  a  very  high-pressure  region  is 
formed.  The  kinetic  energy  of  jet  transform  into  potential  energy.  The  ideal  static  pressure  at  this  point  is  equal  to  the  total 
pressure  of  the  propellant  main  fluid  after  deceleration  at  the  stagnate  point.  Then  the  fluid  is  accelerated  nearly  close  to 
the  jet  initial  velocity.  The  potential  energy  of  jet  transform  into  kinetic  energy.  The  measurements  of  Anderson*  and  this 
paper  on  the  liquid  film  and  liquid  ligament  and  droplets  under  variable  geometry  condition  and  flow  condition  are  the 
evidence  of  above  phenomenon.  The  high  pressure  in  the  stagnation  region  also  causes  the  jet  spread  laterally  to  create  a 
fan,  the  shear  occurs  in  the  region  between  the  stagnation  streamline  along  the  jet  axis  and  the  constant  pressure 
streamline  that  defines  the  outer  boundary  of  impinging  jet  system.  The  impinged  jets  produced  impingement  wave  and 
high-pressure  make  fluid  scatter  and  form  liquid  film.  The  impingement  wave  is  the  main  energy  source  for  two 
impinging  jets,  it  makes  the  spray  fan  produce  sine-wave-like  pulse.  At  present,  although  the  wavelength,  frequency  and 
transmit  velocity  of  the  wave  have  been  measured,  but  the  study  is  still  inadequate.  Then,  the  liquid  film  is  split  by  surface 
tension  and  disturb  force  and  turned  into  liquid  ligament  and  droplets.  Droplets  continued  to  split  under  the  effects  of 
surface  tension  and  disturb  force  until  the  kinetic  balance  is  reached  between  droplets  and  around  atmosphere.  The  Weber 
number  can  be  used  to  judge  if  the  droplet  would  be  split  further.  For  the  atomization  process  shown  in  Fig.  1,  the 
atomization  field  can  be  divided  into  three  region:  The  impingement  wave  and  liquid  fan  region,  the  liquid  film  and  liquid 
ligament  region,  the  second  atomization  and  full  atomized  region.  In  the  impingement  wave  and  liquid  fan  forming  region, 
the  procedure  is  the  transform  between  kinetic  energy  and  potential  energy,  and  impingement  wave  forming,  oblige  jets 
scattering  and  producing  liquid  fan.  This  region  was  mainly  effected  by  initial  condition  (such  as  impingement  angle, 
velocity)  of  jets,  it  is  the  main  region  to  affect  combustion  stability.  In  the  liquid  film  and'  liquid  ligament  atomization 
field,  the  main  affect  factor  is  atmosphere  kinetics,  viscosity,  inertia  force  and  surface  tension,  split  is  mainly  determined 
by  the  initial  condition  of  liquid  film  and  liquid  ligament.  Weber  number  determines  whether  the  droplet  will  continue 
split.  In  the  second  atomization  and  full  atomization  region,  the  drop  is  affected  by  gas  dynamic  forces,  viscosity,  inertia 
force  and  surface  tension.  The  gas  dynamic  forces  make  drop  shape  changing,  the  inertia  force  and  surface  tension 
safeguard  the  drop  shape.  When  balance  of  two  forces  is  broken,  the  droplet  split  would  happen. 


(a)  (b) 

Fig.  1  The  impinging  injector  photo  taken  in  the  surface  parallel  to  fan  surface  (a) 
and  perpendicular  to  spray  fan  (b) 


To  understand  the  relative  order  of  effect  of  stresses  that  can  disrupt  the  intact  liquid  provides  insight  into  the  physics 
of  atomization.  Following  Ranz^  order  of  magnitude  estimates  of  the  atomization  process  active  stresses  of  a  like  double 
fuel  element  in  the  F-1  engine  are  presented  in  the  Table  2.  For  this  injector,  the  injection  velocity  Vj  was  17  m/s  and  the 
impingement  angle  was  30  degree.  To  estimate  interfacial  shear  effects,  the  relevant  length  L  was  calculated  by  using 
turbulent  boundary  layer  dimensionless  thickness  5  /d  that  grows  as  0.16Re'‘^,  where  x  was  scaled  by  the  orifice  diameter 
do-  This  leads  to  a  boundary- layer  depth  estimate  of  5  '-'0.06d[oj  or  L~0.4mm  for  both  liquid  and  gas.  To  estimate  ambient 
fluid  inertia,  a  maximum  relative  velocity  is  used  with  the  assumption  that  quiescent  atmosphere  surrounds  the  jets,  thus 
V-l7m/s.  The  liquid  inertial  forces  is  depended  on  the  relative  velocity  of  two  jets,  here,  the  relative  velocity  of  the  two 
jets  is  8.8m/s.  The  liquid's  cohesive  forces  were  estimated  with  injector  diameter  d  being  equal  to  7.1mm  and  surface 
tension  of  kp-1  in  air,  o  being  equal  to  1.5mg/s. 


Table  2  Force  on  a  liquid  element  (using  F-1  quadlets  injector  as  case  study) 


Viscous  forces 

Ambient  fluid,  N/m^ 

u.V/L 

0.  04 

Liquid  boundary  layer,  N/m^ 

PiV/L 

3.6 

Inertia  forces 

Ambient  fluid,  N/m^ 

py 

2.0 

Liquid,  N/m^ 

py 

62 

Cohesive  force 

N/m^ 

0  /d 

0.  0002 

*  Quote  from  ^Anderson.  W.E.,  Ryan  H.M.  and  Stantoro  R.  J.,  "Impinging  injector  Atomization",  in  "Liquid  Rocket 
Engine  Combustion  Instability",  published  by  AIAA. 


It  is  seen  from  Table  2  that  the  magnitude  of  liquid  inertial  forces  are  one  order  higher  than  that  of  the  aerodynamic 
stress.  Only  when  length  scales  become  extremely  small  do  surface  tension  effects  become  important.  The  condition  of 
the  jet  before  impingement  is  very  important  in  determining  atomization  characteristics.  The  jet  dynamics  will  play  the 
major  role  in  the  breakup  of  the  liquid  sheet.  For  injector  design  scheme  compare  and  performance  qualitative  evaluate,  it 
is  adequate  if  only  jet  dynamic  is  taken  account. 

2.1  Effects  of  geometry  and  flow  course  on  atomization 

Injector  geometry  parameters  include  impingement  angle,  orifice  diameter,  diameter  ratio.  The  major  flow  parameters 
is  momentum(  or  injector  velocity,  drop  of  pressure).  The  atomization  parameters  that  the  designers  interested  are  the 
spray  structure,  split  length,  droplet  size  and  distribution,  droplet  velocity,  mixture  efficiency  of  propellant. 

2.2.1  Effects  of  geometry  and  flow  course  on  sprav  structure 

Spray  structure  produced  by  straight  flow  style  injector,  co-axis  style  injector  or  centrifugal  styled  injectors  are  usually 
simple.  But  spray  structure  produced  by  impinging  Injector  is  variable.  Heidmann^  had  extensively  studied  the  effects  of 
geometry  and  flow  course  on  spray  structure,  include  orifice  diameter  do  ,  jet  velocity  Vj  ,  impingement  angle  a  ,  pre¬ 
impingement  length  Lj  and  liquid  properties.  Liquid  velocities  between  4  and  30  m/s  were  studied  for  orifice  diameters  of 
0.64,1.02  and  1.45mm,  with  L/do  ratios  of  80,  50  and  35  respectively.  Impingement  angle  range  was  from  30  to  100 


degree,  viscosity  and  surface  tension  effects  were  studied  by  using  various  glycerol  solutions,  varsol  and  water. 

From  these  studies,  Heidmann^  determined  that  the  liquid  jet  velocity  and  impingement  angle  were  critical  parameters 
in  determining  spray  structure  and  also  identified  four  spray  regions:  1)  For  low-velocity  jet  (vj  <  4m/s),  liquid  sheet  was 
initially  formed  then  was  subsequently  contracted  into  a  cylindrical  stream.  A  closed  rim  region  could  be  observed.  2)  At 
higher  velocities  (4<  vj  <  6m/s),  waves  were  appeared  on  liquid  sheet.  The  drops  peeled  off  from  the  periphery  of  the 
main  sheet  rim  with  regularly  circle  distance,  a  periodic  drop  region  was  displayed.  3)  At  higher  velocities  (6<  Vj  <  9m/s), 
waves  were  seen  on  the  surface  of  the  sheet  and  drops.  Liquid  sheet  displayed  an  open  rim  region.  4)  At  jet  velocities 
between  5  and  10  m/s.  Both  open  rim  and  periodic  drop  patterns  were  seen.  For  higher  viscosity  liquid,  periodic 
phenomena  was  more  pronounced.  Above  lOm/s  till  the  highest  tested  velocities  (~30m/s),  spray  patterns  were  displayed 
as  a  fully  deployed  regions,  with  which  the  periodic  wave  motion  of  drops  projecting  from  the  point  6f  impingement  was 
apparent. 

Heidmann^  Reported  that  sheet  breakup  length  increased  with  jet  velocity  for  the  periodic  wave  motion  and  closed  rim 
state,  then  approached  a  constant  value  for  open  rim  state.  The  breakup  length  in  the  fully  developed  region  was  not  able 
to  measure  with  any  certainty.  Figure  1  shows  a  spray  structure  of  impinging  injector,  the  orifice  ratio  is  1.4  and  the 
momentum  ratio  of  the  two  jets  along  horizontal  direction  is  I.O. 

In  fact,  the  spray  structure  formed  by  impinging  injector  not  only  depends  on  the  impingement  angle  and  jet  velocity, 
but  also  depends  on  two  diameter  ratio  and  momentum  ratio  of  the  double  jets,  usually  when  diameter  ratio  and 
momentum  ratio  of  double  jets  come  close  to  1.0,  the  spray  structure  formed  by  injector  is  fan-shape-like  in  the  surface 
perpendicular  to  the  outlet  surface  of  the  injector  and  ellipse  shaped  in  the  plane  parallel  to  injector  outlet  surface.  When 
the  diameter  ratio  comes  close  to  1.0  but  the  momentum  ratio  far  exceed  1.0  or  momentum  ratio  comes  close  to  1.0  but 
diameter  ratio  far  exceed  1.0,  the  spray  shape  in  the  plane  parallel  to  injector  outlet  surface  will  not  be  ellipse  shaped.  The 
accurate  shape  of  spray  will  be  changed  with  orifice  ratio  and  momentum  ratio.  For  unlike  unit,  when  diameter  ratio  or 
momentum  ratio  far  exceed  1 .0  ,  the  mixture  distribution  of  propellant  will  be  worse. 

2.2.2  Effect  of  geometry  and  flow  course  on  drop  size 

Ingebo^  used  heptane  as  media  to  studied  droplet  size  and  distribution  of  like-on-like  injector  with  the  impingement 
angle  of  90°  under  various  orifice  jet  velocity  and  air  velocity.  He  obtained  the  volume  mean  diameter  of  droplets  like 

D,,=D/(2.64^+0.91DV) 

Zajac’  mass  median  diameter  formula  of  the  like-on-like  injector  at  60°  impingement  angle  for  melt  wax  media  was: 

D„  (2) 

where, 

Vj  =  injection  velocity,  ft/sec 

dj  =  orifice  diameter,  inch 

Kprop  =  correction  factor  for  propellant  physical  properties 
Zajac’  provided  the  empiric  formula  of  mass  median  diameter  of  unlike  double  jet  injector  at  60°  impingement  angle 
like: 

=2.9x10^  (3) 

where 

Dm  =  mass  median  drop  size,  microns 

V  =  injection  velocity,  ft/sec 

Pc/Pj  =  velocity  profile  parameter,  dimensionless 

Pc  =  dynamic  pressure  at  center  of  jet,  psi 
Pj  =  mean  dynamic  pressure,  psi 

d  =  orifice  diameter,  inch 

Pd  =  dynamic  pressure  ratio  pfVj  j  ,  dimensionless 

Kprop  =  correction  factor  for  propellant  physical  properties 
P  =  density,  Ibm/ft^ 

Lourme^  gave  the  empiric  formula  of  Vikin  engine  of  Ariane  vehicle  as 

Z)„,  =  150x[r,  /so]'®’' [if,  /2f '[ll,  /5]'®‘[pg  /5]^^[a,  / 7.35 xlO'^ ]■“'[«,  (4) 

Studies  of  the  effect  of  the  primary  impingement  angle  on  drop  size  for  like-on-like  impinging  jets  are  reported  in 
references  7  and  9,  the  relation  can  be  expressed  as 

Z)„=(l.44-0.00734a)x£)„„„  (5) 

where  a  is  impingement  angle  expressed  in  degree  and  Dm.eo  is  the  value  for  drop  mass  volume  diameter  obtained  form 
Eqs.  (2). 


Figure  2  shows  the  scheme  and  coordinate  of  our  injector  studies.  The  laser  holography  and  image  processing  system 
was  used  to  analysis  the  impinging  jet  atomization.  The  hologram  of  the  spray  was  taken  in  from  Z-axis  and  Y-axis.  The 
record  range  of  hologram  was  120mm.  The  system  resolution  is  10  micron.  The  replicated  image  was  handled  by  image 
processing  system  to  obtain  the  spray  characteristics,  such  as  spray  cone  angles,  the  spray  split  length,  the  drop  size  and 
distribution,  the  drop  velocity,  Rosin-Rammler  drop  size  distribution  parameter  (n),  number  of  drops  (N),  maximum  drop 
diameter,  minimum  drop  diameter,  volume-surface  mean  diameter  (D30),  mean  median  diameter  and  Sauter  mean 
diameter  (D32),  etc. 

The  fuel  orifice  diameter  of  injector  was  1. 0mm,  water  mass  flow-rate  was  20.8  g/s,  injector  >>elocity  was  kept  at 
constant  Vf  =  26.6  m/s.  Reynolds  number  was  0.26  X  10^  Weber  numbers  was  0.95  X  10"*.  The  oxidant  orifice  diameter 
was  varied  from  d^  =  1. 0mm  to  do  ==  1.8mm.  The  impingement  angle  of  double  jet  was  change  from  40°  to  90°.  The  range 
of  momentum  ratio  of  oxidant  orifice  to  fuel  was  1.0  to  2.2.  The  orifice  injection  velocity  range  was  Vo=14.7  m/s  -  38.5 
m/s.  Jets  Reynolds  numbers  range  from  Re  =  0.26'^ .4  X  lO'^.  The  Weber  number  range  was  0.6--2.2  X  10"^. 


Fig.  2  The  scheme  of  structure  and  coordinate  system  of  injector 


Fig.  3  The  deviation  of  double  jet  center 


The  spray  distribution  region  could  be  described  by  spray  cone  angles  in  XOY  and  ZOY  planes,  which  depend  on 
impingement  angles,  ratio  of  diameter  and  momentum  of  double  jet.  A  boundary  between  liquid  and  air  was  formed  after 
the  expansion  of  jet  atomization.  When  impingement  angles  and  injection  velocity  were  small,  the  outlines  of  boundary 
between  liquid  and  air  were  regular  and  clear.  When  impingement  angles  and  injection  velocity  were  big,  the  impinging 
jet  was  full  atomized,  the  definition  of  outlines  of  boundary  was  difficult. 

In  our  research,  two  straight  lines  can  be  defined  along  double  side  wave  peals  of  liquid  sheet  in  the  impingement  wave 
and  liquid  fan  region.  The  included  angle  of  two  straight  lines  in  XOY  plane  is  defined  as  |3,  that  one  in  YOZ  plane  is 
defined  as  P  ^ ,  as  shown  in  Fig.  1.  Figure  4  shows  the  a  effects  on  the  p^^.  and  p^  for  k=1.4,  y  =1.0.  Figure  5  shows 
the  effects  of  K  on  P^  and  P^  for  y  =1.0,  a  =40°.  It  can  be  shown  from  Fig.  4,  when  impingement  angle  a  increased. 


the  momentum  of  jet  along  z-axis  is  also  increased,  the  distribution  width  of  the  impinging  produced  liquid  film  becomes 
wider  in  XOY  plane  and  p^  increased.  P^  changed  slightly  for  k=l.0.  When  k>1.0,  since  oxidant  diameter  was  bigger 

than  fuel  one,  part  of  oxidant  jet  was  not  impinged  by  fuel  jet,  it  would  move  along  original  direction.  The  momentum  of 
oxidant  taken  part  in  impingement  was  smaller  than  fuel  momentum.  Therefore  the  combined  spray  flow  would  incline  to 
the  side  of  oxidant  orifice,  p^^  would  be  increased  with  the  increase  of  a  .  The  increase  of  K  could  lead  to  the  increase  of 


(3j^  and  ,  but  amplitude  of  the  effects  was  less  that  of  a  for  and  P^ ,  as  shown  in  Fig.  4.  The  trend  of  effects  of  k 
and  a  on  P^  and  P^  was  the  same  as  shown  in  Fig.  4  and  Fig.  5  for  other  y  values. 

It  should  be  noted  that  P^  will  be  increased  with  the  increase  of  deviation  6  .  6  was  caused  by  manufacture  quality. 


The  atomization  of  liquid  sheet  and  liquid  ligament  will  go  through  a  distance.  The  distance  from  impingement  point  to 
the  point  where  the  liquid  ligaments  completely  broke  and  turned  into  droplets  defined  as  the  spray  broken  length,  as 
shown  in  Fig.  1.  Figure  6  shows  the  effect  of  k  and  y  on  Lp.  Figure  7  shows  the  effect  of  a  and  y  on  Lp.  The  spray 
broken  length  is  an  average  value  of  many  laser  holograph  obtained  data. 

When  a  and  y  were  fixed,  the  increase  of  k  would  lead  to  the  reduction  of  part  of  oxidant  jet  took  part  in 
impingement,  therefore  the  broken  length  increased,  as  shown  in  Fig.  6.  When  k,  y  were  fixed,  the  increase  of  a  could 
lead  to  the  increase  of  momentum  of  jet  along  z-axis,  the  liquid  film  thickness  decreased,  the  split  become  easier, 
therefore  the  broken  length  decreased.  The  broken  length  was  the  smallest  one  when  y  =1.0  in  all  K.  It  should  be  noted 
that  the  Lp  could  be  affected  by  the  deviation  of  double  jet  center  and  outside  environment. 


a(“)  aO 

(a)  (b) 


Fig.  8  Effect  of  a  and  y  on  032(3)  and  D30  (b) 


Figure  8  shows  the  effects  of  a ,  y  on  D30  and  D32  for  k=l.4.  It  has  been  found  in  the  study  that  when  K  and  y  were 
fixed,  the  increase  of  a  would  lead  to  the  reduction  of  liquid  film  thickness  and  the  drop  size  split  from  film.  D30  and  D32 
were  also  decreased.  When  impingement  angles  was  greater  than  60°  ,  for  big  momentum  ratio  ( y  ^1.8),  the  trend  of 
drop  size  decreasing  became  slower.  For  K  and  a  were  constants,  the  increase  of  momentum  ratio  would  lead  to  the  drop 
size  increase.  The  minimum  values  of  D30  and  D32  would  be  obtained  under  any  K  for  y  =1.0.  The  effect  trends  of  a  and 
y  on  D30  and  D32  are  the  same  for  other  ratio  of  double  jet  diameter. 

2.2.2  The  effects  of  iet  diameter  ratio  and  impingement  condition 


Fig.  9  Effect  of  K  and  y  on  D32  (a)  and  D3o(b) 


Figure  9  shows  the  effect  of  K  and  y  on  D30  and  D32  for  a  =60°.  Following  Fig.  9,  the  increase  of  K  would  lead  to  the 
increase  of  drop  size  for  all  y.  When  K>1.0,  D30  and  D32  would  increase  more  quickly,  the  Rosin-Rammler  size 
distribution  parameter  decrease.  Based  on  the  deviation  of  double  jet  center,  the  jet  impingement  condition  could  be 
divided  into  two  kinds,  the  central  impinging(  6  =0)  and  the  eccentric  impinging((do“df)/2  >  6  >  0),  as  shown  in  Fig.  3.  If 
the  effects  of  liquid  dynamic  viscosity  and  surface  tension  were  ignored  and  assume  that  the  momentum  was  uniform 
distributed  on  the  jet  cross  section,  then  the  momentum  was  divided  equally  by  jet  cross  section  area.  The  momentum  of 
jet  per  unit  cross  section  area  could  be  obtained.  The  momentum  of  part  of  oxidant  jet  not  taken  part  in  impingement 
could  be  calculated.  The  proportion  of  momentum  of  part  of  oxidant  jet  not  taken  part  in  impingement  in  full  oxidant  jet 
momentum  was  shown  in  Table.3,  for  four  ratio  of  diameter,  when  5  =0  and  6  =(Do-Df)/2. 


Table  3  Effects  of  y  and  5  on  proportion  of  momentum  not  take  part  in  impingement 
K _ 6^0 _ 5  =(DD-Df)/2 _ 


1.8 

33.1% 

42.9% 

1.6 

26% 

34.3% 

1.4 

17.5% 

23.6% 

1.2 

8% 

11% 

The  calculation  indicates:  When  the  ratio  of  diameter  increasing,  the  part  of  not  take  part  in  impingement  of  oxidant  jet 
increase.  When  the  ratio  of  diameter  is  larger  than  1.2,  the  proportion  of  the  oxidant  jet  momentum  not  taken  part  in 
impingement  is  8%  for  the  central  impinging.  The  experiment  result  indicates:  When  K>1.4,  D32  and  D30  increase  quickly. 
The  Rosin-Rammler  size  distribution  parameter  decrease.  The  variation  trend  for  other  K  and  y  condition  is  the  same. 

It  should  be  noted:  The  atomization  of  impingement  injector  is  realized  by  the  double  jet  impingement,  which  also 
bring  about  the  mixture  of  double  liquid.  The  proportion  of  the  jet  mass  not  taken  part  in  mixture  will  be  8%  for  the 
central  impinging  when  K=1.2;  the  spray  quality  and  mixture  quality  will  become  worse  for  eccentric  impinging.  The 
increase  of  K  and  6  would  lead  to  spray  quality  and  the  mixture  quality  become  bad  simultaneously.  At  the  same  time, 
spray  angle  increased,  the  spray  cone  is  twisted  and  the  combustion  efficiency  is  decreased,  combustion  chamber  wall 
would  be  bum  out  in  seriously  condition.  Therefore  the  diameter  ratio  of  double  jet  and  manufacture  quality  is  very 
important.  The  experimental  result  has  also  indicated:  the  spray  split  length  and  D30,  D32  are  smaller  in  small  diameter 
ratio  for  all  a  and  y  ,  therefore,  the  proposal  is  fair  and  reasonable  that  diameter  ratio  should  be  kept  less  than  1.2  for 
impinging  injector  special  for  unlike  unit. 

Following  above  experiment  data,  the  drop  size  is  affected  by  impingement  angle,  diameter  ratio,  and  momentum  ratio. 
From  the  analysis  of  the  experimental  data,  we  have  obtained  following  empirical  formula  for  D32. 

D32  =849.8x7-®''“’  x(3.14159/l80xa)‘®’“'^  (6) 

There: 

D32  =  Sauter  mean  diameter  (urn) 


a  =  Impingement  angles  (degree) 

I  =  jet  momentum  per  unit  across  area  (g.m/s^) 

D  ==  jet  diameter  (mm) 

This  equation  illustrates  the  relevance  of  D32  with  K,  y  ,  « ,  lo  and  Do.  A  good  prediction  result  could  be  obtained  by 
this  empirical  formula  for  impinging  injector  when  parameters  of  geometry  and  flow  course  is  within  the  framework  of 
this  paper.  When  impingement  half  angle  of  oxidant  is  not  equal  to  fuel  one,  the  momentum  ratio  y  in  formula  should  be 
taken  as  momentum  ratio  of  double  jets  along  z  direction.  The  effect  level  of  D  on  D32  is  close  to  the  results  of  formula  (2) 
and  (5).  It  is  clear  that  the  impingement  angle  is  the  most  important  parameter  of  all  affective  parameters.  For  the  same 
propellant,  small  jet  diameter,  high  jet  injection  velocity,  large  impingement  angles  could  lead  to  good  spray  and  mixture 
quality.  Therefore,  it  is  true  that  the  selections  of  large  jet  diameter,  high  injection  velocity  in  large  liquid  rocket  engine 
may  result  in  good  atomization.  Because  the  combustion  chamber  length  is  short  in  low  thrust  engine,  high  injection 
velocity  would  lead  to  droplet  incomplete  combustion,  therefore  small  jet  diameter  should  be  chosen.  Impingement  angle 
affects  propellant  atomization  quality,  back  flow  of  droplet  and  thruster  head  temperature,  therefore,  impinging  angle 
should  not  be  kept  too  large.  The  reasonable  range  of  impingement  angle  is  50°~70®. 

2»3  Droplet  velocity 

Droplet  velocity  is  measured  by  double  pulse  laser  photography,  the  pulse  interval  range  from  1  u  s  to  100  us.  The 
experiment  result  illustrates  that  the  droplet  velocity  in  spray  field  depends  on  the  impingement  angles,  the  ratio  of  double 
jet  diameter,  momentum  ratio  and  jet  initial  velocity.  In  the  same  spray  field,  drop  size  and  velocity  are  slightly  bigger  in 
initial  spray  region  than  in  spray  region.  In  general,  when  the  orifice  diameter  and  jet  velocities  of  the  two  jets  (like-on- 
like  injector)  are  the  same,  the  velocity  of  the  liquid  film  and  ligament  are  almost  the  same  as  the  jet  initial  velocity.  This 
indicates  that  the  momentum  of  the  impinging  produced  liquid  film  and  liquid  ligament  have  almost  reached  to  the  whole 
dynamic  head  of  the  jet.  The  droplet  velocity  is  slightly  smaller  than  jet  velocity  in  the  initial  spray  region.  The  big 
droplet  velocity  is  slightly  higher  than  small  one  in  this  spray  region.  This  result  is  the  same  as  part  of  results  obtained  by 
Anderson,  Ryan,  etc.  in  "Fundamental  Studies  of  Impinging  Liquid  Jets". 

When  oxidant  jet  velocity  is  not  equal  to  fuel  one.  The  impinging  produced  liquid  film  and  ligament  would  decrease 
with  the  decrease  of  oxidant  jet  velocity,  but  it's  value  is  between  oxidant  jet  velocity  and  fuel  jet  velocity.  Therefore,  the 
droplet  velocity  can  be  replaced  by  jet  injection  velocity  in  digital  simulating  program.  Figure  10  shows  the  droplet 
velocity  obtained  by  double  pulse  photography,  the  pulse  interval  was  5  u  s.  Figure  1 1  shows  the  variation  of  droplet 
velocity  with  oxidant  jet  injection  velocity  in  the  initial  spray  region.  The  droplet  velocity  is  the  average  velocity  of  the 
velocities  of  random  sampled  one  hundred  droplets. 


Fig.  10  Holographic  photo  of  droplets  taken  by  double  pulse  laser 


Fig.  1 1  Effects  jet  velocity  on  drop  velocity 


Application  of  cold  test  sprav  study 

As  it  has  been  already  mentioned  above,  the  impingement  deviations  of  double  jet  center  could  lead  to  the  spray  and 
mixture  quality  deteriorated.  Therefore,  at  least  in  theory,  it  is  reasonable  that  based  on  a  large  number  of  cold  spray  and 
hot  run  experimental  data  statistics  and  comparison  analysis,  cold  test  spray  characters  could  be  used  to  evaluate  results  of 
injector  fire  test.  Figure  12  is  a  photo  of  spray  fan  along  y-axis,  it  shows  impinging  jet  doesn't  form  a  gather  liquid  flow  as 
Fig.  1(b),  impinging  jet  was  diflnsion.  Spray  fan  produced  twirl.  This  injector  was  of  the  same  as  one  shown  in  Fig.  1(b). 
The  fire  test  condition  was  also  the  same;  it's  combustion  efficiency  was  76%.  But  efficiency  of  injector  shown  in  Fig.  1(b) 
was  90%.  The  fire  test  results  and  cold  test  spray  characteristics  of  double  injector  are  shown  in  Table  2.  The  serial 
number  of  the  double  injector  are  SN02,  SN03  respectively. 


Fig.  12  Spray  photo  of  an  unlike  injector  taken  in  YOZ  plane 

In  our  study  seven  injector  were  tested  in  sequence,  the  serial  number  of  the  seven  injector  was  SN12,  SN03,  SN15, 
SN 1 7,  SN 19,  SN20,  SN02.  In  cold  test  water  was  used,  spray  characteristics  were  obtained,  include  and  spray 

split  length,  droplet  size  and  distribution,  D30,  D32,  drop  distribute  parameter,  etc.  Because  p^  represents  the  impinging 

phenomenon  and  manufacture  quality;  it  also  reports  the  mixture  quality  qualitatively.  The  spray  split  length  represents 
the  velocity  of  jet  broken,  it  also  reports  the  combustion  deathtrap  length,  and  spray  speed  level.  D32  represents  and  drop 
distribution  indictor  n  represents  atomized  drop  size  and  uniformity.  Because  the  experiments  were  conducted  by  using 
water  under  atmosphere  conditions,  injection  could  lead  to  the  air  movement,  this  may,  in  turn,  affect  spray.  To  reduce 
this  effects,  the  part  of  spray  region  of  50X60  mm^  at  x  =  0mm,  y  =  25mm  was  selected  to  mention.  D32,  D30  and  n  had 
been  obtained  in  this  region.  Seven  injectors  had  been  fire  tested  after  cold  test.  The  fire  test  results  and  cold  test  spray 
characteristics  of  seven  injectors  are  shown  in  Table  4. 

As  shown  in  Table  4,  the  good  agreement  has  been  achieved  between  fire  test  results  and  cold  test  spray  characteristics 
in  the  condition  listed  below.  The  fire  test  specific  impulse  Ijp  >  2600  m/s  but  with  good  combustion  efficiency. 

1.  p^<40® 

2  L  <  16  mm 

3.  D32<150  um 

The  three  parameters  were  used  as  complexes  evaluate  index.  Based  on  above  complex  evaluation  index.  In  the 
following  test,  two  injectors(SN24,  SN25)  were  selected  from  five  injectors  for  high  altitude  simulation  fire  test.  Good 
agreement  had  been  achieved  between  fire  test  results  and  predicted  result.  The  idea  has  been  proved.  The  fire  test  result 
and  cold  test  spray  characteristics  are  shown  in  Tab.4. 


Table  4  Fire  test  results  against  spray  characteristics 


Injector  No. 

L(mm) 

e  (•) 

DjzC  u  m) 

N 

lsp(m/s) 

n 

SN12 

10 

33 

140 

5,45 

2780 

95% 

SN03 

12 

35 

124 

5.20 

- 

90% 

SN15 

14 

30 

132 

5.14 

2700 

89% 

SN17 

16 

25 

143 

5.24 

2650 

89% 

SN19 

18 

46 

158 

4.43 

2480 

81% 

SN20 

16 

40 

157 

4.75 

2400 

80% 

SN02 

10 

50 

118 

4.60 

- 

76% 

SN25 

15 

30 

145 

5.04 

2625 

88% 

SN24 

13 

35 

147 

5.06 

2622 

88% 

The  number  of  SN02,  Sn03  was  fire  tested  on  ground. 


Conclusions 

Our  study  illustrates: 

I. Increase  impingement  angle,  decrease  the  ratio  of  double  jet  diameter  and  ratio  of  double  jet  momentum  could  lead 
to  the  reduction  of  spray  split  length  and  droplets  size.  The  relationship  between  D32  and  above  perimeter  was  provided  as 


Eqs.  (6). 

2.  Double  jet  diameter  ratio  should  be  less  than  1.2;  the  ratio  of  double  jet  momentum  should  be  equal  to  1.0. 

3.  Liquid  film  and  liquid  ligament  velocities  are  the  same  as  jet  injects  velocity  in  initial  spray  region,  the  droplet 
velocity  is  slightly  less  than  inject  velocity. 

4.  Double  jet  impingement  precession  is  very  important  for  impinging  injector.  It  would  affect  spray  characteristics 
and  mixture  efficiency.  For  low  thrust  liquid  rocket  engine,  the  fire  test  results  could  be  predicted  by  cold  test  obtained 
spray  characteristics. 


Concluding  remarks 

The  purpose  of  this  paper  is  to  provide  a  concise  report  on  the  current  state  of  knowledge  on  the  spray  mechanisms  of 
impinging  liquid  jets.  First,  a  brief  report  about  relationship  between  perimeters  of  geometry  and  flow  course  and 
atomization  performance  is  provided.  Then,  the  experimental  result  of  spray  structure  and  drop  size  affected  by 
impingement  angle,  diameter  ratio  and  momentum  ratio  is  shown.  The  empiric  formula  for  D32  is  provided.  Last,  the 
comparison  analysis  of  the  injector  atomization  performance  using  water  test  and  the  result  of  injector  fire  test  efficiency 
is  made.  The  possible  proposed  of  injector  hot  fire  test  efficiency  prediction  and  injection  selection  by  cold  test 
atomization  has  be  proved  by  real  hot  test. 

Injector  atomization  and  mixture  research  has  not  finished  yet.  Effects  of  diameter  ratio  on  propellant  mixture, 
distribution  should  be  further  researched.  It  should  also  be  further  studied  how  the  liquid  properties  and  outside 
environment  effect  on  spray  structure  and  atomization  performance.  Based  on  these  studies  we  will  be  albe  to  designers 
with  a  frame  on  selection  of  the  design  parameter  and  a  method  to  forecast  atomization  performance  and  structure  forecast 
through  cold  test. 
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Abstract 

An  experimental  investigation  has  been  earned 
out  to  examine  the  effects  of  LOX  post  biasing  of  a 
shear  coaxial  injector  on  the  behavior  of  the  spray  near 
a  chamber  wall.  The  experimental  work  was  performed 
with  inert  propellant  simulants  in  a  high-pressure 
chamber.  Injector  flow  rates  and  chamber  pressure 
were  designed  to  match  the  Space  Shuttle  Main  Engine 
(SSME)  injector  gas-to-liquid  density  and  velocity  ratio 
at  the  point  of  propellant  injection.  Measurements  of 
liquid  mass  flux,  gas  phase  velocity  and  droplet  size 
were  made  using  mechanical  pattemation  and  phase 
Doppler  interferometry  techniques.  The  measurements 
revealed  that  the  liquid  mass  flux  distribution  shifts 
away  from  the  wall  with  increasing  LOX  post  bias 
away  from  the  wall.  The  shift  in  the  liquid  flux 
distribution  was  much  greater  than  that  caused  by  the 
angling  of  the  LOX  post  alone.  Gas  velocity  near  the 
wall  simultaneously  increased  with  increasing  LOX 
post  bias  away  from  the  wall.  The  increase  in  wall  side 
gas  velocity  was  due  to  the  higher  fraction  of  gas 
injected  on  the  wall  side  of  the  injector  as  a  result  of  the 
eccentricity  at  the  injector  exit.  The  net  result  was  a 
decrease  in  mixture  ratio  near  the  wall.  Estimates  of 
heat  transfer  and  engine  performance  relative  to  the 
unbiased  case  are  presented. 


Introduction 

The  thrust  of  rocket  propulsion  technology 
today  is  to  reduce  engine  costs  while  maintaining 
engine  life  and  performance.  One  area  of  potential 
improvement  in  propulsion  efficiency  and  engine 
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lifetime  is  injector  wall  compatibility.  In  an  effort  to 
increase  engine  performance,  chamber  pressures  have 
historically  been  increasing.  The  rate  of  heat  transfer 
from  the  hot  combustion  gasses  to  the  chamber  wall  is 
proportional  to  chamber  pressure  and  in  many  cases 
results  in  a  chamber  wall  temperature  that  is 
unacceptably  high  using  regenerative  cooling  alone. 
This  results  in  a  need  for  additional  wall  cooling  which 
is  typically  accomplished  by  increasing  the  fuel  flow 
near  the  inside  wall  of  the  combustion  chamber.  The 
increased  fuel  flow  reduces  the  mixture  ratio  near  the 
wall,  thereby  decreasing  the  temperature  of  the 
combustion  gasses.  The  increased  fuel  flow  also 
provides  a  protective  barrier  against  oxidizer  attack  on 
the  chamber  wall. 

A  number  of  methods  have  been  developed 
and  successfully  implemented  to  provide  gas  or  liquid 
film  cooling  protection  for  the  combustion  chamber 
wall.  A  commonly  used  method  is  the  introduction  of  a 
row  of  holes  in  the  injector  faceplate  very  close  to  the 
chamber  wall.  These  holes  provide  a  curtain  of 
protective  film  coolant,  which  can  be  either  gaseous  or 
liquid  in  phase.  This  technique  can  be  applied  to 
almost  any  type  of  injector  configuration  and  has  been 
used  successfully  for  years  in  many  LOX/kerosene 
impinging  injector  engines. 

Another  method  of  wall  cooling  which  is 
particularly  applicable  to  coaxial  types  of  rocket 
injectors  involves  operating  the  outer  row  of  injectors  at 
a  reduced  mixture  ratio  either  by  increasing  the  fuel 
flow  or  by  decreasing  the  oxidizer  flow.  The  lower 
mixture  ratio  decreases  the  temperature  of  the 
combustion  products  near  the  wall.  This  is  one  type  of 
wall  protection  that  is  employed  in  the  SSME,  which 
uses  LOX/gH2  shear  coaxial  injection  elements. 
Another  form  of  wall  protection  used  in  the  SSME  is 
the  angling  or  "biasing"  of  the  outer  row  of  LOX  posts 
inward,  away  from  the  combustion  chamber  wall.  The 
biasing  of  the  LOX  post  creates  an  eccentricity  of  the 
fuel  annulus  providing  for  a  larger  flowrate  of  gaseous 
fuel  on  the  outer  side  of  the  injector.  This  arrangement, 
in  conjunction  with  the  decreased  mixture  ratio  for  the 
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outer  row  elements  has  been  proven  to  provide 
adequate  wail  protection. 

The  price  that  is  paid  for  protecting  the  wall  by 
these  methods  is  a  loss  in  specific  impulse  (I^)  due  to 
deviation  in  mixture  ratio  near  the  wall  of  the 
combustion  chamber.  It  has  been  shown  in  a  number  of 
theoretical  and  experimental  studies  that  any  digression 
from  the  average  mixture  ratio  in  a  combustion 
chamber  results  in  a  loss  of  performance,  as  measured 
by  This  is  true  even  when  the  overall  engine 

mixture  ratio  is  not  at  the  optimum  mixture  ratio  for 
maximizing  Is,  as  long  as  the  Is  versus  mixture  ratio 
curve  is  parabolic  or  similar  in  shape.  This  is  the  case 
with  hydrogen  and  oxygen  and  most  other  propellant 
combinations.  The  sensitivity  of  performance  to 
mixture  ratio  distribution  in  the  combustion  chamber  is 
due  to  the  relatively  poor  rate  of  mixing  in  the  radial 
direction  as  a  result  of  high  axial  acceleration  rates  of 
the  combusting  propellants,  and  short  chamber  lengths 
in  comparison  to  the  chamber  diameter. 

A  study  has  been  conducted  at  the  Air  Force 
Research  Laboratory  (AFRL)  high-pressure  cold-flow 
facility  to  increase  the  understanding  of  the  injector 
wall  interaction  of  a  SSME  shear  coaxial  injector.  The 
goal  was  to  provide  a  detailed  understanding,  through 
cold-flow  simulations,  of  the  effects  of  LOX  post 
biasing  on  the  liquid  and  gas  phase  distribution  near  a 
wall.  Understanding  the  effects  of  LOX  post  biasing  on 
the  spray  characteristics  will  allow  injector  designers  to 
minimize  the  performance  loss  while  still  providing 
adequate  wall  protection. 


Experimental  Setup 

Water  and  gaseous  nitrogen  were  used  as 
simulants  for  LOX  and  gaseous  hydrogen.  In  order  to 
simulate  the  conditions  inside  the  actual  engine,  the 
tests  were  performed  at  elevated  pressure  and  at  flow 
rates  which  match  the  hot- fire  injection  gas-to-liquid 
density  and  velocity  ratios.  Spray  characteristics  which 
were  measured  include  liquid  mass  flux  distribution, 
gas  phase  velocity  and  droplet  size. 

The  experimental  facility  is  capable  of 
characterizing  full  scale  single  element  rocket  injectors 
in  cold  flow  at  pressures  to  13.8  MPa.  Water,  which  is 
used  as  a  simulant  for  liquid  oxygen,  is  stored  and 
pressurized  in  a  1  m^  tank.  Nitrogen  is  stored  in  a  6  m 
tank  at  40  MPa.  The  injector  gas  and  liquid  flow  rates 
are  controlled  with  throttling  valves  and  measured  with 
turbine  flow  meters  to  an  accuracy  of  +/-  1%.  Chamber 
pressure  is  measured  to  within  +/-  0.5%.  The 
maximum  water  flow  rate  is  1.8  kg/s  and  the  maximum 


Figure  1:  Schematic  of  the  3 -element  SSME 
injector  and  wall  test  article  along  with  a 
cutaway  of  an  injector  element. 

nitrogen  flowrate  is  0.18  kg/s.  The  chamber  consists  of 
a  0.5  m  diameter  stainless  steel,  optically  accessible 
pressure  vessel  containing  a  27  tube  linear  array 
mechanical  patternator  which  can  be  traversed  through 
the  spray.  The  patternator  tubes  are  6.35  mm  square  in 
dimension.  A  mechanical  shutter  prevents  liquid  from 
entering  the  tubes  until  the  spray  conditions  are 
obtained  at  which  time  the  shutter  is  opened  and  liquid 
is  collected  for  a  specified  amount  of  time  in  a  series  of 
stainless  steel  bottles  connected  to  the  patternator  tubes. 
After  the  shutter  has  closed,  the  bottles  are  de¬ 
pressurized  and  the  liquid  is  emptied  into  beakers  and 
weighed.  The  mass  flux  is  simply  the  mass  of  collected 
fluid  divided  by  the  collection  time  and  cross  sectional 
are  of  the  collection  tubes.  The  patternator  was 
traversed  through  the  spray  at  6.35  mm  steps,  thus 
yielding  a  two-dimensional  map  of  the  liquid  mass  flux 
distribution. 

Three  50  mm  and  one  120  mm  sapphire 
windows  provided  optical  access  to  the  chamber  for 
spray  imaging  and  for  droplet  size  and  velocity 
measurements  using  phase  Doppler  interferometry 
(PDI). 

The  injector,  which  was  designed  and 
manufactured  by  Boeing  Rocketdyne,  consisted  of  a 
stainless  steel  manifold  containing  three  SSME  fuel 
sleeves  and  LOX  posts.  The  manifold  provided 
separate  inlet  ports  for  gas  and  liquid  delivery.  A  wall 
was  mounted  on  the  face  of  the  manifold  at  6.35  mm 
from  the  outside  edge  of  the  fuel  sleeves  to  simulate  the 
presence  of  the  combustion  chamber  wall.  The  LOX 
posts  had  an  internal  diameter  of  4.77  mm  and  the  fuel 
gap  annulus  was  2,24  mm  with  the  LOX  post  centered 
in  the  annulus.  Figure  1  is  a  schematic  of  the  injector 
manifold  along  with  a  cross  sectional  view  of  one  of  the 
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injector  elements.  The  LOX  posts  were  biased  by 
angling  the  posts  away  from  the  wall.  Bias  was 
measured  as  the  displacement  of  the  tip  of  the  LOX 
post  from  the  unbiased  condition. 

Injector  Scaling  Parameters 

Chamber  pressure  and  flow  rates  were  chosen 
to  match  the  following  SSME  injector  hot  fire  similarity 
parameters  at  the  point  of  injection:  gas-to-liquid 
velocity  ratio,  density  ratio,  momentum  ratio  and 
mixture  ratio,  while  the  maximum  gas  flowrate  was 
limited  by  the  maximum  facility  flowate.  Table  1 
contains  the  single  element  run  conditions  used  in  this 
study  along  with  conditions  for  the  SSME  at  full  power 
level.  The  most  notable  difference  between  cold-flow 
and  the  SSME  hot-fire  conditions  was  the  lower  liquid 
Reynolds  number  for  the  cold-flow  tests,  which  was 
lower  by  a  factor  of  25  due  to  the  lower  injection 
velocity  and  a  seven-fold  higher  viscosity  for  water. 
The  results  should  still  provide  qualitative  information 
on  spray  behavior  because  the  Reynolds  number  for  the 
cold-flow  tests  was  still  well  into  the  fully  mrbulent 
regime.  For  all  of  the  results  presented  here,  all  three 
injectors  were  flowing  gN2  at  the  flow  rate  specified  in 
Table  1,  however,  water  was  flowed  through  only  the 
central  injector.  This  was  an  effort  to  reduce  the  optical 
thickness  of  the  spray  field  in  order  to  facilitate  the 
droplet  size  and  velocity  measurements.  The  gas  flow 
in  the  outer  two  injectors  was  designed  to  simulate  the 
aerodynamic  confinement  encountered  in  the  actual 
engine. 

Table  1 :  Scaling  parameters  for  cold-flow  and  engine 


operating  conditions. 


Parameter 

SSME 

Cold-Flow 

(LOX/ 

fH.O/ 

eH,+H,0) 

Chamber  Pressure  (MPa) 

19.3 

0.74 

Liq.  Flowrate  (kg/s) 

0.63 

0.18 

Liq.  Injection  Vel.  (m/s) 

31.3 

10.0 

Liq.  Density  (kg/m^) 

1117 

1002 

Liq.  Reynolds  Number 

1.1  X  10* 

4.3  X  lO"* 

Gas  Flowrate  (kg/s) 

0.193 

0.056 

Gas  Injection  Vel.  (m/s) 

360.6 

115.9 

Gas  Density  (kg/m^) 

9.47 

8.48 

Gas  Reynolds  Number 

9.0  X  10^ 

2.4  X  10* 

Density  Ratio  (liq/gas) 

117.6 

117.6 

Velocity  Ratio  (liq/gas) 

0.087 

0.087 

Momentum  Ratio  (liq/gas) 

0.286 

0.286 

Mixture  Ratio  (liq/gas) 

3.25 

3.25 

Results  and  Discussion 
Strobeli^ht  Ima2ing 

Spray  imaging  experiments  were  conducted  at 
a  variety  of  test  conditions  using  a  5  ps  duration 
strobelight  to  back-light  the  spray  and  a  CCD  camera 
and  VCR  to  capture  and  store  images  of  the  spray. 
These  images  yielded  qualitative  information  on  the 
shape  of  the  sprays.  A  series  of  images  were  taken  at 
the  conditions  listed  in  Table  1  for  an  unbiased  injector 
and  for  a  biasing  of  0.48  mm  away  from  the  wall.  The 
images  in  Figure  2  show  the  spray  from  the  edge  on  and 
span  an  axial  distance  of  0  to  45  mm  (top  row)  and  45 
to  1 10  mm  (bottom  row).  Note  that  each  image  in  the 
top  and  bottom  row  series  of  images  was  captured  at  a 
different  instance  in  time  and  are  therefore 
representative  of  typical  spray  behavior.  The  dark  areas 
on  the  image  are  areas  with  a  high  liquid  concentration. 
These  images  indicate  that  biasing  the  LOX  posts 
tended  to  shift  the  liquid  flow  away  from  the  wall. 

Liquid  Mass  Flux  Results 

Mechanical  pattemation  measurements  of 
liquid  Tnas«;  flux  Were  made  with  all  three  injectors 
flowing  N2  and  only  the  central  injector  flowing  water. 
Tests  were  conducted  with  the  LOX  posts  unbiased 
(centered  in  the  fuel  sleeve)  and  with  the  LOX  post  tips 
biased  away  from  the  wall  0.25,  0.48  and  1.02  mm. 
Figure  3  contains  contour  plots  of  measured  liquid  mass 
flux  at  axial  locations  of  51.  83  and  127  mm  from  the 
injector  exit  plane.  The  wall  was  located  at  0.0  mm  and 
the  center  of  the  injector  was  located  at  10  mm  from  the 
wall.  These  results  show  a  decrease  in  liquid  flux  near 
the  wall  and  a  shift  in  the  peak  mass  flux  away  from  the 
wall  as  the  LOX  posts  were  biased  away  from  *e  wall. 
■The  shift  in  the  peak  flux  was  largely  due  to  an  increase 
in  gas  flow  on  the  wall  side  of  the  biased  injectors, 
which  will  be  discussed  in  a  later  section.. 

Figure  4  is  a  plot  of  liquid  mass  flux  as  a 
function  of  distance  from  the  wall  through  the 
centerline  of  the  spray.  The  size  and  location  of  the 
injector  is  shown  in  the  figure.  Figure  4  clearly  shows 
the  shift  in  the  peak  of  the  liquid  flux  distribution  away 
from  the  wall  with  increasing  LOX  post  bias.  It  is 
interesting  to  note  that  the  maximum  liquid  flux 
displacement  occurs  for  a  biasing  of  0.48  nm.  Further 
biasing  to  1.02  mm  did  not  shift  the  liquid  flux  any 
further  away  from  the  wall.  Also  note  that  the  effect  o 
LOX  post  biasing  diminished  with  increasing  axial 
distance  from  the  injector. 
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Unbiased 

Z  =  0  -  45  mm  (top  row) 

Z  =  45  -  1 10  mm  (bottom  row) 


Biased  0.48  mm 
Z  =  0  -  45  mm  (top  row) 

Z  =  45  -  1 10  mm  (bottom  row) 


I 


f 


Figure  2;  Strobe  back-lit  images  of  the  unbiased  injector  spray  (left)  and  biased  injector  spray 
(right)  at  two  axial  locations.  The  wall  is  the  dark  object  located  on  the  right  hand  side  of  each 
image. 
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Figure  3:  2-D  liquid  mass  flux  distributions  at  Z=51,  83  and  127  mm,  for  the  test  conditions  in  Table  1 
for  the  (a)  unbiased  injector  and  (b)  injector  biased  0.48  mm  away  from  the  wall.  The  wall  is  at  0  mm 
and  contours  are  in  gm/s/cm^. 
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Figure  4:  Liquid  mass  flux  distribution  through  the  centerline  of  the  spray  as  a  function  of  LOX  post 
biasing  and  axial  distance.  Run  conditions  listed  in  Table  1. 


The  shift  in  the  peak  of  the  liquid  mass  flux 
distribution  was  much  greater  than  that  caused  by  only 
the  angling  of  the  LOX  post.  For  the  case  of  0.48  mm 
bias,  the  LOX  post  biasing  angle  was  0.69°,  which 
would  result  in  a  shift  of  0.61  mm  away  from  the  wall 
at  an  axial  location  of  51  mm.  The  actual  shift  in  the 
peak  as  determined  by  curve  fitting  the  liquid  flux  data 
to  a  Gaussian  profile  was  3.9  mm. 

Estimation  of  Error 

Several  repeat  runs  were  made  with  the 
injector  biased  at  0.48  mm  in  order  to  assess  the 
repeatability  of  the  liquid  mass  flux  measurements. 
The  error  associated  with  repeatability  varied  slightly 
through  the  spray  but  the  average  standard  deviation  in 
liquid  mass  flux  was  about  7%.  Another  error 
associated  with  mechanical  pattemation  measurements 
is  rejection  of  droplets  at  the  entrance  of  the  pattemaor 
tubes  due  to  the  formation  of  a  stagnation  zone.  The 
patternator  bottles  were  vented  back  to  chamber  to 
allow  the  gas  that  enters  the  collection  tubes  to  return  to 
the  chamber.  There  was,  however  a  pressure  drop 
through  the  pattemation  system  that  generates  a 
stagnation  zone  at  the  entrance  to  the  patternator  tubes. 
The  smaller  droplets  tend  to  follow  the  gas  streamlines 
around  the  patternator  entrance  and  are  not  collected. 
Larger  droplets,  which  carry  most  of  the  mass  flux  in 
the  spray  have  enough  momentum  in  the  axial  direction 
to  overcome  the  streamlines  formed  by  the  stagnation 
zone  and  enter  the  patternator.  The  amount  of  error 
associated  with  droplet  rejection  can  be  assessed  by 
integrating  the  total  mass  flux  over  the  extent  of  the 
spray  and  comparing  to  the  injected  mass  flow  rate. 
The  result  is  a  collection  efficiency,  which  will  always 
be  less  than  100%.  The  measured  collection  efficiency 
for  the  unbiased  and  biased  runs  were  similar,  but 
varied  in  the  axial  direction.  The  average  collection 
efficiency  was  71%,  80%  and  87%  for  the  axial 


locations  of  51,  83  and  127  mm  respectively. 
Collection  efficiency  increased  with  increasing  axial 
distance  from  the  injector  as  the  local  gas  velocity 
decreased. 

Velocity  Measurements 

Gas  phase  velocity  and  liquid  droplet  size 
measurements  were  made  with  a  2-component  phase 
Doppler  interferometer  (PDI).  Measurements  were 
made  with  the  PDI  at  axial  locations  of  51,  83  and 
127  mm.  The  PDI  was  optically  configured  to  measure 
the  smallest  droplets  possible.  It  was  calculated  that 
droplets  less  than  about  6  pm  in  diameter  would  be 
following  the  mean  flowfield  completely  and  could  be 
used  as  “seed”  particles  for  making  measurements  of 
the  gas  phase  velocity.  The  requirement  was  that  the 
droplet  relaxation  time,  Td,  be  much  less  than  the. 
characteristic  mean  timescale  for  the  flowfield,  'tp*  Th® 
relationship  used  here  was; 


(1) 

'^F 


The  droplet  relaxation  time  is  the  time  lag  for  a  droplet 
to  accelerate  from  the  injected  liquid  velocity  to  the 
mean  flowfield  velocity,  tp  and  Td  are  calculated  as 
follows. 


V 


(2) 


18.  pg 


(3) 


In  Equation  2,  Z  is  the  minimum  distance  from 
the  injector  and  V  is  the  maximum  flowfield  velocity. 
At  a  distance  of  51  mm  the  maximum  flowfield 
velocity  was  estimated  to  be  50  m/s  from  initial 
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experiments.  •  This  yielded  a  time  constant,  Tf,  of 
1.02  ms  and  a  droplet  size,  D,  of  5.7  pm  for  Td/Tf  =0. 1 

Measurements  were  also  made  as  close  as 
5  mm  from  the  injector  face,  but  there  were  very  few 
droplets  available  for  making  velocity  measurements 
here,  therefore  the  gas  stream  being  fed  to  the  injector 
was  seeded  with  a  dilute  spray  of  very  small  droplets  to 
act  as  tracer  particles.  The  introduction  of  droplets  to 
the  gas  flow  was  far  enough  upstream  of  the  injection 
point  to  ensure  that  the  droplets  were  following  the 
flowfield. 

The  PDI  was  configured  with  a  500  mm  focal 
length  transmitter  and  receiver  lens.  A  60  pm  beam 
waist  and  a  50  pm  slit  were  used  in  order  to  facilitate 
measurements  in  the  anticipated  high  number  density 
sprays.  A  ten-to-one  intensity  validation  scheme  was 
implemented  to  reject  erroneous  measurements 
associated  with  the  relatively  small  beam  waist  in 
comparison  to  the  droplet  sizes  being  measured 
(2<D<350  nm).^ 
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The  PDI  was  fixed  in  location  with  respect  to 
the  chamber  windows  and  the  injector  was  traversed 
through  the  probe  volume  at  1  mm  steps  for  the  axial 
location  of  5  mm  and  3  mm  steps  for  all  other  axial 
locations.  This  yielded  a  radial  profile  of  the  gas  phase 
velocity  and  droplet  diameter  from  the  outside  edge  of 
the  spray  to  the  wall,  through  the  centerline  of  the  spray 
as  defined  by  the  center  of  the  LOX  post.  At  each 
location  in  the  spray,  5000  measurements  were 
recorded.  Velocities  are  reported  as  the  average 
velocity  of  droplets  less  than  6  pm  in  diameter.  It  was 
found,  however,  that  there  was  very  little  correlation 
between  droplet  size  and  velocity,  indicating  that 
velocity  was  independent  of  droplet  size. 

Figure  5  contains  plots  of  gas  phase  axial 
velocity  as  a  function  of  distance  from  the  wall  at  axial 
locations  of  5,  51,  83  and  127  mm  for  the  test 
conditions  listed  in  Table  1.  The  relative  size  and 
location  of  the  injector  is  shown  on  each  plot.  Figure  5 
shows  that  near  the  exit  of  the  injector  (Z=5  mm)  the 
gas  phase  velocity  was  only  slightly  higher  on  the  wall 


Figure  5;  Gas  phase  axial  velocity  profiles  versus  distance  from  the  wall  at  axial  locations  of  5, 51, 83  and 
127  mm.  Profiles  are  through  the  centerline  of  spray  as  defined  by  the  LOX  post  and  the  injector  is  shown 
schematically  in  the  plots. 

6 

American  Institute  of  Aeronautics  and  Astronautics 


side  of  the  injector  than  the  far  side  of  the  injector. 
Note  that  at  the  axial  location  of  Z=5  mm,  no  data  is 
shown  in  the  center  of  the  spray.  This  is  due  to  the  fact 
that  at  this  axial  location  the  liquid  core  of  the  spray 
was  still  intact  and  data  validation  rates  at  these 
locations  were  very  low.  Further  downstream  from  the 
injection  point  the  gas  phase  axial  velocities  were  much 
higher  on  the  wall  side  of  the  spray  than  the  far  side  of 
the  spray.  This  is  because  the  spray  was  physically 
confined  by  the  presence  of  the  wall  at  0  mm  and  was 
aerodynamically  confined  by  the  injectors  operating  on 
either  side  of  the  spray.  The  far  side  of  the  spray  was 
not  confined  and  was  free  to  expand,  thus  resulting  in  a 
lower  velocity. 

The  most  interesting  feature  of  Figure  5  is  the 
increase  in  velocity  near  the  wall  with  a  corresponding 
decrease  in  velocity  on  the  far  side  of  the  spray  for  the 
runs  with  the  LOX  post  biased  away  from  the  wall. 
The  ratio  of  wall  side  velocity  to  far  side  velocity 
increased  with  increasing  LOX  post  bias.  The  velocity 
gradient  was  caused  by  the  unequal  exit  areas  Of  the  gas 
annulus  at  the  injector  exit,  with  a  larger  flow  area  on 
the  wall  side  of  the  injector.  Since  the  flow  was 
physically  confined  on  the  wall  side  of  the  injector,  the 
...wall  side  velocity  must  increase  as  the  injector  exit  area 
and  hence  flow  rate  increased  with  bias.  The  effect  of 
biasing  was  most  prominent  at  the  51  mm  axial 
location,  with  a  decrease  in  relative  effect  as  the  spray 
evolved  in  time  (axial  distance)  from  the  point  of 
injection.  The  decrease  in  influence  of  the  LOX  post 
bias  on  the  velocity  distribution  with  increasing  axial 
distance  was  a  result  of  transport  and  mixing  of  the 
unevenly  distributed  gas  on  the  wall  side  of  the  spray  to 
the  far  side  of  the  spray  due  to  the  large  axial  velocity 
gradient  in  the  radial  direction.  This  was  the  driving 
force  behind  the  shift  in  the  liquid  phase  away  from  the 
wall  in  Figure  4. 


In  order  to  calculate  the  liquid-to-gas  mixture 
ratio  from  the  liquid  flux  and  gas  phase  velocity  data, 
which  were  collected  at  different  spatial  resolutions,  the 
liquid  flux  data  were  curve  fit  to  a  Gaussian  profile  and 
the  mixture  ratio  was  calculated  at  the  data  points 
corresponding  to  the  gas  phase  velocity  measurements. 
The  mixture  ratio  distribution  for  the  unbiased  and 
biased  injectors  is  shown  in  Figure  6.  The  shift  in 
mixture  ratio  away  from  the  wall  was  most  prominent 
at  the  axial  location  of  51  mm,  but  persisted  even  at  the 
127  mm  location.  The  shift  in  mixture  ratio  was  due  to 
the  combined  effect  of  the  shifting  of  the  liquid  flux 
distribution  away  from  the  wall,  and  the  increased  gas 
flow  near  the  wall.  The  total  measured  mixture  ratio 
for  each  run  was  significantly  less  than  the  injected 
mixture  ratio  of  3.25  due  to  entrainment  of  chamber  gas 
into  the  spray.  The  amount  of  entrained  gas  increased 
with  increasing  distance  from  the  point  of  injection. 


Heat  Flux  Analysis 


One  of  the  goals  of  the  present  investigation  is 
to  use  the  experimental  cold-flow  data  to  estimate  the 
effects  of  LOX  post  biasing  on  wall  heat  transfer  and 
engine  performance  in  the  SSME.  Since  the  engine 
operates  fuel  rich,  any  reduction  in  mixture  ratio  near 
the  wall  might  imply  a  decrease  in  hot  gas  temperature 
and  heat  transfer  to  the  wall.  Two  approaches  were 
used  to  predict  relative  changes  in  heat  transfer  between 
the  unbiased  and  biased  injector  data.  The  first 
approach  incorporated  a  flat  plate  turbulent  heat 
transfer  correlation  (Equation  4)  using  the  measured  gas 
velocity  and  mixture  ratio  near  the  wall."^ 
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Figure  6:  Mixture  ratio  distribution  for  unbiased  and  biased  injectors  at  axial  locations  of  51,  83  and  127 
mm.  Injector  size  and  location  is  shown  on  the  plots.  Test  conditions  are  given  in  Table  1. 
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Table  2:  Relative  change  in  heat  transfer  for  biased  data. 


Biasing  (mm) 

Aq”  @Z=51  mm 

Aq”  @Z=83  mm 

Aq”  @Z=127  mm 

0.25 

-8% 

-4% 

-4% 

0.48 

-7% 

-20% 

-14% 

1.02 

-11% 

-28% 

-29% 

Local  gas  temperature  and  transport  properties 
were  calculated  using  the  NASA  CEA  chemical 
equilibrium  code  using  the  mixture  ratio  data  from 
Figure  6.  A  constant  wall  temperature  of  600  K  was 
assumed  in  the  calculation  for  both  the  unbiased  and 
biased  data.  The  heat  flux  was  averaged  from  1  to  6 
mm  from  the  wall,  which  was  estimated  to  be  the  extent 
of  the  thermal  boundary  layer  at  the  throat  of  the  SSME 
using  Equation  5. 


5,  =0.37-Z'Re/ 

The  average  Reynolds  number  in  the  SSME 
combustion  chamber  is  estimated  to  be  about  5x10 
which  yielded  a  boundary  layer  thickness  ,  of  6  mm  at 
the  throat.  The  calculated  heat  fluxes  for  the  biased 
runs  were  expressed  as  a  percent  change  from  the 
unbiased  data  and  are  tabulated  in  Table  2. 

It  is  interesting  to  note  that  the  maximum 
reduction  in  heat  transfer  occurred  further  downstream 
with  increasing  LOX  post  bias.  In  the  SSME  the  outer 
row  of  injectors  contain  LOX  posts  which  are  biased 
0.48  mm  inward.  The  predicted  decrease  in  heat 
transfer  from  the  cold-flow  data  is  1%  at  the  51  mm 
axial  location,  increasing  to  20%  then  dropping  off  to 
14%  at  the  127  mm  axial  location. 

The  second  method  of  predicting  heat  transfer 
from  the  cold-flow  data  involved  a  manipulation  of  sub¬ 
scale  hot-fire  test  data  obtained  with  a  calorimeter  test 
chamber  and  unbiased  injectors.  The  calorimeter  test 
data  provided  a  profile  of  heat  flux  as  a  function  of 
axial  location  between  the  injector  faceplate  and  the 
chamber  throat.  Heat  flux  data  obtained  with  unbiased 
injectors  was  adjusted  by  the  relative  change  in  gas 
velocity  and  mixture  ratio  near  the  wall  between  the 
biased  and  unbiased  cold-flow  data.  The  effect  of 
mixture  ratio  and  velocity  on  heat  transfer  was  assumed 
to  be  similar  to  the  previous  method  using  a  flat  plate 
heat  transfer  correlation.  The  effect  of  biasing  (for  the 
0.48  mm  biased  data),  as  measured  with  the  cold-flow 
experiments  was  then  extrapolated  to  the  chamber 
throat  to  obtain  an  integrated  heat  load  reduction  of 
7.1%,  which  agrees  very  well  with  full-scale  engine  test 
data.  The  main  difference  between  these  two  methods 
of  predicting  heat  transfer  is  that  method  1  provides  a 
measure  of  relative  heat  flux  at  several  axial  locations, 


while  method  2  provides  a  prediction  of  overall  heat 
load  change. 

Performance  Analysis 

The  most  commonly  used  method  of 
estimating  the  performance  impact  of  mixture  ratio 
non-uniformity  in  a  rocket  engine  is  strearn-tube 
analysis.  The  assumption  is  that  there  is  negligible 
mixing  between  adjacent  injectors  and  therefore  the 
performance  of  each  injector  can  be  calculated 
separately  and  summed  to  obtain  the  total  engine 
performance,  which  can  be  measured  by  specific 
impulse.  The  use  of  stream-tube  analysis^  to  predict 
engine  performance  has  been  validated  with  a  large 
database  of  experimental  hot-fire  data.^  A  schematic 
representation  of  stream-tube  analysis  is  given  in 
Figure  7  which  shows  that  each  injector  element  is 
assumed  to  operate  over  an  equal  area  of  the 
combustion  chamber  and  does  not  mix  with  adjacent 
elements. 


Figure  7:  Schematic  representation  of  stream- 
tube  analysis. 


The  SSME  injector  consists  of  600  elements, 
515  of  which  are  unbiased  "core”  elements  and  85  of 
which  are  biased  "wall”  elements.  Each  of  the  core 
elements  constituted  1  stream-tube,  while  each  of  the 
wall  elements  was  subdivided  into  two  sub-stream- 
tubes  representing  the  wall  side  of  the  spray  and  the  far 
side  of  the  spray.  The  dividing  line  that  defines  the 
center  of  the  spray  was  taken  to  be  at  the  point  of 
maximum  liquid  flux  as  measured  with  the  cold-flow 
experiments.  Since  the  shape  of  the  liquid  flux 
distributions  for  all  of  the  runs  was  very  similar,  the 
relative  amount  of  gas  flow  on  each  side  of  the  spray 
was  assumed  to  be  the  only  factor  in  skewing  the 
mixture  ratio  from  the  unbiased  condition.  Is  was 
calculated  by  assuming  that  the  unbiased  data 
represented  a  case  of  perfect  mixing  at  the  injected 
mixture  ratio,  and  the  biased  data  represented  a 
deviation  from  perfection  by  the  amount  of  gas  flow  on 
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each  side  of  the  spray  relative  to  the  unbiased  condition. 
Vacuum  Is  was  calculated  using  the  NASA  CEA 
chemical  equilibrium  code  for  the  injected  propellants. 
The  oxidizer  was  LOX  at  122  K,  while  the  fuel  is  a 
mixture  of  55%  gaseous  hydrogen  and  45%  water  vapor 
by  weight  at  approximately  800K.  Note  that  the 
mixture  ratio  was  defined  as  the  ratio  of  oxidizer  to 
fuel,  not  oxygen  to  hydrogen.  The  calculated  vacuum  Ij 
as  a  function  of  mixture  ratio  and  LOX  to  H2  ratio  is 
provided  in  Figure  8.  In  the  SSME  the  outer  row  of 
injectors  operate  at  a  LOX  to  hot  gas  mixture  ratio  of 
3.0  while  the  core  injectors  operate  at  3.4.  The  overall 
LOX  to  H2  ratio  for  the  SSME  is  about  6.0. 


LOX/H2 

1  23456789  10 


Mixture  Ratio  (LOX/Hot  Gas) 

Figure  8  :  Vacuum  I;  versus  mixture  ratio 
and  LOX-to  H2  ratio  for  the  SSME. 

The  calculated  vacuum  L  for  each  side  of  the 
spray  was  multiplied  by  the  mass  fraction  (mf)  of 
propellant  on  each  side  of  the  spray  and  summed  to 
obtain  the  total  Ij  within  the  stream-tube.  The  total  Is 
for  the  engine  was  calculated  in  a  similar  fashion,  by 
summing  the  Is*mf  of  all  600  individual  stream-tubes. 

The  calculated  Is,  expressed  as  a  change  from 
the  unbiased  condition  is  given  in  Table  3  as  a  function 
of  LOX  post  biasing  at  each  axial  location.  Each  axial 
location  represents  a  calculation  of  performance 
assuming  that  location  represents  the  overall  state  of 
mixing  in  the  engine.  Many  researchers  have  made 
direct  comparisons  between  cold-flow  and  hot-fire  data 
at  equivalent  axial  locations.  A  study  with  gaseous 
oxygen  and  gaseous  hydrogen  propellants  has 
suggested  that  the  fraction  of  heat  released  in  an  engine 


is  roughly  equal  to  the  cold-flow  mixing  efficiency  at 
equivalent  residence  times  from  the  point  of  injection.^ 
For  the  SSME,  the  total  chamber  residence  time  is 
approximately  1  ms,  which  would  most  closely  match 
the  cold-flow  data  at  the  51  mm  location.  The  Ij 
calculations  at  other  axial  locations  are  provided  as  an 
estimation  of  the  range  of  Is  losses  that  could  be 
expected  with  LOX  post  biasing. 

Also  provided  in  the  last  column  of  Table  3  is 
an  estimate  of  Is  loss  from  a  method  similar  to  the  one 
just  described,  but  where  the  amount  of  gas  flow  on 
each  side  of  the  spray  was  assumed  to  be  equal  to  the 
relative  cross-sectional  area  of  the  gas  annulus  at  the 
LOX  post  tip.  The  flow  was  divided  at  the  center  of  the 
.  LOX  post.  This  analysis  did  not  use  any  of  the  cold 
flow  data.  It  is  interesting  that  this  simple  analysis 
agrees  well  with  the  analysis  based  on  cold-flow  data 
(highlighted  in  bold)  at  an  axial  location  that  decreases 
with  increasing  LOX  post  bias.  All  of  the  performance 
loss  estimates  for  the  case  of  0.48  mm  (SSME)  show 
that  the  amount  of  Ij  loss  is  very  small  and  is  probably 
too  small  to  verify  with  full  scale  engine  test  data. 

In  an  effort  to  find  the  optimum  LOX  post  bias 
for  minimizing  heat  transfer  while  maximizing  Ij  ,  the 
heat  transfer  data  from  Table  2  was  normalized  by  the 
percent  decrease  in  Ij  from  Table  3,  and  is  shown  in 
Figure  9  for  the  three  different  axial  locations.  The 
peak  of  each  curve  in  Fig.  9  represents  the  LOX  post 
bias  at  which  the  heat  transfer  to  Ij  loss  ratio  is 
optimized.  Although  the  83  and  127  mm  data  were 
optimized  at  a  bias  of  0.48  mm,  the  51  mm  data  was 
optimized  at  a  bias  of  0.25  mm. .  It  is  possible  that  the 
overall  injector  optimum  operating  point  is  somewhere 
between  the  two. 

Droplet  Size  Measurements 

Droplet  size  measurements  were  made  with 
the  PDI  technique  described  previously.  Droplet  size 
data  is  presented  for  the  axial  location  of  127  mm  in 
Figure  10  in  the  form  of  the  volume  mean  diameter, 
D30.  Droplet  size  data  is  shown  only  for  the  locations 
where  the  data  validation  rates  where  relatively  high 
(>60%)  and  the  PDI  measured  mass  flux  agreed 


Table  3:  Ij  change  from  unbiased  condition  from  cold-flow  data  analysis  and  from  injector 
area  analysis  (last  column). 


Biasing  (mm) 

AIs(s)  @Z=51  mm 

AIs  (s)  @Z=83  mm 

Ms  (s)  @Z=127  mm 

AI.(s) 

0.25 

-0.2 

-0.25 

-0.13 

-0.14 

0.48 

-0.63 

-0.50 

-0.27 

-0.45 

1.02 

-2.18 

-1.08 

-0.87 

-2.10 
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relatively  well  with  the  pattemator  data.  In  the  core  of 
the  spray  at  Z=127  mm,  as  well  as  with  the  shorter  axial 
locations,  the  presence  of  large,  non-spherical  ligaments 
was  believed  to  be  the  cause  of  low  data  validation 
rates.  The  presence  of  large  ligaments  is  supported  by 
the  images  in  Figure  2. 


0.0  0.2  0.4  0.6  0.8  1.0  1.2 

LOX  Post  Bias  (mm) 

Figure  9:  Percent  change  in  heat  flux  normalized  by 
the  percent  change  in  Is  as  a  function  of  LOX  post 
bias  at  Z=51,  83  and  127  mm. 

Figure  10  shows  an  increase  in  D30  on  the  side 
of  the  spray  away  from  the  wall  with  increasing  LOX 
post  biasi  This  was  believed  to  be  due  to  the  decrease 
in  gas  velocity,  and  hence,  Weber  number  on  this  side 
of  the  spray  as  shown  in  Figure  5.  There  was  also  a 
corresponding  decrease  in  droplet  size  on  the  wall  side 
of  the  spray  with  increasing  LOX  post  bias. 


Distance  From  Wall  (mm) 


Figure  10:  Volume  mean  diameter  versus  distance 
from  wall  as  a  function  of  LOX  post  bias  at  Z=127 
mm.  Test  conditions  from  Table  1.  Size  and 
location  of  injector  shovm  on  plot. 


Conclusions 

The  cold-flow  measurements  have  shown  a 
pronounced  effect  of  LOX  post  biasing  on  the  mixture 
ratio  distribution  near  the  wall.  This  was  largely  the 
result  of  the  increased  gas  flow  on  the  wall  side  of  the 
injector.  It  is  this  decrease  in  mixture  ratio,  and  hence 
combustion  temperature,  along  with  a  decrease  in  LOX 
flow  near  the  wall  that  provides  the  protection  to  the 
wall  of  the  SSME  combustion  chamber. 

The  optimization  curves  in  Figure  9  provide 
the  injector  designer  with  information  on  how  to  design 
a  biased  injector  but  do  not  guarantee  that  an  optimized 
injector  will  provide  adequate  wall  protection. 
Maximum  tolerable  wall  temperature  might  dictate  that 
the  injector  be  designed  far  from  optimum.  The 
implication  for  the  SSME  is  that  some  reduction  in  the 
amount  of  biasing  in  the  outer  of  injectors  might 
recover  some  performance  loss  while  still  maintaining 
an  acceptable  wall  temperature. 

Droplet  size  measurements  showed  a  decrease 
in  droplet  size  near  the  wall  with  increasing  LOX  post 
bias  and  a  corresponding  increase  in  droplet  size  on  the 
far  side  of  the  spray.  The  effect  on  droplet  size  is 
probably  too  small  to  have  a  measurable  impact  on 
engine  performance  or  heat  transfer. 

These  results  will  allow  injector  designers  to 
better  predict  heat  transfer  and  performance  impact  in 
new  engines  and  reduce  the  amount  of  time  spent  in  the 
hot-fire  testing  and  redesign  phase  of  an  engine 
development  program. 


Nomenclature 

D  droplet  size  (m) 

h  heat  transfer  coefficient  (W/m^/K) 

Is  specific  impulse  (s) 

kg  thermal  conductivity  (W/m/K) 

mf  mass  fraction 

MR  mixture  ratio  (liq/gas) 

Pr  Prandtl  number 

q"  heat  flux  (W/m^) 

Tg  gas  temperature  (K) 

Tw  wall  temperature  (K) 

Vg  gas  velocity  (m/s) 

Z  axial  distance  (from  injector)  (m) 

Pi  liquid  density  (kg/m^) 

Pg  gas  density  (kg/m^) 

Pg  gas  viscosity  (N  s/m^) 
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ABSTRACT 

Effects  of  oxidizer  swirling  on  combustion  characteristics  of  coaxial  injector  were  investigated. 
First,  for  the  coaxial  injectors  with  oxygen-swirl,  the  thickness  of  the  liquid  film  at  the  injector 
exit  was  investigated  theoretically  and  experimentally.  The  empirical  equation  of  a  sheet  cone 
angle  was  deduced  from  the  potential  theory  of  swirl  flow  of  swirl  atomizers.  Second,  the  effects 
of  swirl  intensity  and  fuel  annulus  area  on  combustion  characteristics  were  investigated  with 
LO2/GH2,  LO2/LH2,  GO2/GH2  and  GO2/GCH4  propellants.  The  progress  of  combustion  was 
estimated  by  measuring  the  chamber  pressure  distribution  and  heat  flux  distribution  for  the 
LO2/GH2  and  LO2/LH2  studies.  The  flame  structure  and  the  flame  intensity  distribution  in  the 
combustion  chamber  were  observed  for  the  G02/GH2  and  GO2/GCH4  studies.  It  was  found  that 
applying  swirl  to  the  oxygen  jet  greatly  enhances  the  combustion  near  the  injector  exit.  A 
decrease  of  fuel  annulus  area  with  oxygen-swirl  injectors  further  enhances  atomization  and 
mixing  near  the  injector  exit,  thus  reducing  the  chamber  length  to  complete  combustion. 

INTRODUCTION 

For  coaxial  injectors,  in  which  oxygen  is  injected  through  a  central  tube  and  fuel  is  injected 
through  an  outer  annulus,  the  introduction  of  swirling  on  the  oxygen  jet  greatly  changes  the  jet 
configuration.  That  is,  the  configuration  of  the  oxygen  jet  changes  due  to  the  swirling  motion 
from  a  cylindrical  jet  to  a  hollow  cone  jet.  The  oxygen  jet  impinges  on  the  surrounding  fuel  jet 
intensively  near  the  injector  exit,  which  promotes  intense  mixing  and  fine  atomization  of  the 
propellants.  Atomization  with  oxygen-swirl  injectors  is  reported  in  [1]  to  [3]  and  combustion 
characteristics  are  examined  in  [4]  to  [9].  Reports  on  visualization  of  burning  spray  can  be  found 
in  [10]  and  [11],  and  oscillating  flow  with  injection  elements  and  instability  characteristics  are 
discussed  in  [12]  to  [14]. 

The  authors  have  investigated  the  effect  of  oxygen-swirling  on  coaxial  injectors  with  gas-liquid 
propellants*  ,  liquid-liquid  propellants’  and  gas-gas  propellants.*  ’  The  purpose  of  the  present  paper 
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is  to  summarized  these  results  and  reinvestigate  the  effect  of  oxygen-swirling  on  the  combustion 
characteristics.  First,  a  cold  flow  study  to  investigate  the  spray  characteristics  of  coaxial  injectors 
with  oxygen-swirl  was  conducted.  Liquid  film  behavior  in  a  central  oxygen  tube,  spray  angle,  and 
atomization  by  the  oxygen-swirling  were  investigated.  Second,  combustion  test  results  with 
thrusters  and  a  9-element  thruster  with  LO2/GH2  and  LO2/LH2  propellants, 
respectively,  were  examined.  The  effect  of  oxygen-swirl  and  the  effect  of  the  size  of  annulus  fuel 
area  were  studied.  Axial  pressure  distributions  and  wall  temperature  distributions  were  measured 
for  these  studies  to  estimate  the  axial  progress  of  combustion  in  the  chamber.  Third,  combustion 
test  results  with  uni-element  thrusters  employing  GO2/GCH4  and  GO2/GH2  propellants  were 
examined.  The  effect  of  swirl  intensity  was  investigated.  The  progress  of  combustion  in  the 
combustion  chamber  was  estimated  by  observing  the  flame  configuration  and  the  emission 
spectra  from  the  flame  through  small  quartz  glass  windows  for  these  studies.  Finally,  based  on 
these  observations,  the  effects  of  oxidizer  swirling  on  combustion  characteristics  were  reexamined 

ATOMIZATION  CHARACTERISTICS  OF  SWIRL  INJECTOR 
Experimental  Apparatus  and  Conditions 

The  structure  of  the  swirl  coaxial  injector  is  shown  in  Fig.  1.  Liquid  is  introduced  tangentially 
into  the  center  post  through  three  holes  with  a  diameter  of  0.81  mm.  Then  liquid  flows  spirally 
on  the  inner  wall  of  a  center  post  tube,  and  exits  in  the  form  of  a  hollow  cone  sheet  due  to  the 
swirling  motion.  The  high  speed  gas  stream  is  injected  axially  through  the  annular  slit  around  the 
center  post,  and  impinges  on  the  conical  liquid  sheet.  The  spray  characteristics  were  measured  by 
PDA  (DANTEC,  10  Mw  He-Ne  Laser) .  The  behavior  of  the  hollow  cone  sheet  issued  from  the 
injector  exit  was  observed  by  the  still  back-lighted  photograph.  The  film  thickness  at  the  injector 
exit  was  measure  by  the  contact  needle  method”.  The  fundamentals  of  the  contact  needle  method 
is  illustrated  in  Fig.  2.  When  the  needle  touches  the  film  the  electric  circuit  is  closed,  and  the 
voltage  difference  across  a  resistance  is  produced.  The  accuracy  of  the  needle  positioning  is  1 
pm.  The  experimental  conditions  are  summarized  in  Table  1.  Water  was  employed  as  the 
atomizing  liquid  and  the  nitrogen  gas  was  employed  as  the  atomization  gas. 

Theoretical  Analysis  of  Film  Thickness 

The  film  thickness  at  the  injector  exit  is  one  of  the  factors  which  govern  the  spray 
characteristics,  and  is  the  important  parameter  for  the  design  of  the  injector.  In  the  present  study 
the  liquid  film  thickness  was  analyzed  theoretically.  The  coordinate  system  and  the  variables 
were  defined  as  shown  in  Fig.  3.  Prior  to  the  analysis,  the  following  assumptions  were  made; 

(1)  The  liquid  flow  is  two-dimensional. 

(2)  The  laminar  boundary  layer  originates  at  x=  0,  and  is  maintained  up  to  the  injector  exit. 

(3)  The  velocity  distribution  across  the  laminar  boundary  layer  can  be  approximated  by  the 
biquadratic  equation  by  Ishigai  et  al..” 

(4)  The  liquid  velocity  outside  the  laminar  boundary  layer  can  be  approximated  by  the  constant 
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velocity,  Uo. 

(5)  The  effects  of  the  air  flow  upon  the  liquid  film  and  the  gravity  on  the  film  behavior  can  be 
ignored. 

(6)  The  liquid  constant  velocity,  Uo  and  the  liquid  film  thickness,  hi  at  x=  0  can  be  determined 
by  the  potential  theory  proposed  by  Tanasawa  and  Kobayashi.” 

The  momentum  equation  of  two-dimensional  laminar  boundary  layer  is  given  as  follows; 


K  = 


- 1  -  Hn 


(1) 


where  Vi  indicates  the  liquid  kinetic  viscosity  and  f  (q)  indicates  the  velocity  distribution  across 
the  laminar  boundary  layer.'*  In  the  present  study,  the  distance  from  the  origin  to  the  injector  exit 
along  the  spiral  stream  line  is  much  greater  than  xo  which  indicates  the  streamwise  position 
where  the  laminar  boundary  layer  arrives  at  the  film  surface.  Equation  (l)  is  solved  by 
Newton-Raphson  method,  and  the  film  thickness  at  the  injector  exit,  ho  is  given  by  the  following 
equation; 


V 


(2) 


where,  constant,  A  and  Reynolds  number.  Re  is  defined  as  follows; 


U 


(3) 


Pi 

Where  Qi  indicates  the  liquid  volume  flow  rate  par  unit  width  and  a  is  defined  by  Eq.  (5) .  The 
sheet  cone  angle  is  expressed  by  2a  which  is  given  by  the  following  equation:” 
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where,  k  is  a  cavity  factor  which  equals  to  dc/de.  The  above  equation  was  deduced  from  the 
potential  theory  by  Tanasawa  and  Kobayashi,”  it  should  be  corrected  using  the  Reynolds  number 
and  the  center  post  length.  The  authors  propose  the  following  empirical  equation  for  the  sheet 
cone  angle; 
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In  the  present  study,  the  adjustable  constants,  a  and  b  were  determined  as  18.9  and  670, 
respectively. 

Disintegration  Phenomena  of  Swirling  Hollow  Cone  Sheet 

Figure  4  shows  the  disintegration  phenomena  of  a  conical  sheet  issued  from  the  injector.  The 
nitrogen  gas  is  not  injected.  The  conical  sheet  greatly  fluctuates  and  disintegrates  into  ligaments 
and  droplets  at  the  tip  of  the  sheet.  The  angle  of  the  sheet  cone  increases  as  the  liquid  flow  rate 
increases  due  to  the  increase  of  the  liquid  momentum.  The  breakup  point  of  the  sheet  approaches 
the  injector  as  the  liquid  flow  rate  increases. 

Film  thickness  and  sheet  cone  angle 

Figures  5,  6  and  7  show  the  comparisons  of  a  film  thickness  between  the  theoretical  analysis 
and  measurements.  The  nitrogen  gas  is  not  injected.  The  film  thickness  decreases  monotonously 
as  the  water  flow  rate  increases  in  all  L/de  conditions.  As  the  center  post  tube  lengthens,  the  film 
thickness  increases.  Since  the  momentum  loss  between  the  inlet  and  the  exit  of  an  injector 
increases  as  the  center  post  length  increases,  consequently,  the  film  thickness  increases.  In  the 
case  of  L/de=  8.33,  the  theoretical  equation  almost  agrees  with  the  measurements.  On  the  other 
hand,  in  the  case  of  long  center  post  tubes  (L/de=  11.67  and  16.67) ,  the  measurements  show  the 
larger  values  than  the  theory.  This  result  shows  that  the  momentum  loss  of  liquid  along  the 
stream  line  is  larger  than  the  predictions.  In  the  case  of  Lyde=  11.67,  the  predictions 
underestimate  the  film  thickness  about  150  pm  and  220  pm  at  Lyde=  16.67.  These  discrepancies 
for  long  center  post  tubes  seem  to  be  due  to  the  simplification  of  a  film  flow  model,  especially 
assumptions  (2)  and  (5) .  Figure  8  shows  the  comparisons  of  a  sheet  cone  angle  without  nitrogen 
gas  injection.  The  empirical  equations  agree  with  the  measurements  for  larger  cone  angle  than 
about  55  degree.  The  discrepancies  for  small  cone  angle  seem  to  be  due  to  the  surface  tension. 
When  the  tangential  momentum  of  liquid  is  small  the  conical  sheet  is  deflated  by  the  surface 
tension  in  the  azimuthal  direction,  and  the  cone  angle  decreases.  In  the  range  of  small  cone  angle, 
the  surface  tension  affects  the  cone  angle  greatly. 

Droplet  diameter 

The  following  results  are  the  measurements  by  phase  Doppler  particle  analyzer  for  the  center 
post  of  L/de=  11.67  with  nitrogen  gas  injection.  Figure  9  shows  the  effects  of  the  liquid  mass 
flow  rate  on  the  Sauter  mean  diameter  (SMD) .  The  measuring  point  is  the  axial  distance  from 
the  injector  exit,  z=  150  mm,  and  the  radial  distance  from  the  center  line,  r=  0  mm.  The 
measurements  are  widely  scattering,  but  the  trend  that  SMD  increases  with  the  increase  of  the 
liquid  flow  rate  may  be  recognized  except  at  large  liquid  flow  rate  and  small  gas  flow  rate. 
Figure  10  shows  the  effects  of  the  nitrogen  gas  mass  flow  rate  on  SMD.  SMD  decreases 
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monotonously  as  the  gas  flow  rate  increases  except  at  Mi=  43.6  g/s.  This  shows  the  general  trend 
of  an  airblast  atomizer.  At  Mi=  43.6  g/s  SMD  increases  slightly  against  the  gas  flow  rate.  In  the 
vicinity  of  the  injector  exit,  the  spray  shows  the  hollow  cone  type.  Therefore,  the  point  where 
SMD  becomes  maximum  is  apart  from  the  center.  As  it  goes  downstream,  the  large  droplets  are 
drawn  near  the  center  due  to  the  lower  pressure  of  the  center.  The  pressure  of  the  center 
decreases  as  the  gas  flow  rate  increases.  Consequently,  the  point  where  the  large  droplets  are 
drawn  near  the  center  approaches  to  the  injector  exit  with  the  increase  of  the  gas  flow  rate.  This 
phenomena  affects  the  trend  of  SMD  against  the  gas  flow  rate  at  Mi=  43.6  g/s.  Figure  1 1  shows 
the  radial  profiles  of  SMD  at  z=  135  and  250  mm  and  r=  0  mm.  The  radial  profiles  have  peaks  at 
the  center  for  every  experimental  condition.  As  the  axial  distance  of  the  measuring  point 
increases,  the  radial  profile  approaches  to  a  flat  profile  due  to  the  turbulent  dispersion  of  droplets. 

Summary  of  atomization  characteristics  of  swirl  injector 
The  film  flow  on  the  inner  wall  of  a  center  post  tube  of  swirl  coaxial  injector  was  investigated 
theoretically  and  experimentally.  From  the  comparisons  of  film  thickness  at  the  injector  exit 
between  theory  and  experiments,  it  was  clarified  that  the  theoretical  analysis  underestimates  the 
film  thickness  for  long  center  post  tubes.  These  discrepancies  seem  to  be  due  to  the  imperfection 
of  the  flow  model.  Therefore,  in  order  to  predict  the  film  thickness  in  the  post  tube  more 
precisely,  further  development  of  the  flow  model  is  necessitated.  The  empirical  equation  of  a 
sheet  cone  angle  was  deduced  from  the  potential  theory  of  swirl  flow  in  a  simplex  swirl  atomizer 
proposed  by  Tanasawa  and  Kobayashi.  The  spray  characteristics  of  the  swirl  coaxial  injector  were 
investigated  by  phase  Doppler  particle  analyzer.  The  effects  of  the  liquid  flow  rate  and  the  gas 
injection  velocity  on  the  droplet  diameter  almost  resemble  those  of  a  conventional  airblast 
atomizer  qualitatively. 


LOi/Gft  and  LOi/LH:  COMBUSTION 
Experimental  Apparatus  and  Test  Condition 

Figures  12  and  13  show  the  configuration  of  uni-element  thrusters  and  9-elements  thruster, 
respectively.  Tables  2  and  3  list  the  sizes  of  injectors  and  combustion  chambers  and  a  nominal 
operating  condition  for  each  thruster.  Swirl  characteristics  number,  K,  defined  in  Eq.  (l)  and 
cavity  factor,  k=  dc/de,  were  listed  in  Table  2  and  3.  The  injection  temperature  of  gaseous  fuel 
was  at  room  temperature,  that  of  liquid  oxygen  was  about  100  K,  and  that  of  liquid  hydrogen 
was  about  50  K.  The  fuel  annulus  area  was  changed  to  study  the  effect  of  fuel  injection  velocity. 
The  exit  diameter  of  oxygen  tubes  was  about  5  mm.  Combustion  chamber  pressures  were  2.6  and 
3.5  MPa.  Mixture  ratio,  0/F,  was  changed  from  4  to  9.  Chamber  pressure  distribution  in  the 
cylindrical  section  was  measured  to  estimate  the  progress  of  combustion  in  the  combustion 
chamber.  Heat  flux  distributions  along  the  chamber  axis  were  also  measured. 
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Performance  Evaluation 


Figures  14  and  15  show  c*s  measured  with  the  uni-element  thrusters  listed  in  Table  2.  The 
measured  c*s  were  corrected  for  momentum  pressure  loss.  Figure  14  shows  results  with  a  short 
chamber  (180  mm) .  Figure  15  shows  results  with  a  long  chamber  (287  mm) .  Theoretical  c* 
reached  maximum  at  about  O/F  =  2.8  (equivalence  ratio,  ({)  ,  =  2.86) ,  so  it  monotonously 
decreased  with  an  increase  of  O/F  in  the  present  test  range.  Measured  c*s  also  monotonously 
decreased  with  an  increase  of  O/F. 

r|c*  are  shown  in  Figs.  16  and  17.  (In  the  figures,  injectors  were  classified  by  COAX,  SW-9.0, 
SW-10.0  and  so.  COAX  indicates  coaxial  injectors  without  oxygen-swirl  (we  call  them  shear- 
coaxial  injectors) .  SW  indicates  coaxial  injectors  with  oxygen-swirl  (we  call  them  oxygen-swirl 
injectors) .  And  the  following  number  indicates  the  fuel  annulus  diameter.  Thus,  the  larger  the 
number,  the  larger  the  fuel  annulus  area.)  The  obtained  tic*s  with  the  short  chamber.  Fig.  16, 
showed  a  trend  similar  to  that  obtained  with  the  gas-gas  propellant  studies  of  Figs.  34  and  35. 
The  ric*s  of  the  shear-coaxial  injector  were  significantly  lower  than  those  of  the  oxygen-swirl 
injectors.  This  means  oxygen-swirling  is  effective  for  improving  combustion  performance.  The 
ric*s  of  the  shear-coaxial  injector  decreased  with  an  increase  of  O/F.  On  the  other  hand,  the  tic*s 
of  the  oxygen-swirl  injectors  improved  with  an  increase  of  O/F.  The  obtained  ric*s  with  the  long 
chamber  showed  similar  trends  but  were  different  in  detail  (Fig.  17) .  That  is,  the  ric*s  of  the 
oxygen-swirl  injectors  also  increased  with  an  increase  of  O/F.  However,  for  the  qc^s  of  the 
shear-coaxial  injectors,  they  showed  almost  the  same  qc*  as  those  of  the  oxygen-swirl  injectors, 
and  did  not  decrease  with  an  increase  of  O/F. 

In  this  study,  the  outer  fuel  annulus  area  was  changed  as  listed  in  Table  2.  With  the  both 
chambers,  the  highest  qc*s  were  obtained  with  the  smallest  annulus  area.  To  show  this  trend 
clearly,  the  variation  of  qc*  as  a  function  of  fuel  annulus  area  was  estimated  from  these  figures 
and  is  represented  in  Fig.  19.  The  figure  indicates  that  the  qc*  monotonously  increased  with  a 
decrease  of  fuel  annulus  area. 

The  qc*s  with  the  9-element  thruster  are  shown  in  Fig.  18.  The  chamber  length  of  the 
9-element  thruster  was  307  mm,  which  is  comparable  of  that  of  the  long  chamber  of  the 
uni-element  thruster.  The  contraction  ratio  of  the  chamber  was  2.32  which  is  also  comparable  to 
that  of  the  long  chamber.  The  obtained  qc*s  showed  a  large  scatter  caused  by  the  some  erroneous 
factor  in  this  test,  namely,  a  limitation  of  the  test  duration  with  the  heat  sink  chamber  with 
cryogenic  propellants  LO2/LH2  and  deformation  of  the  throat  area  during  the  combustion  tests. 
These  effects  were  carefully  corrected  but  introduced  some  degree  of  error.  The  very  narrow  gap 
of  the  fuel  annulus,  only  0.2  mm  in  the  minimum  case  shown  in  Table  3,  was  also  the  cause  of 
some  error  due  to  inaccuracy  of  manufacturing.  The  data  shown  in  Fig  18  included  only  the 
results  which  seemed  to  be  reliable.  The  qc*  of  the  shear-coaxial  injector  was  as  high  as  those  of 
the  oxygen-swirl  injectors.  Similar  trends  were  observed  in  the  results  with  the  long  chamber  of 
uni-element  thruster.  However,  they  appreciably  decreased  with  an  increase  of  O/F  as  was  the 
case  with  short  chamber.  The  qc*s  of  the  oxygen-swirl  injectors,  on  the  other  hand,  increased 
with  an  increase  of  O/F.  The  effect  of  the  fuel  annulus  area  was  estimated  from  Fig.  18  and  is 
shown  in  Fig.  20.  The  figure  indicates  that  the  qc*  tends  to  increase  with  an  increase  of 
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fuel  annulus  area.  The  observed  trend  is  opposite  that  of  the  one  with  the  uni-element  results. 

Pressure  Distribution  along  the  Chamber  Axis 

A  pressure  drop  in  the  cylindrical  section  of  the  chamber  is  mainly  caused  by  a  momentum 
pressure  loss,  and  is  thus  related  to  the  progress  of  combustion  along  the  chamber  axis.'*  So  the 
pressure  gradient  is  related  to  the  rate  of  combustion  and  the  point  on  the  steep  pressure  gradient 
corresponds  to  a  site  where  combustion  take  place  actively.  The  chamber  pressure  distributions 
normalized  by  the  difference  between  the  maximum  pressure  and  the  minimum  pressure  along  the 
chamber  are  shown  in  Figs.  21  to  24.  The  pressure  distributions  measured  with  the  shear-coaxial 
injector  for  the  uni-element  thruster  are  shown  in  Fig.  21.  The  effect  of  0/F  change  from  4.4  to 
7.8  is  shown.  It  can  be  seen  that  the  position  of  the  maximum  pressure  gradient  shifts 
downstream  as  0/F  increases.  Figure  22  shows  the  typical  pressure  distributions  measured  with 
the  oxygen-swirl  injectors.  It  can  be  seen  that  due  to  oxygen-swirling,  the  site  where  combustion 
takes  actively  drastically  shifts  upstream.  A  change  of  0/F  results  in  only  a  small  change  in  the 
pressure  distribution.  Figure  23  shows  that  the  change  in  the  fuel  annulus  area  change  at  0/F  was 
about  6.  A  change  of  fuel  annulus  area  has  also  only  a  small  effect  on  the  pressure  distribution. 
The  chamber  pressure  distribution  with  the  multi-element  thruster  is  shown  in  Fig.  24.  The 
distributions  with  the  shear-coaxial  injector  and  with  oxygen-swirl  injectors  of  various  fuel 
annulus  areas  were  compared  at  0/F  of  about  6.  The  obtained  results  are  similar  to  the  results  of 
uni-element  thrusters. 

To  compare  the  pressure  distributions  quantitatively  shown  in  the  above  figures,  the  length 
required  for  chamber  pressure  to  decrease  to  the  mean  value  of  the  chamber  pressure  is  denoted 
as  L50  and  was  obtained  from  the  previous  figures.  L50  roughly  indicates  the  site  where 
combustion  actively  takes  place.  Figures  25  and  26  show  the  L50  for  the  shear-coaxial  injectors 
as  a  function  of  0/F  for  the  uni-element  thruster  and  the  multi-element  thruster,  respectively.  The 
L50  increased  linearly  as  O/F  increased.  When  O/F  changed  from  5  to  7,  the  L50  for  the 
uni-element  thruster  increased  from  93  mm  to  1 1 1  mm.  Figures  27  and  28  show  the  L50  for  the 
oxygen-swirl  injectors  as  a  function  of  O/F.  The  fuel  annulus  area  changed  parametrically. 
Although  the  change  of  L50  due  to  the  change  of  O/F  was  small,  it  showed  a  monotonous 
decrease  with  an  increase  of  O/F  for  both  cases.  For  example,  due  to  a  change  of  O/F  from  5  to 
7,  the  L50  for  the  uni-element  thruster  changed  from  53  mm  to  51  mm,  and  the  L50  for  the 
multi-element  thruster,  changed  from  45  mm  to  43  mm.  The  increase  of  fuel  area  increased  L50. 

Heat  Flux  Distribution  along  the  Chamber  Axis 

Heat  flux  distribution  along  the  chamber  axis  was  estimated  by  measuring  the  wall  temperature 
distribution  of  the  heat-sink  chamber  of  the  9-element  thruster.  Thermocouples  were  mounted  at 
57,  147,  237  mm  from  the  injector  face  plate,  and  at  the  nozzle  throat.  The  tip  of  the 
thermocouple  was  placed  1  mm  from  the  hot-gas-side.  Figure  29  shows  measured  temperature 
distributions  at  1.5  seconds  after  combustion,  O/F  is  about  6.  The  figure  indicates  that  the  wall 
temperature  with  the  shear-coaxial  injector  increased  downward.  On  the  other  hand,  the  wall 
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temperatures  for  the  oxygen-swirl  injectors  reached  a  maximum  at  150  mm  from  the  face  plate 
and  then  decreased  downward  in  the  cylindrical  section.  The  figure  also  indicates  that  the  smaller 
the  fuel  annulus  area  of  the  oxygen-swirl  injectors,  the  higher  the  wall  temperature  was  at  57  mm 
from  the  injector  face. 

GOVGH2  AND  GO2/GCH.  COMBUSTION  WITH  UNI-ELEMENT  INJECTORS 

Figure  30  shows  the  water-cooled  thruster  used  in  this  study.  It  contained  a  single-coaxial 
injector  with  fuel,  and  an  inner  swirling  oxygen  jet  and  two  optical  ports  for  viewing  the 
combustion  process  and  measuring  spectra  from  a  flame  in  the  combustion  chamber.  Figure  31 
shows  a  schematic  of  the  coaxial  injector.  Gaseous  fuel  (GH2  or  GCH^)  was  supplied  axially 
through  an  outer  annulus.  GO2  was  supplied  axially  through  a  central  hole  or  tangentially  through 
tangential  slots.  Table  4  shows  dimensions  of  injectors  and  chambers  used  in  the  study. 
Geometric  swirl  numbers  of  the  oxygen  jet  defined  as 

Angular  momentum  of  oxygen  jet _ _ _ 

Linear  momentum  of  oxygen  jet  x  Exit  radius  of  oxygen  jet 

are  tabulated  with  nominal  chamber  conditions  in  Table  4. 

Thruster  Performance 

Figures  32  and  34  show  Isp  and  c*  efficiency,  tic*,  as  functions  of  mixmre  ratio,  Mo/Mf,  for 
GO2/GCH4.  Figure  33  and  35  shows  Isp  and  pc*  for  GO2/GH2.  Here,  Isp  and  pc*  were  not 
corrected  for  the  effects  of  heat  loss  and  other  losses.  When  the  shear-coaxial  injectors  were  used, 
the  chamber  pressure  did  not  attain  the  designed  points.  The  attained  maximum  pressures  for  both 
gaseous  propellants  were  only  0.29  MPa.  The  low  levels  of  pc*  indicate  incomplete  combustion. 
For  shear-coaxial  injectors,  ignition  did  not  occur  when  0/F  was  smaller  than  2.5  with 
GO2/GCH4.  The  pc*s  of  the  shear-coaxial  injectors  were  low  compared  to  those  of  the  pc*s  of 
the  coaxial  injectors  with  oxygen-swirl  (we  call  it  oxygen-swirl  injectors) .  The  pc*s  of  the 
shear-coaxial  injectors  were  decreased  with  an  increase  of  0/F.  On  the  other  hand,  the  pc*s  of 
the  oxygen-swirl  injectors  were  increased  with  an  increase  of  0/F.  The  injectors  with  higher  swirl 
intensity  showed  slightly  higher  pc*s  than  those  of  lower  swirl  intensity  injectors  (Fig.  34  and 
Fig.  35) . 

Flame  Behavior  in  the  Combustion  Chamber 

The  shape  of  the  combustion  flames  formed  in  the  chamber  was  observed  at  positions  of  0  mm 
to  30  mm  and  90  mm  to  120  mm  downstream  from  the  injector  face.  Stable  flames,  attached  to 
the  injector  rim  between  the  oxygen  jet  and  the  fuel  jet,  were  observed  with  the  shear-coaxial 
injectors.  The  flame  without  oxygen-swirl  was  generally  similar  in  shape  to  ordinary  turbulent  jet 
diffusion  flames.  Even  near  the  nozzle  entrance,  combustion  was  confined  to  a  narrow  region  on 
the  central  axis.  Introduction  of  swirl  to  the  oxygen  jet  increased  the  diverging  angle  of  the  flame 
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and  decreased  flame  length. 

For  GO2/GH2,  only  a  stable  attached  flame  was  observed  in  the  test  range.  For  GO2/GCH4,  an 
attached  flame  and  a  lifted  flame  were  observed.  Figure  36  shows  boundaries  of  an  attached 
flame  and  a  lifted  flame  on  a  map  of  the  angular  momentum  of  the  oxygen  jet  to  the  linear 
momentum  of  the  fuel  jet,  MOR,  defined  as: 


MOR 


Mo  Uo  Ro 
Mf  Uf  2  ^  Af/Tt 


(8) 


and  an  equivalence  ratio,  (|)  (=  (O/F)  stoich/  (O/F) ) 


The  attached  flame  was  observed  where  MOR  was  smaller  than  1.06.  The  lifted  flame  was 


observed  where  MOR  was  larger  than  1.57.  Between  these  values,  both  flames  were  observed 
alternatively.  Where  Mo  is  the  oxidant  mass  flow  rate,  Mf  is  the  fuel  mass  flow  rate,  Uf  is  the 
fuel  injection  velocity,  Ro  is  the  exit  radius  of  the  oxygen  port,  and  Af  is  the  area  of  the  fuel 
injector  port.  For  comparison,  the  momentum  ratio  for  the  GO2/GH2  is  also  shown.  The  figure 
shows  that  with  a  decrease  of  (j) ,  the  oxygen  angular  momentum  increases.  Corresponding  to  this, 
the  rim  stability  decreases.  This  relation  implies  that  the  radial  velocity  component  of  the  oxygen 
jet  due  to  swirling  motion  acts  on  the  fuel  jet  as  a  cross  flow,  causing  the  GO2/GCH4  flame  to 
lift.  For  the  lifted  flame,  mixing  between  the  propellants  is  promoted  near  the  base  of  the  flame 
to  reduce  the  flame  length.  Thus,  the  lifting  flame  had  favorable  effects  on  the  thruster 
performance  due  to  the  completeness  of  combustion  in  the  chamber. 

Figure  37  shows  the  intensities  of  the  OH-radical  along  the  axial  distance  from  the  injector  exit 
for  the  three  Sg  values  of  GO2/GH2  flames.  It  was  found  that  OH  intensity  for  Sg=  0  was  weakest 
for  the  three  Sg  values  close  to  the  injector  and  increased  toward  downstream.  On  the  contrary, 
for  Sg=  1.05,  OH  intensity  was  the  strongest  of  the  three  Sg  values  at  the  location  close  to  the 
injector  and  sharply  decreased  downstream.  This  indicates  that,  applying  swirl  to  the  oxygen  jet 
increased  the  rate  of  turbulent  mixing  between  the  propellants,  thus  reducing  the  reaction  time 
required  to  reach  completion  of  combustion  in  the  chamber. 

Figure  38  shows  the  intensities  of  the  OH-radical  for  the  three  flames  at  O/F  =  2.9,  4.0,  5.0 
against  the  axial  distance  from  the  injector  exit  for  GO2/GH2  flames.  At  low  O/F,  the  radical 
intensity  upstream  of  the  chamber  was  higher  than  that  downstream.  At  high  O/F,  the  reverse 
tendency  was  obtained.  As  O/F  decreased,  injection  velocity  of  H2  jet  increased.  It  reduced  the 
divergence  angle  of  the  inner  oxygen  jet,  and  improved  the  turbulent  mixing  between  the 
propellants.  This  effect  promoted  rapid  completion  of  combustion  in  the  chamber. 


Discussion  of  the  Effect  of  Oxidizer  Swirl  on  Combustion  Characteristics 

of  Coaxial  Injectors 


Based  on  the  results  shown  in  the  previous  paragraphs,  the  effect  of  oxygen-swirling  on  the 
combustion  characteristics  is  discussed  in  this  paragraph. 
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Coaxial  Injectors  without  Swirl 


For  the  case  of  gas-gas  combustion,  the  atomization  process  is  not  included  in  combustion. 
Thus,  the  mixing  process  is  a  dominant  factor  in  this  combustion.  For  a  coaxial  injector  without 
swirl,  mixing  between  propellants  is  controlled  by  the  shear  force  due  to  the  velocity  differences 
of  both  propellants.  For  the  case  of  GO2/GH2  combustion,  the  injection  velocity  of  hydrogen,  Uf, 
was  1 150  m/s  and  the  injection  velocity  of  oxygen,  Uo,  was  270  m/s  at  0/F  =  4.0.  An  increase  of 
0/F  decreases  the  difference  of  Uf  and  Uo,  and  decreases  the  shear  force  by  the  velocity 
difference.  An  increase  of  0/F  causes  mixing  performance  and  combustion  efficiency  to 
deteriorate  as  shown  in  Fig.  34  and  35. 

For  the  case  of  liquid  propellants,  an  atomization  process  is  involved  part  in  combustion.  For 
LO2/GH2  combustion,  typical  injection  velocities  were  Uf  =  268  m/s  and  Uo  =  4.6  m/s  at  Pc  = 
3.5  MPa  and  0/F  =  5.  And  for  the  case  of  LO2/LH2  combustion,  Uf  =  43  m/s  and  Uo  =  7.9  m/s 
at  Pc  =  3.5  MPa  and  O/F  =  5.  An  increase  of  0/F  deteriorates  not  only  mixing  but  also 
atomization  efficiency,  and  shifts  the  site  where  combustion  actively  take  place  actively 
downward.  Thus,  an  increase  of  O/F  deteriorated  qc*,  especially  when  a  short  chamber  was  used 
(Fig.  16,  17  and  18) . 

In  the  case  of  shear-coaxial  injectors,  a  rim  stabilized  attached  flame  was  always  observed  in 
GO2/GH2,’  GO2/GCH/  and  L02/GH2‘’  combustion  tests. 

Coaxial  Injectors  with  Oxygen-Swirl 

When  swirling  is  applied  to  the  oxygen  jet,  the  oxygen  jet  spreads  conically.  The  structure  of 
the  flame  is  drastically  changed  from  a  cylindrical  sheath  shape  to  a  hollow  cone  shape  with  a 
recirculation  zone  along  the  center  axis.  As  the  swirling  flow  of  oxygen  acts  as  a  cross  flow  to 
the  surrounding  fuel  flow,  a  high  intensity  of  swirling  can  cause  the  flame  to  lift  (Fig.  36) . 

The  effects  of  fuel  injection  velocity  was  observed  through  a  change  of  fuel  annulus  area  and  a 
change  of  O/F.  First,  let  us  consider  the  effect  caused  by  a  change  of  fuel  injection  area  with  a 
constant  O/F.  A  decrease  of  fuel  annulus  area  (i.e.  an  increase  of  fuel  injection  velocity) 
enhances  atomization,  turbulent  mixing  and  combustion  near  the  injector  exit.  Thus,  L50,  where 
combustion  take  place  actively,  decreased  with  a  decrease  of  fuel  annulus  area  at  a  constant  O/F 
(Fig.  27  and  28) .  The  heat  flux  near  the  injector  face  also  increased  with  a  decrease  of  fuel 
annulus  area  (Fig.  29) . 

Second,  let  us  consider  the  effect  of  a  change  of  O/F  at  a  constant  fuel  area.  Figures  27  and  28 
indicate  that  the  L50  increases  with  a  decrease  of  O/F.  This  means  an  increase  of  fuel  injection 
velocity  retards  the  combustion,  which  appears  to  contradict  the  above  explanation.  However,  it 
can  be  considered  to  be  explained  as  follows:  A  decrease  of  O/F  inti'oduces  an  increase  of  fuel  jet 
and  a  decrease  the  angular  momentum  of  oxygen  jet.  Thus,  the  fuel  stream  the  surrounding 
oxygen  jet  acts  to  compress  the  diverging  angle  of  the  oxygen  jet  and  reduces  the  size  of  a 
recirculation  zone.  Thus,  the  increase  of  fuel  injection  velocity  results  in  deterioration  of  the 
global  combustion  rate  near  the  injector  face.  For  the  case  of  gas-gas  combustion,  the  observed 
flame  intensity  near  the  injector  exit  increased  with  a  decrease  of  O/F  (Fig.  38) .  This  again 
appeared  to  contradict  the  above  explanation.  However,  it  can  be  explained  as  follows:  The  flame 

-  10  - 


intensity  was  observed  by  a  small  bore  scope  which  might  cover  only  a  part  of  flame.”  As 
mentioned  above,  an  increase  of  fuel  injection  velocity  reduces  the  size  of  a  recirculation  zone. 
Thus  an  increase  of  fuel  injection  velocity  concentrates  the  combustion  at  the  center  of  the  axis. 
Thus,  it  retard  the  global  rate  of  combustion,  but  the  flame  intensity  near  the  center  of  axis 
observed  by  a  small  bore  scope  can  increase. 

Finally,  let  us  consider  the  rjc*  on  coaxial  injector  with  oxygen-swirl.  An  increase  of  fuel 
injection  velocity  resulting  from  a  decrease  of  fuel  injection  area  at  a  constant  O/F  increased  rjc* 
with  the  uni-element  thruster  (Fig.  19) ,  but  decreased  pc*  for  the  case  of  the  9-element  thruster 
(Fig.  20) .  This  contradiction  can  be  explained  as  follows:  An  increase  of  fuel  injection  velocity 
enhances  turbulent  mixing  and  atomization  near  the  injector  exit,  but  compresses  the  diverging 
angle  of  oxygen  jet  as  mentioned  before.  This  effect  can  reduce  mutual  mixing  between  elements 
for  a  multi-element  injector  and  can  decrease  pc*  for  a  multi-element  thruster.  For  the  case  of  a 
uni-element  thruster,  the  enhancement  of  atomization  and  mixing  near  the  injector  exit  still  can 
improve  pc*.  When  fuel  injection  velocity  was  increased  by  decreasing  O/F,  pc*  was  decreased 
for  both  the  uni-element  thrusters  and  the  multi-element  thrusters.  This  means  an  increase  of  fuel 
injection  velocity  enhances  atomization  and  mixing  near  the  injector  exit,  however,  a  large 
diverging  angle  of  oxygen  jet  is  more  effective  to  improve  pc*,  that  is,  the  smaller  the  fuel 
injection  velocity,  the  larger  size  of  recirculation  region,  and  the  higher  the  pc*. 

SUMMARY  OF  COMBUSTION  CHARACTERISTICS 

Effects  of  oxidizer  swirling  on  combustion  characteristics  of  coaxial  injector  were  investigated, 
with  LOj/GHz,  LO2/LH2,  GO2/GH2  and  GO2/GCH4  propellants.  The  progress  of  combustion  was 
estimated  by  measuring  the  chamber  pressure  distribution  and  heat  flux  distribution  for  the 
LO2/GH2  and  LO2/LH2  studies.  The  flame  structure  and  the  flame  intensity  distribution  in  the 
combustion  chamber  were  observed  for  the  gas-gas  propellant  studies. 

It  was  found  that  applying  swirl  to  the  oxygen  jet  greatly  enhances  the  combustion  near  the 
injector  exit.  Applying  swirl  to  the  oxygen  jet  greatly  enhances  the  combustion  near  the  injector 
exit  and  thus  reduces  the  required  chamber  length  to  complete  combustion.  The  stronger  the  swirl 
intensity  with  a  smaller  fuel  annulus  area,  the  nearer  the  site  where  combustion  take  place 
actively.  With  gas-gas  propellants,  stable  diffusion  flame  attached  to  the  oxygen  post  rim  was 
observed  as  long  as  the  ratio  of  the  angular  momentum  of  the  oxygen  jet  to  the  linear  momentum 
of  fuel  jet  was  weak.  When  the  relative  angular  momentum  of  oxygen  jet  was  strong,  a  lifted 
flame  was  observed  with  gas-gas  propellants.  An  introduction  of  oxygen-swirling  was  not  always 
improve  pc*.  The  significant  improvement  was  observed  with  a  shorter  chamber.  pc*s  of 
uni-element  oxygen-swirl  injectors  are  improved  with  a  small  fuel  area.  However,  pc*s  of 
multi-element  oxygen-swirl  injectors,  on  the  contrary,  are  tend  to  be  improved  with  a  large  fuel 
area. 
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Table  1  Experimental  conditions 


Liquid  Mass  Flow  Rate,  Ml,  (g/s) 

10 

-48 

Liquid  Injection  Pressure,  PI,  (MPa) 

0.033 

-  0.7 

Gas  Mass  Flow  Rate,  Mg,  (g/s) 

2.5 

-  6.0 

Gas  Injection  Pressure,  Pg,  (MPa) 

0.13 

-0.25 

Length  of  Center  Post  Tube,  L,  (mm) 

50,  70,  100 

Table  2  Configuratons  of  injectors  and  combustion  chambers  and  nominal  chamber 
condition  for  LOz/GHj 


Propellants 

L0:/GH2 

LO2/GH2 

Chamber 

Short 

Long 

Fuel  annulus  dia.  (mm) 

9.0,  9.0,  10.0,  11.5 

12.0,  12.0  14.0  16.0  17.0 

Fuel  slit  width  (mm) 

1.0,  1.0,  1.5,  2.0 

2.5,  2.5  3.5  4.5  5.0 

Fuel  annulus  area  ,  (mm2) 

25.1,  25.1,  40.1,  65.4 

74.6  74.6  115.  163.  189 

Afi'Ao 

1.28,  1.28,  2.04,  3.33 

3.8,  3.8  5.88  8.28  9.60 

Oxygen  inj.  dia.  (mm) 

5.0 

5.0 

Rim  thickness  (mm) 

1.0 

1.0 

Oxygen  inj.  area.,  (mm2) 

19.63 

19.63 

Swirl  Charcteristic  number  K 

--  0.240 

—  0.540 

Cavity  coefficient  k 

—  0.774 

--  0.644 

Chamber  diameter  (mm) 

23.0 

23.0 

Chamber  length  (mm) 

180 

287 

Throat  diameter  (mm) 

10 

16 

Contraction  ratio 

5.29 

2.07 

Chamber  pressure,  Pc  (MPa) 

3.5 

2.6 

Fuel  mass  flow  rate,  mF  (kg/s 

0.020 

0.037 

02  mass  flow  rate,  m02  (kg/s 

0.100 

0.185 

Stoichiometric  0/F:  (O/F)  stoic 

8.0 

8.0 

Nonoinal  mixture  ratio  (O/F) 

5.0 

5.0 
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Table  3  Configuratons  of  injectors  and  combustion  chambers  and  nominal  chamber 
condition  for  LO2/LH2 


Propellants 

LH2/LO2 

Fuel  annulus  dia.  (mm) 

6.7,  6.7  6.9  7.1  7.4  8.0 

Fuel  slit  width  (mm) 

0.2,  0.2  0.30  0.40  0.55  0.85 

Fuel  annulus  area  ,  (mm2) 

25.1,25.1,40.1  65.4  74.6  116 

Afi'Ao 

1.14,  1.14,  1.82  2.96  3.38  5.24 

Oxygen  inj.  dia.  (mm) 

5.3 

Rim  thickness  (mm) 

0.5 

Oxygen  inj.  area.,  (mm2) 

22.06 

Swirl  Charcteristic  number  K 

0.408 

Cavity  coefficient  k 

0.693 

Chamber  diameter  (mm) 

64 

Chamber  length  (mm) 

307 

Throat  diameter  (mm) 

42 

Contraction  ratio 

2.32 

Chamber  pressure,  Pc  (MPa) 

3.5 

Fuel  mass  flow  rate,  mF  (kg/s) 

0.039 

02  mass  flow  rate,  m02  (kg/s) 

0.195 

Stoichiometric  0/F:  (O/F)  stoich 

8.0 

Nominal  mixture  ratio  (O/F) 

5.0 

Table  4  Configuratons  of  injectors  and  combustion  chambers  and  nominal  chamber 
condition  for  GO2/GH2/GCH4 


Propellants 

GO2/GCH4 

GO2/GCH4 

GO2/GH2 

Injector  type 

A 

B 

C 

Fuel  annulus  dia.  (mm) 

12.0 

12.5 

12.0 

Fuel  slit  width  (mm) 

1.0 

0.75 

1.0 

Fuel  annulus  area  ,  (mm2) 

34.6 

27.7 

34.6 

Afi'Ao 

0.898 

0.55 

0.898 

Oxygen  inj.  dia.  (mm) 

7.0 

8.0 

7.0 

Rim  thickness  (mm) 

1.5 

1.5 

1.5 

Oxygen  inj.  area.,  {mm2) 

38.5 

50.3 

38.5 

Swirl  number  Sg 

0,  0.78,  1.4 

0, 0.68 

0,  0.67,  1.05 

Chamber  diameter  (mm) 

50.0 

50.0 

50.0 

Chamber  length  (mm) 

173 

173 

173 

Throat  diameter  (mm) 

20 

20 

20 

Contraction  ratio 

6.25 

6.25 

6.25 

Chamber  pressure,  Pc  (MPa) 

0.39 

0.39 

0.39 

Fuel  mass  flow  rate,  mF  (kg/s) 

0.021 

0.021 

0.010 

02  mass  flow  rate,  m02  (kg/s) 

0.051 

0.051 

0.040 

Stoichiometric  O/F:  (O/F)  stoich 

4.0 

4.0 

8.0 

Nominal  mixture  ratio  (O/F) 

2.5 

2.5 

4.0 
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Fig.3  Coordinate  system  and  variables 
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Fig.5  Comparison  of  measured  and  theoretically  predicted  film  thickness 
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Fig. 7  Comparison  of  measured  and  theoretically  predicted  film  thickness 


Fig. 8  Comparison  of  measured  sheet  cone  angle  and  empirical  equation 


-20- 


Fig.  10  Local  Sauter  mean  diameter  versus  gas  flow  rate 


Fig.  12.  Schematics  of  water  cooled  thruster  and  uni-element  injector 


Fig.  14.  Variation  of  c*s  as  a  function  of  O/F  with  the  uni-element  short  chamber  (180  mm) 


Fig.  15.  Variation  of  c*s  as  a  function  of  O/F  with  the  uni-element  long  chamber  (287  mm) 


Efficiency  21  c^  Eiriciency 


16.  Variation  of  ric*s  as  a  function  of  O/F  with  the  uni-element  short  chamber  ( 180  nam) 


function  of  O/F  with  the  uni-element  long  chamber  (287  mm) 


Fig.  17.  Variation  of  ric*s  as  a 


efficiency  c*  efficiecncy,  7?  c 


-  Short  chamber  Long  chiamber 

r  ♦  0/F  =  7  — O/F  =  7  I 
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Fig.  19.  Estimated  variation  of  tjc*  as  a  function  of  fuel  annulus  area  for  the  uni-element  long 
chamber  (287  mm) 


(P  -P  exit)/  (Pmax-P  exit) 


Fig.  21.  Pc  distribution  along  the  x-axis  for  the  shear-coaxial  injector  for  the  uni-element 
chamber.  (Effect  of  mixture  ratio) 
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Fig.  26.  Variation  of  L50  as  a  function  of  O/F  for  the  shear-coaxial  injector  with  the  9-elenient 
chamber. 
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Fig.  27.  Variation  of  L50  as  a  function  of  O/F  for  the  oxygen-swirl  injectors  with  the  uni-element 
chambers. 
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Fig.  28.  Variation  of  L50  as  a  function  of  0/F  for  the  oxygen-swirl  injectors  with  the  9-element 
thrusters. 
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Fig.  29.  Temperature  distributions  along  the  x-axis  at  1.5  seconds  after  combustion  with  the 
9-element  thruster,  0/F  is  about  6. 


5 


Figure  30.  Schematic  of  water-cooled  thruster  used  in  gas-gas  combustion  study. 
Dimensions  are  in  mm. 


Figure  31.  Schematic  of  the  swirl-coaxial  injector  for  gas-gas  combustion  study. 
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Figure  32.  Variation  of  specific  impulse,  Isp  as  a  function  of  O/F  for  GO2/GCH4 
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Figure  33.  Variation  of  specific  impulse,  Isp  as  a  function  of  O/F  for  G02/GH2. 
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Figure  34.  Variation  of  c*  efficiency  rjc*  as  a  function  of  O/F  for  GO2/GCH4. 
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Figure  35.  Variation  of  c*  efficiency  qc*  as  a  function  of  O/F  for  GO2/GH2 


Equivalence  Ratio 

Figure  36  Boundaries  of  an  attached  flame  and  a  lifted  flame  for  the  swirl-coaxial  injector 
with  gas-gas  combustion 


Figure  37  OH-radical  intensity  comparisons  along  the  axial  distance  for  the  three  Sg  values 
of  GO2/GH2  flames. 
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Relative  Intensity,  (Arbitrary 


Figure  38  OH-radical  intensity  comparisons  for  the  three  flames  at  0/F  =  2.9,  4.0,  5.0 
along  the  axial  distance  for  GO2/GH2  flames. 
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Demonstration  on  multi-element  iniector 
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Affordable  and  more  reliable  CFD  solutions  for  other  propellant  combinations  are 
within  reach  due  to  emergence  of  enabling  technologies  for  parallel  computing  ^ 
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Method  i  APPLICATION 
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Method  i  APPROACH— Injector  Design  Model 
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Method  i  APPROACH— Joint  Response  Surface 
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RESULTS— Original  Constraints  &  Variable  Weights 
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RESULTS— F-O-F  Impinging  Element 


GO2/GH2  F-O-F  Impinging  Element 


ESULTS— F-O-F  Original  Constraints  &  Variable  Weights 
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RESULTS— Trend  Comparisons 
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RESULTS— Trend  Comparisons 


Responses  generated  for  3  GO2/GH2  element  types: 

-  Shear  Coaxial 
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Emphasis  on  certain  aspects  of  the  design 


